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EXECUTIVE  SUMMARY 


DR.  J.E.  CREEK.  Co-Chairman,  Programme  a >— itte* 

; Power plant  installations  Involve  cooplex  flows,  strongly  influenced  by  viscous  effects  and  often  with 
important  aerodynamic  interactions  between  the  airframe  and  the  propulsion  system.  The  introduction  of  new 
vehicle  propulsion  concepts,  and  new  points  of  emphasis  in  aircraft  and  missile  design  requirements,  provide 
an  expanding  range  of  aerodynamic  problems  which  call  for  both  experimental  and  theoretical  study. 

\t  was  the  purport  of  the  symposium  to  survey  the  current  and  foreseeable  aerodynamic  problems  in  powerplant 
installation  and  to  review  recent  work  which  has  improved  basic  understanding  or  han  enhanced  prediction  and 
design  methods  in  this  field.  Since  the  last  AQARD  symposium  on  the  subject,  in  September  1974,  there  have 
been  many  aignificant  developments.  The  present  symposium  was  organised  by  FOP  with  the  active  support  of 
PEP,  in  order  to  draw  in  contributions  from  both  the  airframe  and  the  engine  conunities  and  also  to  provide 
a  forum  in  which  workers  in  these  two  communities  could  exchange  ideas  and  debate  interface  problems. 

The  presentations  were  gv.-ouped  into  four  sessions  under  the  headings:  Combat  Aircraft  Intakes;  Afterbodies 
and  Noxalea;  Testing  and  Analysis  Techniques;  Installation  Aerodynamics  of  Transport  Aircraft.  On  the  final 
afternoon  the  symposium  concluded  with  a  Round  Table  Discuoaion  in  which  progress  under  each  of  the  four 
headings  was  reviewed.  ..Some  of  the  main  points  to  emerge  from  the  symposium  are  given  below.  , 

"  -■ 

l  1)  Theoretical  methods  employing  computational  fluid  dynamics  techniques  will  play  an  increasingly 
important  role  in  aerodynamic  design  and  a  high  level  of  effort  to  develop  these  methods  is  justified.  For 
transport  aircraft,  soiae  impressive  results  obtained  by  such  methoda  were  presented  at  the  symposium./ For 
combat  aircraft,  with  intake  and  aftarbody  flow  fields  of  greater  complexity,  applications  are  at  present 
more  restricted,  but  the  need  and  the  opportunity  exists  for  major  advances  in  the  longer  term  provided 
effort  on  method  development  is  sustained. 


V  2;  Understanding  of  the  problems  of  engine/intake  compatibility  haa  improved  largely  as  a  result  of  more 
advanced  experimental  techniques  and  increased  emphasis  on  dynamic  measurements.  ,  Several  noteworthy 
developments  ware  reported  at  the  symposium.  Instantaneous  distortion  is  generally  agreed  to  be  the  most 
reliable  indicator  of  ithe  acceptability  of  the  intake  flow  to  the  compreaaor,  but  aona  unexpected  engine 
surgos  still  occur  occasionally  during  flight  test.  The  need  was  voiced  for  -stork  to  deepen  scientific 
understanding  of  the  interactions  between  unsteady  intake  flow  and  the  engine. 


3.  In  the  session  on  Afterbodies  and  Noxalea,  a  number  of  papara  highlighted  the  need  for  aerodynamic 
studies  of  advanced  nosr.la  concepts  to  be  integrated  with  weight  tmd  cost  studies.  .The  complexity  of  the 
external  flow,  particularly  for  twin-engined  conf igurationa  and  at  nigh  angles  of  ^ftack,  means  that  wind 
tunnel  testing  will  remain  the  only  reliable  means  of  predicting  the  external  aerodynamics  for  some  time  to 
come:  in  extrapolating  from  wind  tunnel  data  to  flight,  the  need  to  distinguish  in  the  wind  tunnel  data 
between  true  Raynolda  .'utibor  effects  end  other  spurious  phenomena  was  emphasised. 

A  range  of  engine  simulation  techniquea,  including  through-flow  nacelles,  blown  nacelles,  ejector 
nacelles  and  turbine-powered  simulators,  are  in  current  use,  and  their  application  is  being  progressively 
extended  and  refinad.  v  For  transport  aircraft  the  turbine-powered  simulator  is  in  general  use  and,  with  the 
refined  calibration  techniques  now  developed  for  it,  high  standards  of  accuracy  and  repeatability  are 
claimed  (though  further  improvements  are  still  sought) .  The  differences  in  the  simulation  requirements  for 
transport  and  combat  aircrnft  ware  noted  during  the  Sound  Table  Discussion  and  tha  ntad  for  improved 
iimulatora  for  combat  aircraft  waa  stressed. 


3,  For  transport  aircraft,  tha  main  priority  remains  aerodynamic  efficiency.  The  potential  for  reducing 
drag  by  careful  tailoring  of  nacelle,  pylon  and  airfraaa  was  well  demonstrated  in  the  fourth  session  of  the 
symposium,  and  tha  value  of  theoretical  methods  in  providing  a  rational  basis  for  such  tailoring  was 
highlighted. 


Overall,  the  symposium  lived  up  to  the  hopes  of  its  organiser*.  It  brought  forward  a  number  of  important 
new  technical  contributions,  i.t  provided  a  valuable  opportunity  for  angina  and  airframe  specialists  to  meat 
and  argue,  and  it  snablad  tha  AGARD  community  to  review  present  knowledge,  identify  opportunities  and  aaaaas 
prioritiaa  for  future  work.  From  the  papara  presented  and  from  the  Round  Table  Discuesion  it  is  evident 
that  tha  future  will  see  increasing  emphasis  on  angina-airframa  integration.  The  driving  factors  art  teen 
to  be,  for  combat  aircraft,  the  requirement  for  high  manoeuvrability,  good  supersonic  performance  and  low 
detectability,  and  for  civil  aircraft  the  continued  search  for  improved  efficiency.  To  support  future 
developments,  two  of  the  most  iuportant  needs  currently  are  for  improved  wind  tunnel  testing  techniques  and 
for  a  substantial  effort  to  apply  computational  fluid  dynamics  methods  to  angina-airframe  combinations. 

J.E.  Crsan 
J.  Dunham 
Co-Chairman, 

Programs  Committee 
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PERFORMANCE  OF  HIGHLY  INTEGRATED 
INLETS  FOR  SUPERSONIC  AIRCRAFT 


Lewis  Surber 

Air  Force  Wright  Aeronautical  Laboratories 
Wrlght-Patterson  AFB,  Ohio 

Jan  Syberg  and  Joseph  Koncsek 
Boeing  Military  Airplane  Company 
Seattle,  Washington 


SUMMARY 

Performance  data  obtained  on  several  subsonic  diffusers  applicable  to  advanced 
supersonic  tactical  aircraft  configurations  have  been  used  to  select  a  forebody-lnl et 
model  for  proof-of-concept  wind  tunnel  performance  evaluation.  Three  of  the  diffusers 
were  designed  for  high  aspect  ratio  Inlets  having  throat  aspect  ratios  greater  than 
seven.  A  fourth  design  Incorporated  a  low  aspect  ratio  Inlet.  Two  of  the  high  aspect 
ratio  diffusers  and  the  low  aspect  ratio  diffuser  Incorporated  duct  bends  typical  of 
Inlets  substantially  offset  from  the  engine  centerline.  Preliminary  tests  of  the  high 
aspect  ratio  diffuser  produced  high  total  pressure  recovery  coupled  with  relatively  low 
flow  distortion.  Furthermore,  the  use  of  longitudinal  vanes  In  one  high  aspect  ratio 
diffuser  provided  reductions  <n  engine  face  flow  distortion  with  very  little  performance 
degradation.  Proof-of-concept  tests  further  Investigated  the  performance  of  a  hlgn  aspect 
ratio,  side-mounted  external  compression  supersonic  Inlet.  Tests  were  performed  In  a 
16-foot  supersonic  propulsion  wind  tunnel  at  Mach  numbers  of  1.6  to  2.2  over  a  -5°  to  12° 
angle  of  attack  range  and  sideslip  angles  from  -8°  to  +8°.  The  results  of  these  tests 
support  the  use  of  high  aspect  ratio  Inlets  with  sharp  duct  bends  as  a  viable  design 
option  In  future  supersonic  aircraft  designs. 


Typical  missions  for  future  tactical  aircraft  will  force  preliminary  designers  to  con¬ 
sider  a  broadening  array  of  performance  standards.  Designing  such  aircraft  to  accomplish 
tactical  Interdiction  missions  against  defenses  of  the  1990's  may  well  require  some  Improved 
combination  of  speed,  agility  and  short  takeoff/lai  1  n g  (S10L)  capabilities  -  all  at  a 
reduced  level  of  detectability.  Combining  supersonic  peisistence  with  reduced  detectability 
would  in  Itself  necessitate  careful  integration  of  advanced  technology  into  the  airframe- 
propulsion  system  design. 

The  work  described  here  has  been  accomplished  by  the  Boeing  Military  Airplane  Company 
In  a  combination  of  Independent  R4D  and  a  program  contracted  with  the  USAF  Wright  Aero¬ 
nautical  Laboratories.  As  a  part  of  tills  work,  several  alrframe-ln'let  configurations  In¬ 
corporating  two-dimensional  external  compression  inlets  of  unconventional  shapes  were 
selected  for  Investigation.  This  paper  discusses  the  development  of  various  air  Intake 
concepts  by  means  of  carefully  devised  subsonic  diffuser  tests  and  validation  of  the  dif¬ 
fuser  tests  by  means  of  forebody-inlet  supersonic  wind  tunnel  tests. 


Concept  Selection 


A  design  study  was  conducted  during  the  Initial  phase  of  the  contracted  effort  to  de¬ 
fine  a  series  of  advanced  tactical  aircraft  configurations  with  carefully  Integrated  pro¬ 
pulsion  systems.  These  configurations  were  sized  to  fly  an  Interdiction  mission  profile 
which  included  a  high-altitude  penetration  at  a  Mach  number  of  2.20.  Thus,  all  Inlets  con 
sldered  In  the  present  study  are  designed  for  this  Mach  number. 


Performance  and  survivability  analysis  of  a  number  of  concepts  were  used  to  select  the 
three  configurations  depicted  In  Figure  1  for  further  study.  Concept  1  features  high- 
aspect-ratio,  two-dimensional,  horizontal -ramp ,  external  compression  Inlets  mounted  at  the 
wing  leading  edge.  The  Inlet  diffusers  are  long  with  an  offset  In  the  horizontal  plane, 
and  the  engines  are  burled  In  the  fuselage  near  the  airframe  centerline.  Concept  2  has  two 
topmounted,  high-aspect-ratio,  hor 1 zontal -ramp  Inlets  with  long,  vertically-offset  diffusers 
Concept  3  has  two  sldemounted,  low-aspect-ratio,  vertical -ramp  Inlets  with  relatively  short 
and  highly  curved  diffusers.  Another  unique  feature  of  concept  3  Is  tne  swept  top  uldeplate 
which  extends  forward  of  the  Inlet  to  help  align  the  flow  with  the  Inlet  during  aircraft 
maneuvers . 


DIFFUStR  TEST  PROGRAM 

Each  of  the  three  Inlet  concepts  described  above  Included  features  that,  from  an  aero¬ 
dynamic  standpoint,  were  new  and  unproven.  In  particular,  the  performance  potentials  of 
the  long,  cur/ed  subsonic  diffusers  with  the  high  aspect-ratio  entrances  of  concepts  1  and 
2  and  the  relatively  short,  highly  curved  diffuser  of  concept  3  needed  to  be  verified  before 
such  configurations  could  be  considered  viable  options  for  future  aircraft.  An  experimental 
program  was  therefore  devised  and  conducted  to  evaluate  tho  performance  of  subsonic  dif¬ 
fusers  representative  of  the  three  inlet  configurations  Illustrated  In  Figure  1. 


CONCEPT  3 


Four  diffuser  configurations  were  selected  for  testing.  These  configurations  are 
Illustrated  In  Figure  2.  Diffusers  A,  B,  and  D  simulate  the  diffusers  of  Inlet  concepts 
1,  2  and  3,  respectively.  Diffuser  C,  a  short,  straight  duct,  serves  as  a  baseline  for 
the  high-aspect-ratio  diffusers  A  and  B.  An  optional  cylindrical  extension  Is  provided 
for  diffuser  C  such  that  Its  length  can  be  varied  from  that  of  diffuser  D  to  that  of 
diffusers  A  and  B. 

The  main  geometric  parameters  of  the  four  diffusers  are  shown  In  Table  1.  All  con¬ 
figurations  have  a  diffuser  area  ratio  of  1.84  (1.55  when  the  reduction  In  diffuser  exit 
area  due  to  the  engine  hub  Is  considered). 
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Fig.  2  Configurations  for  Aerodynamic  Performance  Testing 


Table  1  Test  Configurations 


A  duct  geometry  computer  code  has  been  used  to  generate  diffuser  contours  for  the 
entry  geometry,  area  ratio,  area  progression  and  centerline  offset  design  constraints 
associated  with  each  diffuser.  It  also  provides  for  Inclusion  of  a  section  with  parallel 
sidewalls  In  the  forward  part  of  the  diffuser  to  simulate  the  presence  of  a  movable  aft 
Inlet  ramp.  The  length  of  this  section  is  determined  by  the  engine  airflow  characteris¬ 
tics  and  by  the  diffuser  area  progression.  For  the  present  diffusers  and  engine  cycle, 
the  length  of  this  section  Is  equal  to  approximately  one  engine  face  diameter.  Super- 
elliptic  cross-sectional  shapes  are  used  to  transform  the  rectangular  entrance  to  a 
circular  exit  such  that  flow  separation  due  to  rapid  changes  In  wall  slope  or  discontinui¬ 
ties  In  wall  curvature  are  avoided.  Computer-drawn  diffuser  contours  are  presented  In 
Figure  3.  Details  of  the  diffuser  design  work  are  discussed  In  Reference  1. 

To  alleviate  potential  secondary  flow  problems  caused  by  the  diffuser  offsets,  dif¬ 
fusers  A  and  D  are  provided  with  optional  flow  guide  vanes.  In  diffuser  A  the  guide  vanes 
consist  of  three  longitudinal  vanes  located  just  downstream  of  the  trailing  edge  of  the 
simulated  aft  ramp.  The  three  vanes  divide  the  duct  Into  four  equal-area  ducts.  Cruciform 
vanes  have  been  used  In  diffuser  D  to  guide  the  flow  through  the  highly  curved  part  of  the 
du^t.  The  leading  edge  of  this  set  of  vanes  Is  also  located  just  downstream  of  the  trailing 
edge  of  the  simulated  aft  ramp.  Figure  4  illustrates  the  optional  guide  vanes. 


•.  OIMUSRA  A 


b.  DIMUSin  ■ 


Diffuser  Test  Facility 

Since  the  performance  of  a  given  diffuser  Is  strongly  Influenced  by  Its  entrance  flow 
properties,  proper  assessment  of  the  performance  of  the  above  diffuser  configurations 
necessitates  provision  of  diffuser  entrance  flows  representative  of  an  external  compression 
supersonic  inlet.  This  has  been  accomplished  by  using  the  specialized  test  apparatus 
presented  In  Figure  5.  A  high-pressure  plenum  supplies  air  to  a  two-dimensional  (2-D) 
nozzle  which  expands  the  flow  to  a  uniform  Mach  number  of  1.3.  A  two -d  in ens  i  ona 1  "inlet 
simulator"  section  is  installed  just  downstream  of  the  nozzle.  The  inlet  simulator  is 
designed  just  like  the  lip  and  throat  section  of  a  2-D  external  compression  inlet. 

Critical  flow  features,  such  as  the  normal  shock/boundary  layer  interaction  on  the  ramp  and 
the  sldeplates,  flow  spillage  around  the  cowl  lip,  flow  removal  through  the  throat  slot, 
sideplate  bleed  in  the  vicinity  of  the  normal  shock,  and  the  flow  turning  through  the 
forward  part  of  the  inlet  are  simulated  with  this  test  setup.  Three  separate  vacuum  lines 
are  provided  to  allow  individual  control  of  normal  shock  position,  throat  slot  bleed  and 
s 1 depi  ate  bl  eed  , 

The  test  diffuser  is  Installed  just  downstream  of  the  > n 1 e t  simulator  as  it  would  be 
on  an  actual  inlet.  Flow  stra ighteners ,  flow  metering  devices,  and  a  hydraulically 
actuated  mass  flow  plug  are  connected  to  the  downstream  end  of  the  diffuser.  The  only 
appreciable  losses  for  an  isolated  two-dimensional  external  compression  supersonic  inlet 
at  a0  =  0°  not  simulated  with  the  test  apparatus  are  the  oblioue  shock  losses  upstream  of  the 
normal  shock.  Since  these  losses  can  be  reasonably  well  predated,  the  performance  results 
from  this  diffuser  test  can  be  applied  to  an  actual  supersonic  inlet  with  a  higher  degree 
of  confidence  than  would  be  possible  with  simpler  diffuser  test  methods.  Photographs  of 
the  test  apparatus  are  presented  in  Figures  6  and  7. 


INLET  SIMULATOR 
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Fig.  5  Diffuser  Test  Apparatus 


Fig.  6  High-Aspect-Ratio  Diffuser  B  Installed  Test 
Apparatus 


Fig.  7  Low-Aspect-Ratio  Tulet  Simulator 
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The  Inlet  simulators  (one  for  the  high  aspect  ratio  diffusers  and  one  for  the  low 
aspect  ratio  diffuser)  are  provided  with  a  number  of  static  pressure  taps  to  ensure  that 
proper  flow  conditions  are  established  In  this  p- rt  of  the  test  apparatus.  In  addition, 
pressure  measurements  are  monitored  In  each  bl eeci/spi 1 1  age  plenum  to  facilitate  proper 
Ini et  simulation. 

Total  pressure  measurements  are  made  at  the  diffuser  entrance  with  a  traversing  probe 
and  at  the  diffuser  exit  with  a  28-probe  (four  rakes,  seven  probes  per  rake)  rotating  rake 
assembly.  Between  the  entrance  and  exit  planes,  wall  static  pressure  measurements  are  made 
using  approximately  80  static  pressure  taps  In  each  diffrser  model. 

The  mass  flow  passing  through  the  Individual  flow  channels  (primary  duct,  throat  slot 
duct,  lip  spillage  duct,  sldeplate  bleed  duct)  are  measured  with  standard  flow  meters. 

DetMls  of  the  Instrumentation  used  1  r.  tne  diffuser  test  ate  given  In  Reference  2. 
Diffuser  Test  Conditions  and  Procedures 

The  diffuser  test  was  conducted  using  a  supply  plenum  pressure  of  approximately  35  psl 
and  local  test  site  plenum  temperature  (approximately  500°R  to  520°R) .  At  Mach  2.2.  these 
conditions  prod"ce  an  Inlet  Reynolds  number  of  4.4x10®  (based  on  the  model  engine  face 
diameter).  This  value  corresponds  to  the  Reynolds  number  for  a  full  scale  inlet  at  60,000 
ft.  and  Mach  2.2. 

The  test  procedure  followed  during  ihls  program  was  to  move  the  normal  shock  In  small 
Increments  from  a  supercritical  position  to  a  subcritlcal  position  by  means  of  the  primary 
duct  flow  control  plug.  Figure  8  shows  a  shadowgraph  picture  of  the  Inlet  simulator  taken 
during  a  typical  test  sequence. 

At  a  given  test  condition  data  was  typically  recorded  with  the  rotating  rake  In  three 
positions.  This  procedure  provides  84  equal-area  measurements  of  the  diffuser  exit  total 
pressure,  which  Is  sufficient  to  assure  accurate  measurement  of  average  total  pressure 
recovery  and  distortion. 
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Fig.  8  Shadowgraph  Pictu.es  of  Inlet  Simulator  Flow  Condition!? 


Diffuser  Test  Resul ts 

Average  total  pressure  recovery  is  plotted  versus  engine  airflow  In  Figure  9  for  each 
of  the  seven  test  configurations.  Since  the  recovery  Is  referenced  to  the  supply  plenum 
total  pressure,  measured  losses  include  the  normal  shock  losses  and  the  additional  viscous 
losses  associated  with  the  turning  of  the  flow  into  the  diffuser.  In  Figure  9,  the  "knee" 
on  the  recovery  curves  corresponds  to  the  point  where  the  normal  snoefc  starts  spilling  over 
the  cowl  lip.  Five  of  the  seven  configurations  have  recovery  curves  that  fall  within  a  one 
percent  band.  Only  the  two  '.ow-aspect-ratlo  configurations  (diffuser  0  with  and  without 
vanes)  fall  below  this  band.  For  a  typical  operating  condition  (i.e.,  just  to  the  left  of 
the  "knee"  In  Figure  9)  the  throat  slot  and  sldeplate  bleed  flow  rates  were  about  3.0*  and 
0.4%  of  the  captured  flow,  respectively. 
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All  of  the  high-recovery  configurations  except  diffuser  C  without  extension  have  distortion 
values  below  10X.  The  distortion  for  diffuser  A  with  longitudinal  vanes  Is  exceptionally 
low,  indicating  that  the  vanes  are  helping  to  maintain  uniform  flow  through  the  horizontal 
bend  In  the  diffuser. 


At  the  operating  condition,  the  total  pressure  losses  of  offset  diffusers  A  end  B  are 
relative  to  C  are  approximately  0.51  and  0.31  Pjq,  respectively.  An  additional  0.71  Pjq 

Is  lost  when  the  longitudinal  vanes  are  Installed  In  diffuser  A  but,  as  observed,  a  note¬ 
worthy  Improvement  In  compressor  face  distortion  Is  obtained  with  this  configuration.  The 
performance  of  diffuser  D  Is  significantly  lower  than  that  of  the  high-aspect-ratio  dif¬ 
fusers.  The  deficiencies  of  diffuser  0  will  be  discussed  late 


Fig.  9  Performance  Summary  -  Recovery  Versus  Engine  Fig.  10  Performance  Summary  -  Distortion  Versus  Engine 
Airflow  Airflow 


Compressor  face  total  pressure  maps  for  diffuser  A  with  and  without  vanes  are  shown 
In  Figure  11.  These  data  points  were  recorded  close  to  a  typical  operating  condition. 

The  guide  vanes  have  clearly  accomplished  the  desired  objective  of  reducing  the  distortion 
caused  by  the  duct  bend.  The  redistribution  of  the  duct  flow  performed  by  the  vanes  Is 
also  evident  from  Figure  12,  which  shows  the  diffuser  static  pressure  distributions.  The 
vanes  provide  narrower  flow  channels,  redistributing  centrifugal  forces  and  reducing  the 
associated  lateral  static  pressure  differences.  Therefore,  the  tendency  for  generation 
of  large  secondary  flows  and  duct  flow  separation  Is  reduced.  For  a  more  comprehensive 
<iiacuc:1"n  of  this  phenomenon,  see  Reference  3. 
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Fig.  12 


Static  Pressure  Distribution  -  Diffuser  A  With 
and  Without  Vanes 


TotaT~pre**ure  lip  for  ilffusor  B  it  the  operating  condition  Is  Illustrated  in 
Figure  13.  As  expected,  the  depressed  total  pressure  region  is  larger  on  the  ramp  side 
(lower  wall )  of  the  diffuser. 


Figure  14  shows  typical  compressor  face  maps  for  diffuser  C  with  and  without  extension. 
The  Improvement  in  engine  face  distortion  obtained  by  adding  the  extension  Is  demonstrated 
In  this  figure.  The  total  pressure  gradients  near  the  top  and  bottom  diffusing  walls  have 
clearly  been  reduced. 


Fig.  13  Compressor  Face  Total  Praasura  Map  - 
Diffuser  3 


Fig.  14  Compressor  Face  Total  Pressure  Maps  -  Diffuser  C 
With  and  Without  Extension 


The  compressor  face  maps  for  diffuser  D  are  presented  In  Figure  ID.  The  performance 
of  this  diffuser  Is  significantly  lower  than  that  of  the  three  high-aspect-ratio  diffusers. 

A  large  low-pressure  region  Is  present  In  the  bottom  half  of  the  diffuser.  The  length  and 
area  ratio  of  diffuser  D  are  such  that  the  pressure  gradient  In  a  corresponding  straight, 
two-dimensional  duct  would  be  close  to  local  boundary  layer  separation  levels.  The  addition 
of  the  duct  offset,  with  the  associated  secondary  flows  along  the  sidewalls,  has  apparently 
been  sufficient  to  promote  massive  flow  separation  In  the  lower  half  of  the  duct.  It  Is 
evident  from  Figure  15  that  the  cruciform  vanes  aggravate  -  rather  than  alleviate  -  the  flow 
problems.  These  vanes  are  apparently  Introduced  too  far  downstream  In  the  duct  where  a 
fully  three-dimensional  flow  field  Is  already  established.  Separation  off  the  leading 
edges  of  the  vanes,  due  to  local  high  angles  of  attack,  Is  the  probable  cause  of  the  added 
performance  losses  measured  with  this  device.  The  bottom  half  of  the  duct  flow  Is  very  low 
In  energy,  both  with  and  without  vanes.  When  the  cruciform  vanes  are  added,  however,  the 
new  low  energy  region  behind  the  upper  vane  effectively  reduces  the  aerodynamic  flow  area 
In  the  top  half  of  the  duct,  promoting  acceleration  of  the  remaining  high  energy  flow  In 
that  region.  This  theory  Is  supported  by  the  static  pressure  profiles  In  Figure  16. 
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INLET  test  program 


The  use  of  relatively  simple  subsonic  diffuser  models  provided  a  means  of  exploring 
the  performance  potential  of  a  number  of  Inlet  design  variations,  but  the  weakness";  In 
such  a  test  program  were  also  recognized.  It  can  be  seen,  for  Instance,  tnat  the  test 
apparatus  does  not  simulate  those  upstream  flow  field  irregularities  which  un  alter  super¬ 
sonic  flow  structure  associated  with  the  Inlet  compression  ramps.  Therefore,  the  question 
concerning  validity  of  these  preliminary  direct-connect  diffuser  tests  has  been  addressed 
by  a  more  detailed  proof-of-concept  supersonic  forebody- 1 nl et  wind  tunnel  test. 

Supersonic  Inlet  Model 

The  oroof-of-concept  test  selected  for  this  program  makes  use  ot  the  Concept  1 
{Figure  1)  airframe-inlet  configuration  which  Incorporates  diffuser  A  (Fig.  2).  In  order 
to  reduce  possible  effects  of  model  scale,  the  Mach  2.2  design  forebody- 1  n'l et  model  has 
been  designed  to  be  tested  In  approximately  1/4-scale  In  the  Arnold  Engineering  Development. 
Center  (AEDC)  16-Foot  Propulsion  Wind  Tunnel  (PWT).  Figure  17  Is  a  schematic  Illustration 
of  the  forebody-inlet  model  Installed  In  the  AEDC  facility.  The  modfel  Installation  pro¬ 
vides  for  testing  of  the  Inlet  with  or  without  the  presence  of  the  forebody.  This  in¬ 
stallation  makes  use  of  model  hardware  from  a  previous  supersonic  Inlet  investigation 
(References  4  and  5).  Specifically,  the  model  generated  under  this  program  makes  use  of 
primary  and  secondary  flow  metering  plugs,  engine  face  total  pressure  rakes,  support  beams 
and  angf e-of-attack  sideslip  mechanisms  from  that  program.  The  similarity  of  Inlet  flow 
ranges.  Instrumentation  and  test  variables  Invites  a  data  comparison  which  Is  accomplished 
later  in  the  paper. 

Ihe  inlet  Itself  Is  designed  for  operation  up  to  the  design  Mach  number  of  2.2.  It 
Is  a  high  aspect  ratio,  external  compression  two-dimensional,  horl zontal -ramp,  side- 
mounted  Inlet.  The  first  compression  ramp  Is  a  fixed  wedge,  but  the  second  and  thrld 
ramps  are  hydraulically  actuated,  the  second  ramp  being  slaved  to  the  third  ramp.  Tne 
aft  ramp,  as  well,  is  variable,  and  can  be  actuated  independently  in  order  to  vary  Inlet 
throat  slot  offset.  Distributed  bleed  Is  provided  on  the  Inlet  side  walls  and  ramps. 

These  regions  of  distributed  bleed  are  located  at  shock-wave  boundary  layer  Interaction 
regions  and,  coupled  with  the  large  throat  slot,  are  designed  to  control  boundary  layer 
growth  and  the  effects  of  shock  wave  boundary  layer  Interactions  In  the  Inlet  prior  to 
subsonic  diffuser  entry- 

The  Inlet  model  Includes  configuration  variations  for  the  addition  of  diffuser  vanes 
and/or  cut  back  Inlet  sldeplates.  With  the  test  system  available  at  PWT  and  appropriate 
design  of  the  model  hardware,  many  test  variations  can  be  accomplished  remotely  without 
shutting  down  the  tunnel.  Accordingly,  the  ramp  geometries,  main  Inlet  flow  control, 
throat  slot  flow  "ontrol ,  model  angl e-of-attack  and  model  angl e-of-sldesl Ip  have  all  been 
varied  remotely  by  means  of  hydraulic  actuators  during  the  test  program.  Figure  18  Is  a 
photograph  of  the  supersonic  Inlet  installed  In  the  PWT  1 6S  (Propulsion  Wind  Tunnel  16-Foot 
Supersonic)  facility. 

Instrumentation  In  the  supersonic  Inlet  model  Is  largely  a  reflection  of  Instrumenta¬ 
tion  used  In  the  subsonic  diffuser  models.  Accordingly,  the  Inlet  model  has  extensive 
static  pressure  Instrumentation  on  the  subsonic  diffuser  walls.  Forty  total  pressures  are 
recorded  at  the  compressor  face  with  twelve  of  these  probes  having  the  capability  to 
measure  both  steady  state  and  dynamic  total  pressure.  Thus,  an  estimate  of  compressor 
face  turbulence  can  be  determined  for  each  test  condition.  In  addition  to  the  diffuser 
and  compressor  face  Instrumentation,  surface  static  pressure  measurements  have  been  made 
on  the  supersonic  compression  ramps  and  throat  pitot  rakes  have  been  used  to  assess  uni¬ 
formity  of  flow  entering  the  subsonic  diffuser.  Details  of  the  Instrumentation  used  In 
the  supersonic  Inlet  test  are  given  In  Reference  6. 
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Fig.  17  Proof-of-Concept  Model  Installation 


Fig.  18  High-Aspect-Ratio  Inlet  Test  Installation 
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Testing  In  PWT  16S  has  been  accomplished  at  Mach  numbers  2.2,  2.1,  1.8  and  1.6  with 
angl e-of-attack  varying  from  a0«-5°  to  a0«12°  and  angle-of-sldesl Ip  from  80“-8°  to  80»8° 

(negative  B0  Indicates  Inlet  In  windward  flow}.  Variations  of  compression  ramp  geometry, 
ramp  and  slot  bleed  flow  and  sldeplate  geometry  have  been  examined  both  with  the  isolated 
Inlet  and  Installed  with  the  aircraft  forebody.  Also,  both  the  isolated  Inlet  and  fore- 
body-lnlet  configurations  have  been  tested  with  and  without  the  Installation  of  longitudi¬ 
nal  vanes  In  the  subsonic  diffuser.  Representative  data  will  be  presented  on  model  con¬ 
figurations  employing  the  cut-back  sldeplates  with  the  best  compression  ramp  geometry  and 
bleed  flow  at  Nach  numbers  2.2  and  2.1. 

Average  total  pressure  recovery  Is  plotted  versus  engine  mass  flow  ratio  for  the 
Isolated  Inlet  In  Figures  19  and  20  for  several  angl es-of-attack .  The  Inlet  configuration 
in  both  of  these  cases  1ncorpor<>  es  a  cutback  sldeplate,  but  does  not  make  use  of  the 

longitudinal  diffuser  vanes.  A  very  small  difference  In  Mach  number  (Mach  2.2  In  Figure 
19  and  Mach  2.1  In  Figure  20)  Is  seen  to  have  a  significant  effect  on  the  o0*0°  Inlet 
total  pressure  recovery  and  stable  mass  flow  range.  This  Mach  number  effect  suggests  that 
the  inlet  ramp  system  design  would  require  additional  development  for  optimum  Mach  2.2  per¬ 
formance. 

Also,  Figure  21  compares  the  Mach  2.2  a0*0°  performance  of  the  Isolated  proof-of- 
concept  supersonic  Inlet  with  performance  predicted  from  the  diffuser  tests.  Here  it  Is 
seen  that  the  difference  In  pressure  recovery  between  the  two  tests  Is  significantly 
greater  than  would  be  accounted  for  by  the  oblique  shocks  nocussary  to  decelerate  the  flow 
from  Mach  2,2  to  Mach  1.3  (entrance  Mach  number  in  the  diffuser  test).  Failure  to  provide 
adequate  stability  margin  In  shock  wave  positioning  at  ao»0°  apparently  resulted  in 
significantly  higher  shock  wave  losses  than  anticipated  In  the  Idealized  case  represented 
by  the  diffuser  tests.  Note  that  Inlet  total  pressure  recovery  at  the  higher  angles-of- 
attack  Is  much  closer  to  predicted  levels.  Figures  19,  20  and  21  Indicate  that  pressure 
recovery  rises  or  remains  high  up  to  o0«4°  (representatl ve  of  cruise  conditions),  begins 
to  diminish  at  a0«8°  and  Is  sharply  reduced  at  a0-12°,  as  predated.  Compressor  face 
average  distortion  level  falls  between  bX  and  10X  over  the  mass  flow  range  for  all  these 
cases . 


NO  VANES  NO  VANES 


MASS  FLOW  RATIO,  yAc  MASS  FLOW  RATIO,  A0/Ac 

Fig.  19  Isolated  Inlet  Performance,  Mo«2.2  Fig.  20  Isolated  Inlet  Performance,  Mq“2.1 

NOTE  i 


NO  DIFFUSER 
VANES 


ANGII-OF-ATTACK,  y  DEGREES 

Fig.  21  Comparison  of  Isolated  Inlet  Pressure  Recovery  Measurements  Versus  Predictions 


•mmmmm  i  f&ilng’ust  of  t*o  "4»|»roV#4 'ag"^ 'p^foVaiaiiec  at  pi0»2.lT^<9urtT22  depicts  th*  basic 

pressure  recovery  and  distortion  performance  of  the  Isolated  Concept  1  two-dimensional 
Inlet  with  anu  without  the  Incorporation  of  lonitudlnal  vanes.  Comparing  this  data  with 
the  diffuser  data  of  Figure  10  (near  the  knees  of  both  curves).  It  Is  seen  that  the  overall 
level  of  distortion  Is  clearly  higher  In  the  vaneless  supersonic  Inlet  ( AP/P-1 lx)  than  in 
the  corresponding  diffuser  test  (AP/P27X).  In  both  tests,  however,  the  vanes  proved  to  be 
quite  effective  In  distortion  reduction,  paying  less  than  1/2  percent  pressure  recovery  for 
significant  reductions  In  distortion.  In  the  configurations  with  vanes,  the  supersonic 
Inlet  distortion  (A P/Ps5*)  was  much  closer  to  the  comparable  diffuser  distortion  (AP/P=4t). 

tffects  of  the  vanes  on  compressor  face  distortion  maps  are  seen  in  Figure  23.  Re¬ 
distribution  of  the  flow  In  the  diffuser  with  vanes  has  greatly  reduced  the  level  of  clr- 
clmferentlal  total  pressure  distortion.  Comparing  this  result  with  that  depicted  In 
Figure  11,  It  Is  seen  t»s?t  the  basic  characteristics  of  the  flow  Improvement  with  addition 
of  the  diffuser  vanes  have  been  predicted  adequately  by  the  carefully  devised  subsonic 
diffuser  tests. 


J 


PASS  FLOW  RATIO,  A„/Ac 


Fig.  22  Effect  cf  Vanes  on  Isolated  Inlat  Performance,  M0“2.1 
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Fig.  23  Effect  of  Vanes  on  Isolated  Inlet  Compressor  Face  Maps,  Mo~2.1 

Next,  the  final  realism  factor  Is  added  by  Integrating  the  vehicle  forebody  with  the 
Inlet  to  produce  a  fully  representative  test  configuration.  Data  shown  In  Figure  24 
suggests  a  detriments-  effect  of  the  vehicle  forebody  presence  on  total  pressure  recovery 
at  ao«0°  when  compareu  to  Figure  19  (presence  of  vanes  has  little  effect  on  pressure  re¬ 
covery).  Normally,  tie  vehicle  forebody  presence  Is  observed  to  produce  harmful  effects 
at  the  higher  angl es-if-attack  and  at  angl es-of-sldesl Ip  (leeward  Inlet).  In  this  case, 
however,  the  Inlet,  pressure  recovery  and  stable  mass  flow  range  are  reduced  at  the  1 ower 
ang I es-of-attack.  Th it  Is,  low  a0  flowfleld  downwash  introduced  by  the  forebody  at  the 
Inlet  Is  sufficient  ti  alter  compression  ramp  shock  wave  patterns  adversely.  Data  from 
this  case  also  reveal  ;  that  the  presence  of  the  forebody  Is  sufficient  to  Increase  Inlet 
distortion  from  A P / P ~  ' *  (Isolated)  to  AP/P«1CI  (forebody-inlet).  Ihe  fact  that  total  pres 
•ire  recovery  Is  not  'educed  at  the  higher  angles  of  attack  suggests  that  the  forebody 
telly  shape  has  been  well  designed. 

Figure  25  shows  performance  sensitivity  to  angl e-of-sidesl Ip  at  M0»2.2,  a0«4° ,  reveal 

1  n g  that  there  Is  a  silghtly  positive  effect  of  windward  (negative)  sideslip,  but  that 
leeward  (positive)  slues! Ip  causes  a  significant  performance  deterioration  at  S*+4°  and 
what  would  probably  be  an  unacceptable  condition  at  0«+8°. 


VANES  INSTALLED 


NASS  FLOW  RATIO,  A0/Ac  NASS  FLOW  RATIO,  A^ 

Fig.  24  Effect  of  Angle-of-Attaek  on  Forebody-Inlet  Performance,.  Mq»'2.2 


Fig.  25  Effect  of  Angle-of-Sldeslip  of  Forebody-Inlet  Performance,  M0-2.2 


While  the  high  aspect  ratio  supersonic  Inlet  (HARSI)  perfornanr*  fell  somewhat  short 
of  expectations  near  the  design  condition  (based  on  the  diffuser  tests),  this  Is  not  judged 
to  be  Indicative  of  a  major  development  problem.  Figure  26  shows  t  comparison  of  the  HARSI 
performance  with  another  side-mounted  two-dimensional  supersonic  inlet  from  a  prsvlo  s  In¬ 
vestigation  (References  4  and  5).  In  this  limited  comparison  It  Is  seen  that  the  HAkSI 
performance  near  cruise  conditions  (2°<a  <4°)  Is  net  Inconsistent  with  the  level  demonstra¬ 
ted  by  the  more  typical  design.  It  Is  believed  that  there  are  two  sources  which  contribute 
to  the  performance  differences  at  low  and  high  aQ .  First,  the  Reference  4/5  Inlet  geometry 

allowed  greater  freedom  to  arrive  at  optimum  ramp  positions,  and  second,  the  high  aspect 
ratio  Inlet  may  be  reacting  adversely  to  a  broader  range  of  external  flow  angularities 
entering  the  Inlet  aperture. 


O  HARSI 


Fig.  26  Comparison  of  High-Aspect-Ratio  Inlet  Performance  with  Teilor-Mete  Inlet  Data, 

M  -2.2 
o 


Recent  studies  have  Indicated  that  geometric  constraints  In  future  supersonic  tacti¬ 
cal  aircraft  Inlet  Installations  may  leid  to  the  development  of  Inlets  with  unconventional 
assign  features  such  as  high  or  low  aspect  ratio  apertures  and  long,  highly  curved  dif¬ 
fusers.  A  unique  apparatus  has  been  used  to  evaluate  the  performance  potential  of  such 
diffusers  a»-  a  supersonic  Inlet  wind  tunnel  test  has,  n  turn,  been  used  to  validate  the 
basic  diffuser  te„t  results  and  to  explore  one  diffuser  concept  In  greater  depth.  The 
following  conclusions  are  made  with  respect  to  the  Investigation. 

1.  The  utility  of  a  unique  subsonic  diffuser  test  apparatus  to  duplicate  diffuser 
'trance  flow  conditions  and  provide  realistic  pressure  recovery  and  flow  distortion 
results  has  been  demonstrated. 

2.  Reasonably  high  supersonic  Inlet  performance  has  been  demonstrated  In  a  high 
aspect  ratio  two-dimensional  side-mounted  external  compression  forebody-lnlet  design. 

3.  Total  pressure  recovery  penalties  associated  with  long,  highly  curved  subsonic 
diffusers  can  be  small  In  a  properly  designed  and  Integrated  supersonic  Inlet. 

4.  Properly  designed  flow  guide  vanes  can  be  effective  In  suppressing  flow  dis¬ 
tortion  In  subsonic  diffusers  having  high  aspect  ratio  entrances  without  significant 
pressure  recovery  loss. 

5.  Precise  design  of  supersonic  Inlet  compression  ramps  and  variable  geometry 
systems  to  provide  for  adequate  stability  margin  In  shock  wave  positioning  at  the  design 
condition  Is  critical  to  the  generation  of  high  Inlet  performance. 
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summary 


Top  lnlat  flow  field  and  engine-inlet  perforaanca  data  for  an  advanced  fighter  aircraft  conflgu- 
ration  ware  obtained  over  the  Mach  0.6  to  2.0  range.  Theae  atudlaa  not  only  provided  extensive  data 
for  the  baa  aline  arrangaaant,  but  alao  evaluated  the  effecta  of  key  aircraft  configuration  variablea  - 
lnlat  location,  canopy-dorsal  Integration,  wing  leading-edge  extanalon  (LEX)  planforn  area,  and  vari¬ 
able  Incidence  cararde  -  on  top  Inlet  perforaanca.  In  order  to  aet  theae  data  in  the  context  of 
practical  aircraft  ayateaa  top  Inlet  perfornance  la  compared  with  that  of  aore  conventional  inlet/alr- 
fraae  Integration/). 

The  results  of  theae  evaluations  ahow  that,  for  the  top  Inlet  configuration  teated,  relatively 
good  inlet  perforaanca  and  compatibility  characteriatica  are  aaintalned  during  aubaonic  and  tranaonic 
aanauver •  However,  at  auperaonic  apaada,  flow  expansion  over  the  forebody  and  winga  cauaea  an  incraaa* 
in  local  lnlat  Mach  nuaber  which  aubaequently  reduces  inlet  perforaanca  levels.  These  characteristics 
Infer  that  although  top  inlets  oany  not  pose  a  viable  design  option  for  aircraft  requiring  a  hlgh- 
dagrae  of  aupiraonic  Maneuverability,  they  have  distinct  proaise  for  vehicles  with  subscnic  and 
transonic  aanauver  capabilities. 


NOMENCLATURE 


A i  Wing  aspect  ratio 

FRF  Fuaelage  reference  plane 

FS  Fuselage  station  (Inches) 

IDC  Engine  fan  Instantaneous  circum¬ 

ferential  distortion  index 

IDCj.  Maximum  allowable  Instantaneous 

1  91  circumferential  distortion  index 

for  a  typical  low-bypass  fighter 
aircraft  engine 

^L  Local  Inlet  Mach  nuaber 

Mq  Frae-streaa  Mach  number 

P_.  Average  total  pressure  at  inlet  high¬ 

light 

4p_.  Maximum  total  pre-  aura  variation  at 

Inlet  highlight 


P  „  Average  total  pressure  at  engine 

T  compressor  face 

4P  .  Maximum  total  pressure  variation  at 
Engine  compressor  face 

PTRMg  Average  root-aaan-square  of  total 

pressure  fluctuation  (turbulence) 

O  Angle  of  attack 

/9  Angle  of  sideslip 

i  Canard  deflection  angle 

-c 

jf  Trailing -edge  flap  angle 

a  Leading -edge  flap  angle 

*o 

A  Leading -edge  sweep  angle 

r  Dihedral  angle 


i.°  INTRODUCTION 

Recent  advancml  fighter  aircraft  technology  studies  have  shown  that  mounting  the  eng in* -inlet 
above  the  fuselage  tan  afford  a  variety  of  potential  advantages  relative  to  aore  conventional  inlet 
locations.  Thasa  advantages  Include i 

e  Unobstructed  lower -fuselage  for  weapons  Integration  (inlet  Isolated  froa  weapons,  thereby 
eliminating  engine-inlet  compatibility  probleas  during  weapons  carriage  acd  delivery) 

e  Virtual  elimination  of  hot  gas  relngestlon  problem  associated  with  VST0L  aircraft 

e  Reduced  Incident*  of  engine  foreign  object  damage  (POD)  probleas  during  takeoff  end  landing 

e  Superior  ground-level  access  to  aost  aircraft  sub-system* 

e  Reduced  eircreft  structural  weight  due  to  characteristically  short  inlet  duct  length 

e  Reduced  frontal  aspect  rader  cross-section  (RCS)  due  to  the  inherent  forebody/wlng  shielding 
of  the  lnlat  systea  froa  low-altitude  and  ground-based  radars. 


Despite  this  attrsetlvs  list  of  advantages,  top  inlet  systems  have  not  yst  boon  applied  to 
production  fighter  aircraft,  primarily  because  of  concerns  over  inice  flow  field  quality  at  angle  of 
attack*  However,  several  recent  experlental  etudles  (References  1-5)  have  shown  that  the  upper-fuse¬ 
lage  region  poses  a  potentially  favorable  Inlet  location  for  fighter  aircraft  configurations  caploylug 
vortex  lift  enhancement.  This  Is  due  to  the  action  of  the  strong,  counter-rotating  vortex  pair  pro¬ 
duced  by  the  wing  leading-edge  extenslona  (LEX' a)  which  effectively  inhibits  upper -fuselage  flow 
separation.  These  vortices  Inhibit  separation  by  entraining  high-energy  frae-stream  air  Into  the 
upper -fuselage  region  and  sweeping  low-energy  boundary  layer  air  outwards. 

Past  top  Inlet  studies  have  been  Halted  to  subsonic  flow  field  and  engine-inlet  performance 
evaluations  (References  1,  2  and  3)  and  transonic  and  supersonic  upper -fuselage  flow  field  surveys 
(References  4  and  5).  These  prograas  have  established  a  valuable  Initial  data  base,  but  have  left 
a  need  for  Inlet  perforaance  measurements  at  higher  speeds  to  provide  a  firmer  data  base  for  aircraft 
design  studies.  In  addition,  previous  work  has  identified  several  potential  problem  areas  on  which 
further  information  Is  needed.  First,  Ingestion  of  wake  flow  from  the  canopy  can  occur,  so  that  the 
Integration  of  the  canopy  with  the  fuselage  appears  to  be  iaportant  to  top  iulet  perforaance.  Second, 
sharply  degraded  inlet  perforaance  can  be  produced  by  Ingestion  of  vortex  flow  into  the  inlet,  either 
because  of  vortex  bursting  or  because,  In  sideslip,  the  vortex  migrates  Into  the  Inlet.  Third,  at 
supersonic  flight  speeds,  expansion  of  the  flow  field  over  tho  forebody  and  winps  at  angle  of  attack 
produces  local  elevations  in  Mach  number  and  consequent  increases  In  inlet  shock  losses.  The  objec¬ 
tives  of  the  study  reported  on  herein  are  to  aeet  the  need  for  high-speed  perforaance  data  and  to  shed 
further  light  on  the  known  problem  areas. 

The  test  prograa  on  which  this  paper  reports  was  conducted  under  contract  by  Northrop  Corpora¬ 
tion  to  NASA's  Ames  Research  Center  and  the  David  Taylor  Naval  Ship  Research  and  Development  Center*. 
Top  Inlet  flow  field  and  engine-inlet  perforaance  data  were  obtained  for  an  advanced  top-inlet  fighter 
aircraft  configuration  over  the  Mach  0.6  to  2.0  range  and  for  angles  of  attack  and  sideslip  up  to  27* 
and  12*,  respectively.  In  addition  to  extensive  evaluation  of  the  baseline  configuration  perforaance 
characteristics,  these  tests  also  Investigated  the  Influence  of  several  key  aircraft  configuration 
variables. 

This  paper  provides  a  summary  and  evaluation  of  significant  teat  results  from  this  prograa  and, 
In  addition,  compares  selected  top  Inlet  perforaance  data  with  those  of  aore  conventional  inlet/alr- 
fraae  arrangements. 

2.0  TEST  PROGRAM 

2.1  Test  Vehicle 

Top  Inlet  perforaance  evaluations  were  conducted  utilizing  a  0.095-scale  model  baaed  on  North- 
rop's  Vertical  Attitude  Takeoff  and  Landing  (VAIOL)  configuration.  This  vehicle,  depicted  In  Figure  1, 
was  designed  as  an  advanced,  supersonic,  air-to-air  fighter  with  operational  capability  from  ship-board 
platforms.  The  vehicle  is  launched  and  retrieved  utilizing  an  unusual  tall -sitting  takeoff  and  landing 
procedure  from  a  vertical  platfora.  This  launch  and  retrieval  technique  imposed  special  constraints  on 
the  design  of  thm  inlet  which  ultimately  played  a  aajor  role  in  the  selection  of  a  top  inlet  configura¬ 
tion.  The  inlet  employed  on  this  configuration  is  a  two-dimensional  fixed  geometry  design  with  a  7* 
external  compression  ramp,  and  was  sized  for  shock-on-llp  at  Mach  2.0.  The  wing  is  a  clipped  delta 
planfora  with  a  50*  leading-edge  sweep  angle  and  includes  an  integral  wing  leading-edge  extension 
(LEX).  Further  details  concerning  the  design  of  this  configuration  may  be  obtained  in  Reference  6. 


thi  Nktoale  diffuser  utilised  1b  the  lnlet/airframa  performance  model  *ai  modified  froa  tha 
original  VATOL  daalgn  to  anabla  fora  and  aft  movement  of  tha  lnlat.  By  eliminating  almost  all  dlffuaar 
offsat  In  tha  diffualon  plana  (profll*  vlaw),  aa  la  shown  In  Figure  2,  tha  antlro  1. 'at  aaaaably, 
conalatlng  of  tha  lnlat,  dlffuaar  and  masa  flow  control  plug  aaaaabllaa,  could  ba  poaltlonad  at  any  ona 
of  thraa  predetermined  location*.  Although  duct  offaat  woa  not  accurately  alaulatad ,  other  dlffuaar 
parameters  auch  aa  duct  aapect  ratio  and  diffusion  ratio  warn  retained  relative  to  tha  initial  VAIOL 
daalgn.  lnlat  aaaa  flow  waa  regulated  through  tha  uaa  of  two  remotely  controlled  pluga  located  In  tha 
duct  exlta  (aaa  Figure  2). 
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FIGURE  2.  VATOL  INLET/AIRFRAME  PERFORMANCE  MODEL  LAYOUT 

The  nodal  was  elao  dealgned  to  enable  evaluation  of  the  effects  of  other  key  aircraft  configura¬ 
tion  variables,  In  addition  to  Inlet  location,  on  top  Inlet  performance.  Details  concerning  these 
configuration  options,  which  Included  changes  in  canopy-dorsal  integration,  wing  leading-adga  extension 
(LEX)  planfora  area  variations,  and  replacement  of  the  LEX  by  a  variable  Incidence  canard,  are  given  in 
Section  3.2. 

2.2  Instrumentation 

Tha  model  was  instrumsi.'  d  to  enable  evaluation  of  the  ingested  Inlet  flow  field  and  engine  - 
inlet  performance  parameters.  Flow  field  Instrumentation  spanned  both  the  laft  and  right  lnlata 
systems  and  was-  located  Immediately  upstream  of  the  compression  ramp  leadlng-adge,  as  Is  shown  in 
Figure  3.  This  Instrumentation  package  included  an  array  of  pitot  and  5-hole  cone  probes  froa  which 
local  Inlet  flow  field  parameters  including  total  pressure,  Mach  number,  and  flow  angularity  ware 
determined.  To  eliminate  Interference  effects  during  acquisition  of  engine-inlet  performance  data  the 
entire  Inlet  flow  field  rake  assembly  was  removaable.  Unfortunately,  cone  probe  flow  angularity  and 
Mach  number  data  were  not  available  at  the  time  of  printing  of  this  paper ;  however,  cone  probe  pitot 
pressure  measurements  are  Included  in  the  flow  field  total  pressure  data  presented  herein. 

Determination  of  englne-lnlet  performance  parameters  over  the  Mach  0.6  to  2.0  range  required  the 
use  of  two  different  instrumentation  systems,  one  applicable  to  tha  subsonic  end  transonic  range  and 
another  for  supersonic  speeds.  For  free-stream  Mach  numbers  less  then  1.4,  lnlat  performance  para¬ 
meters  were  evaluated  at  the  engine  compressor  face  station  (see  Figure  2).  Due  to  the  small  scale 
of  the  model  [7.3cm  (2.9in)  compressor  face  diameter]  instrumentation  at  the  engine  face  was  limited 
to  12  total  head  pressure  probes,  6  "Kulite"  transducers  (capable  of  measuring  both  steady-state  end 
dynamic  pressures),  end  4  well  static  taps.  This  arrangement  can  be  seen  in  Figure  4.  The  IB  prober, 
were  mounted  In  3  circumferential  rings,  each  containing  6  probes:  The  spacing  corresponded  to  the 
centroids  of  equal  areas.  This  Instrumentation  package  enabled  evaluation  of  inlet  total  pressure 
recovery,  steady-state  distortion,  and  turbulence. 

At  supersonic  speeds  above  Mach  1.4,  evaluation  of  Inlet  performance  characteristics  at  the 
engine  compressor  face  posed  a  problem.  The  small  scale  of  the  model  did  not  allow  for  Incorporation 
of  an  active  boundary  layer  control  system.  Thus,  there  was  no  means  of  controlling  the  shock  Induced 
boundary  layer  separation  which  rasults  from  the  Interaction  of  the  inlet  terminal  shock  and  ramp 
boundary  layer.  Inlet  performance  parameters  measured  at  the  angina  compressor  face  are  thus  masked 
by  the  resulting  separation  region.  To  counteract  this  problem  "quasi”  inlet  performance  parameters 
were  measured  at  the  Inlet  entrenca  plane  using  a  "clipped-cowl”  Inlet,  shorn  in  Figure  5.  The  ratio¬ 
nale  behind  this  arrangsment  is  ss  follows:  Clipping  the  Inlet  cowl  moves  the  terminal  shock  down¬ 
stream  of  the  true  Inlet  lip  location.  An  array  of  pitot  probes  can  then  ba  mounted  in  the  inlet 
entrance  plane,  upstream  of  the  terminal  shock  and  the  resultant  separation  region.  The  probes  give 
readings  of  local  pitot  pressure  which  are  assumed  equal  to  tha  corresponding  total  pressures  at  the 
true  in1  .t  face.  Hence,  the  mean  total  preaeure  recovery  and  steady-state  distortion  levels  at  the 
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diffuser  loss  characteristics  can  than  be  used  to  estimate  the 


The  inlet  was  also  InstruMnted  with  surface  static  pressure  taps  on  the  ramp  and  along  the 
upper-  and  lower -centerlines  of  the  duct  for  diagnostic  purposes  (see  Figure  5). 

2. 3  Test  Particulars 


Top  inlet  flow  field  and  engine -inlet  performance  evaluations  were  conducted  in  the  11-Foot 
(3. Am)  Transonic  and  9-by  7-Foot  (2.7m  x  2.1a)  Supersonic  Unitary  Plan  Wind  Tunnel  Facilities  at  NASA's 
Ames  Research  Canter . 


Testing  in  the  11 -Foot  Wind  Tunnel  was  conducted  ut,  the  primary  test  Mach  numbers  of  0.6,  0.9 
and  1.2  at  a  fixed  Reynolds  number  of  9.8  x  10  /m  (3  x  10  /ft).  Maximum  angle  of  attack  was  limited 
to  27*  by  sting  divergence  criteria.  The  support  system  enabled  survey  of  a  +  15*  circular  angle  of 
attack  and  sideslip  envelope,  which  was  centered  at  12.5*  angle  of  attack  and  0*~sideslip.  This  gave  an 
angle  of  attack  capability  -3*  to  27*  at  zero  sideslip  and  correspondingly  reduced  ranges  of  angle  of 
attack  at  non-zero  sideslip  angles.  Testing  was  conducted  at  fixed  sideslip  angles  of  0*,  A*  ,  8*  and 
12*.  Limited  testing  was  also  conducted  at  negative  sideslip  angles  to  determine  the  effect  of  possi¬ 
ble  model  asymmetries  on  inlet  performance.  The  test  envelope  surveyed  can  be  seen  by  looking  ahead  to 
Figure  1A. 

In  the  9-by  7-Foot  W£nd  Tunnel,  ^the  primary  test  Mach  numbers  were  1.6  and  2.0,  again  at  a 
Reynolds  number  of  9.8  x  10  /m  (3  x  10  /ft).  An  angle  of  attack  range  of  -A*  to  15*  was  surveyed 
at  fixed  sideslip  angles  of  0*,  A*  and  8*. 

In  both  tunnels,  the  Influence  of  inlet  mass  flow  ratio  on  inlet  performance  was  examined  at 
predetermined  angle  of  attack  and  sideslip  conditions,  however,  all  data  presented  in  this  paper  are 
for  tha  maximum  engine  airflow  condition.  To  ensure  turbulent  boundary  layers  on  the  model,  transi¬ 
tion  strips  were  fixed  to  the  aircraft  nose,  wing  leading -edges ,  and  canard  leading -edges  during  all 
testing. 

3.0  DISCUSSION  OF  RESULTS 


The  following  sections  present  and  discuss  some  of  the  more  significant  results  from  this  test 
program.  First,  selected  results  obtained  for  tha  baseline  configuration  will  be  described.  Then,  in 
Section  3.2,  the  influence  of  certain  configuration  variables  on  inlet  performance  will  be  considered. 
Finally,  in  Section  3.3,  the  inlet  performance  characteristics  obtained  for  the  baseline  configuration 
are  compared  tu  those  of  more  con”entional  inlet  installations. 

3 • 1  Baseline  Configuration  Inlet  Performance  Characteristics 

Screening  tests  were  Initially  conducted  to  determine  the  impact  of  lnlat  location  on  engine- 
inlet  performance,  and  to  aid  in  the  selection  of  a  baseline  inlet  arrangement  for  future  comparative 
purposes.  The  results  of  these  tests,  however,  showed  little  dlscernable  difference  in  lnlat  perform¬ 
ance  as  *  function  of  inlet  location  over  the  entire  test  envelope  surveyed.  In  the  absence  of  any 
decided  preference,  based  on  angina-inlet  performance  data,  tha  mid-inlet  location  was  selected  as  the 
baseline  arrangement  since  it  corresponded  with  the  VAIOL  inlet  design  location.  Similar  screening 
tests  were  also  conducted  to  assess  the  Influence  of  leading-edge  flap  deflections  (0*<  a  <  30*)  on 
lnlat  performance.  Test  data  showed  that  only  marginal  improvements  in  inlet  performance  war?  obtained 
with  leading-edge  flaps  deployed,  thus  for  all  ensuing  performance  evaluations  the  zero  degree  leading- 
edge  flap  setting  was  used.  In  addition  to  Incorporating  a  mid-inlet  arrangement  and  zero  degree 
leading-edge  flaps,  the  baneline  configuration  as  defined  employed  tho  baseline  VAIOL  LEX,  shown  in 
Figure  2,  and  was  tested  with  tralling-adge  flaps  undeflacted. 

Performance  characteristics  associated  with  the  VAIOL  lnlet/alrframe  model  diffuser  system  were 
evaluated  during  subsonic  and  transonic  wind  tunnel  testing.  The  results  of  these  studies  show  that 
there  is  a  marked  thickening  of  the  boundary  layer  along  the  upper-  and  lower -centerlines  of  the  duct, 
which  adversely  effects  inlet  recovery  and  distortion.  Surface  static  pressure  Instrumentation  located 
along  the  upper -Centerline  of  the  duct  Indicates  that  this  growth  is  not  attributable  to  boundary  layer 
separation,  but  rather  to  the  adverse  pressure  gradient  created  by  the  high  local  wall  angles  (7* 
maximum  diffuser  half-angle  as  opposed  to  accepted  optimum  value  for  an  ideal  diffuser  of  2.5*  to 
3.5*).  Conversely,  surface  static  pressure  InstruMntatlon  along  the  lower -centerline  of  the  duct 
indicates  that  there  may  be  a  zone  of  separation  and  re -attachment  Immediately  downstream  of  the  inlet 
throat  (high  turning  region  shown  in  Figure  3).  Comparison  of  these  data  with  Northrop  experimental 
data  for  a  similar  top  inlet  diffuser  with  offset  Indicates,  that  VAIOL  inlet  performance  levels  could 
have  been  Improved  by  0.5  to  08  percent  had  the  model  diffuser  design  not  been  constrained  by  a  fore 
and  aft  movement  requirement. 

3.1.1  Subsonic  •Transonic  Performance 


Subsonic  and  transonic  inlet  performance  characteristics  for  the  baseline  arrangement  are 
presented  in  Figure  6  in  terms  of  average  t'  t t  ressure  recovery,  distortion,  and  turbulence,  which  is 
a  measure  of  the  total  pressure  fluctuation.  .ach  of  these  parameters  is  presented  as  a  function  of 
angle  of  attack  at  zero  sideslip  for  Mach  0.6,  0.9,  and  1.2.  In  addition  to  the  typical  maximum 
minus  minimum  total  pressure,  steady-state  distortion  parameter  (  A  P ^/ PT 2) ,  an  estimate  of  maximum 
instantaneous  fan  distortion  has  been  provided  to  enable  a  preliminary 1  assessment  of  engine-inlet 
compatibility.  The  instantaneous  distortion  parameter  presented  (IDC/IDC^.  .  )  is  an  estimate,  based 
on  steady  state  distortion  and  root -mean -square  turbulence  data,  of  the  Mttmum  instantaneous  circum¬ 
ferential  fan  distortion  normalized  by  a  representative  mrxlaum  allowable  (limiting)  value  for  a 
typical  low-bypass  ratio  fighter  aircraft  engine  (this  value  has  not  been  quoted  due  to  its  proprietary 
nature). 
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FIGURE  6  SUBSONIC  AND  TRANSONIC  INLET  PERFORMANCE 
CHARACTERISTICS  AT  ANGLE  OF  ATTACK  (/3  -  0°) 


It  can  ba  aeen  from  Figure  6  that  in  Che  lg  level  flight  domain,  1*  <  o  <  3*,  Che  top  inlet 
aystem  exhibits  high  total  preasure  recovery  levels,  notwithstanding  decreases  in  performance  with 
increasing  Mach  number.  These  decreases  in  performance  with  Mach  number,  at  low  to  moderate  angles  of 
attack,  are  attributable  to  increased  incidence  of  canopy-dorsal  separation.  This  highlights  the 
importance  of  careful  canopy-dorsal  integration  for  top-mounted  inlet  installations.  As  angle  of 
attack  is  increased  frott  0*  to  10*  a  general  deterioration  in  inlet  recovery,  distortion,  and  turbu¬ 
lence  is  experienced,  independent  of  Mach  number.  This  performance  degradation  is  not  the  renult  of 
increased  canopy-dorsal  separation,  but  rather  is  traceable  to  ingestion  of  low-energy  flow  emanating 
from  the  juncture  of  the  wing  leading-edge  extension  and  forebody.  This  is  illustrated  in  Figure  7, 
where  Mach  0.9  inlet  flow  field  total  pressure  contours  are  presented  in  conjunction  with  corresponding 
water  tunnel  flow  visualization  photographs  for  a  similar  top  inlet  configuration.  In  fact,  Figure  7 
shows  that  at  10°  angle  of  attack  the  wake  shed  from  the  canopy-dorsal  is  no  longer  evident,  due  to  the 
entrainmeut  action  of  the  LEX  vortex  systam.  Above  10*  angle  of  attack,  a  general  improvement  in  inlet 
performance  is  noted  to  levels  near  those  obtained  at  0*  angle  of  attack.  This  effect  is  ascribed  to 
the  increased  sweeping  action  of  the  LEX  vortex  with  angle  of  attack,  which  entrains  the  low-energy, 
LEX/body  Juncture  flow  out  of  the  inlet  flow  field.  Improvements  in  recovery  are  realized  until 
a  exceeds  15*  to  20*,  dependent  on  free -stream  Ma.-.h  number.  Above  this  angle  of  attack  range  there  is 
a  reduction  in  inlet  recovery  accompanied  by  increases  in  distortion  and  turbulence.  This  is  caused  by 
the  movement  of  the  LEX  vortex  system  burst  point  ahead  of  the  inlet  entrance  plane.  The  burst  phenome 
on  described  results  in  a  rapid  expansion  in  the  diameter  of  the  low-energy  turbulent  core  of  the 
vortex,  which  is  subsequently  ingested  by  the  inlet  (see  Figure  7,  or  »  27*).  It  can  also  be  seen  in 
Figure  6  that  the  burst  point  moves  ahead  of  the  inlet  at  progressively  lower  angles  of  attack  with 
Increasing  Mach  number.  This  phenomenon  is  believed  to  be  attributable  to  changes  in  the  strength 
of  the  wing  leading-edge  vortex  system  and  the  magnitude  of  the  LEX/body  Juncture  low-pressure  region 
with  Mach  number.  As  Mach  number  increases  the  wing  leading-edge  vortex  system  strength  decreases, 
while  the  magnitude  of  LEX/body  juncture  flow  region  increases,  thus  hnving  a  resultant  destabilizing 
action  on  the  wing  LEX  vortices. 

In  sideslip,  the  top-mounted  inlet  system  exhibits  performance  trends  which  are  diametrically 
opposed  to  those  of  most  conventional  twin-inlet  lnstallatl ons  for  low  to  moderate  angles  of  sideslip 
( ,  <  12*).  For  top-mounted  inlet  installations,  as  is  shown  in  Figure  8,  it  is  the  windward  inlet  which 
experiences  the  most  noticeable  degradation  in  inlet  performance.  Although  Figure  8  presents  data  only 
for  the  Mach  0.9  condition,  the  trends  shown  are  indicative  of  those  exhibited  over  the  entire  Mach  0.6 
to  .1.2  test  envelope. 

The  leeward  inlet  initially  experiences  an  improvement  in  recovery  and  distortion  characr utili¬ 
ties,  over  most  of  the  positive  angle  of  attack  spectrum,  at  low  sideslip  angles  (  ft  -  4*).  This 
improvement  is  due  to  migration  of  the  LEX/body  wake  out  of  the  inlet  flow  field,  as  is  illustrated  in 
the  total  pressure  contours  of  Figure  9.  At  higher  sideslip  angles,  leeward  inlet  performance  deterio¬ 
rates  as  a  result  of  ingestion  of  low-energy  flow  from  the  windward  LEX/body  Juncture.  Only  a  small 
amount  of  this  low-energy  flow  is  Ingested  at  8*  sideslip,  whereas  at  12"  the  entirety  of  the  low-pres¬ 
sure  region  is  ingested,  thus  accounting  for  the  marked  differences  in  performance  shown.  The  dramatic 
improvement  in  inlet  performance  which  occurs  at  12*  sideslip  and  21*  angle  of  attack,  shown  in  Figure 
8,  is  believed  attributable  to  the  favorable  influence  of  the  LEX  vortex  entrainment  mechanism. 
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FIGURE  7.  TRANSONIC  INGESTED  INLET  FLOW  FIELD  CHARACTERISTICS 
AS  A  FUNCTION  OF  ANGLE  OF  ATTACK  ( p  *  0°) 
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FIGURE  8.  EFFECT  OF  SIDESLIP  ON  TRANSONIC  INLET  PERFORMANCE  (M„  -  0.9) 
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FIGURE  9.  IMPACT  OF  SIDESLIP  ON  INGESTED  INLET  FLOW  FIELD 

In  g«ur«l,  windward  inlet  performance  decree***  with  Increasing  sideslip.  Thl*  can  be  related 
to  increased  low-energy  flow  buildup  from  tho  windward  LEX/body  juncture  at  low  angle*  of  attack,  and 
to  nitration  of  the  windward  LEX  vortex  system  Into  th*  inlet  flow  field  at  hi  (bar  angle*  of  attack. 
An  anoaaly  la  this  trend  1*  exhibited  at  12*  sideslip.  At  this  angle,  low-f>ressure  flow  from  the 
windward  LSX/body  juncture  migrates  out  of  the  wludward  Inlet  flow  field,  thereby  explaining  the 
improvement  In  performance  observed  In  Figure  8,  relative  to  the  8*  sideslip  condition,  at  Jov  to 
moderate  angles  of  attack. 

3.1.2  8uperaonlc  Characteristics 

During  supersonic  tasting,  Ingested  Inlet  flow  field  quantities  were  again  evaluated,  however, 
as  commented  In  Section  2.2  ’’quasi"  inlet  performance  parameters  were  measured  at  the  inlet  ontranc* 
plane.  The  inlet  aperture  total  pressure  data  were  used  to  estimate  average  compressor  face  recovery 
levels  (Pto^tO^EST  *nd  co  determine  steady-state,  maximum  minus  minimum,  distortion  levels  ( dP_./P_,) 
measured  at  the* Inlet  entrance  plane.  Estimated  compressor  face  recovery  levels  ware  obtafnedTEy 
subtracting  an  allowance  for  the  diffuser  losses  from  th*  measured  inlet  aperture  recovery  levels.  The 
total  pressure  loss  attributed  to  the  diffuser  was  1.9  percent;  this  value  was  computed  from  subsonic 
test  data  for  the  baseline  configuration.  No  attempt  was  made  to  estimate  compressor  face  distortion 
levals  from  the  inlet  sparsturs  data  as  the  impact  of  thr  diffuser  on  distortion  varies  (it  can 
increase  or  decrease  distortion)  dependant  on  th*  inlet  entrance  profile. 

Values  of  estimated  rec'/V.ry  and  measured  distortion  arc  presented  in  Figure  10  as  a  function  of 
angle  of  attack  at  zero  sideslip  for  Mach  1.6  and  2.0.  A  comparison  of  the  estimated  recovery  levels 
in  Figure  10  with  corresponding  transonic  values  in  Figure  6  shows  the  sums  Initial  fall  in  recovery 
levels  but  without  the  leveling  off  and  subsequent  Increase  seen  above  10*  at  transonic  speeds.  A 
direct  cause  of  this  difference  in  behavior  is  th*  larger  scale  and  reduced  pressures  of  the  low-energy 
region  generated  by  the  LEX/body  juncture  at  supersonic  speeds  as  compared  to  transonic  speeds.  This 
effect  can  be  seen  by  comparing  the  pitot  pressure  contour*  of  Figure  11,  which  are  for  Mach  2.0  and 
10*  angle  of  attack,  wltn  thu  10*  angle  of  attack,  Mach  0.9  total  pressure  contours  of  Figure  7.  It 
can  be  seen  that  based  on  the  pitot  pressure  contours  at  Mach  2.0  the  low-energy  region  from  thr 
LEX/body  junction  is  more  extensive  and  contains  lower  total  pressure*  in  Figure  11  than  in  Fleur*  7. 
This  is  reflectsd  in  tha  inlet  aperture  (total  pressure)  distortion  values  presented  in  Figure  10, 
which  show  a  marked  increase  with  angle  of  attack.  The  reason  for  this  increased  affect  of  flow  from 
th*  LEX/body  juncture  is  believed  to  be  due  to  a  loss  in  strength  and  effectiveness  of  th*  LEX  vortices 
at  supersonic  speeds:  Such  a  loss  In  strength  at  supersonic  speeds  is  characteristic  of  leading-edge 
vortices,  a*  is  discussed  in  (Reference  7). 
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LOW  PREUURE  REGION,  SHOWN  IN  PIOURK  11,  WERE  ELIMINATED 
THROUGH  IMPROVED  LEX/BODY  JUNCTURE  INTEGRATION 

10.  SUPERSONIC  INLET  PERFORMANCE  CHARACTERISTICS  AS  FUNCTION 
OF  ANGLE  OF  ATTACK 


/ 


PIT07  FRUEURE  CONTOURS  (RTL/PTtJ) 


LOW  PRESSURE  REGION  EMANATING  FROM  LEX/iOOY  JUNCTURE 


FIGURE  11.  SUFERSONIC  INGESTED  INLET  FLOW  FIELD  AT  ANGLE 

OF  ATTACK 


Ths  magnitude  of  the  wake  generated  by  the  intersection  of  tha  wing  leading-edge  extension  with 
tho  fora  body  la  del laved  to  ba  directly  related  to  tha  shaping  of  thla  region*.  Hence,  It  la  poaalbla 
that  this  low-pressure  raglon  ccn\d  bo  raduead  or  allalnatad  and  lnlat  performance  iaprovsd  by  suit- 
abla  daalgn  changa.  To  aatlaat*  tha  relative  levels  of  laprovaaant  poaalbla,  lnlat  recovery  and 
dlatortlon  1 aval a  wars  racoapotad  'roa  lnlat  antranca  plana  data  with  tha  raglon  affactad  by  tha  sake 
raaovad-  Thaaa  valuaa  ara  presented  In  Figure  10  wher*  thay  arc  danotad  aa  "adjusted*  recovery  and 
dlatortlon.  Significant  Improvement,*  in  racovary  and  dlatortlon  ovar  the  unadjusted  values  ara  raa- 
llrad  ovar  most  of  the  poaltlva  angle  of  attack  range  tested.  Thaaa  data  further  highlight  U.a  import¬ 
ant.!  of  careful  LSI/ forebody  Integration  with  raapact  to  top  inlet  vehidaa. 

Tha  adjuatad  curvea  of  Figure  10  a how  that  there  la  atill  a  reduction  in  recovery  with  lncraas- 
lng  angle  of  attack,  even  in  tha  abaenca  of  tha  low-preeaurv  region.  Thla  la  due  to  auparaonlc  flow 
expansion  over  tha  torebody  and  wlnga,  which  lncraaaaa  tha  local  Inlet  Mach  number  and  hence  lncreaaes 
ahock  l"?!**.  Tha  variation  in  average  local  inlet  Mach  number  with  angle  of  attack  for  aero  side¬ 
slip  at  Hich  2.0  is  presented  In  Figure  12.  These  data  have  bean  computed  from  total  head  pressure 
maasuraaents  made  at  the  Inlet  entrance  plane  and  asauma  that  tha  lnlat  shock  ayataa  la  purely  two- 
dimensional  .  Also  shown  for  comparison  ara  corraspondlng  valuaa  darlvad  from  tha  data  of  Rafaranca  5 
aud  tha  local  Mach  number  :’or  flow  ovar  an  Infinite  flat  plate,  derived  from  Prandtl -Moyer  theory.  The 
VAIOL  dote  presented  \n<t  those  of  Reference  5  are  In  generally  good  agreement,  and  both  gj vs  substan¬ 
tially  lower  lonal  Mach  numbers  than  would  ba  found  for  a  flat  plate  at  angle  of  attack.  Nonetheless, 
tha  local  lnlat  uath  number  la  elevated  by  approximately  13  percent  at  15'*  angle  of  attack. 


ANGLE  OF  ATTACK  (DEGREES) 

FIGURE  12.  EFFECT  OF  ANGLE  OF  ATTACK 
ON  LOCAL  INLET  MACH  NUMBER 
(P-0°) 

T ha  Impact  of  sideslip  on  lnlat  parforaanca  at  Mach  2.0  la  examined  In  Figure  13.  These  data 
show  treuds  which  ara  similar  In  nature  co  those  exhibited  transonlcally  in  Figure  8.  Supersonically, 
leeward  inlet  performance  improves  in  sldaellp  over  most  of  the  positive  anglee  of  attack  range  (note 
the  dramatic  laprovaaant  in  distortion  at  4*  sideslip).  This  is  due  to  tha  migration  of  tha  LEX/body 
Juncture  wake  out  of  tha  lnlat  flow  field.  The  windward  lnlat,  ae  la  shown  in  Figure  13,  axparlencas 
marked  deteriorations  in  performance,  particularily  at  higher  »ng’  -»  of  attack.  Thla  performance 
reduction  la  attributable  to  the  increased  Ingestion  of  low -energy  flow  from  tha  LEX/body  Juncture  and 
the  eventual  migration  of  tha  windward  LEX  vortex  system  Into  tha  lnlat. 


*  Evidence  supporting  this  contention  Is  giver,  in  Section  3.2.1 


LEEWARD  INLET 
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FIGURE  13.  EFFECT  OF  SIDESLIP  ON  SUPERSONIC  INLET  PERFORMANCE 
3.1.3  Engine-Inlet  Compatibility 

Compatibility  of  an  aircraft  Inlet  with  the  engine  la  crucial  elnca  it  defines  the  functional 
Units  over  which  the  engine  will  operate.  Indeed,  for  instantaneous  nanauver,  the  thrust  lavals  are 
relatively  unimportant  and  the  requirement  for  the  inlet  is  that  it  should  deliver  flow  to  the  engine 
at  sufficiently  low  distortion  luvela  to  prevent  engine  stall.  Normally,  angina-inlet  compatibility 
is  defined  in  terms  of  both  Instantaneous  circumferential  and  radial  distortion.  However,  prior 
studies  have  shown  that  instantaneous  circumferential  distortion  used  alone  serves  as  a  good  preli¬ 
minary  indicator  of  engine-inlet  compatibility. 

Utilising  the  estimated  instantaneous  circumferential  distortion  parameter  defined  in  Section 
3.1.1,  Figure  14  shows  the  conditions  at  which  the  estimated  instantaneous  distortion  levels  exceed  a 
typical  engine  stall -free  limit  over  the  subsonic  and  transonic  test  envalope  surveyed.  Also  shown  are 
fixed-throttle  maneuver  envelopes  characteristic  of  an  air-to-air  tactical  fighter  over  the  Mach  0.6  to 
0.9  range  and  at  Mach  1.2.  It  can  be  seen  that  the  compatibility  limit  was  exceeded  for  only  three 
test  conditions;  these  were  all  at  Mach  1.2  and  well  outside  the  corresponding  maneuver  en'  elope.  A 
complete  assessment  of  engine-inlet  compatibility  over  the  entire  0.6  <  M  <  0.9  maneuver  envelope 
was  not  possible  since  the  test  envelope  was  limited  to  27*  angle  of  attack  (iee  Saction  2.3). 


FIGURE  14.  TRANSONIC  TEST  ENVELOPE  AND  TYPICAL 
FIXED  THROTTLE  MANEUVER  ENVELOPES 


Although  mo  compressor  {*u  maasuremanta  or  lynuuc  data  wora  obtained  at  aupar ionic  apweda, 

some  Indication  of  engine-inlet  coaipatibility  can  bo  obtalnad  from  tho  ataady -atata  distortion  data 
measurad  at  tha  lnlot  antraaca  plana  (Flgurt  10).  Using  an  allowable  total  praarura  dlatortlon  llnlt 
of  30  parcant,  which  la  tha  typical  conpreaaor  faca  valua  (  d  P_  _/P_ ,)  at  which  lnatantanaoua  dlatortlon 
limlta  ara  exceeded  (XOC/XDC  >1)*,  tha  “unadjusted"  values  exceed  tha  coupatlblllty  bounda  at  a 
rathar  modest  4*  angla  of  aYtl  ck .  However,  theao  liigh  dlatortlon  lavala  ara  dlractly  ralataU  to 
degradad  flow  fron  tha  LEX/ body  junctura:  thus,  If  thia  low-praaaura  ragion  could  ba  raducod  or 
allnlnatad,  tha  “adjusted"  values  shown  In  Flgura  10  indlcato  that  tha  lnlot  would  not  oxparlanca  any 
coupatlblllty  problaua  ovar  tha  antira  -5*  to  15*  angle  of  attack  range  at  saro  sideslip* 


3. 2  IMPACT  OF  KEY  AIRCRAFT  CONFIGURATION  VARIABLES  ON  TOP  INLET  PERFORMANCE 


In  order  to  establish  guidelines  for  the  design  of  future  fighter  aircraft  incorporating  top- 
uounted  inlet  systems,  the  impact  of  several  key  aircraft  configuration  variables  on  top  inlet  perform* 
anca  was  examined.  A  summary  of  the  variables  investigated  Is  presented  in  Table  1. 


TABLE  1.  CONFIGURATION  VARIABLES 


a  INLET  LOCATION  (FORE-MID-AFT) 

a  LEX  PLANFORM  AREA 

-  BASELINE  LEX 

-  REDUCED  PLANFORM  AREA  LEX 

-  LEX-OFF 

a  CANOPY-DORSAL  INTEGRATION  (CANOPY 
ON-OFF) 

a  VARIABLE  INCIDENCE  CANARDS 

a  LEADING  AND  TRAILING-EDGE  FLAPS 
(0°  £  £>n  <  30s,  0°  £  6f  <  30°) 


As  described  in  Section  3.1,  the  Influences  of  inlet  location  and  leadlng*edge  flap  deflections 
was  investigated  during  screening  tests  and  found  to  have  limited  impact  on  lnlet-parformance.  Subse¬ 
quent  tests  evaluated  the  influence  of  traillng-edge  flap  deflections  and  also  showed  little  or  no 
Impact.  This  section  prasants  results  for  configuration  variables  which  wars  found  to  have  a  more 
significant  Influence  on  Inlet  performance.  These  parametric  evaluations  ware  conducted  with  the  inlet 
mounted  in  the  mid  location  and  leading-  and  traillng-edge  flap  deflections  held  fixed  at  zero  degrees. 

Only  Inlet  total  pressure  recovery  data  are  presented  for  the  comparisons  which  follow.  This 
parameter  was  selected  as  It  serves  as  a  good  general  indicator  of  inlet  performance  trends  (typically 
loasas  in  recovery  are  accompanied  by  Increases  in  inlet  distortion  and  turbulence). 

3.2.1  Canopy-Dorsal  Effects 

The  Integration  of  the  canopy  with  the  fuselage  takes  on  a  new  Importance  in  the  case  of  a  top 
inlet  aircraft  since  low-energy  flow  shed  from  the  canopy -dorsal  region  may  now  be  Ingested  by  the 
inlet.  This  leads  to  a  reduction  in  inlet  recovery  and  increases  the  potential  for  engine-inlet  com¬ 
patibility  problems. 

The  baseline  VAXOL  configuration  tasted  in  this  study  highlights  this  problem.  Since  tie 
vehicle  was  designed  for  an  air-to-air  mission,  a  full  360*  field-of -visibility  was  required,  causing 
the  crew  module  to  be  elevated.  This  results  in  a  high  canopy-dorsal  aft  slope,  which  is  responsible 
at  low  angles  of  attack  for  the  low-pressure  region  and  consequent  reductions  in  inlet  performance, 
which  have  already  been  pointed  out  in  connection  with  Figures  6  and  7. 

To  examine  the  effects  of  reducing  the  canopy-dorsal  aft  slope,  a  “canopy -of f”  block,  shown  in 
Figure  15,  was  fitted  in  place  of  the  baseline  canopy.  To  limit  the  extent  of  the  modifications,  the 
dorsal,  which  comprises  part  of  the  center -fuselage,  was  retained  and  the  canopy-off  block  faired  to 
it.  Thus,  even  with  the  canopy-off  block  in  place,  some  aft  slope  remains  and  the  resultant  configura¬ 
tion  is  perhaps  more  indicative  of  a  canopy-dorsal  integration  which  might  be  employed  on  an  Air-to- 
Surface  aircraft,  with  its  reduced  rearward  visibility  requirement. 

The  impact  of  re-configuring  the  canopy-dorsal  on  inlet  performance  can  be  seen  in  Figure  16. 
At  Mach  0.9,  significant  improvements  can  be  seen  in  the  recoveries  at  low  to  moderate  angles  of 
attack.  This  Improvement  is  related  to  two  different  effects.  At  low  angles  of  attack  (  o  <  5*) 
corresponding  flow  field  total  pressure  contour  data  confirm  that  there  is  a  considerable  reduction 
(but  not  elimination)  of  the  wake  from  the  canopy -dorsal .  For  moderate  angles  of  sttack,  the  baseline 
performance  is  degraded  by  the  low-energy  flow  associated  with  the  LEX/body  juncture  (aee  Figure  7), 
but  the.  canopy -off  block  reduces  the  severity  of  the  corner  created  by  the  junction  of  the  LEX  with  the 
forebody(canopy) ,  thus  reducing  or  eliminating  the  low-preseure  region.  As  the  angle  of  attack  is 
increased  to  approximately  20*,  the  benefit  of  the  improved  canopy  integration  is  lost  because  the 
Increasingly  powerful  LEX  vortices  become  more  effective  in  sweeping  away  the  LEX/body  juncture 
low-pressure  region  even  from  the  baseline  arrangement.  At  Mach  1.6,  Figure  16  shows  that  inlet 


*  This  correlation  is  based  on  subsonic  and  transonic  inlet  performance  data. 
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atttiWM  to  improve  r  ala  tiro  to  eha  hea aline  configuration  with  angle  of 
attack.  Indeed ,  i oaparlaon  with  Figure  10  ahowa  that  tha  canopy-off  raaulta  ara  alnoat  identical  with 
thoaa  of  tha  "adjusted  racovary"  value  a  obtained  fot  tha  baaaline  arran#*«*>it.  Thla  indicates,  that 
tha  waka  fron  tha  LEX/body  Juncture  (aaa  Figure  11)  haa  bean  significantly  reduced  or  eliminated  froa 
tha  lngaatad  Inlet  flow  field  via  tha  aaoothar  blending  of  the  LEX  and  forai'ody  which  raaulta  from  the 
uaa  of  the  canopy-off  block. 


The  reduced  effect  of  tha  low-praaaura  region  froe  the  LEX/body  Juncture  with  canopy-off  block 
confirms  that  the  problona  experienced  with  tha  baaaline  arrangement  due  to  thla  flow  phenomenon  are 
configuration-dependent  and  can  be  algnlflcantly  reduced  or  eliminated  by  appropriate  LEX/body  Integra¬ 
tion. 


FIGURE  IB.  CANOPY-OFF  BLOCK 


O  BASELINE  CONFIGURATION 
□  CANOPY  OFF 


Mq  -  0.9 


Mq  -  1.6 
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ANGLE  OF  ATTACK  (DEGREES) 


FIGURE  lb.  IMPACT  OF  CANOPY-DORSAL  ON  INLET  RECOVERY  AT 
ANGLE  OF  ATTACK  (  p  -  0°) 

3.2.2  Wing  Planform  Effects 

Earlier  top  Inlet  studies  (e.g.  References  1  and  4)  have  shown  the  importance  of  tho  LEX  vortex 
system  in  counteracting  the  effects  of  upper -fuselage  flow  separation.  These  studies  have  also  shown  a 
direct  correlation  between  LEX  vortex  syotem  effectiveness  and  LEX  planform  ares  (size)  and  shape.  A 
further  examination  of  the  effects  of  LEX  planform  area  variation  was  conducted  during  this  study. 
This  was  achieved  by  testing  the  model,  as  is  illustrated  in  Figure  17,  with  the  baseline  LEX,  a 
reduced  planform  area  (alternate)  LEX,  and  with  wing  leading-edge  extensions  removed.  The  alternate 
LEX  retains  the  baseline  LEX  shape  but  has  a  4<>  percent  reduction  In  exposed  planform  area. 

Comparisons  of  inlet  pressure  recovery  for  these  three  wing  leading -edge  extension  arrangements 
at  transonic  and  supersonic  speeds  are  presented  In  Figure  18.  It  can  be  seen  that  the  alternate  LEX 
performs  nearly  as  well  as  (and  in  some  Instances  better  than)  the  baseline  LEX,  despite  a  40  percent 
reduction  in  planform  area.  This  result  differs  from  ths  findings  of  Reference  1  which  shows  a  direct 
correlation  between  improved  inlet  performance  and  increased  LEX  planform  area.  A  possible  explana¬ 
tion  for  this  behavior  is  that  the  alternate  LEX  forms  a  more  favorable  junction  with  the  body,  thue 
reducing  the  amount  of  low-energy  flow  buildup.  In  addition,  this  low-pressure  region  may  be  posi¬ 
tioned  further  outboard  on  the  upper -fuselage,  since  the  intersection  of  the  LEX  and  forebody  moves 
farther  out  on  the  fuselage  (see  Figure  17).  Thus,  the  consequent  reduction  in  the  extent  of  the 
low-pressure  region  entering  the  inlet  would  compensate  for  the  reduced  LEX  vortex  strength.  Verifica¬ 
tion  of  this  explanation  will  be  possible  when  the  inlet  flow  field  contours  become  available  for  the 
alternate  LEX  configuration. 
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FIGURE  17.  WING  LEADING-EDGE  EXTENSION 
(LEX)  PLANFORM  OPTIONS 


O  BASELINE  LEX 
□  ALTERNATE  LEX 
A  LEX  OFF 


Mq-0.9  Mq-1.6 


FIGURE  18.  EFFECT  OF  WING  PLANFORM  VARIATIONS  ON  INLET 
RECOVERY  AT  ANGLE  OF  ATTACK  ( (5  -  0°) 


The  LEX-off  result*  of  Figure  18  show  a  number  of  Interesting  features.  First,  nt  Mach  0.9  the 
LEX -of f  recoveries  are  lower,  but  not  drastically  so,  than  the  LEX-on  values,  except  above  about 
20*  of  angle  of  attack.  This  Is  due  to  the  strong  wing  leading-edge  vortex  system,  generated  by 
the  50*  swept  wing,  which  la  nearly  as  effective  as  the  LEX  vortlcea  in  controlling  the  upper -fuaelage 
flow.  However,  above  20*  angle  of  attack,  the  wing  la  stalled  and  the  LEX-off  recoveries  fall  rapidly. 
Ant '.her  fct-.ikia*  feature  cf  Figure  18  is  that  at  Mach  1.6  the  LEX-off  recovery  levels  continue  to 
decrease  ro.ctlve  to  the  baseline  configuration  with  angle  of  attack,  despite  the  elimination  of  the 
low -pressure  vegiois  from  the  LEX-body  Juncture.  Thus,  the  wing  vortices  must  be  much  less  effective  In 
controlling  upper -fo lelage  separation  than  the  LEX  vortices  at  supersonic  speeds.  A  possible  explana¬ 
tion  for  this  i,<  that,  while  the  strengths  of  both  vortex  systems  are  reduced  supersonically,  the  wing 
leadlng-eo  vote mv.  system  experiences  a  greater  reduction  In  strength  as  the  wing  has  a  lower  sweep 
nngle  and  hence  a  higher  effective  leading -edge  normal  Mach  number. 

At  Mach  C.S  and  A*  sideslip,  the  lEX  planform  ha*  a  strong  effect  on  the  windward  inlet  recovery, 
at  can  be  seen  In  Figure  19,  but  relatively  little  Impact  on  the  leeward  inlet  performance,  until  2U* 
angle  of  attack,  when  the  wing  without  LEX  stalls.  At  this  sideslip  angle,  low-energy  flow  from  the 
LEX-body  junction  la  ingested  by  the  windward  inlet  but  migrates  outboard  of  the  leeward  Inlet,  thus 
explaining  the  resultant  trends  In  inlet  performance.  It  should  also  be  noted,  that  ou  Me  windward 
side  of  the  vehicle  the  boundary  layer  buildup  from  the  LEX-body  juncture  la  more  severe  in  sideslip 
while  the  effective  leading-edge  sweep  angles  of  the  windward  LEX  and  wing  are  reduced,  resulting  in 
weaker  vortices  and  lower  Inlet  total  pressure  recoveries.  It  can  be  seen  that  at  this  sideslip  angle 
the  windward  vortex  generated  by  the  wing  alone  (LEX-off)  becomes  almost  totally  ineffective. 

As  sideslip  angle  was  Increased,  the  larger  vortex  from  the  baseline  LEX  was  found  to  enter  the 
windward  inlet  first,  hence  diminishing  the  advantage  of  the  baseline  LEX.  Thus,  in  the  integration  of 
the  wing  planform  with  the  inlet,  it  is  critically  important  that  the  design  achieve  maxiuum  entrain¬ 
ment  with  minimum  vortex  ingestion. 
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FIGURE  19.  WING  PLANFORM  EFFECTS  AT  SIDESLIP 

u**  t**t  *od*1  dld  006  Provld*  Lh*  capability  of  txaaining  tha  Efface  of  wing  planfore  varia¬ 
tions .  However ,  an  Indirect  avAluation  of  this  par  am  Car  la  poealble  by  making  uaa  of  the  flow  flald 
°*  R***r*f®*  5  (AFFDL/Vought  teat  prograa) .  Thaaa  data  war*  acquired  utilising  a  35*  loading -adga 
owapt  wing  modal  with  a  3.8  wing  aapact  ratio,  which  la  daplctad  In  Flgura  20.  Figure  21  coaparaa 
lnlat  flow  flald  total  proaauro  racovary  valuaa  calculatad  from  tha  AFFDL/Vought  data  with  olailar 
j*^***"  n°*lUix*d4  ,0T  Jb*  V4T0L  ■od,1>  which  haa  a  wing  leading -adgo  awaap  of  50*  and  an  aapact  ratio  of 
*;*•  "rlv*d  for  th*  aft-aurvay  location  on  tha  VAIOL  nodal  wara  uaad,  In  ordar  to  obtain  tha 

cloaaat  correapondanca  with  tha  flow  flald  aurvay  location  uaad  in  Reference  5  (aoa  Flgura  20).  Tha 
ot  diff,r*nc*  b«twaan  tha  two  curvaa  of  Figure  21  la  tha  greater  angle  of  attack 
capability  exhibited  by  tha  VATOL  configuration!  Tha  AFFDL/Vought  nodal  oxperlencaa  a  rapid  decreaae 

v  "h*r“*  th*  VAI0L  «>^iRuratlon  giva,  only  a  moderate  reduction  at 

25  angle  of  attack.  Thin  dlffaranca  la  aacrlbed  to  tha  following:  Tha  VAXOL  wing  haa  a  ainnllicantly 
lower  aapact  ratio  than  tha  AFFDL/Vought  Configuration  but  a  alailar  USX  to  wing  planfora  area  ratio. 

°5  *tt*ck  th*  •dv«««  praaaura  gradient  aaaociatad  with  the  VAIOL  wing  la  laaa 
V«Sl  °Uxht  “afi*uf‘el0Q-  Thl«  raaulta  in  lncreaaad  LEX  vortex  ayataa  atabflity  for  tha 

th^io!  ti0n  *°d’  h*00"*  lncr#*,M  th*  “g1*  ot  »tt»ck  at  with  the  burat  point  novas  ahaad  of 
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FIGURE  20.  AFFDL/VOUGHT  TEST 
CONFIGURATION 


FIGURE  21.  WING  LEADING-EDGE  SWEEP 
EFFECTS  ON  INGESTED  INLET  FLOW 
FIELD  RECOVERY  (0-0°) 


3.2.3  Tha  Effect  of  Canarda 

eane.n  *  configurAtion  option  which  are  anployad  on  a  number  of  advanend  fighter  aircraft 

if  lnt.Vr«t.d  W,  t0  det«r“ln»  th«  *■!>•«  canard,  would  have  on  Inlet  performance 

VATOL 2£i L  li'i  ' P«. 2  «»“f  Ration.  Variable  incld.nc.  canard,  war.  integrated  Into  tha 
AO*  .nTV  x  Pi*  1  8w^h*  laadlng  -adga  axtenalona  with  canarda  having  a  leading -edge  awaap  of 
nd  a  dihedral  of  20  ,  aea  Figure  22.  Although  not  typical  of  moat  canard  Integration,  this 
,0  «  t0  couPU  ch«  «««d  heading  “adga  vort.x  ay.^  with  ?h.  ^  floZ 
field,  thua  providing  for  vortex  lift  enhancement.  In  addition,  it  wai  desired  to  create  a  strong 

wing*!  aadi^-adge’Vx  tana  Iona*  °rd"  t0  •,t*bli*h  *  ,1"U‘r  —* Pln«  to  provided  by  th. 


FIGURE  22.  CLOSE-COUPLED  VARIABLE 
INCIDENCE  CANARDS 


Figure  23  coaparr.«  lolat  total  pressure  racovary  character la tlca  for  tha  canard  and  basallna 
configuration*  at  Mach  0.9  and  1.6.  Curvaa  ara  only  shown  for  tha  undaflectad  canard  condition 
(  i  ■  0*).  At  Mach  1.6,  a  xaro  dagraa  canard  daflactlon  approximate*  the  angle  required  for  trim; 
but  'kt  Mach  0.9,  where  tha  aircraft  haa  a  negative  itatlr.  margin,  quit*  large  negative  deflection*  ar* 
required  for  trim.  Inlet  racovary  level*  which  would  ba  obtained  If  the  canard*  wer*  achadulad  ar* 
•hown  In  Figure  23  for  the  Mach  0.9  condition  at  thra*  different  angle*  of  attack. 


O  BASELINE  CONFIGURATION 
□  UNOEFLECTED  CANARD  (Sc  •  0°) 
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FIGURE  23.  EFFECT  OF  CANARDS  ON  INLET  RECOVERY  AT  ANGLE 
OF  ATTACK  (0  -  0°) 

Tha  Mach  0.9  data,  ahown  In  Figure  23,  indicate  that  the  canard*  ar*  not  effective,  over  the  0* 
to  10*  angle  of  attack  range,  In  controlling  tha  upper -fuaelag*  flow  field,  but  at  higher  angle*  of 
attack,  the  vortex  from  the  fixed  canard  improve*  inlet  recovery,  yielding  value*  higher  than  thoaa 
obtained  with  the  ba**lln*  configuration.  However,  the  scheduled  canard  at  22*  angle  of  attack  (  t 
-  -23*)  experience*  a  large  lo*a  In  Inlet  performance,  down  to  the  level  of  tha  plain  wing  (comparS 
Figure  18).  At  Mach  1.6,  tha  canard  vortlce*  incraa**  inlet  recovery  above  the  wing  alone  (LEX-eff) 
level*  but  are  not  a*  effective  In  Improving  inlet  performance  a*  the  baaellne  LEX  vortlce*. 

3.3  COMPARISON  WITH  MORE  CONVENTIONAL  INLET  INSTALLATIONS 

In  order  to  **t  the  result*  from  th*  VAIOL  inlet/alrframe  model  into  the  context  of  practical 
aircraft  system*,  VAIOL  top  Inlet  performance  (recovery)  data  have  been  compared  with  typical  perform¬ 
ance  data  for  fighter  aircraft  employing  more  conventional  inlet  installations.  The  aircraft  utilised 
in  the**  comparison*  are  th*  YF-16  (Reference  8),  which  ha*  a  fuaelag* -shielded  inlet  system,  North¬ 
rop'*  YF-17  prototype  (wing -shielded  inlet),  and  an  advcnced  Northrop  fighter  configuration  with 
•lde-mounted,  two-dlmanalonal  external  compression  inlet*  with  fixed,  vertical  ramp*. 

Figure  24  present*  comparative  result*  at  Mach  number*  of  0.9,  1.6  and  2.0.  Th*  result*  reflect 
difference*  in  liiet  design  and  mission  requirement*  and  do  not  allow  *  precise  determination  of  th* 
relative  merit*  of  th*  different  Integration  option*.  They  do,  however,  show  the  following:  Th*  VAIOL 
Inlet  provides  recoveries  at  'east  comparable  to  those  of  th*  other  aircraft  over  the  cruise  range  of 
angle*  of  attack  (0''  <  <3  <  3*).  At  th*  transonic  operating  condition  shown,  the  top  inlet  performance 
level*  ara  competitive  out  to  at  least  25"  angle  of  attack.  Supersonically,  top  inlet  performance 
deteriorates  with  angle  of  attack,  primarily  due  to  Increases  In  local  inlet  Mach  number  (high  shock 
system  losses).  In  contrast,  the  performance  of  th*  fuselage-  and  wlng-shlelded  inlets  Improves  with 
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angle  of  attack  bacauaa  of  the  pracoapressioo  provided  by  tha  forabody  and/or  wing*.  Supersonic  angle 
of  attack  capability  for  tighter  aircraft  la  typically  Halted  to  less  than  15*  angle  of  attack  at  Mach 

1.6  and  to  approxlaataly  10*  at  Mach  2.0,  based  on  load  factor  constraints.  Figure  24  uhows  that  tha 

top-aountad  inlet  at  thaaa  angle  of  attack  conditions  gives  "adjusted"  recoveries  which  ara  dl  tinctly, 
but  not  drastically,  lower  than  those  of  tlta  other  Inlet  Installations. 

It  Is  perhaps  apropos  to  coaaant  that  tha  VATOL  Inlet  systaa  has  not  undergone  tha  aany  hours  of 

developmental  tasting  that  each  of  the  other  inlet  systaaa  presented  In  Flgur*  24  has,  thus,  the 
perforaanc*  of  the  VATOL  Inlet  systaa  could  aost  likely  be  lapioved  through  siailar  development 
efforts. 


— '  —  ■  TOP-MOUNTED  (NASA/NORTHROP  VATOL) 

. .  FUSELAGE-SHIELDED  (GENERAL  DYNAMICS  YF-16,  REF  8) 

—  •  — WING-SHIELDED  (NORTHIIOP  YF-17) 

-  —  —  -  SIDE-MOUNTED  (ADVANC'D  NORTHROP  FIGHTER  CONFIGURATION, 

2-D  EXTERNAL  COMPRESSION  RAMP  INLET,  VERTICAL  RAMP) 


M0  *  0.9  M0-1,6  Mo«2.0 


ANGLE  OF  ATTACK  (DEGREES) 

’DATA  ADJUSTED  TO  REFLECT  PERFORMANCE  LEV, ELS  OBTAINABLE  IF  LOW  PRESSURE 
REGION,  SHOWN  IN  F IOURE  1 1 ,  WERE  ELIMINATED  SUPERSONICALLY  THROUGH 
IMPROVED  LEX/BOOY  JUNCTURE  INTEGRATION 

FIGURE  24.  COMPARISON  OF  INLET  RECOVERY  CHARACTERISTICS 
FOR  TOP  AND  CONVENTION  INLET  INSTALLATIONS 

4.0  CONCLUSIONS 


The  study  described  in  this  paper  ha*  generated  extensive  data  on  top-lnlst  flow  field  and 
engine-inlet  performance  characteristics  at  subsonic,  transonic,  and  supersonic  speeds.  Froa  an 
Initial  assessment  of  the  data  the  following  conclusions  can  be  drawn. 

*  Tta  VATOL  top-inlet  configuration  maintains  relatively  good  subsonic  and  transonic  inlet 
performance  characteristics  at  zero  sideslip  over  the  entire  -3*  to  27*  angle  of  attack 
range  tested.  In  sideslip  top  inlet  performance  In  general  deteriorates,  but  a  preliminary 
assessment  of  engine-inlet  compatibility  show*  no  apparent  problems  over  the  subsonic  and 
transonic  (0.6  <  Mq  <  1.2)  test  envelope. 

*  For  the  configuration  tested,  ingestion  of  low-energy  flow  from  tha  LEX/body  Juncture  serves 

as  a  major  contributor  to  inlet  performance  losses.  This  highlights  the  importance  of 

attention  to  detail  when  Integrating  the  LEX  Into  the  forebody,  especially  during  the  preli¬ 
minary  design  process. 

*  Top  Inlet  performance  la  sensitive  to  canopy -dorsal  Integration  and  the  location  and  strength 
of  the  wing  leading-edge  extension  (LEX)  vortices. 

e  The  sweeping  action  of  tha  wing  leading -edge  extension  (LEX)  vortices  can  significantly 
enhance  top  inlet  performance  characteristics  at  angle  of  attack.  In  addition,  available 
data  indicate  that  the  effectiveness  of  these  vortices  can  be  extended  to  higher  angles  of 
attack  by  employing  wing  planforms  with  low  adverse  pressure  gradient,  which  delay  the  onsst 
of  LEX  vortex  burst. 

*  Supersonically,  top-mounted  inlet  systems  experience  an  inherent  increase  in  locel  Inlet  Hach 
number  at  angle  of  attack.  This  undesirable  characteristic  reduces  inlet  performance  and 
may  prohibit  application  of  this  concept  to  vehicles  which  require  *  high-degree  of  super¬ 
sonic  maneuverability.  However,  the  prospects  of  creating  designs  with  subsonic  and  tran- 
onic  maneuver  capabilities  appear  promising. 

The  Loregoing  conclusions  demonstrate  the  highly  configurational -dependent  nature  of  top-mounted 
inlet  systems.  This  Indicates  that  major  components  of  the  airframe  design  must  be  evolved  Interac¬ 
tively  with  the  Inlet  system  not  only  In  the  preliminary  design  process,  as  is  conventional,  but  also 
during  the  Inlet /air frame  development  testing  phase.  The  parametric  studies  reported  on  In  this  paper 
together  with  previous  work  (References  1-5)  will,  however,  provide  valuable  design  guidance  for 
fighter  aircraft  Incorporating  top-mounted  Inlet  systems. 
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SUMMARY 

This  paper  summarises  RAE  work  aimed  at  improving  the  incidence  performance  of 
fuselage-mounted  intakes  at  subsonic  and  supersonic  speeds.  The  effects  of  simple  changes 
in  intake  geometry*  such  as  increasing  contraction  ratio  and  altering  lower  lip  shape,  are 
first  considered;  it  is  shown  that  such  modifications  can  be  beneficial  at  Bubsonic  speeds 
but  drag  penalties  tend  to  limit  their  use  at  higher  Mach  numbers.  Two  intake  locations 
that  potentially  offer  a  good  degree  of  incidence  shielding  -  underfuselage  and  under- 
strake  -  are  then  examined.  It  is  concluded  that  satisfactory  performance  can  be  obtained 
with  an  understrake  installation,  but  a  detailed  study  of  strake  shape,  slots,  splitter 
plates  and  boundary-layer  uiverters  must  be  made  if  the  combination  is  to  be  successful 
over  the  whole  of  the  intended  flight  envelope.  However,  for  the  configurations  tested, 
the  underfuselage  location  offers  generally  better  intake  performance  at  lower  technical 
risk.  Finally,  some  results  for  a  side-mounted  staggered  lip  intake  are  presented, 
together  with  some  two-dimensional  calculations  of  the  mutual  interference  effects  that 
occur  between  the  upper  and  lower  lips.  It  is  suggested  that,  with  development  work 
currently  in  hand,  an  intake  of  this  type  can  be  competitive  with  an  underfuselage 
installation. 


NOTATION 

A  cross-sectional  area  of  streamtube  or  duct 

Cjj  drag  coefficient,  based  on  intake  entry  area 
CD  intake  contraction  ratio,  Aen/Afch 

DC60  distortion  coefficient  defined  as  <P60miri  -  Pf)/qf  ,  where  P60m^n  is  the  lowest 

value  of  the  mean  prassure  over  any  60°  sactor  of  the  engine  face. 

L  strake  length 

M  Mach  number 

MFR  mass  flow  ratio,  A  /A„ 

oo  en 

P  total  pressure 

AP  Pm  -  P 

w  strake  width 

g  dynamic  pressure 

a  angle  of  incidence 

8  angle  of  sideslip 

&  compression  surface  angle 

c  shock  wave  angle 

n  total  pressure  recovery,  P./P 

£  oo 

Suffices 
en  entry 

ext  external 

f  engine  face 

L  local  value 

th  throat 

-  free  stream 

rms  root  mean  square 

o  datum  value 

1  INTRODUCTION 

Over  the  past  few  years  there  has  been  very  considerable  interest  in  improving  the 
combat  agility  of  strike-fighter  aircraft,  and  this  has  resulted  in  a  need  to  fly  at  much 
greater  angles  of  incidence  and  sideslip  over  a  wide  range  of  speeds.  This  expansion  of 
the  flight  envelope  has  affected  many  aspects  of  aircraft  design  and  layout,  including 
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or ^tHiTpropui ■  loti  system.  indeed,  air  Intake  performance  may  well  be  crucial  under 
these  conditions.  Not  only  is  it  necessary  to  maintain  a  high  level  of  pressure  recovery 
so  that  engine  thrust  is  preserved,  but  total  pressure  distortion  and  turbulence  of  the 
airflow  at  engine  entry  must  be  kept  down  to  specified  levels  if  engine  malfunction  is  to 
be  avoided. 

The  problem  is  essentially  that  of  suppressing,  or  delaying  the  onset  of,  the  flow 
separation  that  tends  to  occur  on  the  lower  lip  of  an  intake  as  its  incidence  is  increa¬ 
sed.  There  are  basically  three  ways  of  doing  this,  although  in  practice  these  methods 
may  be  combined  to  some  extent. 

(a)  Modifying  the  lower  lip  so  that  its  susceptibility  tc  Clow  separation  is  reduced. 
This  can  be  done  by  means  of  shaping,  cambering  and  increasing  the  contraction  ratio,  or 
by  using  slots  or  BLC  techniques  such  as  suction  or  blowing.  Another  possibility  is  the 
use  of  a  hinged  cowl  lip1'*:  this  is  additionally  attractive  in  that  it  affords  a  means  of 
varying  intake  entry  area  so  that  matching  of  intake  and  engine  airflows  can  be  achieved 
over  a  wide  range  of  conditions. 

(b)  Mounting  the  intake  underneath  some  other  component  of  the  aircraft  -  fuselage, 
wing  or  wing  strake  -  so  that  it  is  shielded  to  a  greater  or  lesser  degree  from  the 
incident  flow. 

(c)  Extending  the  upper  lip  of  the  intake  forward  so  that  it  provides  a  measure  of 
shielding  to  the  lower  lip.  Such  a  'staggered1  intake  may  bear  a  strong  resemblance  to  a 
rectangular  inlet  with  external  compression  ramp  intended  for  efficient  operation  at 
supersonic  speeds,  but  conceptually  the  two  designs  are  quite  distinct. 
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This  paper  summarises  RAE  work  in  these  three  areas.  In  section  3  the  effects  of 
some  simple  geometrical  changes  on  the  performance  of  a  side-mounted  pitot  intake  are 
considered:  in  addition  to  pressure  recovery  and  distortion  data,  measurements  of  the 
changes  in  intake  drag  at  subsonic  and  supersonic  speeds  are  shown.  Two  intake  locations 
that  potentially  offer  a  good  degree  of  incidence  shielding  -  underfuselage  and  under- 
strake  -  are  explored  in  sections  4  and  5,  the  latter  in  some  detail.  Finally,  some 
results  for  a  side-mounted  staggered  lip  intake  are  presented,  together  with  some  two- 
dimensional  potential  flow  calculations  of  the  mutual  interference  effects  that  occur 
between  the  upper  and  lower  lips  in  an  intake  of  this  type. 

2  MODELS  AND  TEST  FACILITIES 
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Three  separate  models  (which  will  be  denoted  by  Models  I,  II  and  III)  were  used  in 
this  investigation,  an.,  they  are  shown  in  Fig  1.  All  were  of  modular  construction  so 
that  configuration  changes  could  be  easily  made.  Models  I  and  ill  were  intended  primarily 
for  measurements  of  internal  flow  and  were  equipped  with  a  single  intake  and  duct:  this 
was  normally  located  on  the  port  side  of  the  fuselage,  but  on  Model  I  it  was  possible  to 
simulate  on  underfuselage  installation  by  changing  the  fuselage  module,  whilst  retaining 
the  same  intake  and  duct.  It  was  also  possible  to  measure  intake  performance  in  isola¬ 
tion  on  both  these  models.  Model  II  was  designed  primarily  to  measure  intake  drag  and 
was  equipped  with  an  intake  and  duct  on  each  side  of  the  fuselage:  these  could  be  removed 
to  measure  the  datum  drag  of  the  fuselage.  This  model  was  only  tested  over  a  small  range 
of  incidence  due  to  balance  strength  limitations.  Further  details  may  be  found  in  Ref  3. 


All  three  models  were  provided  with  means  of  controlling  and  measuring  the  airflow 
through  the  intakes.  Pressure  instrumentation  was  more  extensive  on  Models  I  and  III  and 
included  both  steady  and  unsteady  (rms)  pressure  measurements  at  a  representative  engine 
face  location.  Pressure  recovery  (n) ,  mass  flow  ratio  (MFR)  and  distortion  parameter 
DC60  were  obtained  from  72-point  total-pressure  surveys.  In  addition,  pitot  rakes  could 
be  fitted  in  the  intake  throat  region  on  Model  III  for  diagnostic  purposes. 

The  intake  and  duct  could  be  removed  from  Mode]  III  and  replaced  by  rakes  of  pitot 
tubes  and  yawmeters  to  measure  the  flowfield  in  the  region  normally  occupied  by  the 
intake,  or  at  an  alternative  forward  location. 

The  intake  duct  on  Model  I  was  quite  long,  9.3  engine-face  diameters  between  throat 
and  engine  face,  and  had  a  very  lov,T  rate  of  diffusion.  That  on  Model  III  was  shorter, 
with  a  length  of  5  engine-face  diameters  and  an  area  ratio  Af/Ath  1  •  &  •  The  internal 

shaping  of  the  ducts  on  Model  II  was  not  representative  of  a  full-scale  aircraft  and  was 
intended  merely  to  produce  a  reasonably  smooth  flow  distribution  at  the  measuring  station. 

The  Table  below  shows  the  facilities  and  range  of  test  variables  used  with  each 
model,  although  not  all  configurations  have  been  tested  over  the  complete  range  available. 
Limited  tests  have  also  been  made  on  most  configurations  to  investigate  the  effects  of 
sideslip.  For  certain  intake  configurations  tested  on  Model  I,  the  ARA  9  ft  x  8  ft 
transonic  tunnel  was  used  to  extend  the  incidence  range  to  considerably  higher  values 
than  were  feasible  in  the  RAE  3  ft  *  3  ft  tunnel. 

3  SIMPLE  MODIFICATIONS  TO  IMPROVE  THE  INCIDENCE  PERFORMANCE  OF  SIDE-MOUNTED  INTAKES 


3.1  The  beneficial  effect  of  increasing  lip  thickness  and  contraction  ratio  on  intake 
performance  at  lov  speeds  is  well  known,  but  there  is  not  a  great  deal  of  information  on 
the  effect  of  such  modifications  at  transonic  and  supersonic  speeds.  A  series  of  intakes 
was  therefore  designed  and  tested  on  Model  I  to  provide  data  on  internal  performance, 
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Model  I 

. 

Model  II 

Model  III 

Tunnels  used 

RAE  3  ft  x  3  ft 

RAE  3  ft  X  3  ft 

RAE  8  ft  *  8  ft 

ARA  8  ft  x  9  ft 

RAE  13  ft  x  9  ft 

Subsonic/transonio 

M  -  0.6  to  1.05 

00 

M  «  0.6  to  0.95 

00 

M^  =  0.25  to  0.85 

M,  a  range 

a  -  -8°  to  +19.3° 

a  =■  0°  only 

(Flow  surveys) 

(RAE) 

M  =  0.85  . 

a  *  -6°  to  +22° 

M  -  0.6  to  1.20 

ao 

(Intake  tests) 

a  =  +16°  to  +36° 

(ARA) 

Supersonic 

=  1.4  to  1.8 

M  =  1.5  to  2.0 

CD 

M,  =  1.4  to  1.8 

M,  a  range 

a  “  -8°  to  +16° 

a  =  0°  only 

a  ■  -6°  to  +13° 

(RAE) 

whilst  a  closely  related,  but  not  identical,  series  of  intakes  was  used  on  Model  II  to 
assess  the  effect  on  cruise  drag. 

The  baseline  configuration  on  each  model  was  a  rectangular  pitot  intake  with  a 
contraction  ratio  of  1.08,  and  changes  to  the  intake  geometry  were  restricted  to  the 
internal  lines  forward  of  the  intake  throat  and  to  the  external  cowl  lines  forward  of 
the  cowl  maximum  cross  section. 

These  changes  comprised  (Pig  2) : 

(a)  increasing  contraction  ratio  (CR  =  1.15,  1.25,  1.35  on  Model  I  and  CR  ■-»  1.25,  1.40 
on  Model  II) ,  the  increase  in  cowl  highlight  area  being  uniformly  distributed  on 
the  upper,  outboard  and  lower  cowl  lips; 

(b)  increasing  CR  to  1.25  and  concentrating  all  the  highlight  area  increase  on  a 
thickened,  symmetrical  lower  lip  (Model  I  only) ; 

(c)  increasing  CR  to  1.25  and  concentrating  all  the  highlight  area  increase  on  a 
thickened  and  cambered  lower  lip; 

(d)  introducing  slots  on  the  lower  cowl  lip  for  the  CR  1.25  and  1.35  cowls  at  subsonic 
conditions  (Mcdel  1  only) . 

All  intakes  were  fitted  with  a  wedge-type  boundary-layer  diverter  with  a  50°  apex  angle. 
Diverter  height,  h  ,  could  be  varied,  but  for  the  present  tests  h  was  constant  and 
about  20%  greater  chan  the  thickness  of  the  boundary  layer  on  the  side  of  the  fuselage 
at  zero  incidence.  A  splitter  plate  was  not  used. 

3.2  Some  results  from  Model  I  at  free-stream  Mach  numbers  of  0.9  and  1.4  are  summarised 

in  Figs  3  and  4.  These  show  the  pressure  recovery,  n  ,  and  distortion  parami  ir,  -DC60, 
as  a  function  of  incidence  for  a  constant  throat  Mach  number,  ,  of  0.6.  iiis  value 

of  Mfch  may  be  regarded  as  somewhat  low,  but  because  of  the  small  amount  of  internal 

diffusion  in  the  duct  actually  corresponds  to  an  engine  entry  Mach  number  of  approximately 
0.55. 

At  M  =  0.9,  significant  gains  in  pressure  recovery  at  high  incidence  are  obtained 
b'  increasing  contraction  ratio  uniformly  on  the  three  active  lips  of  the  cowl,  from 
C  .1  =  1.08  to  CR  =  1.35.  These  gains  can  be  sustained  to  slightly  higher  incidences  by 
cpening  a  lower  lip  slot,  although  at  a  cost  of  a  significant  increase  in  -DC60  levels. 

.i?or  the  CR  =  1.25  intakes,  performance  is  further  improved  by  concentrating  all  the 
additional  highlight  area  on  the  lower  lip,  'thickening  and  cambering'  proving  more 
effective  than  symmetrical  thickening:  again,  using  a  lip  slot  causes  slight  increases  in 
both  n  and  -DC60  . 

At  Mw  g  1.4,  increasing  CR  from  1.08  to  1.15  has  virtually  no  effect  at  incidences 
less  than  12  ,  but  improves  both  recovery  and  distortion  levels  at  higher  incidences. 
Further  increase  in  CR  is  generally  detrimental  to  the  internal  performance  when  the 
Increase  is  applied  to  the  three  active  lips,  but  can  still  be  beneficial  (at  positive 
incidences)  if  applied  in  the  form  of  a  thickened  and  cambered  lower  Up. 

Drag  results  for  the  similar  range  of  cowl  lip  variants  tested  on  Model  II  are 

illustrated  in  Fig  5.  Results  are  for  zero  incidence  only  and  show  the  intake  external 

drag  as  a  function  of  M^  ,  for  the  same  value  of  M  .  ,  0.60,  as  for  the  internal 

performance  data.  "  tn 

3.3  Considering  the  internal  performance  and  external  drag  .results  as  a  whole,  it  may 

be  concluded  that,  at  subsonic  speeds,  both  vontraction  ratio  increases  and  lower  lip 

reprofiling  can  offer  worthwhile  gains  in  intake  internal  performance  at  high  incidence, 
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but  at  th«  cost  of  aoma  intaka  drag  penalty  r.t  cruise*  Supersonically,  any  gains  in 
internal  performance  from  such  modifications  are  at  best  marginal  and.  the  intake  drag 
penalties  can  be  severe,  except  for  quite  small  increases  in  contraction  ratio.  Overall., 
a  contraction  ratio  in  the  region  of  1.15  to  1.2  appears  to  represent  a  reasonable 
compromise  between  subsonic  and  supersonic  performance  for  pitot  intakes  of  this  type. 

It  is,  however,  important  to  emphasise  the  limitations  attendant  upon  the  present 
results.  In  general,  assuming  the  engine-face  area  and  the  cowl  maximum  cross-sectional 
area  to  be  fixed,  both  throat  and  highlight  areas  can  be  selected  independently  to 
achieve  an  optimum  balance  between  internal  and  external  performance.  In  these  tests 
only  the  highlight  area  has  been  varied  and  this  has  tended  to  bias  the  results  against 
low  external  drag  at  subsonic  speeds  due  to  the  reduction  in  cowl  projected  area  and  the 
increase  in  spillage  (for  a  given  engine  flow)  that  occurs  as  the  contraction  ratio  is 
increased.  On  the  other  hand,  reducing  throat  area  increases  for  a  given  engine 

flow  an  1  this  tends  to  depress  pressure  recovery.  Consequently  f'urthr  r  work  is  required 
before  the  effects  of  changing  lin  geometry  can  be  fully  assessed. 

4  INTAKE  SHIELDING  By  MOUNTING  THE  INTAKE  UNDERNEATH  THE  FUSELAGE 

4.1  Although  arguments  may  be  raised  against  an  undorfuselage  intake  installation  on 
such  grounds  as  the  greater  difficulty  of  store  carriage  and  the  greater  possibility  of 
foreign  object  ingestion,  previous  studies1'*  have  shown  distinct  aerodynamic  advantages 
for  this  location.  In  particular,  it  offers  a  much  'cleaner1  environment,  for  the  intake 
than  the  junction  region  between  the  fuselage  and  wing  or  wing  leading  edge  strake, 
where,  as  will  be  shown  in  the  following  section,  complex  flowfields  can  develop  at  high 
incidence. 

By  changing  the  fuselage  module  on  Model  I  it  was  possible  to  simulate  an  under- 
fusolage  intake  installation  and  thus  obtain  data  directly  comparable  with  that  for  the 
same  intake  mounted  on  the  side  of  the  fuselage,  and  also  provide  comparative  data  for 
the  assessment  of  the  performance  of  hhe  sti.ggerec)  lip  intake  described  in  section  G. 

Two  new  forebodies  were  used  and  are  shown  in  Fig  6.  The  long  forebode  'A'  was 
geometrically  similar  to  that  used  previously  on  Mod  ?1  I,  and  the  intaxe  wes  located 
underneath  the  body  at  the  same  longitudinal  position  as  when  mounted  on  the  body  side. 
The  short  forebody  'B'  enabled  the  intake  to  be  mounted  considerably  nearer  to  the  nose 
of  the  model,  and  was  of  similar  shape  to  forebody  'A'  ahead  of  the  intake  entry  plane. 

Most  of  the  tests  were  made  ii.  the  RAE  3  ft  *  3  ft  tunnel  using  the  baseline  1.08 
contraction  ratio  intake,  but  some  additional  tests  (using  the  long  forei  idy  'A'  and  the 
1.15  CR  intake)  were  made  at  higher  incidences  ,  t  transonic  speeds  in  the  ARA  tunnel. 

4.2  The  results  are  shown  in  Figs  7  and  9,  a  constant  throat  Mach  number  of  0.6  again 
being  used  as  a  convenient  basis  for  comparison. 

At  M„,  »  0.9,  forebody  length  has  very  little  effect  on  either  pressure  recovery  or 
distortion  at  positive  incidences,  although  at  negative  angles  performance  holds  up 
hotter  with  the  short  forebody.  Compared  with  the  same  intake  mounted  on  the  side  of  the 
fuselage,  the  rate  of  fall-off  of  pressure  recovery  with  incidence  is  greatly  reduce-*  by 
the  shielding  effect:  of  the  fuselage.  A  contraction  ratio  effect  is  still  evident,  and 
pressure  recovery  at  high  incidences  is  better  maintained  by  the  1.1.5  CR  intake. 

At  M,m  •«  1.4  it  is  notable  that  tlv.  pressure  recovery  at  zero  incidence  is  greater 
than  the  normal-shock  recovery.  Since  f*  i.cti.onal  losses  in  the  duct  are  of  the  order  of 
0.02,  the  mean  total  pressure  of  the  si?  entering  the  intake  is  consequently  some  0.03 
higher  than  would  be  predicted  for  a  normal  shock  at  th  free-stream  Mach  number. 

Although  this  could  be  partly  due  to  tne  local  Mac.’  number  being  less  than  the  free- 
stream  vulue,  a  more  likely  explanation  is  the  formation  of  a  lambda  shock  system  ahead 
of  the  intake,  so  that  part  of  the  air  entering  the  Intake  passes  through  an  oblique 
shook  and  .a  much  weaker  normal  shock,  instead  of  a  single  normal  shock  (Fig  8).  Unfor¬ 
tunately,  a.  system  tends  to  introduce  flow  distortion  and  -DC60  levels  are  increased 

In  predicts,  it.  would  prob* bly  be  necessary  to  use  a  splitter  plate  or  similar  device  to 
oi  c.her  suppress  the  formation  of  the  lambda  shock  (although  this  would  reduce  pressure 
recovery) ,  or  prevent  the  entry  of  the  separated  boundary  layer  into  the  intake.  Again, 
differences  due  to  forebody  length  are  scarcely  significant  and  fuselage  shielding 
effects  are  noticeable  abo  /e  10°  incidence. 

The  situation  at  M„  -  1.8  is  broadly  s.-.v liar,  although  here  the  performance  is 
better  with  the  underf uselage  .intakes  over  tne  whole  of  the  incidence  range.  It  is  also 
app.  -ont  that  the  underside  of  the  fuselage  is  act ing  as  a  kind  of  pre-entry  compression 
surface,  pressure  recovery  increasing  steadily  with  incidence,  but  it  is  much  less 
of*':'jtive  in  this  respect  than  a  two-dimensional  wedge  used  to  generate  un  oblique  shock 
ahead  of  an  intake,  if  the  wedge  angle  is  regarded  as  the  equivalent  of  the  forebody 
incidence.  Differences  in  pressure  recovery  due  to  forebody  length  are  very  small, 
although  there  is  some  effect  on  distortion  levels. 

The  behaviour  in  sideslip  at  zero  incidence  shows  considerable  variation  with  Mach 
number  (F  -j  9).  Suboo-. really ,  pressure  recovery  varies  little  over  the  range  6  =  *8° 
(and  this  is  confirmed  at  incidences  up  to  30°  by  the  results  for  the  1.15  CR  intake 
shown  in  Fig  21),  but  -DC60  tends  to  increase,  particularly  with  the  long  forebody.  At 
supersonic  speeds,  disruption  of  the  lambda  shock  system  is  believed  to  be  responsible 
for  the  comparatively  large  changes  in  pres3ure  recovery  and  -DC60  that  occur  as  the 
sideslip  angle  is  varied. 


4.3  Overall,  the  results  confirm  those  of  previous  studies  of  underfuselage  intake 
installations.  Subsonically ,  a  high  level  of  performance  is  attained  over  a  wide  range 
of  incidence  and  sideslip.  At  supersonic  speeds,  interaction  between  the  intake  shock 
system  and  the  fuselage  boundary  layer  may  pose  some  problems  unless  adequate  preventive 
measures  are  taken,  but  these  are  essentially  no  different  from  those  that  can  occur  with 
an  unrhielded  side-mounted  intake. 

Forebody  length  ahead  of  the  intake  does  not  appear  to  be  a  very  significant  para¬ 
meter,  provided  the  width  of  the  intake  is  less  than  the  width  of  the  forebody  at  the 
intake  entry  plane. 

5  INTAKE  SHIELDING  BY  MOUNTING  THE  INTAKE  UNDERNEATH  A  LEADING  EDGE  STRAKE 

5.1  The  concept  of  sustaining  intake  performance  at  high  angles  of  attack  by  positioning 

the  intake  beneath  a  wing  or  leading-edge  strake  has  received  considerable  attention.  The 
principle  was  demonstrated  during  the  "Tailor-Mate*  program4  and  used  on  the  YF-17  aero- 
p.lune^:  more  recently  this  type  of  configuration  has  been  studied  at  low  speed  by  Lotter 
and  Malefakis1. 


This  section  describes  an  experimental  study,  which  was  made  using  Model  III 
(Fig  1),  to  investigate  shielding  effects  of  a  strake  and  to  identify  problems  arising 
from  the  complex  flows  existing  near  the  junction  of  a  strake  and  fuselage.  The  main 
emphasis  was  on  how  intake  performance  is  affected  by  straka  geometry,  presence  of  strake 
bleed,  and  the  form  of  the  boundary- layer  diverter. 

The  four  strake  geometries  used  are  shown  in  Fig  10s  slots  were  provided  at  the 
strake  and  fuselage  junction  so  that  the  effect  of  strake  bleed  could  be  investigated. 

The  tests  consisted  of  both  flowfield  surveys  and  measurements  of  the  internal  perfor¬ 
mance  of  a  square  pitot  intake  (CR  -  1.20)  mounted  underneath  the  various  strakes.  They 
included  an  examination  of  the  effectiveness  of  several  forms  of  boundary- layer  diverter 
between  intake  and  fuselage  and  between  intake  and  strake  undersurface. 

5.2  Flow  survey  results 

Mean  flow  angles  over  the  survey  region,  with  and  without  a  strake,  are  shown  in 
Fig  11.  At  both  subsonic  and  supersonic  speeds,  the  presence  of  the  strake  decreases 
the  mean  local  incidence,  and  increases  the  mean  local  aidewash  angle.  These  overall 
effects  are  very  slightly  reduced  by  the  use  of  strake  bleed.  The  flowfield  under  a 
strake  is  quite  complex  at  moderate  to  high  incidences  (Fig  12) ,  and  there  are  consider¬ 
able  variations  ir_  local  flow  angle  over  the  survey  plane.  A  vortex,  which  appears  to 
originate  near  the  .lower  fuselage  corner,  develops  beneath  the  strake,  leading  to  a 
large  region  of  low  total  pressure  in  the  intake  entry  plane.  The  extent  of  this  region, 
in  which  pressure  loss  coefficients  (AP/q)  as  high  as  0.5  occur,  increases  with  increas¬ 
ing  incidence,  with  increasing  length  of  strake  ahead  of  the  survey  plane  and  with 
increasing  thickness  of  fuselage  boundary  layer,  but  is  independent  of  strake  width.  It 
is  greatly  reduced  by  strake  bleed  at  low  speeds,  but  bleed  effectiveness  deteriorates 
with  Mach  number  and  becomes  quite  small  at  supersonic  speeds. 

The  influence  of  strake  width  and  length  ahead  of  the  survey  plane  is  summarised 
in  Fig  13,  using  the  smallest  strake,  (planform  'B'),  as  reference.  In  terms  of  mean 
flow  angles,  the  shielding  effect  of  a  strake  appears  to  increase  with  strake  width,  but 
vary  little  with  strake  length. 

Sideslip  causes  considerable  changes  to  the  understrake  flowfield.  On  the  leeward 
side  (B  positive  in  Fig  14)  the  sine  of  the  understrake  vortex  increases,  the  region  of 
low  total  praosuro  expands  and  both  a.  and  B.  are  increased:  these  effects  are 
reversed  on  the  windward  side. 

5 . 3  Intake  performance 

5.3.1  Subsonic  speed 

Intake  performance  for  two  strake  geometries  both  with  and  without  strake  bleed  is 
shown  in  Fig  15  for  =  0.85  and  at  a  constant  throat  Mach  number  of  0.7.  Results  from 
isolated  intake  tests  provide  a  datum  with  which  to  compare  installed  intake  performance. 
Comparison  of  installed  and  isolated  intake  performance  at  the  same  conditions  of 
incidence  and  free-stream  Mach  number  show  the  effects  of  strake  shielding  whilst  com¬ 
parison  with  isolated  intake  performance  at  mean  local  flow  conditions  provides  a 
measure  of  performance  deviation  from  the  'ideal'  shielded  intake  performance. 

Pressure  recovery  can  be  improved  significantly  by  understrake  shielding  at 
incidences  beyond  that  at  which  the  isolated  intake  develops  total-pressure  losses  due 
to  lower  lip  separation,  but  pressure  recovery  is  highly  dependent  on  strake  geometry. 
Strake  bleed  improves  pressure  recovery  at  higher  incidences  in  all  cases  by  reducing 
the  extent  of  the  low  total-pressure  region  under  the  strake.  Also  pressure  recovery  is 

reduced  considerably  in  the  presence  of  longer  strakes  such  as  planform  'O',  relative  to 

that  for  the  shorter  strake  planform  'A',  owing  to  the  greater  extent  of  the  low  total- 

pressure  region  from  the  understrake  vortex.  Fall-off  in  pressure  recovery  for  shielded 

configurations  where  improvements  over  the  isolated  intake  are  found  occurs  with  the 
onset  of  lower  lip  separation.  The  local  incidence  at  which  this  occurs  agrees  well 
with  the  free-stream  incidence  at  which  separation  is  detected  for  the  isolated  intake. 


With  ths  uccption  of  ths  long  strait*  configurations  at  zsro  and  moderate  negative 
incidence  (where  -DC60  values  are  increased  due  to  a  local  boundary-layer  effect  and 
vortex  ingestion  respectively)  distortion  level  is  controlled  by  the  same  lip  separations 
and  low  total-pressure  ingestion  as  pressure  recovery.  Consequently  distortion  level  is 
generally  low  where  pressure  recovery  is  high  and  vice  versa.  However,  the  overall 
effects  of  the  lip  separations  and  low  total-pressure  ingestion  are  much  greater  on 
distortion  than  on  pressure  recovery  and  consequently  at  higher  incidences  the  distortion 
level  of  the  installed  intake  is  higher  than  that  of  the  isolated  intake.  On  the  other 
hand,  unsteady  pressure  level,  which  for  the  isolated  intake  increased  rapidly  beyond  16° 
of  incidence,  remains  low  up  to  the  highest  incidences  considered  in  the  tests. 

5.3.2  Supersonic  speeds 

Intake  performance  at  near-critical  mass  flow  conditions  is  shown  in  Fig  16  for 
Mach  numbers  of  1.4  and  l.S. 


Results  are  more  highly  dependent  on  strake  geometry  than  at  subsonic  speeds  and 
strake  bleed  has  only  a  small  effect.  Intake  performance  for  configurations  with  the 
long  strakes  'O'  is  inferior  at  nearly  all  incidences  to  that  for  configurations  with 
the  short  strakes  'A' . 


At  positive  incidence -pressure  recovery  is  increased  considerably  relative  to  the 
isolated  intake,  mainly  due  to  reduced  local  Mach  number.  All  configurations  show  losses 
in  pressure  recovery  and  large  increases  in  distortion  level  at  negative  incidence  due  to 
vortex  ingestion.  Large  pressure  recovery  losses  and  corresponding  increases  in  distor¬ 
tion  level  are  evident  near  zero  incidence  for  the  long-strake  configurations,  due  to  the 
understrake  boundary- layer  diverter  being  too  thin  to  cope  with  the  thicker  boundary 
layer  on  the  longer  strakes.  Similar  effects  are  evident  at  incidences  above  8°,  due  to 
ingestion  of  some  of  the  low  total-pressure  region.  At  Mach  numbers  in  excess  of  1.4, 
pressure  recovery  for  short  strake  configurations  is  noticeably  higher  than  that  which  iB 
predicted  from  isolated  intake  results  at  local  flow  conditions. 


Distortion  level  at  H.  »  1.4  for  short  strake  configurations  is  comparable  with 
isolated  intake  values  up  to  about  7°  of  incidence,  above  which  the  shielded  configura¬ 
tions  show  reduced  distortion  level.  At  Mach  numbers  above  1.4  distortion  levels  at  low 
positive  incidence  are  much  greater  than  the  values  found  for  the  isolated  intake,  but 
fall  steadily  with  increasing  incidence  to  near  the  isolated  intake  values  at  the  high¬ 
est  incidences  considered.  The  reason  for  the  observed  behaviour  of  pressure  recovery 
and  distortion  level  is  basically  the  same  as  was  illustrated  for  the  underfuselage 
I  intake  in  Fig  8.  However,  in  this  case  the  normal  shock  is  now  interacting  with  both  the 

fuselage  and  strake  boundary  layers  leading  to  the  shock  configuration  shown  in  Fig  17. 
Most  of  the  intake  capture  plane  is  covered  by  a  two-shock  system,  except  for  a  small 
triangular  region  near  the  outboard  lower  corner  where  the  flow  is  compressed  only  by  the 
normal  shock.  The  sudden  decrease  in  total  pressure  ^ver  this  region  gives  rise  to  the 
large  -DC60  values  at  low  incidence.  These  values  reduce  at  higher  incidences  as  this 
i  region  disappears  as  local  Mach  number  decreases  and  the  whole  intake  becomes  immersed 

within  the  oblique  shock  waves. 


Unsteady  pressure  levels  are  always  increased  over  those  of  the  isolated  intake  but 
normally  lie  within  acceptable  levels.  The  only  exception  is  the  long  strake  planform 
'O'  at  the  higher  Mach  number,  where  considerable  dynamic  activity  occurs  at  all 
incidences  other  than  <i°. 

5.3.3  Intake  performance  in  sideslip 

Excursions  to  moderate  angles  of  sideslip  affects  intake  performance  only  on  the 
leeward  side.  Fig  18  illustrates  that  losses  in  pressure  recovery  and  increases  in  both 
steady  state  distortion  and  unsteady  pressure  level  occur  beyond  a  certain  sideslip 
angle.  These  effects  are  greatest  ai  supersonic  speeds,  where  they  are  sign  iicant 
beyond  sideslip  angles  of  2°  for  short  strakes  and  at  even  lower  angles  for  long  strakes. 
Behaviour  is  similar  at  subsonic  speeds,  but  a  higher  sideslip  angle  can  be  tolerated 
before  performance  deterioration  becomes  significant.  For  instance,  for  a  short  straked 
configuration  with  bleed,  significant  deterioration  does  not  occur  until  a  sideslip  angle 
of  5°  is  exceeded. 

Pressure  measurements  at  the  intake  throat  show  that  on  the  leeward  side  in  side¬ 
slip  large  amounts  of  air  can  be  ingested  from  the  enlarged  understrake  low  pressure 
region.  Also,  flow  surveys  show  that  local  flow  angles  increase  rapidly  on  the  leeward 


side  with  increasing  sideslip  angle,  (Fig  14),  so  that  local  incidence  values  greater 
than  model  incidence  can  be  present  at  moderate  sideslip  angles.  These  effects  lead  to 
the  situation  where  there  are  no  benefits  from  strake  shielding,  but  the  attendant  prob¬ 
lem  of  low-pressure  ingestion  remains. 

5.4  Concluding  remarks 

At  both  subsonic  and  supersonic  speeds  some  benefits  can  be  obtained  by  using  a 
strake  to  shield  an  intake  from  the  effects  of  incidence.  However,  the  results  are 
highly  configuration  dependent,  with  performance  depending  on  the  exact  nature  of  strake 
geometry,  boundary-layer  diverter  geometry,  and  strake-bleed  geometry.  Problems  lively 
to  arise  include  increased  distortion  at  higher  incidence  at  subsonic  speeds,  high  dis¬ 
tortion  at  low  incidence  at  supersonic  spoeds,  and  a  sensitivity  of  performance  of  the 
leeward  intake  to  sideslip. 
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The  present  work  suggests  ways  In  which  some  of  these  problems  may  be  overcome. 
Careful  tailoring  of  the  boundary-layer  diverter  geometry  (notably  thickening)  in 
conjunction  with  the  strake  bleed  system  is  likely  to  offer  performance  improvement  at 
high  incidence  and  in  sideslip  at  subsonic  speeds.  Good  performance  is  likely  to  be 
sustained  to  higher  incidences  by  shifting  thp  lower  cowl  lip  from  the  region  where  local 
flow  angles  are  greatest  and  shielding  is  at  a  minimum.  At  supersonic  speeds,  distortion 
levels  are  most  likely  to  be  improved  by  control  of  the  shock-wave  boundary-layer 
interaction  by  means  of  appropriate  splitter  plates,  and  these  may  be  aspirated  if 
required. 

6  THE  BENEFICIAL  EFFECT  OF  LIP  STAGGER 

6.1  KUchemann  and  Weber6  have  shown  that,  at  zero  incidence,  staggering  the  lips  of  an 
otherwise  symmetrical  two-dimensional  inlet  causes  increased  velocity  increments  on  the 
rear  lip  and  decreased  increments  on  the  forward  lip.  Hence  it  might  be  supposed  that 
lip  stagger  will  tend  to  increase  the  likelihood  of  flow  separation  on  the  rear  lip  under 
certain  conditions.  However,  it  was  considered  that  for  thin-iipped  intakes  these 
conditions  would  only  arise  near  zero  incidence  and  at  mass  flow  ratios  appreciably 
greater  than  unity,  whereas  at  more  normal  mass  flow  ratios,  the  incidence  shielding 
effect  of  the  forward  lip  on  the  rear  lip  was  likely  to  be  of  much  greater  importance.  To 
check  this  hypothesis,  some  calculations  wore  made  of  the  velocity  distribution  over  a 
simplified  two-dimensional  model  of  an  intake  in  incompressible  flow.  This  intake,  of 
1.25  contraction  ratio,  was  modelled  from  two  flat  plates  of  identical  thickness  and  with 
the  same  2:1  ratio  semi-elliptic  nose  shape.  The  calculations  were  made  using  a  modified 
version  of  a  panel  method  program  originally  intended  to  deal  with  multiple  aerofoils, 
and  covered  a  range  of  stagger  angles,  incidences  and  mass  flow  ratios.  Fig  19a  shows 
the  maximum  velocity  on  the  inside  of  the  lower  lip,  as  a  function  of  stagger  angle,  for 
incidences  of  0°,  10°  and  20°  and  mass  flow  ratios  of  0.6  and  1.0.  The  powerful  effect 
of  stagger  in  reducing  the  peak  velocity  on  the  lower  lip  at  high  incidence  is  very 
apparent  and,  in  accordance  with  the  original  assumption,  of  much  greater  significance 
than  the  slight  increase  in  peak  velocity  that  occurs  at  zero  incidence  when  MFR  ■  1.0. 
Even  quite  modest  stagger  angles  (around  20°)  produce  a  worthwhile  reduction  in  peak 
velocity  and,  at  the  other  extreme,  70°  of  stagger  would  give  almost  complete  incidence 
shielding  to  the  lower  lip  under  most  flight  conditions. 

It  should  be  added  that  this  benefit  is  not  gained  without  a  corresponding  penalty. 
Fig  19b  shows  the  maximum  velocity  on  the  outside  of  the  upper  lip  of  the  intake.  With 
increasing  stagger,  the  upper  lip  effectively  loses  the  shielding  effect  of  the  lower  £.nd 
the  peak  velocity  increases.  This  increase  In  peak  velocity  is  much  less  than  the 
reduction  which  occurs  on  the  lower  lip,  but  in  principle  it  could  lead  to  some  increase 
in  spillage  drag. 

6.2  The  above  analysis  suggests  that  the  maximum  benefit  from  lip  stagger  will  be 
obtained  by  using  a  larger  stagger  angle  (60°  or  more)  but,  for  initial  testing  of  the 
concept,  a  less  extreme  value  of  45°  was  selected.  Such  an  intake  (with  a  contraction 
ratio  of  1.25)  was  constructed  and  tested  on  Model  I  in  the  RAE  3  ft  x  3  ft  tunnel  and 
later,  at  higher  incidences,  in  the  ARA  8  ft  x  ')  ft  tunnel.  The  throat  dimensions  and 
duct  shape  between  throat  and  engine  face  were  the  same  as  for  the  tests  described  in 
section  3. 

The  results,  for  a  constant  throat  Mach  number  of  0.6,  are  summarised  in  Figs  20 
and  21.  At  M.  ■  0.9,  over  most  of  the  incidence  range  from  -4°  to  +30°,  the  performance 
is  equal  to  (or  very  slightly  better  than)  that  of  the  1.15  CR  intake  mounted  underneath 
the  fuselage.  Above  30°  incidence,  n  starts  to  fall-off  fairly  rapidly  and  -DC60 
increases.  However,  the  main  disadvantage  occurs  at  supersonic  speeds,  as  shown  by  the 
results  for  M„  ■  1.4.  At  incidences  greater  than  8°,  recovery  and  distortion  levels  are 
slightly  better  than  those  of  the  1.08  CR  intake  mounted  underneath  the  fuselage,  but.,  at 
lower  angles,  n  undergoes  a  steep  decline.  The  reason  for  this  is  almost  certainly  due 
to  a  shock  -  boundary-layer  interaction  on  the  inside  of  the  upper  lip  of  the  intake 
causing  a  major  separation  of  the  flow.  If  this  is  the  case,  it  should  be  curable  by 
using  a  suitable  design  of  boundary-layer  bleed. 

The  effect  of  sideslip  on  pressure  recovery  at  M„  »  0.9  is  shown  in  Fig  21.  The 
recovery  tends  to  fail  at  positive  sideslip  angles  (when  the  intake  is  on  the  leeward 
side  of  the  body) ,  the  effect  becoming  more  pronounced  with  increasing  incidence.  However 
this  problem  is  inherent  in  all  side-mounted  intake  arrangements  and  is  not  specific  to 
the  staggered  configuration.  Some  alleviation  should  be  possible  by  employing  a  thicker 
boundary- layer  diverter. 

6.3  In  general,  the  results  obtained  at  subsonic  speeds  from  these  preliminary  tests 
confirm  the  theoretical  predictions  that  lip  stagger  is  a  powerful  technique  for  improv¬ 
ing  intake  performance  at  high  incidence.  Provided  that  the  problem  of  fall-off  in 
pressure  recovery  at  low  incidence  at  supersonic  speeds  can  be  overcome  by  the  use  of  a 
suitable  boundary- layer  bleed  system,  it  is  concluded  that  it  should  be  possible  to 
design  a  side-mounted  staggered  lip  intake  that  will  closely  match  the  performance  of  an 
underfuselage  pitot  intake  installation  over  a  wide  range  of  speeds. 

7  CONCLUSIONS 

All  the  methods  of  improving  intake  performance  at  high  incidence  considered  in 
this  paper  -  lip  shaping,  inlet  shielding  and  lip  stagger  -  are  effective  to  some  extent. 
The  usefulness  of  lip  shaping  is  mainly  confined  to  subsonic  speeds,  where  considerable 


benefits  can  be  obtained  by  increasing  contraction  ratio ,  thickening  and  cambering  the 
lower  lip,  and  incorporating  a  lip  Blot.  However  such  modifications  can  incur  a  large 
supersonic  drag  penalty  and  a  contraction  ratio  between  1.15  and  1.20  is  likely  to  be 
near  optimum  for  a  pitot  intake  intended  to  cover  a  wide  speed  range. 

The  flowfield  under  a  strake  is  quite  complex  at  high  incidence,  but  a  considerable 
degree  of  incidence  shielding  can  be  achieved  by  an  intake  in  this  location.  The  best 
configuration  is  a  fairly  short  and  broad  strake  with  adequate  boundary layer  bleed  in 
the  strake-fuselage  junction,  and  such  an  arrangement  can  give  excellent  intake  perform¬ 
ance  at  subsonic  speeds.  The  main  problems  occur  at  higher  Mach  numbers,  due  to  inter¬ 
action  between  the  intake  shock  and  the  boundary  layers  on  both  the  fuselage  and  the 
underside  of  the  strake.  Considerable  detail  development  work  on  boundary-layer  diverters 
and  splitter  plates  is  likely  to  be  necessary  before  these  problems  can  be  satisfactorily 
overcome  in  a  practical  design.  As  with  all  side-mounted  intakes,  some  deterioration  of 
performance  is  to  be  expected  in  sideslip  when  the  intake  is  on  the  leeward  side  of  the 
body. 

The  underfuselage  intake  installation  is  attractive  aerodynamical ly,  and  intake 
performance  can  be  maintained  up  to  high  angles  of  incidence  and  over  a  wide  range  of 
sideslip  at  subsonic  speeds.  Shock  boundary-layer  interaction  problems  can  arise  at 
supersonic  Mach  numbers,  but  their  solution  should  prove  much  simpler  than  for  an  under- 
strake  intake.  Length  of  fuselage  ahead  of  the  intake  does  not  appear  to  be  very 
significant,  except  at  negative  incidences. 

The  concept  of  using  lip  stagger  to  provide  shielding  of  the  lower  lip  has  been 
demonstrated  and,  for  an  intake  with  a  moderate  degree  of  stagger,  incidence  performance 
at  subsonic  speeds  can  approach  that  of  an  under fuselage  intake  installation.  The  main 
problem  is  a  deterioration  of  pressure  recovery  at  low  incidence  at  supersonic  speeds, 
but  it  is  considered  that  this  should  be  curable  with  a  suitable  boundary- layer  bleed. 
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Fig.  1  The  three  intake  models  used  in  this  investigation 
(models  are  not  shown  to  same  scale) 
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Fig.  19  Theoretical  peak  velocities  on  lips  of  a  2 -dimensional 
staggered  intake,  CR  =  1-25 


Fig.  20  Comparison  of  infernal  performance  of  45°  staggered  and 
underbody  intakes,  Hth  =  0*6 
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SUMMARY 

Projected  enhancements  to  the  operational  capabilities  of  future  military  aircraft  present  designers 
with  challenging  aerodynamic  and  structural  problems.  An  early  indication  of  installation  effectB  which  may 
compromise  engine  performance  or  stability  can  reduce  both  design  and  subsequent  development  costs, 

Theoretical  and  experimental  techniques  have  been  developed  at  NOTE  to  quantify  these  effects  and  thus 
contribute  to  the  optimisation  of  installed  powerplant  performance. 

The  development  of  a  computational  method  suitable  for  predicting  the  three-dimensional  flows  within 
the  diffuser  sections  of  aircraft  intakes  is  described.  The  Paper  discusses  a  novel,  fast,  math  for  auto¬ 
matic  grid-generation,  applicable  to  ducts  of  any  smoothly  varying  cross-sectional  shape.  The  development 
of  a  finite-volume,  time-marching  method  for  solving  the  flow  equations  is  also  described.  The  validity  of 
the  chosen  techniques  is  discussed  in  the  light  of  comparisons  with  analytical  and  empirical  results. 

Whilst  the  theoretical  methods  are  beginning  to  yield  useful  results  in  predicting  steady,  quasi- 
inviscid  duct  flows,  empirical  techniques  have  been  developed  to  examine  flows  in  which  viscous  or  time- 
variant  effects  arc  dominant.  A  rotating  yaw  meter  raku  has  been  developed  at  NGTE  to  undertake  detailed 
flow  surveys  at  the  exit  of  model  diffuaers.  and  results  may  bo  obtained  from  testB  both  in  isolation  and  in 
the  presence  of  a  compressor.  The  develop!"  ut  of  instrumentation  und  data  processing  facilities  for  measuring 
instantaneous  engine  face  total  pressure  distortion  in  small  scale  models  is  also  described,  together  with  the 
validation  of  this  technique  hy  comparison  \.ith  results  from  a  full-size  rpplicn  of  the  intake  tested  under 
free-jel  conditions. 


I .  INTRODUCTION 

The  tactical  and  strategic  specifications  for  military  aircraft,  and  proposed  enhancements  for  future 
projects,  have  progressively  increased  the  performance  required  of  both  airframe  and  powerplant.  Extensions 
to  the  flight  envelope,  and  increased  agility  within  that  envelope,  have  presented  the  designer  with 
challenging  aerodynamic  and  structural  problems.  In  particular,  extremes  of  speed  and  attitude  have  extended 
the  range  of  operation  over  which  powerplant  intakes  are  required  to  perform  compatibly  with  the  engine. 

An  early  indication  of  installation  effects  which  may  compromise  engine  performance  or  stability  is  thus  a 
necessary  part  of  design,  development  and  improvement  phases.  Both  theoretical  and  experimental  techniques 
have  therefore  been  developed  at  NGTE  to  quantify  these  effects  and  thus  contribute  to  the  optimisation  of 
installed  intake  performance. 

The  designs  for  most  aircraft  intake  systems  include  a  diffuser  section  which  decelerates  Clio  incoming 
air  from  high  subsonic  speeds  at  the  throat  to  a  Mach  number  of  0.4  to  0.5  at  the  engine  face.  Any  flow 
maldistributions  present  at  the  throat  will,  depending  on  the  design  of  this  diffuser,  be  accentuated, 
changed  or  attenuated  before  reaching  the  engine.  The  cross-sectional  shape  at  the  throat,  the  relative 
positions  of  inlet  and  engine  and  the  position  of  structural  features  fundamental  to  the  aLrcrnft  design  will 
all  be  constraints  on  how  this  diffusion  can  best  be  achieved. 


With  the  increasingly  high  costs  of  full-scale  testing  a  method  for  assessing  time-averaged  diffuser 
performance  during  the  design  phase  will  reduce  both  design  and  subsequent  development  costs.  At  NGTE  two 
approaches  to  this  problem  have  been  developed,  one  theoretical  the  other  experimental,  both  of  which  can 
be  applied  flexibly  and  relatively  cheaply  at  an  early  stage  of,  und  as  a  contribution  towards,  the  design 
process . 


Whilst  these  experimental  facilities  are  useful  for  establishing  the  time-averaged  sensitivity  of 
subsonic  diffuser  designs  to  flow  non-uniformities,  it  is  recognised  that  engine  stability  is  also  affected 
by  flow  distortions  persisting  for  only  about  one  engine  revolution.  Consequently  facilities  have  been 
developed  to  assess  the  levels  of  time-variant  flow  non-uniformity  likely  to  be  encountered  in  candidate 
intake  designs.  An  area  of  the  aircraft  operating  envelope  where  significant  non-uniform,  time-variant 
flows  are  likely  to  be  found  is  in  high  speed  supersonic  flight,  where  strong  shock  waves  are  present  ut 
diffuser  entry.  To  complement  the  time-averaged  diffuser  performance  measurements,  NGTE  has  therefore 
developed  facilities  for  the  supersonic  testing  of  both  full-size  and  scaled  intakes  equipped  with  dynamic 
pressure  measuring  instrumentation. 


the 


2. 


COMPUTATIONAL  FACILITIES 


A  theorccicul  approach  to  analysing  the  flow  in  diffusers  requires  a  scheme  for  solving  the  three- 
dimensional  compressible  flow  equations  within  ducts  of  any  smoothly  varying  cross-sectional  shape,  As 
enhanced  computing  facilities  and  imoroved  solution  algorithms  become  available,  increasingly  sophisticated 
flow  simulations  may  be  obtained  within  acceptable  time-scales*.  However,  whichever  calculation  method  is 
adopted  -  whether  finite-difference,  finite-volume  or  finite-element  -  the  basic  problem  of  how  to  model  the 
diffuser  boundary  accurately,  and  where  to  place  the  calculation  grid-points,  or  element  nodes,  within  this 
boundary,  must  first  be  solved. 
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Any  practical  diffuser  may  be  divided  up  by  a  series  of  cross-sectional  surfaces,  not  necessarily 
parallel,  and  its  geometry  specified  by  the  X,  Y,  Z  co-ordinates  of  several  points  around  the  perimeter  of 
each  cross-auction.  For  axial  boundary  fitting,  the  corresponding  boundary  points  on  each  cross-section 
may  be  joined  by  parametric  cubic  splines?.  The  problem  of  grid-generation  then  reduces  to  one  of 
establishing  a  reasonable  distribution  of  grid-points  on  each  of  these  arbitrarily  shaped  surfaces.  It  is 
possible  to  use  a  large  number  of  regularly  shaped  grid  elements  (Figure  1(a)),  and  thin  grid  enables  the 
flow  equations  to  be  solved  in  their  simplest  form,  but  with  complicated  boundary  conditions.  Alternatively, 
a  smaller  number  of  curvilinear  elements  may  be  used  to  form  a  piecewise  fit  to  the  boundary  (Figure  1(b)). 
The  resulting  flow  equations  are  now  more  complicated,  but  with  very  simple  boundary  conditions,  and  this 
approach,  with  the  boundary  accurately  represented,  is  to  be  preferred.  Since,  for  efficient  implementation 
of  the  flow  solution  algorithms,  there  must  also  be  an  ordered  numbering  of  the  grid-points  on  and  within 
the  boundary^,  the  best  method  of  fitting  the  boundary  may  be  considered  as  a  full  transformation  of  each 
cross-section  into  a  curvilinear  boundary  coincident  co-ordinate  syotem.  This  process  iB  illustrated  in 
Figure  2,  As  explained  by  Gordon  and  Hall?,  this  process  is  equivalent  to  the  solution  of  Laplace's 
equation  for  the  grid-point  co-ordinates  and,  although  computationally  expensive-*  an  automation  of  this 
process  has  baan  presented  by  Chu*.  This  work  has  been  extensively  developed  by  Thompson  et  al 
(eg  Reference  5)  and,  widely  used  for  external  flow  calculation,  it  appeared  to  have  potential  for  applica¬ 
tion  to  the  duct  flow  problem. 

A  summary  of  the  Thompson  method,  and  how  it  was  implemented  at  NGTE  is  given  in  Reference  6. 

However,  the  quality  of  the  grid-point  distribution  thus  obtained  proved  to  be  highly  dependent  upon  the 
uross-saotional  shape  of  the  duct,  requiring  considerable  user  interaction  with  the  computer  program  to 
achieve  a  satisfactory  distribution.  The  requirement  for  an  automatic  grid-generation  process  was  therefore 
not  satisfied,  and,  due  to  the  its'  .iti^-*  nature  of  the  solution  process,  computing  times  (on  the  ICL  1904S*) 
of  120  to  360  seconds  were  required  for  each  plane.  These  drawbacks,  of  quality  and  exponae,  appear  to  be 
similar  to  those  reported  by  Roberts  and  Forester?  whan  using  the  Thompson  grid-generation  method  for  their 
duct  flow  calculations. 

A  novel,  fully  automated,  method  of  grid-generation  was  therefore  developed  at  NGTE,  which  is  based 
on  an  analytical  rather  than  an  iterative  solution  to  Laplace's  equation.  A  full  description  of  the  method, 
including  all.  the  relevant  intermediate  calculations,  is  given  in  Reference  6,  but  the  basic  philosophy  may 
be  summarised  us  fellows. 

If  the  distribution  of  any  property  U,  specified  on  the  circumltrence  of  a  circle,  radius  R,  is  given 
by  u  function 


U  -  U(R,<jO 

and  if  tile  distribution  of  that  property  within  the  circle  u  -  u(r,6)  satinfies  Laplace's  equation 

V1  u  *  0 

then  a  solution  will  be  given  by  Poisson's  Integral  Formula  (see,  eg  Reference  8), 

2  it 
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R  -  2Rr  cos 
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Further,  if  th«  function  (1)  is  a  Fourier  series,  ic 

(t ( K , 4>)  "  a  +  ^  fn  cos  n$  +  b  sin  mf> ) 

0  n«i  '  ' 

then  an  analytical  solution  to  Equation  (3)  may  be  derived^  which  is  of  the  form 
u(r,0)  “  a0  +  ^  (an  cos  "0  4  bn  sin  n@^ 


....(I) 


....(2) 


....(3) 


....(4) 


....(5) 


In  practice,  since  U  is  only  specified  at  a  finite  number  of  points,  N,  the  Fourier  series  must  be  truncated 
to  terms  in  cos  kij>  and  sin  kf,  where  k  ■  N/2  if  N  is  even,  and  k  «  (N  -  I ) / 2  for  N  odd. 


Returning  to  the  grid-generation  problem,  if  U  is  the  X,  Y  or  L  co-ordinates  of  points 
duct  boundary,  then  the  co-ordinates  of  the  grid-pointr,  within  the  boundary  will  be  given  by 


around  the 


x(r,0) 


*i«r 


cos  nO  +  b  sin  n6 


and  similarly  for  y(r,0)  and  z(r,0).  The  parameters  r,0  refer  to  grid-points  within  a  generating  circle, 
whose  distribution  will  govern  the  distribution  of  physical  grid-points  within  the  duct  boundary.  A 
suggested  criterion  for  a  goon  distribution  of  grid-points  within  an  arbitrary  shape  is  chat,  the  grid 
elements  thus  generated  should  be  of  equal  area,  and  the  r,6  distribution  is  chosen  to  meet  this  criterion 
with  the  generating  circle.  The  grid  generated  within  a  circulr  boundary  by  this  method  is  shown  in 
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Figure  3.  It  it,  by  definition,  alio  the  distribution  of  grid-points  within  the  generating  circle,  and 
thus  illustrates  the  accuracy  of  the  method.  For  an  asynmetric  inlet  shape,  the  method  produces  the 
distribution  shown  in  Figure  4.  For  ail  shapes,  the  program  requires  no  user  intervention  to  modify  the 
generated  grid,  and  only  12  to  24  seconds  computing  time  per  plane.  Thus  a  fully  automated  technique  has 
been  programed  and  an  order-of-magnitude  saving  in  computer  time  has  been  demonstrated.  If,  later, 
boundary  layer  effects  are  to  be  modelled,  increased  grid  definition  close  to  the  duct  walls  may  be 
obtained  simply  by  reducing  the  r  increment  for  the  grid  lines  clone  to  the  boundary  of  the  generating 
circle . 


2.2  FLOW  CALCULATIONS 

The  solution  method  for  the  flow  equations  currently  adopted  at  NOTE  is  a  finite-volume  time-marching 
scheme,  originally  developed  by  Denton  for  blade-to-blade  flows  in  turbomachinery^ .  This  method  was  chosen 
mainly  for  its  simplicity  and  corresponding  computational  speed.  The  method  has  been  adapted  to  calculate 
the  flow  in  two-dimensional  and  axisymmetric  ducts  and  in  these  simplified  forms  the  stability  and  conver¬ 
gence  of  the  time-marching  process  has  been  thoroughly  investigated.  Informative  graphical  output  facilities 
have  also  been  developed  to  assist  with  the  analysis  of  results  from  the  flow  calculations.  The  grid- 
generation  program  and  the  full  3-P  finite-volume  time-marching  algorithms  have  been  linked  so  that  solutions 
to  the  three-dimensional  Euler  equations  for  compressible,  inviscid  flow  within  ducts  of  any  smoothly  varying 
cross-sectional  shape  (ie  any  practical  diffusers)  may  now  be  obtained.  A  form  of  presentation  similar  to 
that  used  for  experimental  results  (see  Section  3)  has  been  developed  to  assist  in  the  analysis  of  the 
calculated  flows.  An  important  feature  of  this  combined  geometry/flow  calculation  package  is  the  facility 
to  examine  quickly  and  easily  the  effect  of  changes  in  geometry  on  the  diffuser  exit  flow,  thus  enabling 
the  programs  to  be  employed  as  a  useful  part  of  the  design  process. 

Two  examples  of  some  preliminary  results  from  this  3-D  flow  <  ileulation  package  are  now  presented. 

A  theoretical  investigation  of  the  crcss-flow  genei -CtJ  vithin  a  curved,  square  cross-sectioned, 
duct,  based  on  the  secondary  flow  theory  of  Ref*',  ence  10,  has  demonstrated  that  if  the  duct  is  subjected  to 
a  non-uniform  axial  flow  at  inlet,  a  decree  of  circumferential  flow  will  be  generated  at  the  duct  exit.  A 
similar  geometry  was  investigated  using  tne  3-D  flow  calculation  package.  When  subjected  to  a  non-uniform 
total  pressure  distribution  at  inlet,  the  flow  at  exit  from  a  14°  bend  was  calculated  to  be  as  shown  in 
Figure  5.  With  the  current  size  of  computer  used  for  this  simulation,  a  very  coarse  grid  had  to  be  used, 
but  the  essential  features  of  the  secondary  flow  are  visible. 

A  general,  asymmetric,  S-bend  diffuser,  whose  geometry  is  illustrated  in  Figure  6  has  also  been 
examined.  A  feature  of  the  flow  calculation  method  is  that  the  development  of  the  flow  can  be  examined  at 
several  stations  along  the  duct,  as  illustrated  by  Figure  7,  showing  the  non-axial  components  of  the  flow 
about  2/3  of  the  way  along  the  duct.  Further  validation  of  the  flow  calculation  method  will  be  undertaken 

by  comparison  with  the  results  obtained  for  this  duct  using  the  experimental  facilities  described  below. 

3.  INTAKE  DIFFUSER  TESTING 

If  the  structural  or  operational  requirements  of  an  aircraft  do  not  allou  for  an  optimum  diffuser 
design  to  be  achieved,  a  degree  of  flow  maldistribution  may  have  to  be  tolerated.  However,  an  early 
assessment  of  the  engine  performance  penalties  thereby  incurred  may  be  obtained  <y  examining  the  effect  of 
the  diffuser  exit  flow  ou  a  compressor. 

Two  complementary  rigs  have  therefore  been  established  at  NGTE  for  assessing  the  performance  of 
aircraft  intake  diffusers.  A  diffuser,  scaled  to  30.5  cm  engine  face  diameter  and  constructed  accurately, 
cheaply  and  quickly  in  glass-fibre-reinforced  plastic,  may  be  connected  to  a  well-instrumented  2-stage 
transonic  fan  (described  in  Reference  II)  or  to  a  dummy  version  of  that  compressor.  This  dummy  compressor 

consists  of  a  duplicate  casing  and  a  representative  centre  body  only,  air  being  induced  through  the  rig  by 

an  ejectoi  system  well  downstream. 

The  primary  n»>  feature  of  both  rigs  is  a  rake  of  5-hole  yaw  meter  probes,  which  may  be  installed 
just  upstream  of  eilher  compressor,  to  measure  the  flow  delivered  by  a  diffuser  both  in  isolation  and  in 
the  presence  of  rotating  turbomachinery.  The  rake  is  shown  installed  in  the  compressor  in  Figure  8.  The 
large  dome  protruding  through  the  centre  of  the  rake  covers  the  Vibrometer  slip-ring  unit,  used  to  transmit 
blade  strain-gauge  signals.  It  can  also  be  seen  that  the  probes  on  adjacent  arms  of  the  yaw  meter  rake  are 
at  different  radii,  such  that  by  rotating  the  rake  (while  the  rig  is  running)  and  recording  data  at  equal 
increments,  a  complete  circumferential  picture  of  the  flow  at  the  centre  of  eight  equal-area  rings  may  be 
obtained. 

The  normal  compressor  face  time-averaged  total  pressure  distributions  may  be  established  but  in 
addition  the  static  pressure  distribution,  (and  hence,  if  required,  Mach  number)  as  well  as  the 
circumferential  and  radial  flow  angles  relative  to  each  probe  can  be  calculated.  Results  for  a  24-position 
(ie  7J°  increment)  test  run,  involving  less  than  one  hour's  running,  may  be  presented  graphically  as  shown 
in  Figure  9.  The  tail  of  each  arrow  indicates  the  position  to  whirh  the  data  apply,  the  direction  of  the 
flow  at  that  point  is  illustrated,  and  the  length  of  the  arrow  is  proportional  to  the  non-axial  flow  angle 
(see  scale).  The  radial  outflow  near  the  centre  is,  of  course,  due  to  the  bullet. 

4.  DYNAMIC  DISTORTION  TESTING 

This  section  of  the  Paper  reviews  those  facilities  equipped  with  dynamic  pressure  measuring 
instrumentation,  including  discussion  of  particular  problems  encountered  during  their  development.  It 
concludes  with  the  results  of  comparative  tests  performed  to  establish  that  time-variant  total  pressure 
distortion  measurements  made  in  the  model  test  facility,  with  models  of  about  1/10  full-size,  c?”  be  used 
to  predict  the  levels  likely  to  be  encountered  in  the  full-size  inlet  operating  at  the  same  conditions. 
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1  . 1 . *.f  DATA  ACQ0ISITIC* 

The  instrumentation  systems  used  at  NGTE  to  measure  and  record  the  engine  duct  total  pressure 
fluctuations  are  of  conventional  design12.  As  Figure  10  shows  the  signals  from  the  miniature  pressure 
transducers  are  conditioned  by  instrumentation  amplifiers  before  being  transmitted  by  land-line  to  a  42 
track  FM  magnetic  tape  recorder  in  a  central  data  recording  facility.  Although  normally  ac  coupled  during 
total  pressure  measurements,  the  instrumentation  can  be  dc  coupled  to  permit  calibration  of  the  system 
using  steady  reference  pressures.  Data  identification  is  obtained  by  recording  an  IRIG  B  standard  time- 
code  signal  on  one  of  the  magnetic  tape  tracks.  The  time-averaged  total  pressures  are  measured  separately 
using  probes  adjacent  to,  but  radially  displaced  from,  the  transducers  and  connected  by  long  lines  to  a 
scanning  valve  measurement  system. 

Experience  has  shown  that  in  the  test  facilities  at  NGTE  fine  debris  in  the  air  supply  require  the 
miniature  transducers  to  be  located  in  protective  mountings.  Designing  such  mountings  for  the  small  scale 
models  was  a  particular  problem  because  a  flat  frequency  response  was  required  up  to  about  2  kHz.  After 
an  evaluation  of  both  resonant  and  non-resonant  designs  the  method  adopted  as  most  practicable  was  the 
baffle  probe  arrangement  shown  in  Figure  11  which  could  be  fitted  over  the  2.3  mm  diameter  transducer.  By 
keeping  the  length  from  entry  to  transducer  less  than  7  mn  the  traditional  requirement  for  a  flat  response 
(ie  making  the  maximum  frequency  of  interest  less  than  1/5  of  the  fundamental  resonant  frequency)  was 
satisfied.  Calibration  on  a  phonic  wheel  rig  showed  that  up  to  the  scaled  cut-off  frequency  of  1 .8  kHz  the 
probe  response  was  flat  to  within  0.6  per  cent  (Figure  12),  the  maximum  deviation  occurring  at  that 
frequency.  In  many  hours  of  testing  using  these  mountings  no  transducer  failures  attributable  to  particle 
damage  have  occurred  and  regular  checks  have  not  shewn  any  blockage  of  the  mountings. 

4.2  DATA  ANALYSIS 


The  time-variant  inlet  distortion  data  are  analysed  using  either  a  computationally  slow,  but  ver¬ 
satile  suite  of  programs  on  an  ICL  1904  digital  computer  or,  at  rates  approaching  real  time  processing, 
with  an  analysis  package  based  on  an  EAL  Pacer  600  hybrid  computer.  The  all-digital  method  provides  the 
maximum  values  of  Rolls-Royce,  Pratt  and  Whitney  and  General  Electric  distortion  indices  occurring  in  the 
data  sample  and  plots  the  engine  face  contour  patterns  associated  with  Che  peak  values.  The  hybrid  method 
calculates  only  the  Rolls-Royce  index,  the  sector  distortion  coefficient  DCS.  DCS  is  the  difference 
between  the  average  engine  face  total  pressure  and  the  average  total  pressure  in  the  lowest  pressure  sector 
of  angle  6,  expressed  as  a  fraction  of  the  local  dynamic  head.  Depending  upon  the  program  used  by  the 
digital  part  of  the  machine,  the  hybrid  method  can  either  determine  the  peak  value  of  up  to  four  different 
sector  angle  parameters  at  one  pass  or,  by  treating  the  values  at  each  time  interval  as  samples  from  a 
population,  provide  n  detailed  statistical  analysis  of  one  sector  distortion  coefficient.  In  both  digital 
and  hybrid  methods  the  transducer  signals  are  filtered  to  attenuate  frequencies  corresponding  to  less  than 
one  engine  revolution. 


Although  more  than  two  orders  of  magnitude  faster  than  the  all-digital  method,  analysis  using  the 
hybrid  computer  is  inherently  less  accurate.  This  is  partly  a  reflection  of  the  lower  accuracy  of  the 
analogue  computation  used  to  weight  and  average  radially  the  transducer  signals,  but  also  due  to  the  less 
sophisticated,  but  computationally  faster,  curve  fitting  methods  used  in  the  digital  part  of  the  machine 
(Figure  13)  to  determine  the  extent  and  location  of  the  low  pressure  sector.  However  a  series  of  compar¬ 
ative  tests  performed  by  analysing  the  same  taped  records  with  both  systems  showed  that  in  practice  only 
small  differences  occurred  (Figure  14).  In  more  than  60  per  cent  of  the  cases  the  all-digital  and  hybrid 
values  of  DCO  agreed  within  5  per  cent  and  in  all  cases  were  within  10  per  cent  of  each  other.  The  hybrid 
method  was  therefore  adopted  as  the  principal  method  for  all  routine  analysis  of  time-variant  inlet  distor¬ 
tion  data  by  NGTE.  It  has  since  been  used  to  support  tests  of  isolated  intakes  both  at  full-size  and  as 
scale  models  in  the  NGTE  facilities  and  of  an  installed  intake  model  in  two  UK  wind  tunnels. 

When  analysing  full-size  inlet  data  using  the  hybrid  computer  the  magnetic  tape  is  usually  replayed 
at  1/8  of  the  speed  at  which  it  was  recorded.  This  permits  the  filtered  and  radially  averaged  signals  from 
the  analogue  computer  to  be  sampled  for  transfer  to  the  digital  machine  at  a  rate  at  least  five  times  the 
cut-off  frequency  of  the  'engine  speed'  filter,  whilst  simultaneously  satisfying  the  basic  machine  operating 
requirement  that  all  digital  computation  on  data  sampled  at  one  instant  is  completed  before  the  next  sample 
is  taken.  The  minimum  sampling  rate  is  necessary  to  prevent  significant  sampling  errors  being  incurred. 

As  Figure  IS,  the  results  of  an  analysis  of  two  test  conditions  at  various  sampling  rates  shows,  it  is  only 
when  the  sampling  rate  exceeds  about  twice  the  filter  cut-off  frequency  that  the  peak  value  observed  becomes 
relatively  insensitive  to  further  increases,  indicating  that  the  true  peak  value  is  being  approached. 

Analysis  of  model  intake  data  is  intrinsically  a  more  difficult  computational  task  than  analysing 
full-size  inlet  data,  although  the  mathematical  operations  are  similai.  The  reason  is  that  the  effective 
sampling  rate  at  the  analogue/digital  computer  interface  must  increase  in  direct  proportion  to  the  size 
reduction,  because  the  scaling  rules  for  inlet  turbulence' 3  require  the  cut-off  frequency  of  the  filter 
(used  to  condition  the  analogue  signals  prior  to  digitising)  to  be  increased  by  the  inverse  of  the  model 
fractional  scale  to  maintain  similitude.  Whilst  the  simplest  method  of  increasing  the  effective  sampling 
rate  was  to  reduce  the  tape  replay  speed,  using  the  same  digital  calculation  routines,  in  practice  the 
limiting  step-do* a  ratio  of  the  replay  unit  was  often  reached  first.  To  re-record  the  data  end  use  further 
time  expansion  » ould  introduce  unacceptable  errors.  The  solution  adopted  was  to  refine  the  digital  program, 
introduce  lower  level  program  languages  for  the  time-critical  routines,  and  thereby  minimise  "he  number  of 
operations  performed.  By  adopting  such  methods,  using  only  a  4-fold  increase  in  time  expansion,  data  from 
a  1/12  scale  model  of  an  installation  can  now  be  analysed,  whilst  maintaining  the  5/1  ratio  of  sampling 
rate  to  filter  cut-off  frequency,  assuming  a  maximum  LP  compressor  speed  of  12,000  rev/min. 

In  addition  to  being  able  to  analyse  measurements  made  in  models  of  different  scales  the  hybrid 
computer  package  can  also  accept  data  from  either  8  arm  or  12  arm  rake  configurations,  using  existing 
interchangeable  analogue  patch  panels  and  digital  software.  Although  the  rake  geometries  are  limited 
to  5  transducers/arm  and  3  transducers/arm  respectively  by  the  40  track  limit  of  the  tape  recorder,  less 
extensive  rakes  or  individual  failed  transducers  can  easily  be  dealt  with  without  the  need  for  repatching 
oi  manual  potentiometer  adjustments.  The  changes  are  made  through  the  software  rot  tines  in  the  digital 
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Teo«|>uterwhich  set  digitally  control  ltd  attenuator!  on  tha  analogue  machine.  The  routines  are  such  that 
when  a  failed  transducer  signal  is  eliminated  the  Weightings  on  remaining  signals  are  automatically 
readjusted.  The  hybrid  computer  is  thus  both  a  rapid  and  a  flexible  method  for  analysing  inlet  distort  ion 
data. 


MODFL  TO  FULL-SCALE  COMPARISONS 


Supersonic  powerplant  research  prograranes  at  NGTE  have  shown  that  an  adequate  simulation  of  time- 
averaged  intake  flow  properties  can  be  achieved  with  small  (*1/15)  scale  models  tested  in  small  facilities, 
provided  that  the  major  part  of  the  Reynolds  number  reduction  due  to  scaling  is  offset  by  increased  stagna¬ 
tion  pressures'^*.  When  powerplant  compatibility  requirements,  particularly  for  military  applications, 
began  to  demand  instantaneous  total  pressure  distortion  levels,  the  tests  reported  here  were  undertaken  to 
determine  the  feasibility  of  making  such  measurements  in  the  same  small  facilities.  The  source  of  full- 
scale  intake  data  for  the  comparison  was  a  test  programs  that  had  been  carried  out  on  a  2-D,  variable 
geometry,  external  compression  intake  with  a  long  curved  diffuser  in  Cell  4,  the  large  free-jet  test 
facility  at  NGTE.  The  Cell  4  facility  is  described  in  more  detail  in  a  recent  paper  by  Ashwood  and 
Philpot * 

Whilst  the  intake  model  was  a  1/9  scale  replica  of  the  Cell  4  duct  in  all  essential  aspects,  the 
amount  of  engine  duct  instrumentation  had  to  be  decreased  to  reduce  the  additional  blockage  that  resulted 
from  having  to  use  similar  size  transducers  in  both  full-size  and  model  intakes.  The  number  of  measurement 
points  was  reduced  from  five  to  three  per  rake  arm,  although  the  synnnetrical  8  arm  arrangement  was  retained 
to  preserve  the  circumferential  definition.  For  structural  reasons  the  model  rake  needed  a  centre  body, 
not  present  in  the  full-size  rake,  with  the  consequence  that  the  rake-plane  areas  were  not  equivalent.  To 
enable  the  measured  distortion  coefficients  to  be  compared  directly  the  full-scale  intake  values  have  been 
corrected  to  the  scaled  rake  plane  area,  using  one-dimensional  isentropxc  flow  theory  to  determine  the 
ratio  of  the  dynamic  heads.  The  other  main  features  of  the  data  acquisition  and  analysis  system  have 
already  been  described  in  the  previous  two  sections. 

The  model  was  tested  in  the  0.3  m  diameter,  high  pressure,  intake  test  rig  at  NGTE  with  jet  Mach 
numbers  of  1.8  and  2.2.  A  schematic  arrangement  of  the  facility  showing  the  interchangeable,  fixed  Mach 
number,  blowing  nozzles  and  the  model  mounted  on  its  pitching  frame  is  presented  in  Figure  16.  The 
comparison  data  were  obtained  by  setting  the  model  ramp  angle  and  incidence  to  the  appropriate  Cell  4  value 
and  making  measurements  at  a  series  of  choked  exit  positions,  to  obtain  data  at  a  rap™  of  duct  Mach  numbers 
that  bracketed  the  full-scale  intake  value.  In  general  only  one  dynamic  comparison  point  was  available  at 
any  one  combination  of  incidence  and  ramp  angle,  because  the  Cell  4  tests  had  usually  been  conducted  with 
the  intake  under  the  control  of  its  automatic  scheduling  system.  The  model  test  Reynolds  number  of  4  x  1 0s 
based  on  intake  capture  height  was  at  least  2/3  of  the  value  at  which  the  full-scale  intake  tests  were 
carried  out  and  was  also  double  the  value  at  which  Reynolds  number  effects  had  been  previously  observed  to 
produce  significant  changes'^. 

Before  the  model  and  full-scale  intake  time-variant  data  were  compared  it  was  necessary  to  establish 
that  there  was  adequate  agreement  between  the  time-averaged  measurements.  To  assist  in  making  the  comparison 
some  additional  full-scale  intake  results,  obtained  with  only  time-averaging  instrumentation,  have  been 
included.  Figure  17  shows  a  comparison  of  the  average  engine  duct  pressure  recoveries  at  the  critical 
operating  point  over  a  range  of  ramp  settings  for  both  test  Mach  numbers  at  one  incidence.  In  general  the 
agreement  was  good  with  the  difference  being  less  than  0.5  per  cent  of  the  free-stream  total  pressure.  On 
average  the  model  intake  recovery  was  slightly  higher  than  that  of  the  full-scale  intake,  but  this  was 
probably  due  to  the  fewer  measurement  points  in  the  model  rake,  rather  than  an  indication  of  significant 
differences  in  intake  performance. 

A  comparison  of  the  time-averaged  total  pressure  distortion  coefficients  at  similar  operating  points 
is  presented  in  Figure  18.  The  model  and  full-size  intake  distortion  levels  shown  are  those  observed  with 
the  intake  operating  near  the  critical  point  at  three  different  incidences,  for  a  range  of  ramp  settings. 
There  is  a  broad  level  of  agreement  between  the  results,  although  for  some  points  a  sizeable  difference  can 
be  observed.  To  determine  whether  the  discrepancy  in  the  time-averaged  distortion  levels  was  a  real  effect, 
or  merely  the  result  of  the  different  rake  configuration  in  the  two  intakes,  a  series  of  engine  face  total 
pressure  contour  plots  was  prepared,  of  which  Figure  19(a)  and  (b)  are  examples.  These  showed  that  even 
where  there  were  differences  in  distortion  levels,  the  range  of  recovery  levels  and  the  locations  of  the 
high  and  low  pressure  regions  were  usually  similar.  For  instance  in  Figure  19(a)  the  corresponding  full- 
scale  and  model  intake  DC  90  values  were  0.339  and  0.406  respectively.  Thus  it  was  concluded  that  the 
differences  in  distortion  coefficients  were  essentially  due  to  the  different  rake  configurations.  It  was 
therefore  reasonable  to  attempt  a  comparison  of  the  time-variant  data. 

The  two  parameters  used  in  the  comparison  were  the  average  rms  turbulence  levels  in  the  engine  ducts 
and  the  peak  values  of  the  instantaneous  sector  distortion  coefficient  DC  60  observed  in  equivalent  periods 
of  data  analysis,  with  the  intakes  operating  at  nominally  similar  steady  conditions.  In  all  cases  the 
transducer  signals  were  filtered  to  attenuate  frequencies  greater  than  200  Hz  in  the  full-scale  data,  or 
its  scaled  equivalent  in  the  case  of  the  model  signals. 

A  comparison  of  both  average  turbulence  and  peak  distortion  levels  over  an  intake  characteristic 
are  presented  in  Figure  20,  For  reference  purposes  the  average  intake  recovery  is  also  included,  all 
parameters  being  plotted  against  normalised  intake  mass  flow.  Both  model  and  full-scale  curves  showed  an 
increase  in  turbulence  and  distortion  levels  as  the  intake  became  super-critical  and  both  exhibited  the 
lowest  levels  of  distortion  near  the  critical  operating  point.  The  level  of  agreement  was  therefore 
considered  to  be  satisfactory. 

A  comparison  over  a  wider  range  of  conditions,  including  results  from  tests  at  extreme  attitudes 
and  with  the  intake  operating  off  the  normal  control  line,  showed  that  although  the  peak  distortion  levels 
were  generally  within  20  per  cent  agreement  (Figure  21)  larger  differences  were  observed  in  both  senses. 

The  discrepancies  were  however  not  significantly  greater  than  could  have  arisen  due  to  a  combination  of 
the  known  differences  between  the  model  and  the  full-scale  intakes  and  the  inevitable  errors  associated 


Identical  uuuriMnti  .  For  instance  difference*  of  ebout  20  per  cent  could  be 
expected  from  a  combination  of  (i)  the  inherent  errors  in  the  respective  measurement  and  the  calculation 
processes,  (ii)  the  effect  on  the  peak  value  of  fewer  measurement  points  in  the  model  rake  and,  (iii)  the 
inevitable  variation  between  extreme  values  in  different  samples,  even  when  taken  from  identical 
populations . 


The  indication  was  therefore  that  the  influence  of  additional  factors  which  could  produce  diff¬ 
erences,  such  as  the  redistribution  of  flow  imposed  by  the  model  rake  centre  body  or  the  discrepancies 
between  the  nominal  and  the  actual  intake  settings  at  similar  operating  conditions  was  relatively  small. 
Consequently,  within  the  limitations  imposed  by  the  physical  constraints  and  the  inherent  difficulty  of 
comparing  extreme  values  of  time-dependent  variable,  the  tests  were  considered  to  show  that  instantaneous 
inlet  distortion  measurements  were  practicable  in  the  small  test  facilities  at  NGTE.  Agreement  was  best 
at  the  lower  distortion  levels,  suggesting  that  the  models  would  provide  a  mqre  reliable  indication  of  the 
levels  at  normal  operating  conditions  than  at  extreme  ones.  However  since  high  levels  were  apparently 
over-estimated  the  potential  problem  areas  would  be  highlighted  and  not  hidden. 

5.  CONCLUSIONS 

Two  facilities,  one  theoretical  the  other  experimental,  have  been  developed  at  NGTE  for  assessing 
the  time-averaged  performance  of  the  diffuser  section  of  aircraft  powerplant  intakes.  The  current 
capabilities  of  both  approaches  to  analysing  the  essentially  three-dimensional  flows  arising  in  such  ducts 
have  been  presented  in  this  Paper.  As  part  of  the  finite-volume  time-marching  flow  calculation  package  of 
computer  programs,  a  novel,  fully-automated,  method  for  grid-generation  within  ducts  of  any  smoothly  varying 
cross-sectional  shape  has  been  developed.  An  order-of-magnitude  saving  in  computing  time  over  a  currently 
popular  method  has  been  demonstrated.  The  grid-generation  program  may  be  easily  extended  to  provide  any 
extra  geometry-dependent  information  required  for  other  flow  solution  methods.  It  is  suggested  that  the 
flexible  computational  approach  can  make  a  valuable  contribution  to  the  diffuser  design  process.  The 
usefulness  of  the  theoretical  approach  will  be  extended  as  new  algorithms  and  larger,  faster,  computing 
facilities  become  available.  Confirmatory  experimental  data  can  be  obtained  relatively  cheaply  and  quickly 
from  the  experimental  rigs,  and  can  also  give  an  early  indication  of  any  problems  which  may  subsequently 
arise  due  to  interaction  with  the  engine. 

Data  acquisition  and  analysis  facilities  for  model  and  full-Bcale  intakes,  equipped  with  dynamic 
pressure  measuring  instrumentation,  have  been  described.  By  comparing  the  time-averaged  and  time-variant 
results  from  both  model  and  full-scale  intake  tests  it  has  been  shown  that  instantaneous  inlet  distortion 
measurements  can  usefully  be  made  in  small  rcale  facilities  similar  to  those  currently  available  at  NGTE. 
This  will  permit  more  reliable  preliminary  evaluations  of  new  designs,  or  modifications  to  existing  inlets, 
to  be  made  whilst  maintaining  the  short  time-scales  and  low  running  coats  associated  with  small  facilities. 
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(b)  GENERAL  CURVILINEAR  GRID 


Fig.l  Fitting  a  calculation  grid  to  a  curved  boundary 
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Fig,  1 6  Schematic  arrangement  of  the  intake  test  rig 
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EFFECTS  OF  INTAKE  GEOMETRY  ON  CIRCULAR 


PITOT  INTAKE  PERFORMANCE  AT  ZERO  AND 
LOW  FORWARD  SPEEDS 


t'w'  Brown*31"  )  Aerospace,  Aircraft  Group,  Filton,  Bristol 

E.L.  Goldsmith  Royal  Ai. craft  Establishment ,  Clapham,  Bedford 


SUMMARY 


A  series  of  experiments  complementing  and  extending  the  work  of  Blackaby  and 
Watson  (NASA  1954  and  '55)  on  circular  cross-section  pitot  intukos  at  Mach  numbers  from 
0  to  0.21  and  angles  of  incidence  and  sideslip  from  0°  to  4°°  are  presented.  Measure¬ 
ments  wero  made  at  the  engino  face  of  72  pitot  pressures,  4  unsteady  pitot  pressures, 
swirl  angle  at  six  positions  and  boundary  layer  profiles  at  four  positions.  Static 
pressure  distribution  around  the  cowl  lips  and  along  the  diffusers  were  also  measured. 
Five  cowl  lips  covering  a  range  of  contraction  ratios  and  lip  shapes  were  tested  with 
both  a  straight  and  an  S  bend  diffuser.  The  effect  of  inserting  parallel  Bection 
spacers  between  the  cowl  lip  and  the  front  of  the  subsonic  diffuBor  and  between  the  end 
of  the  subsonic  diffuser  and  the  engine  face  instrumentation  and  the  effect  of  a  thin 
lip  slot  upstream  of  the  intake  throat  were  evaluated. 
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1  .  INTRODUCTION 

Interest  in  pitot  intakes  for  uno  in  highly  rnanoouvrablo  fighter  ulroruft  lor  flight 
at  Mach  numbors  from  noro  to  1  .8  prompted  a  programmo  of  both  low  and  high  spood  touts  on 
clroulur  section  pitot  intakes  at  inoidonco  up  to  40° .  Although  practical  aircraft  des¬ 
igns  of  intako  aro  soldom  of  simple  shupo,  choice  of  circular  crosn-rnctior.o  onubloo  sys¬ 
tematic  model  changes  to  bo  mudo  in  an  economical  mariner  and  for  measurements  to  bo  comp¬ 
ared  with  oxisting  thooretical  methods  of  prediction  for  both  the  inviscld  and  viscous 
flow  components.  A  later  sorios  of  tools  will  invostigato  changes  of  cross-section  shape 
from  the  entry  to  the  engino  faoo. 

Little  systematic  low  speed  pitot  intako  touting  has  boon  done  oince  the  1954-55 
work  of  Blackaby  and  Watson  and  the  lip  guomotrlon  chosen  have  some  foaturos  that  aro 

common  to  those  outod  in  rofs  1  and  P.  Thin  work  oxtonds  Blackaby  &  Watson  to  establish 
the  sonsitivity  of  Intake  performance  arid  compatibility  to  detailed  lip  douign  and  diff¬ 
user  geometry  particularly  at  high  throat  Mach  number  and  high  Incidence.  It  includos  an 
assessment  of  duct  offset,  u  si  bjoot  hithorto  not  studied  systematically . 

Measurements  lnoludo  a  limited  rasoooment  of  engine  faco  swirl  and  pitot  pressure 
fluctuation  reflecting  todays  awareness  of  the  importance  of  these  aspects  of  flow  quality 
to  intake-engine  compatibility.  More  comprohenni vo  measurements  are  planned  in  futuro 
test  phases. 


j  iijiuiiuiij. 


2.  DESCRIPTION  OF  THE  MODEL 


Figure  1  and  associated  table  shows  the  model  components.  Six  axi -symmetric  lips 
and  two  diffusers,  one  with  an  S  shaped  centre  line,  wore  available.  The  diffusers  have 
common  area  distribution  and  length  and  are  of  circular  cross  section.  Constant  section 
parallel  spacers  of  various  lengths  could  be  inserted  between  the  diffusers  and  the  cowl 
lips  and  between  the  diffusers  and  the  engine  face. 

2.1  Cowl  Lips 

The  values  of  contraction  ratio  were  chosen  to  provide  a  range  from  values  typical 
of  civil  aircraft  (CR  =  1 .25)  to  those  applicable  to  military  aircraft  and  to  coincide 
with  those  of  Blackaby  and  Watson  (CR  =  I.O78  and  1.177).  The  internal  lip  profile  from  _ 
the  highlight  to  the  throat  is  a  quarter  ellipse.  Inviscid  compressible  flow  calculations-' 
indicated  that  there  was  a  decrease  in  lip  surface  supervelocities  at  high  speed  conditions 
by  increasing  the  ellipse  ratio  (ratio  of  major  to  minor  axis)  from  2  to  5  and  that  for  a 
given  ellipse  ratio  the  lip  pressure  distribution  at  low  forward  speed  and  high  throat  Mach 
number  was  improved  but  the  high  speed  distribution  was  not  adversely  affected  by  adopt¬ 
ing  a  blunter  profile  than  an  ellipse  shape.  Thus  ellipse  ratios  of  2  and  5  were  designed 
for  the  1.078  contraction  ratio  (lip  2  and  1)  and  an  inner  profile  defined  by  a  'super¬ 
ellipse  1 : 


was  designed  for  the  contraction  ratio  1.177  (lip  6). 

The  Junction  between  the  cowl  lip  and  the  diffuser  or  spacer  was  always  at  the 
throat.  All  the  cowl  lips  had  external  profiles  defined  by  NACA  1-85-35  proportions  for 
at  least  one  throat  radius  aft  of  the  highlight  position. 

One  of  the  lips  (lip  3*1  )  was  provided  with  thin  slots.  These  had  a  total  flow  area 
of  10$  of  the  throat  area  and  because  of  the  requirement  for  inter-changeability  of  the 
lips  all  the  slot  area  was  located  ahead  of  the  throat.  High  speed  tests  on  a  rectang¬ 
ular  intake  with  a  similar  slot  indicated  a  small  beneficial,  effect  at  high  incidence  and 
no  adverse  effect  of  the  slot  at  supersonic  speeds.  A  standard  circular  arc  bellmouth 
entry  was  also  provided  and  tested  with  all  diffusers  and  entry  and  exit  parallel  section 
combinations  under  static  conditions.  For  all  lips  the  throat  diameter  was  128.8  mm. 
Pressure  tappings  were  located  on  the  inside  and  outside  surfaces  of  the  lip  along  four 
lines  (at  90°  intervals)  to  match  up  with  similar  tappingB  in  the  diffusers. 


2.2  Diffusers 


Both  diffusers  are  457.2  mm  long  (1/do  =  3)  and  have  an  area  ratio  of  1.400  (gross) 
or  1 .3074  (net)  reflecting  the  difference  due  to  the  engine  face  centrebody. 

The  wall  profile  of  the  straight  diffuser  is  defined  by 


dt 


de  -  dt 


o-?y  -  *  0-f)3 


For  the  S  bend  diffuser,  the  same  expression  is  used  but  x  is  measured  along  the  centre¬ 
line  and  d  is  measured  porpendiculur  to  the  centre  line. 


Tho  centre  line  is  defined  by 


I 

1 


Cf/1 

2 


1  -  cos 


■("  t) 


where  Op/1  =0.3  for  the  S  bend  diffuser  reported  in  this  paper. 


Pressure  tappings  are  located  along  four  generators  spaced  around  the  diffuser  at 
90°  intervals. 

2. 3  Spacers 

Several  cylindrical  extension  pieces  were  made  to  fit  the  front  or  the  rear  of  the 
diffusers.  These  allowed  either  the  throat  or  the  diffuser  to  be  lengthened  so  that  the 
lip  separation  region  had  a  constant  area  section  in  which  to  reattach  or  the  mixing 
process  in  the  subsonic  diffuser  more  nearly  to  be  completed.  This  permitted  ducts  upto 
a  total  length  of  1/de  ~  6  to  be  studied. 

2 . 4  Engine  Face  Metering  Section 

The  engine  face  diameter  of  152.4  mm  was  determined  by  the  compressed  air  supply 
available  to  drive  the  airflow  ojectors.  A  scaled  up  version  of  the  standard  RAE 
(Bedford)  flow  cell  4  which  has  boon  calibrated  to  allow  air  flow  to  be  measured  was 

used.  This  calibration  was  chocked  against  the  bellmouth  calibration  during  the  initial 
test ing. 
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Instrumentation  at  the  engine-face  is  shown  in  figure  2.  Twelve  radial  arms  at  30° 
intervals,  each  carry  six  pitot  tubes  radially  spaced  so  that  each  pitot  surveys  1/72  of 
the  engine  face  nett  area.  On  every  second  arm,  one  pitot  was  incorporated  into  a  3-hole 
yawmoter  head.  On  every  third  arm,  one  pitot  was  flanked  by  a  Kulite  pitot-type  sub-min¬ 
iature  pressure  transducer  (CQ  -  OoO  series  with  Boeing  screen),  to  measure  unsteady 
pressures . 

QTwelve  wall  static  tappings  were  fitted  midway  between  the  twelve  radial  arms  and 
at  6$  offset  from  each  horizontal  and  vertical  arm,  a  6-pitot  wall  boundary-layer  rake 
was  fitted. 

3.  TEST  CONDITIONS 

Pig  3  shows  the  model  mounted  in  the  low  speed  12ft  x  10ft  Wind  Tunnel  at  British 
Aerospace,  Pilton.  Air  was  drawn  through  the  model  by  an  ejector  pump  driven  by  comp¬ 
ressed  air.  This  ejector  also  acts  as  the  model  chassis  carrying  the  model  gravity  and 
aerodynamic  loads  to  the  tunnel  supports. 

The  capacity  of  the  ejector  is  such  that  it  was  possible  to  choke  the  flow  at  the 
inlet  throat.  The  test  technique  consisted  of  taking  prossure  recovery-mass  flow  charac¬ 
teristics  (typically  12  mass  flow  conditions)  at  fixed  tunnel  speed  and  angle  of  incidence 
or  sideslip. 

Table  I  shows  the  test  conditions. 


TABLE  I 


Nominal 

V 

m/sec 

Nominal 

M„ 

Reynolds  number  based  on 
intake  throat  diameter  dt 

0 

0 

0 

18.3 

o.osip 

1 .61  x  1 0  * 

36.6 

0.108 

3.23  x  10  8 

70.1 

0.207 

6.18  x  10  * 

At  a  mean  throat  Mach  number  of  0.6  the  Reynolds  number  based  on  mean  throat  cond¬ 
itions  is  1.^8  x  10*. 

Incidence  and  sideslip  angles  of  up  to  ip0°  were  tested. 

4.  DISCUSSION  OF  RESULTS 

At  low  forward  speeds  except  at  very  low  rates  of  flow  the  size  of  the  ingested 
streamtube  is  almost  always  larger  than  the  capture  streamtube  of  the  intake.  Under 
these  conditions  at  zero  angle  of  incidence  flow  separation  occurs  all  round  the  periphery 
of  the  lip  (Pig  l|(a))  and  the  majority  of  the  loss  in  total  pressure  that  is  measured  at 
the  engine  face  is  due  to  this  separation  followed  by  turbulent  mixing  of  the  flow  in  the 
diffuser.  As  angle  of  incidence  Increases  from  zero  this  separation  will  gradually  con¬ 
centrate  on  the  inside  of  the  lower  lip  and  will  occur  even  when  the  streamtube  size  is 
smaller  than  the  entry  size  (Pig  Ip ( b ) ) .  The  losses  measured  at  the  engine  face  will  be 
a  function  of: 

-  lip  shape 

-  contraction  ratio  Aen /^. 

-  the  size  of  the  streamtube  relative  to  the  capture  area  Am/xen 

lb  is  often  convenient  to  use  the  inverse  of  this  ratio  so  that  losses  measured 
at  static  conditions (Aen/^  =  OJcan  be  plotted 

-  the  Initial  Mach  number  at  the  beginning  of  the  diffuser.  This  is  non-uniform 
under  conditions  of  separation  but  is  conveniently  characterised  by  the  one 
dimensional  throaz  Mach  number  Mp  based  on  the  geometric  area  and  derived  from 
measurements  at  the  engine  face. 


the  geometry  of  the  subsonic  diffuser 
surface  area  and  diffuser  area  ratio 

angle  of  incidence 


i.e.  its  area  distribution,  shape,  wall 


Since  both  lip  geometry  and  diffuser  geometry  can  be  changed  on  this  model  it  is 
desirable  to  separate  those  losses  in  total  pressure  emanating  from  the  diffuser  from 
from  those  caused  by  the  cowl  lip.  Diffuser  losses  wore  obtained  from  tests  at  nomin¬ 
ally  zero  forward  speed  with  a  bellmouth  entry  fitted. 
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4.  DISCUSSION  OF  RESULTS  (Contd) 

At  a  given  throat  Mach  number  M^  the  losses  were  then  subtracted  from  the  losses 
measured  at  the  engine  face  at  the  same  value  of  Mfc  with  a  given  Dip  at  all  conditions  of 
forward  speed  and  incidence.  Thus  lip  loss  is  defined  as: 


for  lip  configuration 
at  zero  or  at  forward 
speed 


for  bellmouth  configur¬ 
ation  at  zero  forward 
speed  and  incidence 


The  lip  loss  defined  above  is  probably  better  described  as  a  lip  loss  plus  a  diff¬ 
user  interaction  loss. 

If  the  basic  diffuser  were  such  that  its  losses  were  higher  than  would  be  expected 
from  skin  friction  considerations  then  this  approach  would  be  an  oversimplification. 

Lip  loss  should  be  defined  with  reference  to  a  configuration  with  a  para-  .^1  pipe 
following  the  lip  rather  than  a  diffuser.  However  this  would  entail  repeating  the  experi¬ 
ments  with  a  reduced  size  engine  face  and  it  is  suspected  that  the  results  would  not  be 
significantly  different  from  those  derived  in  this  experiment. 

4 • 1  Effects  of  Transition  Fixing 

A  limited  number  of  tests  were  made  to  investigate  the  effects  of  transition  fixing 
on  lip  1  and  lip  4. 

The  transition  strip  used  was  lead-based  tape  with  a  serrated  leading  edge,  the 
tape  being  0.2  mm  thick  and  5  mm  wide. 

In  Figure  5  free  transition  is  compared  with  transition  on  the  highlight,  this  being 
the  position  which  was  found  to  have  the  largest  effect  on  the  intake  characteristics . 

For  lip  1 ,  fixing  transition  has  negligible  effect  o.i  DC&0  or  intake  recovery.  Lip 
4  shows  an  improvement  with  fixing  for  both  of  these  parameters  at  high  incidence,  but  the 
critical  incidence  is  not  changed. 

Changes  to  swirl  angle  and  to  root  mean  square  (rms)  pressure  level  at  the  engine 
face  were  negligible. 

It  was  concluded  that  transition  fixing  has  a  negligible  effect  for  low  contraction 
ratio  and  only  a  small  effect  at  high  contraction  ratios.  The  fitting  of  transition  strips 
compromises  the  geometry  of  the  lip  profile  confusing  comparisons  between  different  lips. 
For  these  reasons  all  subsequent  tests  were  transition  free. 

4 • 2  Effect  of  Contraction  Ratio 

The  prime  geometric  variable  that  affects  losses  and  flow  distribution  is  the  lip 
contraction  ratio.  As  will  be  seen  in  section  4>3»  for  low  speeds,  the  variation  within 
a  given  family  of  lip  shapes  for  a  given  contraction  ratio  is  small.  Thus  comparisons 
are  shown  (Fig  6)  at  zero  and  40°  incidence  between  contraction  ratios  of  1,078,  1.177 
and  1.25  that  have  ellipse  ratios  of  5>  5  and  2  respectively.  A3  can.  be  seen  lip  losses 
decrease  continuously  with  decrease  in  streamtube  size  (increase  in  A0n/A  )  at  zero 
incidence  as  would  be  expected.  However  at  4-0°  incidence  after  remaining^constant  or 
even  slightly  decreasing  from  the  level  of  the  losses  at  zero  forward  speed,  the  losses 
then  increase  rapidly  with  decrease  in  streamtube  size. 

The  incidence  at  which  this  change  in  trend  with  streamtube  size  is  illustrated  in 
Fig  7.  For  lip  shapes  1  and  3  at  a  throat  Mach  number  of  0.6  the  change  in  sign  of  losses 
versus  streamtube  size0(the  condition  at  which  losses  are  independent  of  streamtube  area) 
occurs  at  a  -■  27°  -  28  .  For  lip  shape  4  losses  are  much  smaller  and  there  is  virtually 
no  change  in  sign  of  losses  versus  streamtube  size  (except  at  very  low  values  of  A0I1/a  ); 
nevertheless  there  is  still  an  incidence  where  the  losses  are  independent  of  streamtube 
size . 

In  this  experiment,  at  low  values  of  throat  Mach  number,  this  increasing  loss  appears 
to  be  still  in  evidence  when  the  streamtube  size  is  less  than  the  entry  size  1  )  • 

Tests  at  higher  forward  speeds  (M«  =  0.3  -  1 .0)  at  high  incidence  are  needed  to  indicate 

the  exact  variation  of  this  important  trend  at  all  throat  Mach  numbers.  Some  tentative 
projections  are  available  at  a  =  30?  by  comparing  results  for  the  CR  1.177  lip  with  some 
from  an  isolated  rectangular  intake-3  with  approximately  the  same  contraction  ratio, 1.15 
at  Moo  =  0.6  and  0.9  (Fig  8(a)), 

The  alignment  of  low  and  high  speed  measurements  is  better  illustrated  by  plotting 
the  lip  loss  divided  by  the  throat  dynamic  pressure  versus  Mu/mj-  (fig  8(b)).  This  form 
of  collapse,  which  in  effect  combines  the  influence  of  streamtube  size  and  throat  Mach 
number,  is  useful  in  presenting  the  overall  performance  as  contraction  ratio  is  varied. 

At.  example  is  shown  at  zero  angle  of  incidence  in  Fig  9. 
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I4..2  Effect  of  Contraction  Ratio  (Contd) 

Engine  face  flow  distortion  coefficients  DCgo  are  shown  plotted  In  a  similar  manner 
to  the  losses  as  a  function  of  streamtube  size  and  throat  Mach  number  at  angles  of  incid¬ 
ence  of  0°  and  4.O0  in  Pig  10.  DC^g  is  mainly  dependent  upon  streamtube  size  and  independ¬ 
ent  of  throat  Mach  number  in  the  range  M^.  =  0.2  -  0.5.  Somewhat  lower  values  of  DCfro  occur 
for  throat  Mach  numbers  of  0.6  and  0.7  for  lips  1  and  3.  At  these  throat  Mach  numbers  the 
local  values  of  Mach  number  adjacent  to  the  cowl  lip  surface  are  supersonic  resulting  in 
turning  without  separation  or  perhaps  with  a  small  bubble  of  separated  flow  followed  by- 
shock  recompression.  This  will  not  be  followed  by  shock  induced  separation  if  the  Mach 
number  is  less  than  1 .3.  If  lip  losses  are  plotted  versus  M*  then  in  general  it  can  be 
seen  from  Fig  11  that  they  vary  linearly  for  lip  shape  1  but  for  lips  3  and  4  there^is  a 
sudden  change  of  slope.  In  general  the  magnitude  of  the  slope  of  the  loss  versus  M^. 
appear  to  correlate  roughly  with  the  variation  of  DCgo  with  throat  Mach  number  and  stream- 
tube  size.  Thus  for  lip  4  (CR  1.25)  the  higher  values  of  DC^q  at  M^  =  0.6  and  0.7  where 
the  streamtube  size  is  large,  are  associated  with  the  higher  slope  of  the  loss  curve 
(Pig  10  &  11).  Similarly  for  lip  3  (CR  1.177)  the  lower  slope  for  the  loss  curve  at  high 
throat  Mach  number  occurs  with  the  lower  values  of  DC^q  (Pig  10  &  11  ). 

4 . 3  Effect  of  Change  of  Lip  Profile 

The  effect  of  a  change  of  ellipse  ratio  from  2  to  5  is  wholly  beneficial  to  the  vel¬ 
ocity  distribution  on  the  inside  of  the  cowl  lip  at  high  flight  speeds  and  zero  incidence 
as  illustrated  in  Pig  12(a).  It  would  be  expected  that  there  is  some  penalty  to  be  paid 
in  reduced  performance  at  low  speeds  and  high  incidence  for  use  of  a  higher  fineness  ratio 
ellipse  as  shown  in  Fig  12(b)  for  CR  =  I.O78.  However,  as  can  be  seen  this  appears  to  be 
largely  confined  to  the  smaller  streamtube  size  and  more  particularly  at  higher  angles  of 
incidence  which  suggests  that  at  this  contraction  ratio  the  adverse  pressure  gradients 
around  the  lip  are  nearly  always  sufficiently  high  to  separate  the  boundary  layer  whatever 
the  shape  of  the  profile. 

At  zero  forward  speed  the  effect  of  making  the  lip  blunter  by  increasing  the  index 
of  the  ellipse  equation  from  2  to  2.4  reduces  the  calculated  maximum  supervelocity  and 
hence  the  adverse  pressure  gradient  substantially  as  shown  in  pig  13(a).  The  super  ell¬ 
ipse  is  disadvantageous  only  at  30°  incidence  at  the  highest  forward  speed. 


Obviously  the  effect  of  any  profile  change  for  a  given  contraction  ratio  is  going 
to  be  a  fairly  complex  function  of  streamtube  size  and  incidence  and  probably  requires 
both  high  speed  and  low  spaed  tests  to  define  properly  the  boundaries  between  separated 
and  unseparated  flow. 

4 . 4  Effect  of  Spacers  on  a  Straight  Duct 

Pull  results  over  a  range  of  forward  speeds  are  available  for  the  addition  of  an 
entry  spacar,  and  at  M«  -  0.21  for  an  exit  spacer.  As  with  the  lip  profile  change  the 
beneficial  effects  of  an  entry  spacer  are  largely  confined  to  losses  at  the  smaller 
streamtube  size  and  the  higher  angles  of  incidence  (pig  14)-  In  general  flow  distortions 
are  made  slightly  worse.  The  changes  with  exit  spacer  at  MA,s  0.21  have,  as  would  be  expe¬ 
cted,  a  negligible  effect  on  losses  but  substantially  reduce  flow  distortion  at  all 
incidences. 

4 • 5  Effect  of  a  Lip  Slot 

At  angles  of  incidence  above  30°  the  presence  of  a  lip  slot  (lip  3.1)  substantially 
reduces  losses  increasingly  as  streamtube  size  decreases  but  at  lower  incidences  the  red¬ 
uctions  are  small  (Pig  15).  In  contrast  the  effect  of  the  lip  slot  on  flow  distortion  is 
adverse  at  high  incidence  but  slightly  favourable  at  low  incidence.  The  limited  results 
at  M*=  0,21  show  that  the  effect  of  changing  from  a  straight  to  an  S  bend  diffuser  is  in 
general  favourable  to  flow  distortion  but  results  in  no  change  in  losses.  The  unsteady 
pressure  variations  tend  to  follow  the  variation  of  losses  with  streamtube  size  and  incid¬ 
ence  rather  than  the  DC^q  values. 

4 . 6  Effect  of  Offset  Diffuser 


Comprehensive  results  at  all  forward  speeds  and  angles  of  incidence  are  only  avail¬ 
able  for  the  S  bend  diffuser  fitted  with  an  exit  spacer  for  lip  shapes  3  and  4.  Thus  com¬ 
parisons  have  been  made  between  the  straight  diffuser  without  exit  spacer  and  the  S  bend 
diffuser  with  exit  spacer  with  the  addition  of  spot  points  at  M  =  0.21  for  the  straight 
diffuser  with  exit  spacer.  As  can  be  seen  in  Pig  16(a)  for  lip  3  the  major  effect  of  the 
S  bend  diffuser  both  on  losses  and  flow  distortion  is  at  large  streamtube  sizes  (static 
and  very  low  forward  speeds).  The  much  lower  flow  distortion  for  the  S  bend  diffuser  at 
smaller  streamtube  sizes  is  obviously  due  to  the  favourable  effect  of  the  exit  spacer  as 
illustrated  by  the  corresponding  results  for  the  straight  diffuser  with  exit  spacer. 

In  contrast  to  lip  3,  lor  lip  4  the  major  effect  on  losses  is  at  the  smaller  stream- 
tube  sizes  and  the  higher  angles  of  incidence  (Pig  16(b)). 
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4.6  Effect  of  Offset  Diffuser  (Contd) 

Plow  swirl  angle  (defined  as  positive  for  clockwise  rotation  looking  downstream), 
which  is  less  than  5°  for  all  the  configurations  discussed  so  far,  is  more  significant 
with  the  offset  duct.  Unsteady  pressure  rms  levels  also  are  somewhat  higher  for  the  off¬ 
set  duct. 

ip .7  Offset  Diffuser  at  Incidence  and  Sideslip 

Comparison  of  the  effects  of  incidence  and  sideslip  (Figure  17)  shows  that  the  S 
bend  intake  is  far  less  sensitive  to  a  given  magnitude  of  sideslip  than  to  the  same  value 
of  incidence.  The  Intake  represents  a  port  installation  on  a  fuselage  side.  Positive 
sideslip  (as  defined  for  these  tests)  means  that  the  relative  wind  is  from  the  port  side, 
and  in  effect  straightens  out  the  intake  aerodynamically .  The  effect  on  the  total  press¬ 
ure  contours  at  the  engine  face  is  illustrated  by  Figure  18„ 

4 . 8  Comparison  with  Blackaby  and  Watson  Results 

The  Blackaby  and  Watson  lip  shapes  had  the  same  contraction  ratios  of  1 .177  and 
I.O78  but  with  an  ellipse  ratio  of  3.6  and  they  had  a  small  forward  spacer  aft  of  the  lip 
and  before  the  start  of  the  conical  diffuser.  As  can  be  seen  in  Figure  19  at  zero  incid¬ 
ence,  the  agreement  between  the  two  results  is  very  close  for  the  CR  1.177  lip  and  also 
for  the  CR  I.O78  lip  at  the  higher  forward  speeds.  There  are  some  small  discrepancies  at 
and  near  static  conditions.  Agreement  in  the  variation  of  lip  loss  with  angle  of  incidence 
up  to  25°  is  again  very  good. 


4. 9  Maximum  Mass  Flow  and  Throat  Discharge  Coefficient 

The  measured  maximum  mass  flow  is  presented  as  a  throat  discharge  coefficient 
(defined  as  the  ratio  of  measured  maximum  mass  flow  to  ideal  calculated  mass  flow  based 
on  geometric  area).  Figure  20  shows  0,3  at  incidences  of  0  and  40°  as  a  function  of  free 
stream  Mach  number.  The  agreement  at  zero  incidence  with  tna  results  of  reference  1  is 
very  close. 

At  zero  forward  speed,  the  maximum  flow  is  also  presented  in  terms  of  Men,  the  moan 
Mach  number  at  the  highlight  plane.  Figure  21  shows  data  from  the  present  experiment  and 
from  references  6  to  11.  This  presentation  clearly  shows  two  regimes,  one  for  attached 
flow  (high  contraction  ratio),  where  the  flow  is  set  by  choking  in  the  throat,  and  one 
for  separated  flow  (low  contraction  ratio).  Here  the  limit  is  set  by  a  constant  value  of 
Men.  This  separated  flow  limit  has  been  found  to  be  mainly  a  function  of  M«o  with  minor 
corrections  for  incidence.  The  attached  flow  limit  is  largely  independent  of  forward 
speed. 


4*10  Engine  Faoe  Unsteady  Pressure  Measurements 

Unsteady  pressures  presented  in  the  proceeding  seotions  refer  to  the  maximum  rms 
value  of  the  four  engine  face  transducers.  In  fact  there  is  considerable  variation  of  rms 
level  around  the  engine  face  as  illustrated  in  Figure  22.  Examination  of  engine  face  total 
pressure  contours  showed  that  the  high  rms  pressures  appeared  to  be  measured  in  regions  of 
high  pressure  gradient.  This  por tulated  relationship  is  shown  in  Figure  23  where  the  rad¬ 
ial  pressure  gradient  is  taken  as  an  approximation  to  the  true  value. 

Data  from  all  four  transducers  over  the  full  incidence  range  are  plotted  for  both 
diffusers  with  lip  1 .  Unsteady  pressures  in  the  offset  diffuser  tend  to  be  higher  than 
those  in  the  straight  diffuser  at  a  given  radial  pressure  gradient,  which  indicates  that 
other  parameters  are  also  important.  Much  useful  work  remains  to  be  done  in  relating 
unsteady  pressures  to  steady  state  pressure  fields. 

Selected  data  points  have  been  analysed  to  produce  pressure  spectral  density  plots. 
This  analysis  was  made  with  averaged  samples  and  covers  a  frequency  range  from  0  to  5  KHz. 

Note  that  the  ordinate  of  a  pressure  spectral  density  plot  is  the  square  root  of 
that  for  a  power  spectral  density. 

Figure  24  shows  a  typical  result  for  all  four  transducers.  The  spectra  are  notice¬ 
ably  different  for  each  location.  Resonances  are  present  which  are  harmonics  of  the 
natural  frequency  of  the  complete  model  and  ejector  assembly. 

Figure  2JJ  shows  the  spectra  for  the  top  transducer  at  sevex'al  incidences.  Increas¬ 
ing  incidence  is  seen  to  produce  higher  harmonics  and  to  increase  the  peak  spectral  dens¬ 
ity  level.  This  suggests  an  edge  tone  mechanism.  Data  from  the  thicker  lips  show  less 
marked  resonances  and  fewer  harmonics,  as  would  be  expected  for  an  edge  tone. 

Since  the  data  obtained  contains  aerodynamic  resonances  specific  to  the  test  equip¬ 
ment  and  since  there  is  some  suspicion  that  rms  pressure  levels  are  related  to  local  total 
pressure  gradients,  there  are  obvious  pro m ems  in  applying  model  results  of  this  type  to 
a  full  scale  aircraft  configuration.  Thought  needs  to  be  given  on  now  to  correctly  rep¬ 
resent  the  boundary  condition  presented  by  an  engine. 
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Low  speed  tunnel  tests  on  a  family  of  inlet  geometries  have  been  reported.  Inlet 
total  pressure  loss  has  been  separated  into  lip  and  diffuser  contributions. 

Good  agreement  exists  between  measured  lip  losses  and  previously  published  data. 

'  Lip  losses  may  be  decreased  by  increasing  contraction  ratio,  fitting  a  lip  slot  or 
a  forward  spacer. 

Steady  state  flow  distortion  at  the  engine  face  is  decreased  by  increasing  lip 
contraction  ratio  or  by  fitting  an  aft  extension.  Forward  extensions  and  a  lip  slot  are 
loss  effective. 

For  the  S  duct  tested,  distortion  levels  are  set  by  the  diffuser  as  much  as  by 
incidence.  Sideslip,  however,  lessens  the  distortions. 

Flow  swirl  angles  at  the  engine  face  are  low  for  all  conditions  with  the  straight 
diffuser.  Higher  values  are  found  with  the  S  duct  ac  high  incidence. 

Engine  face  unsteady  total  pressures  are  related  to  local  pressure  gradients.  A 
forward  spacer  is  effective  in  reducing  rms  pressures. 

Pressure  spectra  at  the  engine  face  show  features  related  to  the  test  configuration 
which  would  give  difficulties  in  interpreting  the  results  for  an  aircraft  installation. 
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RESUME . - 

C  ;te  fttude  uxpftrimBntalo  nat  nnnunur'tfi.  A  1 1  Acciulnmnnt  dana  line  prise  d'air  bldlmanalonnalle 
BchfinLitlqua  on  grands  incldanca.  L'ficou  lament  amont  eat  nubocmiquB  ot  la  dfibit  Interne  nut  rftglablo. 

L'objoctif  dn  l'rttudo  not  oBnontiol  1  amont  1' axemen  dots  phAnomftnaa  uonnAoutlfo  aux  dAcollemuntB. 
un  pa’ticuliar  lo  rdhomogftnATnation  da  1 1 fioau lumen t  Interne. 

Unn  pnrtiu  do  1‘rttudo  a  oanalHtri  ft  tiiBter  un  diapnnitlf  d’amrt  11  oration  do  1  'hamogftnAfuntiun  i 
11  n'agi'.  d'une  trappo  du  ouu Fringe  natural  qul  pout  Atru  oomplfrtrte  par  une  fioupo  dootlnAo  ft  gulden 
l'ailr  ca|it(ji 

I.  'aupimt  global  dtt  1  'rtuoiilnmnnt  Interne  oat  I'ltudid  par  uondogun  diirm  diffAruntim  Huctlonu. 
L'analynu  dun  pliAhnmftneo  lrmtnUnnnnlre&  out  Faltn  ft  l'nldu  du  vlmiallootionu  ultro-roplduu.  Uuu 
vluualluatlonu  ulnutilautm  ponnnttont  du  noraratAi'innr  1  'Auuuluinont  moyun. 

I. 'implantation  d 1  unn  trappo  du  notiFflngu  amAllarn  trfte  nunHlblument  low  porCnnwinuuu  do  lo 
prtnu  d'rtlr.  l,«  i.onFrirliiph  do  Ji'ibll.  t  ut  lo  pruutiion  totnlu  iiiuyuiinu  p.  ou  nlvuou  du  uumpruuuuur 
Aunt  ummiiiOrftbluiiiont  augment  do. 

L'mlJunDtloii  tl'umi  Aiioim  dim  Undo  ft  guidur  J'ntr  vum  lo  futile  n'n  qii'tino  I'nlblu  Infliinnuu 
mu'  cr'  nt  p  au  niveau  du  numnrimmiur  i  molii  uliii  npportu  un  gain  apprridlahhi  on  uo  i|ui  uonourno  la 
iMipldltA  du  .1  1  luiiiiiigilhA tn.il. Inn  di:  1  '/Minuliiiiuinl.  Iid.nrnn. 


Mu,. _ In  ytutf ton  iirrai.i<Wt-iMaiteSlll  t  ■ . 


ta  1'iWiuI' 


i  -L'.rUjiito'iliii  ir'M'i  Bmi  i“»-Ai 


t  -  INTRODUCTION.  - 

Lea  av.iona  de  combat  futurs  seront  caractAriafia  A  la  fols  par  une  meilleure  manoeuvrability  et 
par  un  domalne  da  vol  plus  Atandu  que  pour  ceux  an  service  actuellBrnant .  Cela  va  ac  traduire  par  la 
conception  d'appareils  capablsa  d'6voluer  a  trAa  grande  incidence,  dans  des  conditiona  0C1  1 'ficoulement 
aubit  un  dAcollament  gAnAraiiaA.  II  eat  certain  que  pour  ce  type  d'avion.  lea  prises  d'air  doivsnt  faire 
l'objet  d'una  attention  toute  particuliArc . 

Le  rOle  de  la  priae  d'air  ast  do  fournir  au  moteur,  dans  toua  lea  cas  de  vol,  la  quantity  d'air 
n^Lassnire,  ot  ce  dans  lea  meilleures  conditions.  Dana  1b  plan  d'entrfia  du  compreaaeur,  la  pression 
d'arrflt  doit  Atro  la  plus  -forte  possible.  Gn  outre,  l’Acnulemont  doit  6tre  suff iaamment  uniforme  at 
permanent  pour  Avitar  le  dficrochage  du  uompresaeur.  II  faut  Sgalemant  oue  la  prise  d'air  interffre  le 
moina  poasible  oval  1 'avion  at  que  .la  resistance  de  captation  rests  A  un  niveau  acceptable.  Coci 
niSceBsito  do  pouvoir  ot.tAnuer,  si  non  supprimer,  les  nffets  du  dAcollement  qui  risque  de  ae  prcduiro  A 
l'entrfle  en  vol  a  grande  incidence, 

A 

Une  Atude  oxpArimnntale  de  ce  problfime  a  6td  meniie  a  1'I.M.F.L.,  aver,  le  soutien  du  la  D.R.E.T. 
sur  une  maquetto  de  priae  d'air  bibimeneionnelle  A  grande  incidence.  Nous  prAaentuna  dans  ce  qui  Buit 
certains  dea  rrtsultata  do  coa  Lraveux. 
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2  -  MOV a NS  D’ESSAIS.- 

Les  oauais  oe  nont  dAroulAu  duns  la  noufflorie  t.'-tnaaonlquo  do  l’l.M.G.L.  C'eut  une  petite 
soufflerie  A  retour  A  tone tionnomont  coritinu.  Lea  conditions  gAriAratririeu  sent  utmoophAriquea ,  Le  maintisn 
du  la  tumpAroturu  d'ari'St  eat  aasurA  par  un  Achanga  d'air  cvec  1  'uxtAriHur,  on  Lravera  d’un  dusaicatour. 

La  velna  d1  experience  eat  ruotanguioire,  du  nee  Lion  200  x  <10  mn/ ,  Leo  paroio  liautos  et  baasea 
uoriL  A  Funtuu  lungitudinaleu .  La  pormAabilitA  eat  voiaina  tiu  /  Ii, 

La  mnquettu  aai;  oonutltuAu  par  deux  plaques  parol  Idles  d  1  Acurtumunt  II  »  12  irtti,  d ' ollongamunt  0. 
Le  tiord  d'attaque  tJe  la  plaque  nupArluuro  uat  un  biruau  d'anglo  15®. 

La  plaque  inl'Arluurn  de  In  innquotte  eoinportn  deux  pnrtiun  •  mu'  fixu,  A  1'orriAro,  at  una 
nnioviblu  d  I'ovanfc  (t'ig.l).  Cet.tu  durniftru  out  ucmutiLuAn  unit  par  un  bnrd  d'attaque  pointu  iduntiquo 
(1  uulul  du  la  plaque  ouprtrJ.uiiro,  soil;  par  un  bord  arrondi,  oppulA  lAvru. 

Dim  eiinaiii  uni;  AtA  rAallnAn  nvuo  une  l.rnpim  do  noul’f lege  eil.urtn  h  10  u»n  du  bard  d'attoquu. 

I.o  largnur  tin  la  I'unt.o  uut  d'envirun  /  mm  et;  uen  angle  dn  pAnAI.r.it.ioa  ust  0  *  00", 

Unim  on  autre  mortage,  la  I'oetii  out  prAuAdiio  d'unu  Auopu  qui  pruleegu  (Umplumunl;  la  perui 
nrrtArn  du  la  I'unte  vuru  1'avant,  uur  une  hingenur  du  (1  mm. 

I'our  nuu  deux  durnlAruu  imiH'igmvitionu ,  mini  la  bord  d'lKtauuu  amiridi  u  AtA  utiliuA. 

La  mnuuuit.u  uomporl.n  iJoiix  orM'limn  du  prunuloii  « hu I;  1  que  perutin  uur  c.hequu  parol  IntAriuurw  aux 
aliuaiuuuu  X*  »  4  at;  X*  «  I).  Il'autruu  uril'iouu  uni;  (ltd  puroAn  «ur  la  lAvru,  Unu  priuu  iJinpusAn  A  1'intrt- 
t'luui'  du  la  I'untu  punnet;  du  dil  terminer  In  d  All  It  imp  I, A  par  uullu-e1. . 

Ireitt  pulgnun  de  huikIuii  iI'iutAI:  purmiitl.unt;  du  diHonnlunr  lu  prol'll  de  vlUinuu  inturno  meynimu 
aux  aliunieueu  I'Ailuit.uu  X*  «  1,  1.1  ill;  1,'i.  Ou  dumler  n'a  AtA  ulllluA  quu  |mur  lull  euuaiu  avue  I’untu. 

I.uii  duex  putgueu  nll.uCm  un  X*«  1  ul;  II  mini;  mmutltuAn  ear  V  mini, leu  ilnnl,  :i  mini.  ruuourtiAim 
A  1110"  pour  pnrmut  tru  I  'Aval  nation  de  la  vllunmi  dann  un  ilumaino  drtnollA.  Lu  pelgnu  un  X'*  1,'i  eumpurLu 
<1  nnnden  d'nrrrtt  nurmalnn,  II  nondim  d'nrrAt.  nuudilun  A  Kill*  ul;  2  mimluu  du  pruiininn  nl.al.liiue  rJI.iiAum  A 
1  mu  dun  |  nil'll  I  ii  t  11  piumiil  un  pal'll  null  ur  'in  dAt.unid  imp  la  part  du  dAlilt.  tnturnu  uapt.An  par  la  miiil.liiu 
il'untrAu. 


lu  illniiiiiill.il1  d'aiipl  f/i  1. 1  nr  i  uni.  rAallnA  du  manlAru  A  r.OUinlr  uur  nlinl.rual.loii  annul  I'allilu  qua 
IiuhhIIiIu,  Our.  I.iiyi'irnn  dn  riigulal.luii  Mil  dAlilt.  uapl.fi  mint  dlnpimrtua  untrn  la  muq.iul. I.n  ul.  la  pnmpu  d'aup.1  ral.lun 

I.uii  vlmial  luuUiuiu  aai.  ALA  I’all.uu  par  nl.rl  iiHniipl  u  el.  par  i  i.ul.i  rniiimp  l  n  A  I'aldii  un  iluux  tllupun  I  U  I'n  , 

l.u  n  I.  )■  1 1 1  •  I  ul  urrArniiHM.ru  Kill,  qui  purmul.  1  ubaurval.liin  du  1  'Aiumlun*  nl.  mnyun,  avue  dun  l.umpu  du 
pimu  de  2,'l  III” pal  axumplu  i  uul.  apparell  mil.  Agaliimunl.  AquIpA  il'iinu  uuiireu  Aulalr. 

'1 

Inn  "iilirnne I inipiui "  da  nniii m| 1 1. 1 < in  l.'i.L.  iiiimpimAun  du  '.M  miureiin  Ai.lalr  ill,  qui  purmul. Lent. 

1 1 '  i*i  I.iiiI  1  u  r  I  '  Avti !  ill.  Inn  du  pnAniimAnu  nil  I’liiieUiiii  dil  l.umpn  A  l'aldu  d'nIniurvaUniiii  par  umbriiuiiiipi  u  mi 
nl  i  liiiirapl  e  (  1 )  , 


I  111  rui.  II  an  dun  Kunlun  nliu.i ,  I  Indue  ul.  I  ui  d  u  1 1  ■  |i  inn  dn  I'll  nl  ul.Ai  u  du  la  (.alumni 
I  r m  I  1  lnl  I  i  unaii- A  I  luiuanil  du  Kunfiu  ri'.lieii  ik  'ial  nl.  d  mil  ii 
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Las  experiences  ont  4t,A  rfialisfies  dans  lea  conditions  auiventBB  : 

-  La  nombre  da  Mach  moyen  au  niveau  du  compresaeur  est  nominalement  compr-is  antra  0.3D  at  0,48. 
Mala  certains  esaais  ont  StA  faita  pour  dea  vateura  plua  foibles. 

-  A  l'incidencs  40°  noua  avons  teatA  laa  quatrB  maqucttes.  La  nombrQ  da  Mach  M.  B3t  alors  limits 
A  0,38  A  cause  da  1 'obstruction.  Les  differences  obaervAeB  entre  le  bord  d'attaque  pointu  et  la  JAvre  aont 
extrSmement  faibles  et  noua  ne  prSasnteronB  lea  rSaultats  que  pour  cett.a  derriiAre  configuration,  en  les 
comparant  A  ceux  obtenua  pour  la  fante  et  la  fante  avac  Scope.  La  relative  inefficacitS  do  la  lbvre  peut 
o'expliqusr  par  le  fait  que  pour  le  nombre  de  Reynolds  rSalisS,  le  dScollement  eat  laminaire.  II  ae  produit 
done  tr&a  prSa  du  point  d'arrflt,  avant  le  contournement  de  la  lftvre.  A  grand  nombre  de  Reynolds  on  ourait 
un  dScollement  turbulunt  plus  tardif  et  la  hauteur  de  la  bullB  serait  moindre. 

-  A  1 'incidence  20°  souls  3  modifies  ant  StS  utiliaSu  i  bord  d'attaque  pointu,  fonto  Bt  f onto 
avec  Scope,  Le  nombrs  de  Mach  Mq  Stait  de  0,00. 

II  ne  faut  paa  perdre  de  vue  qu'A  1 'incidence  gdnmbtrlque  rSa.'.iBSe  en  aoufflorio,  correspond  on 
atmoBph&ra  infinie  una  incidence  plus  importante,  male  qu'il  ,'ioua  eat  impossible  d'Svaluer. 


3  -  INCIDENCE  40°.- 


3.1  -  Evc.lution  do  l  'dixnilomont  interne. 

Les  prsaaions  mesurSes  dans  la  conduit,  pour  M.  .  0,40  aont  prSnantSeo  dana  le  tableau  ci 

deauous  rapportSea  A  la  preasion  critlqua  do  1 '  Suoulement  aiiiont . 


Configuration 

X1*-  1,8 

4 

8 

LCivro 

- 

0,  01/ 

I.V4U 

l.uvro  at  Cantu 

0,  ildtl 

1,(100 

1,142 

LAvre,  Hants  ut  litiopu 

0,034 

1,210 

1,220 

(Hu  vnluutii  raprSnimtuul:  In  mnynunu  tluti  muuuruu  sur  uhuuunu  dun  tluux  plaques  i  1 ' ilutirl.  par  rapport 
t\  la  moyoimu  unit  toujoui'H  infnriutir  t>  2 

On  nuimteitu  uru  rocsiiiipi  Hntiitm  antra  X  -  4  til:  X  «  M  i  In  uunilult  Jnuu  In  rrt.ln  il'un  dUTur-nur.  Out. 

uffot  uu.  nuttumunt  moihdl’o  on  prAnunou  cin  la  l.rappu  ut  il  dj  nparal  I.  lnmiu'nn  linplantu  .l'Scopoi. 

1,0  flguru  2  prAiHipt.fi!  Ion  rAnultnt.  du  noniingn  ttoua  1m  fV.rmu  pV/ft  K  function  tin  la  haiitmir 
I'rtUiiJla  i.*,  (In  pout  qo.ia tii tor  dann  la  plan  X*-  1,0  una  l.n'm  I'.irtn  dlttnymntriii  tin  1 ' AinMilnmuhli  duo  A  la 
pmilui  dn  ilAool  loiMsnt .  Cid.l.n  dl  aiiymAI.r.ln  uxlotii  tmijnin  r,  b  X*«  4  pnnr  lirn  nan  lftvru  timilu  ul.  lnvru  avm: 
liniLii  i  par  oontru  Hi  nan  Ifivm,  l'mil.n  dI.  limipn,  pi  'iiinr.t;n  ijAJA  line  lioiiir.>cAnAIiwit;itJn  prondiM  parl'aHn. 
hn  X*.  (I  la  liunnu  liimingi'anllliiatinn  unt  rAnlJnnu  dans  Him  train  nan.  Ln  cm  i;nl  uiimmiiiii  lu  ijiihll,,  Ja 
lUguru  mnntru  (|u'il  out  pluii  grand  qiiand  J.1  oxlutu  nne  loin, a  i  iins  l'Anopn  apinirtin  pnu  do  moilJ  I'luatinniji , 

I'mir  inn  uimaln  avau  trappcii  In  polgnu  planA  an  X*«  i,  ■•mwol  dn  dAUiiniliuii'  la  cJAhll.  oapta'i 
par  la  nuutton  d'entrAni  I’ar  aillmira,  la  iiruunimi  inunurau  A  la  r.uitn  rnunill.  nnu  ('valuation  ilu  dill  til 
paniiant  par  in  Inappa.  La  noiimiti  (In  .■"«  iirthlta  iluvrai  t.  Atm  Ag I h  a  •mIiiI  ilrtl.nrin.lnA  un  4  at.  X 11  ■ 

Lola  n'nal,  |i<m  l.uiijonr'i  vArll’lA  f|n  m/mllirn  nai  l  a I'al nanl.a  a  eu.iuii  prnhnli Iniraml.  dun  ul'f'el.n  l.iirll.miinii  Innnnln , 
(Iiim  urfutti  mini;  Agnlumnnt  la  iinuiiu  ilu  1‘Atiarl.  almarvA  unl.ru  In  ilAh.lt  antilrA  pnr  Inn  tuySruH  iln  rAi'.nla 
1 1  on  ul.  uului  nbl.unn  |i‘ir  I utAgral.tnn  dainl  lu  plan  iiiAdlan  tin  uiindnll., 

Iln  qi.mnlnl.il  (|ua  la  f'tinl.ti  Joan  un  iVlIu  pi  Inr.ldlal  dann  )n  iihAnninf'mi  dn  '.'nptnl.inii,  Il'ajirA  Inn 

mindantin,  la  plun  grandu  partta  dn  tlAld  I.  Ii.l.urnn  panna  pm  la  iimli.-,  il  piml.  an. win',  lupiiduu  In  drtlilt 

out  I'alhlu,  1 1 1 hi  1'appiirt  ilu  I'uiitrAu  d'air  anil.  |iral.|.|iiiiiiinnl  mil. 

Mur  la  fJi'nrii  I  qul  rnprAMMidu  I ' Ai'iiuloir.aiil  ii.nyun  d.inu  In  nan  da  In  lt.inl.ti,  1 1  lii'pot'l.niii.n  prli.ui 
par  lu  dAmil  Jimmnl.  A  I'un'.inn  l  i:i  1 1  ■  |.  k,i  hftm  aun  ).■,  funlu  jnnn  la  rAlu  nrlnnlpal  ilnnn  la  t:aplal  lull.  II  ran'. 
nnl.ur  1 1 1 1 u  In  Jnl,  pAnAtrn  A  I  '  I  iil.iirlimi  Pn  1  n nulu I '  m/m.  un  nugHi  iinpAt  ltiiii  A  0  tit:  aiil'ln  du‘'inn  I  ni|iu  l  l.tinl  n 
liullu  du  ilAnu  1  lumunl  uxlnl.e  an  aval  /In  la  fnnlt  . 


dn  iinltuil  appi'i'i  liA  illmpla  innd  i.tin  lilt  .lirminu  In  ly/il.r1  ul,  In  nil  lull'll)  “i  I  'uid'.pAti  mint  tnuu 
iluux  m  in  1 1  |i  nJti .  Ilnnn  i:u  qul  null,  lun  tt /"«.in  I  nc  >iur  1 1  gnAn  ilfmlgnnnt  nun  (iranduuin  rtindntm  Mann  illiminiilnu 
A  1'aldu  dun  valour?,  n;  1 1  Idut'H  du  l  'Aiiuulumsini  ivmiiI  Iflg.  4i,  |  Mnillm.'  ii  hm  i  a  ipnil.ii  A  I  ’  Ai.nu  Imnuid. 

A  I'aliHiilunn  ilu  nn  I  mad  due,  ul'  un  ilulmrs  dn  cdIuImI.  In  i'Iihb'ii'ii  mi  funlu,  la  vll.tinnn  inuyi'.uun  V  unt 
nullu.  I  u  pi'iiiiunr  i)  du  In  I'unUi,  U  uxjnie'  nn  tiClul  t< '  In.luutlnn, 


In  f  eluant.  I  ’  hyiinUifun  non  la  prinnu  Inn  n  mil.  ngnlu  A  I,  un  uliUunl.  i 


y  a  »  f  ( *  * . r  *  Jin  *  * 

V  '  'T 


•  vHtnmi0|ss»n  yew 

Yu-,,, 


*  ,**»»+*  i  w+H* m  i  n 


777  <*-*)  *  * 


A  -  /? 


Par  diileura  on  a 


m  -Izl 


z  z 

CansidArons  la3  ossais  prrtsentrts  sur  la  figure  2.  Drtsignons  par  q  at  rospoutivomont  las 

dibits  passant:  par  1'antrAo  d'oir  nt  la  fonto.  Dana  In  cas  do  la  fonto  soulo/’  1q3  sondages  on  X  ■  0 
at  X*- 1 , 'i_iionnent  0“  *  0,71,  q.  »  0,3!)t]  nt  q„  *  D,G1q,  tandis  qiiB  In  coloui  effectual  h  partir  das  valours 
do  p  nt  V  niesurrtos  on  X*«  (1  conduit  4  C  -  0.74,  q  ■  0,37q  ,  q_  "  0,63q  ot  A  =r  0,006  ,  V  1 1  0,12. 


_Pnur  lu  cas  fonto  avoc  rtcopn,  an  obtiont  par  lo  calciil  I T  •  0,00  ,  q)rft 
V  ar  0,10  ,  tandis  quo  1 ' oxpfirionco  donnntf"  «  0,0!)  ,  q  *  0,31q  ot  q^ 
fournissnnt  pour  A  la  valour  approchfie  0.11. 


(J.li'Jq  ,  q  -  0,B1q  °  A  it  0,12  at 
0,G!)q.  Lob  sondagoa  on  X  “  1  ,5 


Cos  rolations  pormottont:  done,  par  dos  mosuros  dans  uno  aeulo  section,  d'avoir  uno  estimation 
corroctn  du  la  fapon  dont  loa  urtbits  so  rrtpartloaont  oritro  I’ontrou  d'air  propromont  dito  ot  la  fonto . 

EUbs  muttant  Bn  ividonen  la  rfllu  inductour  Jourt  par  la  fonto  on  on  qul  onnnnrnu  lo  debit  dans  lo  plan 
d'ontrrlo.  Cn  offet,  loa  valours  trouvrtoii  prAcAdommont,  A  “  O.OtHi  et  V  »  0,12  conduisont  4  une  valaur 
rlu  dibit  entruinA  rtgalo  ft  20  du  dibit  tutal .  Mala  nous  avona  remar'qSi  qu'en  abuonca  do  la  fente,  lo 
calcul  prfiefident  eat  nnttomont  mnins  aatisfaiaant . 

Loraquo  lo  dibit  intorno  out.  faiblo,  lo  ool  n'ant  pas  ainorcfi  ot  lo  bord  d'attaquo  superJ.our 
no  trnuvo  dona  la  zone  do  mrilangn  issuo  du  bord  d'attaquo  infirisur.  Alors,  1'ontrrto  d'air  n'oat  pas 
ulimnntAo  on  ponnanonoo  h  nauno  rl'un  bnttnment  do  lo  zono  do  indlango,  lo  bord  d'attaquo  aupiSrieur  so 
truuvanl.  tant.Ot  A  I 'Intrtriour  do  ootto  zono,  tantflt  au-do3Qim.  bo  phrtnnm&nn  donne  naissanca  A  dos  ondos 
ncniinttquuB  intoitnon  parfaitomont  vi  nib  Ins  aur  loa  cliuhrts  (fig,  1  at  (1).  tlonn  onrtairm  can,  olios  so 
prupflgor.t  A  1 ' intrtr.lbur  do  la  zono  dfioollAo  at  so  rdf] dnhluuBfit  sur  ia  parol  infdrioura .  Pour  la  oonPigu- 
ratin’",  do  lo  figtirn  1,  lour  friquonca  N  a  po  Otrn  rtvnluAn .  lillo  out  do  1'ordro  do  30  KHz  (  N  I'l/V  u  ?,'/), 
IJ'uno  manlAm  grtnArala,  lt«  phAnomAiion  instationnalron  nont  trfio  bioii  mis  on  rtvitlnnco  A  la  projection 
d'un  film  d ’ animation  rrtuii.srt  A  partir  don  uliclifta  do  visualiuatiun  ultro-rapido  ot  qu.t  out  inontrrt  A 
l'ucuaiiion  do  Jo  orrtr.cmtn t: U<n  urulu. 

Aver.  1  'ailjoriutiun  du  l'icupc.  la  quality  do  1  'Aetiulimsoiit  out  unnciro  amdliori'ln.  tturtnut  on  ou 
qul  oonournu  lu  rapiditi'i  avuc  laquollo  ao  fait  1 'liomugrtnAynal.lria, 

l.a  c.ompmvii sum  dun  sur.dagi'iii  (fig,'.-!)  aviso  tmux  fatt.n  uana  rtropo  moni.ro  qu'on  X*«  <1  1  'hcmuigrt- 
niitnntlon  nut.  oreiiquo  I’iii ,U oiiu  Landis  quo  oa’is  dropo,  it  nombln  qulm  inter  un  friblu  courant  du  rotour  i 
p'nnt  pour  cotta  roiiion  qua  la  pranniutt  ii'ituivnuntii  plus  untro  X*»  A  ut  1), 

l.os  viuuoUunl.tuiSK  'in  1 'rtuouHiinmiV  muynn  mnnl.rrmt  r j i j n  l’rtoopo  guJdo  lo  unuront  qui  pnnsn  par  la 
fnnln  lf.lg.7),  I. n  Jut  prtnrttru  avnn  tin  angln  vuioio  nu  fit  ot:  In  drtnol  Inmaiit  r.rrtfi  ms  aval  tin  la  Fantti  ant 
iibiiHldrti,al.)luinr:nl'.  aimiimlri .  l.'iixuolluntn  hoinOf/stfluidtibn  du  1 'rioouluiniint  inturnu  Hist  parfaitumont  vlolblti 
mir  Ins  oliuliOu  do  visualisation  ultra  "rapt  do, 

J.J  -  Caiip/irtUiwn  dots  nitilil ta to  glah/ntx, 

l.'aiiiiillriration  du  I'oiirtlriumimiml.  du  1  ’niil.ri'M)  d'air  pmil.  Otrn  riiprdmibtdu  par  ,1a  ilmmrtn  iliitt 
valnui’s  glubalon  O’  ,  uiiolTInliinl.  do  dibit,  ut.  p.  ,  primslnn  il'aiTflt:  mayonnn,  iiiusiin'imi  dans  In  plan 
uimiproimmir  un  Xrf«  tl  (i't,i,!l).  Mn  uiiimtalo  quo  1'ad.lnniil.lnn  do  la  trappu  ooniluJt.  h  imu  for  to 

dugmontal: Ion  do  0“  nt  p.  ,  is  iiomlirii  .la  Mooli  Intormi  ilimni'ii  I, 'amf’il Im  atlrm  mipplrtmontairn  appurtin  par 
l'nnnpit  rnnt iii  mir  nos  points,  rn liiUvoimint,  muilmil.u,  do  1'ui’ili’u  do  'i  l  du  la  valuin'  ubtumiii  pour  la 
I'unl.u  null) II. 

Un  |  u  m  t  ilvalino  la  ill  Ml.nrn  Inn  dn  I  1  i'u.iiu  I  iniiiiiit ,  iliil'lnlii  par  I 'ampl  I  tudu  (In  variation  du  la  prutlilluii 
d'ai’rftl.  miiviuiao  dans  unii  limit. Imu  rappnrtrlu  fi  ua  valiior  imiyimnn  (IMg,!i),  Dn  iumi.H.dt.0  alnrs  un  t|iiu  .1  tin 
pliiil.iigrapbluii  du  vl  tiua  1 1  sail  on  la  hi  sal  ant  iii'iiiogor  i  on  X”“  'I,  1  'buiiiiigrtiirtTei.’itlan  mil:  prini'luu  paH'allu  ori 
prrtnnimii  dn  l'rtiinpn,  l.aadls  qnn  sans  rtnnpn,  la  d  I  s  torn  Inn  run  to  rnlal.l  vnimiut  A1  uvrtu ,  1.1  mil.  vial  numb  I  ah  In 
qiiii  mil.  limit  d '  linmiigi'iiirtTnal.  1 1 1 1 1  inpldu  du  I 'rtiimilninnnt:  imiyim  no  riit.rouvu  auui.il  slur  las  I'liinLuaUcinil, 

■1  -  l  Ht:  I  PUNCH  J 


Inn  piuinh'iism  uxprtr  Imihiuh  nnr  la  prisu  d'air  .’)  a(  •  ,MI",  aiitrtrlnui  an  any  uBsnls  pi’rtsmd.rts  nl-ilmmus, 
piiH.alm.t  .air  mm  maqind. to  A  bind  i| ' al.taijuu  pnlnui.  !  I  lull  unt  rttrt  miiiipIrtl.Ami  par  dun  miiwiln  avnu  I’untu  puls 
avm:  I'll, P  u  at.  rtnnpn , 

in  i:i>ifi|  it  ir  t.iiiiiin*  t.  global  nst,  qual  1 1  al.1  viimnnl.  lo  mflno  A  ;'M"  qu'A  'lU0, 


Dans  lo  nan  do  loud  d' all  ui|un  pnlid.u,  l '  tmiiumb  I  u  dun  rAioil  l.al.s  moiiiiiinaat  las  graiiduiil'ii  'imyonitiiii 
mnid.ro  ui'i'i  liiiiinu  limraigi'aiATiiat.  I  on  ilu  1 ’rtnmiliiMiiinl  untra  X*“  'I  id.  It,  In  XW“  ’I,  lo  is"  u  1  1  uinunl:  unt  Fall,  main 
Inn  vl  lail'inu  domooi  "'it  uiinnio  t.rAn  pntll.ua  A  |u  iix  Indt.rt  du  la  parol  I  a(  Oil  oui'M  (fig, ID),  I'.U  (.onl.ru, 
no  X**-  a  la  vllmniii  out  qoanlmiial.  mimil.nolu  dans  t.uol.n  la  no,. lion, 


„mr- 


En  CQ^qul  concerne  la  presaion  d'arrSt  p  tflg.11)  laa  effete  da  la  degradation  aant  tr&s 
aenalblaa  an  X  »  4  pt'Ss  da  la  parol  infSriBOre  tandls  qu'S  la  parol  supSrieure.  p^  a'Scarte  pau  da 
Par  contra,  an  X  ■  fl  ob  1 ' homogSnSI aation  eat  faita,  p^.  aat  pratiquement  conatant  i  la  parte  da 
preasion  gSnSratrice  ant.  do  20  &  25  \  dans  tout8  la  aaction. 


Una  sSqunnce  da  visualisation  ultra-rapide  oar  atrioacopia  aat  donnSe  3ur  la  figure  12.  Ella  mat 
bien  an  Svidnnce  1 ' interaction  antra  lea  atructuraa  tourbillonnairBs  at  las  ondaa  da  oboe  qui  a  StS  dSJA 
signalSe  en  (1).  On  constate  qua  catta  interaction  favoriae  1 '  homogSriSIaation  da  1  'Scoulement,  mala  au 
prix  d'una  parte  da  preajion  d'arrfit.Le"  clichSa  indiquant  qu'an  X**  0  1 'Seoul  ament.  oat  homogbne  et 

qu'il  ne  1'eat  paa  an  X  *  4,  ce  qui  aat  an  accord  avee  lea  Bondages. 


Ubb  imigures  de  frSquence  rat  de  vltease  da  propagation  doa  tourbillonu  ont  pu  6tre  faites  pour 
lea  photographies  da  la  figure  12,  dana  une  zona  situSo  h  environ  1  an  du  bord  d'ottaquR  i  on  obtient 
environ  !1U  KHz  (  N  H/V^  -  t)  )  at  240  m/a  respect.! vemont . 

Aucun  esaai  n'a  StS  fait  aver,  le  bord  d'attaque  arrondi  aeul  car  on  aait,  d'aprSa  ce  qui  a  StS 
constats  a  »  4il°,  quo  lea  di FfSruncua  ontre  borda  d'attaque  pointu  et  arrondi  sont  minimaa. 


Las  3ondagea  effactuSa  avec  In  tiord  d'attaque  arrondi  SquipS  dg^  la  fente  avec  et  sans  Scope 
montrent  quo  1' Scope  n'apporta  peg  d' amelioration  ffig.  10  et.  11),  En  X  •  4,  l'Scoulement  eat  dSjA 
uniforme  dana  lea  deux  cue. 


Par  rapport  au  bord  d'attoquo  pointu,  1  ‘amSlioration  eat  notable  i  en  on  qui  concorne  0~  et 
^tir/^io  *  ^  ‘•'(1,40  ’  on  Paliao  fid  0.04  et  0,74  h  0,70  et  0,93  reapoctivement  (fig.  13). 

l.on  viBUoliaatinna  dt>9  figurim  14  at  10  confirment  leu  rSeultata  dee  aondogu3  i  pou  de  diffSrencoa 
apparaiuaont  ontre  l'eaoai  Sana  Soaps  ol  celui  aver.  Scope. 


5  -  CONCLUSION.  - 

Cotta  St  udo  confirm  1'intSn'll.  do  1 'asiiuciot.inn  i)u  doux  oiitiln  d' invuatlgotinn,  1'un  clauHiquo, 
mnuui'o!)  de  preuuian  moyormi,  l'autro  inn  Inn  hnbltunl,  vluualloatioim  ill  tro- rapi  dan «  pour  la  nnitiprShnnoion 
du  phSnoinSnna  qninpluxuu .  Lou  vloimlinotionn  ul  trn-rapidm)  oonutitunnl;,  il'aillciurn,  la  maulo  upprunho 
I  ontcitlunnal ru  du  phSmiminu  qui  noit  pnuaihle,  Stunt.  donnSmi  luu  dliminuiono  do  non  maquottem. 

L.1  ImplantatJon  tl'unu  t.reppn  du  iiuul'f  lagu  amS)  i.urn  t.ri'm  Buimihluinant  lun  purfarinanaim  do  la  prise 
d’alr  i  A  lonLilitnon  411°  )o  ooaf fiiiiunt  do  drthlt  <T  at.  la  pn.ioaloo  d'arrSt  mayunno  p.  au  nlvoau  du 
comprnaoour  mild;  augmont.Su  do  pHm  do  111)  i.  ul.  dovi iimiont  compare!)  Ion  mix  valouru  ohtonunu  h  Inuldwnuo  20° 
un  abuunuu  do  trappe .  La  plim  grande  partlu  du  dShlt  oaptS  paimu  par  la  fnnto  do  uoufflagu . 


L 'adjmictimi  il'imn  Soopu  duntlnSo  a  gulilur  ,1'aJr  vorn  la  fentu  n’a  qu'uno  falhlo  rrtpurouiuilon 
our  luu  grandiHirn  globalon  cr  ut  p  au  nivo.iu  du  ooinproiinsor.  Par  ounl.ru,  ullu  apporto  un  gain  ucioul" 
tlSrahlu  on  au  qui.  tiunniirnu  la  vitamin  d'hnmcigSnrttiwit.lno  do  1 ‘Scuolumnnl,  tntiirnu  i  a  ml-oniiiniii  iintru  la 
Haul, loo  il’iintrSii  u t:  lo  oumprcumiior,  1 'Soouluinuol;  inoyoo  eni,  tlSJi'i  uuanlmnnl.  uiiirorimi,  I'm  uul.ro,  luu 
viuuullnal  loim  nltra-rapldim  no  inool.rimt.  pan  1  'cixintnnon  dn  grunuott  titruaturou  no  X*»  I), 


Inl'ln,  A  1 '  tiuji  ilunoii  7H"  In  tivippn  ainSlluro  Sgalumunl;  Imouooup  1 'Sooulnimiol.  totorim.  Main, 
1  'imp kintal. Inn  d'una  Siippo  no  para.lt  pan  nrtaonnairu, 
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SUMMARY 

A  finite-element  method  has  been  developed  to  solve  the  full  potential  equation  for 
transonic  flows  in  a  two-dimensional  engine  intake. 

To  insure  simplicity  of  formulation  and  mass  conservation,  the  subdomain  finite-element 
technique  has  been  chosen.  The  full  potential  equation  being  expressed  in  the  ^-formula- 
tion,  a  successive  line  over-relaxation  algorithm  was  developed  to  solve  the  system  of 
non-linear  algebraic  equations.  Stability  in  the  supersonic  domain  was  obtained  using 
Hafez'  artificial  compressibility  method. 

Herring-Mellor ' s  finite-difference  code  has  ben  incorporated  to  compute  two-dimensional 
compressible  laminar-turbulent  boundary  layers.  A  fixed  transition  or  Dunham's  transi¬ 
tion  criterion  may  be  chosen. 

The  inviscid  method  has  been  tested  on  single  airfoils  and  cascade  profiles.  The  vis- 
cous-inviscid  method  has  been  tested  on  a  few  single  profiles,  such  cases  having  boen 
computed  exhibiting  difficulties  expected  to  occur  in  the  calculation  of  two-dimensiunal 
intakes:  high  leading-edge  suction  peaks  and  strong  shocks. 

Computations  have  been  carried  out  on  a  two-dimensional  Tornado-like  air-intake  at  M  = 
0.7  and  a  between  0°  and  12°,  the  viBCOUS-inviScid  coupling  having  been  used  at  a  <  0°. 

Results  compare  relatively  well  with  the  experiment  considering  that  measurements  were 
taken  on  a  Tornado  model.  Improvements  to  the  mathematical  model  are  expected  to  appre¬ 
ciably  enhance  the  method's  capabilities  as  a  design  tool. 


LIST  OF  SYMBOLS 

A0/Ac  mass  flow  ratio  at  the  engine  £nce 
M  local  Mach  number 

Moo  freestream  Mach  number 

Re  Reynolds  number 

5  local  velocity  vector 

u  norm  of  velocity 

a  angle  of  incidenae 

y  specific  heat  ratio 

potential 
p  density 


1 .  INTRODUCTION 

In  the  development  of  modern  combat  aircrafts,  particular  attention  is  being  given  to 
combat  manoeuvres  at  transonic  speeds  requiring  high  angles  of  attack.  These  are  amongst 
others  dependent  upon  the  engirte-airframe  Integration,  the  air-intake  design  playing  an 
important  role.  Within  the  current  research  program  at  the  Military  Aircraft  Division  of 
Mesaersohmitt-Bdlkow-Blohm  emphasis  has  bean  placed  upon  improving  the  experimental  and 
theoretical  capabilities  in  designing  advanced  air-intakes. 

Two-  and  three-dimensional  numerical  methods  have  already  been  developed  to  compute  the 
transonic  flow  on  axisymmetric  [1*3]  and  three-dimensional  [<•]  inlets.  These  works  have 
been  exclusively  confined  to  geometries  with  thick  leading  edges  as  opposed  to  sharp 
loading  edges  appearing  on  two-dimensional  inlets  of  supersonic  combat  aircrafts. 

Having  as  far-reaching  goal  the  numerical  modelling  of  u  complete  three-dimensional 
wing-body-engines  configuration,  the  present  two-dimensional  research  program  was  star¬ 
ted  using  the  full  potential  formulation  in  the  potential  Function. 

Looking  for  a  suitable  numerical  method,  the  following  criteria  have  been  defined: 

1)  simplicity,  2)  capability  for  complex  geometries,  3}  computational  speed.  A  full  mass 
conservative  formulation  may  always  in  a  more  or  less  simple  manner  be  incorporated: 
this  should  not  however  contradict  the  first  criterion. 

Satisfying  these  criteria,  a  subdomain  finite-element  method  was  developed  [5] .The  full 
potential  equation  in  the  potential  function  written  in  conservative  form  is  discretized 
using  the  above-mentioned  method  which  also  insures  mass  conservation  in  the  numerical 
scheme.  A  mesh  generation  method  using  only  geometrical  considerations  has  been  found  to 
insure  simplicity  of  implementation  and  such  flexibility  U|  needed  for  complex  three-di¬ 
mensional  configuration  it  the  grid  allows  ths  use  of  line  solution  methods  (successive 
over-relaxation  as  in  this  work,  ADI)  and  always  displays  smooth  variation  of  the  ele- 


ments  sizes  and  Intersection  angles  far  from  0*.  Stability  in  the  supersonic  domain  was 
achieved  by  adapting  Hafez1  artificial  compressibility  method  [6]  to' the  finite  element 
technique.  A  mesh  refinement  algorithm  is  included. 

Accuracy  and  reliability  were  the  main  reasons  for  choosing  the  Herr ing-Mel lor ' s  bounda¬ 
ry-layer  code  [7] . 

The  inviucid  method  has  been  tested  0.1  several  single  airfoils  and  cascade  profiles  [5]  . 
Results  compare  favorably  with  conservative  finite-difference  methods  both  in  accuracy 
and  computing  time.  Strong  shocks  were  accurately  predicted,  slightly  forward  of  the 
trailing  edge  too. 

In  the  computation  of  air-intakes  at  transonic  speeds  two  kinds  of  difficulties  were  ex¬ 
pected  to  appear  that  may  cause  a  boundary- layer  computation  to  break  downt  high  suction 
peaks  at  the  upper  lip  leading  edge  and  strong  shocks.  The  viscous-inviscid  method  has 
first  been  tested  on  a  few  single  profiles*.  The  first  difficulty  was  examined  on  the  5% 
thick  MBB-A10  airfoil;  because  of  its  relative  insensitivity  in  that  region,  the  bounda¬ 
ry-layer  code  did  not  detect  the  expected  leading-edge  separation  nubble;  the  simulation 
of  this  physical  phenomenon  requires  additional  research.  The  second  difficulty  was  exa¬ 
mined  on  the  13%  thick  DFVLR-R2  airfoil;  it  was  solved  by  smearing  the  shock  over  a  few 
elements  [8]  . 

In  the  next  paragraphs  more  information  is  presented  on  the  inviscid  method  and  the  re¬ 
sults  obtained  to-date  with  the  air-intake  program  are  describee1. 


2 .  METHOD 

The  steady,  inviscid,  irrotational  flow  is  governed  by  the  full  potential  aquation 

u  ■  V+  ( 1 ) 

v  •  <0«+)  -  0  (2) 


[1  +  (1  -  U’)]Y^ 


u  and  p  being  normalized  by  their  fraestream  values. 

Integrating  eq.  (2)  over  the  surface  and  applying  Gauss'  divergence  theorem,  the  inte¬ 
gral  form  of  the  continuity  equation  appears 

/c  pv$  •  n  ds  '•>  0  (4) 

C  being  the  contour  of  integration  and  n  the  outer  normal  vector.  Eq.  (4)  formally  de¬ 
fines  the  subdomain  finite  element  method;  main  characteristic  is  the  conservative  form. 
Neumann-type  boundary  conditions  are  imposed  on  the  surface.  A  far-field  solution  is  gi¬ 
ven  on  the  domain  boundaries  and  an  experimentally-obtained  mass  flux  is  assigned  at.  the 
engine  face. 

Details  of  the  finite  element  method  are  presented  in  Ref.  [5.1  . 


3 .  COMPUTATIONS 

The  aenter  section  geometry  of  the  Tornado's  nir-intako  has  been  modified  to  apply  the 
method.  In  particular,  all  bleed  system  has  been  removed,  but  the  sharp  upper  lip  leading 
edge  has  been  retained  (geometry  GEO-1 ,  the  full  mesh  on  figure  1,  a  detail  on  figure  2). 
With  thia  geometry  results  could  be  obtained  ir  a  very  small  angle  of  attack  range  (less 
than  1*).  Cause  for  the  numerical  break- down  is  the  infinite  velocity  at  the  loading 
edge  whon  the  stagnation  point  does  not  coinaide  with  the  leading  edge. 

This  problem  was  partially  removed  by  thickening  the  upper  lip  in  it.o  front  part  by  in¬ 
serting  a  NACA  0012  symmetric  airfoil  (geometry  GEO-5,  figure  3,  a  detail).  Results  were 
obtained  at  M  ■  0.7  with  angles  of  attac;.  botweon  0°  and  D“  with  the  inviscid  code  (fi¬ 
gures  4  and  5  for  these  two  angles) .  At  a  »  12"  the  computation  broke  down  after  the 
21st  iteration  starting  from  the  case  at  a  «  9°  (figure  6,  15  iterations,  normal  aspect, 
figure  7,  21  itorationu,  beginning  of  break -down ) .  The  cause  is  the  same  as  before;  ex¬ 
cessive  velocity  at  the  loading  edge  going  into  vacuum;  this  problem  has  its  origin  in 
the  assumptions  of  potential  flow  theory  and  is  independent  of  the  numerical  method. 

Results  at  a  -  0°  (figure  4)  show  the  existence  of  .  strong  suction  peak;  computations 
with  the  viscous  Hsrring-Mellor  code  did  not  detect  any  leading-edge  separation;  because 
of  the  relative  insensitivity  of  any  boundary- layer  code  in  the  starting  region  of  the 
boundary  layer  no  accurate  prediction  of  flow  separation  and  separation  bubble  length 
can  be  obtained  without  additional  empirical  information.  The  viscous  and  inviscid  solu¬ 
tions  do  not  differ  appreciably  in  this  test  case. 

The  theoretical  results  on  the  outer  surface  ot  the  lower  lip  differ  considerably  from 
the  experimental  ones  at  o  »  O’  (figure  4);  three-dimensional  of facto  are  here  predomi¬ 
nant.  Not  so  at  a  *  9*  (figure  5) . 

Theoretical  and  experimental  results  on  the  inner  surfaces  (upper  and  lower  lips)  agree 
relatively  well  at  both  angles  of  attack  considering  that  the  first  are  two-dimeneionax 

*  Work  in  progress.  A  report  will  appear  in  spring  1982. 


***•  second  were  measured  on  a  Tornado  model.  At  o  -  9#  the  experimental 

well  Dred^t«SdKryr-lay?r  ?Gp?Jati°u  5n  the  lower  lip  lnnar  aurf*ce;  the  auction  peak  is 
Hnn  ?hfjictfd  *nviacid  method.  The  presence  of  side  walls  justifies  the  nsump- 

sJandSfo?  COntribute‘  ^reciably  to  the  under? 

No  other  Mach  number  has  been  investigated:  the  mathematical  model  developed  up  to  now 
P«aants  da^?iaec^s  < mostly  shown  by  the  high  suction  peak  on  the  upper  lip) 

which  require  a  detailed  investigation  before  the  method  is  tested  at  higher  Mach  num- 


4.  CONCLUDING  REMARKS 

The  numerical  method  that  hast  been  presented  promises  much  needed  accuracy  and  reliabi- 
jf!ignvt0Ql  in, development  of  two-dimensional  air-intakes.  The  results  ob- 
S  “o-dwiSonSutJ  hoJdJ  Y  9°0d  °°mparlson  with  meaaured  data  where  the  assumption 

-!?P^!ment8  tC  the  mathamatical  model  are  expected  to  appreciably  enhance  the  method's 
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fig.  1  Mesh  for  geometry  GEO-1  (turned  90°) 


?!  axPerilnental  pressure  distribution  appearing  at  approximately 

x  1 • -  on  th0  upper  lip  inner  surface  corresponds  to  a  boundary-layer  bleed 
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SUMMARY 


As  initial  steps  of  a  long  term  effort  aimed  at  design  and  performance  evaluation  of  engine  air  Intakes 
by  computer  aided  methods,  two  numerical  codes  were  recently  developed  for  the  simulation  of  the  in¬ 
take-induced  flow  field  in  two  dimensional  transonic  and  three  dimensional  subsonic  cases. 

Both  codes  were  obtained  in  a  very  straightforward  way  by  modification  of  existing  codes  suitable  for 
the  computation  of  the  exterior  flow  past  airfoils  (by  a  finite  element  method)  and  about  three  dimensio¬ 
nal  arbitrary  configurations  (by  a  panel  method).  Computed  results  and  comparison  with  experimental 
data  pertinent  to  the  analysis  of  a  single  bifurcated  intake  prove  the  usefulness  of  the  present  numeri¬ 
cal  schemes  for  engineering  applications. 

In  addition  to  the  above  described  theoretical  study,  the  second  part  of  this  paper  deals  with  two  pecu¬ 
liar  experimental  problem  areas:  engine  face  auxiliary  doors  design  and  side  intakes  diverter  shape  0£ 
tlmizatlon.  Following  an  extensive  testing  program  performed  on  a  static  model,  the  engine  face  auxi¬ 
liary  doors  with  annular  air  admission  into  the  primary  long  type  duct  appears  to  be  a  good  alternative 
to  the  classical  solution  placed  at  the  main  inlet  entry. 

Diverter  geometry  influence  both  on  aerodynamics,  in  terms  of  drag  coefficient,  and  intake  performan¬ 
ce,  in  terns  of  distortion  coefficient,  was  moreover  investigated,  testing  a  low  speed  model,  and  the 
results  are  presented  in  this  paper. 


Nomenclature 
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b' 
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bj 


*0 

ahi 

ath 

A2 

A' HI 

A1™ 


A" 


HI 


a"th 

Cr 

C’R 

C"R 


Mo 
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TH 


Diverter  width 

Diverter  upper  profile  lenght 
Diverter  upper  profile  height 
Diverter  lower  profile  lenght 
Diverter  lower  profile  height 
b'  +  b"  Diverter  total  height 
Leading  edge  radius 

Freestre.am  area  of  captured  flow 
Intake  hilite  area 
Intake  throat  area 
’Engine  face  area 
Primary  intake  hilite  area 
Primary  intake  throat  area 
AID  hilite  area 
AID  throat  area 

Ahi/ A  th  Inlet  contraction  ratio 
A'hi/A'th  Primary  inlet  contraction  ratio 
A"HI  /  A  "TH  AID  inlet  contraction  ratio 

Free st ream  Mach  number 
Intake  throat  Mach  number 
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■  Engine  face  Mach  number 

-  Primary  Intake  throat  Mach  number 

-  AID  throat  Mach  number 


M2 

M'th 

M"th 


-  Freestream  static  pressure 

-  Freestream  total  pressure 

-  Freestream  dynamic  head 

-  Engine  face  total  pressure 

-  Engine  face  dynamic  head 
“  PT2  "  PtO  httake  pressure  losses 

-  Engine  face  60°  sector  minimum  total  pressure 

-  Primary  intake  pressure  losses 
■  AID  pressure  coefficient 

-  (P  -  Po)/qQ  Pressure  coefficient 
«  Sonic  pressure  coefficient 

CD  -  Frictionless  diverter  drag  coefficient  based  on  frontal  diverter  reference  area 

DC6o°  _  (PT  60°  min  “  PT2  5  1  ^2  Dlstortlon  coefficient 
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1.  1  Engine  Air  Intake  Analysis  by  Computational  Methods 


1.  1. 1  Introduction 


Current  trends  exhibited  by  modern  military  aircrafts  to  increase  both  the  thrust-to-weight  ratio 
and  the  engine  by-pass  ratio  emphasizes  the  demand  of  numerical  tools  for  supporting  the  design 
of  the  air  intakes  and  evaluating  the  interference  effects  induced  by  the  engine  massflow  on  the 
aerodynamic  characteristics  of  the  overall  configuration. 

The  first  part  of  this  paper  is  aimed  at  demonstrating  that  a  fairly  acceptable  simulation  of  the 
flow  past  two-dimensional  and  three-dimensional  engine  air  intakes  may  be  obtained  by  use  of  nu¬ 
merical  methods  derived  from  existing  and  well-tested  codes  suitable  for  the  computation  of  the 
external  flow  past  airfoils  and  about  arbitrary  three-dimensional  lifting  bodies.  For  this  purpo¬ 
se  the  following  items  must  be  added  to  the  basic  codes: 

-  definition  of  a  control  surface  suitable  for  calculating  the  mass  flow  entering  the  Intake 

-  definition  of  a  computational  device  required  to  modify  the  intake  mass-flow 

-  definition  of  an  iterative  loop  for  matching  the  prescribed  mass -flow  condition. 

The  main  advantages  of  such  a  type  of  approach  are  that  it  allov's  a  considerable  reduction  in  the 
coding  time  in  comparison  to  the  case  of  "ad  hoc"  developed  codes  without  introducing  apprecia¬ 
ble  penalties  in  the  computing  time  and  that  the  high  commonality  of  the  new  codes  with  the  basic 
ones  enables  to  exploit  the  existing  pre-and  post-processor  packages,  such  as  graphic  display 
of  input/output  data  and  boundary  layer  analysis  codes. 

Experience  gained  at  Aeritalia  from  use  of  two  numerical  codes  developed  for  the  computation  of 
three-dimensional  subsonic  and  two-dimensional  transonic  intakes  gave  evidence  of  the  useful¬ 
ness  of  the  above  mentioned  approach  for  many  engineering  applications. 

A  brief  survey  on  the  mathematical  background  of  the  two  codes  and  an  application  to  the  analy¬ 
sis  of  a  single  engine  bifurcated  intake  are  presented. 

1. 1.2  3-D  Subsonic  Intake  Analysis  by  a  Panel  Method  Code 

a)  General  Features  of  the  Mathematical  Model 


The  most  efficient  solution  for  the  simulation  of  the  exterior  flow  about  arbitrary  three-dimensio¬ 
nal  lifting  bodies  is  provided  by  the  Panel  Method.  Under  the  basic  assumptions  of  steady,  irro- 
tational  and  incompressible  flow  it  solves  the  Laplace  differential  equation  of  the  velocity  poten¬ 
tial  function  by  transformation  into  a  set  of  linear  equations  whose  unknowns  are  the  strenghts  of 
piecewise  distributions  of  mathematical  singularities  (panels  of  source/ sinks  and  doublets)  spread 


in  a  proper  arrangement  within  the  body  volume.  Each  linear  equation  specifies  the  fulfilment  of 
the  Neumann  boundary  condition  on  the  body  contour  U.  e.  vanishing  of  the  normal  velocity  on  the 
surface  panels)  and  of  the  Kutta  condition  at  the  trailing  edge  of  the  lifting  surfaces,  whilst  the 
zero  perturbation  condition  at  infinity  is  implicit  in  the  singularity  methods. 

In  the  present  version  of  this  method  -  which  was  derived  from  the  MBB  Standard  Panel  Method 
C  1 )  —  th  -  external  surface  of  the  body  configuration  is  fitted  by  flat  panels  of  sources/ sinks  of 
constant  strength  whilst  the  lifting  terms  are  provided  by  doublets  arrangements  whose  strength 
is  determined  /  imposition  of  ze  j  norma!  velocity  on  dummy  panels  at  the  trailing  edge  aligned 
with  the  local  bisector  (the  so-called  Kutta  panels).  Use  of  Goetherth's  similarity  rules  allows 
to  compute  compressible,  but  still  subcritical,  f'ows, 

To  describe  the  way  by  which  the  capability  to  simula¬ 
te  intake -induced  flow  was  added  to  the  basic  code, 
let  us  consider  for  sake  of  simplicity  an  isolated  axi- 
symmetrical  nacelle. 

Computing  this  configuration  like  an  annular  wing  by 
the  basic  Panel  code  a  simulation  of  a  mass  flow 
A)  /\nveI’y  c^ose  t0  should  be  expected,  the  ac¬ 
tual  value  of  /^j  being  determined  by  the  circula¬ 
tion  induced  by  the  bound  vorticity  on  each  slice  of 
the  annular  wing.  This  analogy  suggests  that  in  order 
to  control  the  total  mass  flow  entering  the  intake  it 
is  sufficient  to  change  the  value  of  the  bound  vorticity 
by  relaxing  the  Kutta  condition  at  the  trailing  edge  of 
each  circumferential  slice. 

The  geometry  of  real  intakes  is  much  more  complex 
than  that  of  an  isolated  nacelle:  however  the  same  de¬ 
vice  for  controlling  the  inlet  mass-flow  may  be  retain 
ed  provided  that  a  proper  arrangement  of  bound  vorti¬ 
ces  may  be  defined  between  the  interior  wall  and  the 
exterior  cowl  of  the  intake. 

For  matching  the  prescribed  mass-flow  in  a  trial-and-error  mode  two  basic  options  are  available 
in  the  present  code: 

-  iterate  by  rotating  the  Kutta  panels 

or 

-  iterate  directly  on  the  strength  of  each  bound  vortex  arrangement. 

At  each  iteration  step  the  actual  value  of  the  mass  flow  is  computed  by  integration  of  the  velocity 
field  at  a  control  surface,  usually  at  the  throat  section. 

b)  Comparison  of  Theory  and  Experiment 

In  order  to  investigate  the  influence  of  some  geometrical  details  on  the  performance  a  1  :  7.2  sea 
le  model  war  tested  in  the  Aeritalia  2x2  sq.  mt.  Low  Speed  Tunnel  (sec  para  2.2.  1).  The  mo¬ 
del  was  instrumented  for  measurement  of  pressure  distributions  on  the  cowl  lips,  the  diverter  and 
the  plate. 

The  choice  of  elliptical  profiles  for  the  external  and  internal  cowl  lips  was  led  by  a  trade-off  ana_ 
lysis  performed  by  the  present  method  on  a  simplified  axisymmetrical  mathematical  model  of  the 
intake,  aiming  at  reducing  the  pressure  peaks  for  preventing  flow  separations  at  the  design  con¬ 
ditions. 

Computations  for  an  intake-fuselage  configuration  fully  representative  of  the  SEBI  low  speed  mo¬ 
del  except  for  the  absence  of  the  diverter  and  the  plate  (Fin,  1,  1)  were  later  carried  out  for  eva¬ 
luating  the  capability  of  the  present  method  to  deal  with  such  a  complex  configuration. 

Comparison  of  theoretical  vs.  experimental  data  pertinent  to  the  three  cowl  sections  of  Fig.  1.  2 
for  the  test  conditions  of  Fig.  1.  3  are  presented  in  Figg,  1.4  through  1.9. 

Although  no  simulation  of  the  viscid  effects  is  taken  into  account  by  the  theory  a  fairly  acceptable 
agreement  between  theory  and  experiments  is  shown  for  the  near-design  conditions  of  Fig.  1.4 
and  l.  5,  especially  on  the  external  cowl  where  boundary  layer  interaction  has  negligible  effects. 
At  off  design  conditions  (Figures  1,6  ♦  1.9)  the  poor  correlation  exhibited  on  the  suction  side  of 
the  cowl  lips  is  essentially  due  to  local  flow  separations  where  the  theory  predicts  very 
large  positive  pressure  gradients.  Visualizations  of  the  flow  performed  with  oil  at  equivalent  con 
ditions  show  a  similar  pattern  of  local  separations:  however  a  favourable  effect  of  Reynolds  Num 
ber  is  expected  at  full  scale, 

1.1. '3  2-D  Transonic  Intake  Analysis  by  a  Finite  Element  Method  Code 

a)  General  Features  of  the  Mathematical  Model 

The  two-dimensional  intake  code  is  essentially  a  by-product  of  a  recently  developed  numerical 
program  which  performs  the  computation  of  transonic  flow  in  presence  of  recompression  shocks 
about  two-olement  airfoils  (2).'  The  general  features  of  this  program  are  the  following: 
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-  solution  of  the  full  potential  equation  of  gasdynamics  by  Eberle's  formulation  of  the  Finite  Ele¬ 
ment  Method  (3)  which  is  based  on  the  variational  principle  stating  that  the  work  necessary  to 
deform  the  fluid  is  a  minimum  with  respect  to  the  prescribed  boundary  conditions.  For  steady 
flow  this  formulation  is  equivalent  to  state  that 

ffU qyv-° 

where  ^  -  fluid  density 

q  »  a  normalized  velocity 
-  velocity  potential 
V  -  fluid  volume 

This  integral  equation  is  solved  by  numerical  integration  using  quadrilateral  bilinear  isoparame¬ 
tric  elements. 

-  Use  of  a  computational  grid  obtained  by  a  conformal  transformation  which  maps  the  exterior 
of  the  two  airfoil-element  into  an  annular  domain  (4)f 

-  iterative  solution  of  the  resulting  quasi-linear  equations  by  a  successive  line  over- relaxation 
(SLOR)  scheme  in  the  radial  direction; 

-  use  of  a  rotated  artificial  density  scheme  (5)  -  (6)  which  maintains  an  upwind  bias  for  any  o- 
rientation  of  the  computational  cell  with  respect  to  the  local  velocity  vector  in  order  to  stabili¬ 
ze  the  numerical  procedure  when  the  local  flow  is  supersonic.. 

In  the  present  formulation  the  Finite  Element  Method  is  fully  conservative  and  numerically  very 
stable,  so  it  seemed  actractive  to  attempt  to  adapt  this  code  for  the  computation  of  two-dimensio¬ 
nal  intakes,  following  the  same  procedure  outlined  in  the  previous  section. 

Since  the  region  close  to  the  intake  lips  only  interests, both  the  upper  and  the  lower  cowl  may  be 
extended  dowstream  by  i  dummy  fairing  ending  with  a  cuspidate  trailing  edge:  this  enables  to  use 

the  same  grid  generation  of  the  basic  code.  ,  ,  ,  -  - - v 

The  contribution  of  each  computational  cell  V  j  - jl 

to  the  integral  term  pertinent  to  the  pivot  , - r - -  7  ' 

point  P  (sketch  a)  is  equivalent  to  ihe  mass  \  /  \  J 

flow  through  the  diagonal  AA':  thus  the  total  A\>/  Xp  /  - ' 

mass  flow  entering  the  intake  may  be  compu-  j  j  '  T7* _ ’ 

ted  in  a  consistent  way  by  summing  up  the  I  1 

contribution  of  the  cells  adjacent  to  a  grid  li_  t _ ~~  — /  / 

ne  cutting  vertically  the  interior  nozzle  - hqQ\  / 

(sketch  b).1  The  same  feature  is  used  for  buil  i 

ding  up  the  computational  device  required  for  sketch  a  1  ^  — X, 

coi.trolling  the  mass  flow  entering  the  intake:  I  ’  '  ^ 

since  in  the  basic  code  the  Kutta  condition 

(which  defines  the  circulation  around  the  two 

elements  and  hence  the  mass  flow  through  the  / 

two  cell  adjacent  to  the  trailing  edge  (sketch  / 

c)  in  order  to  alter  the  circulations  in  an  an_  y  /  /'/  7 - - - 

timetric  mode  it  is  sufficient  to  allow  a  sym-  y  / ////  /^ - — 

metric  "transpiration"  of  the  flow  through  the  \~  ^ 

two  trailing  edges.  N. 

A  trlal-and-evror  iterative  process  to  find  sketch  c 

the  proper  "transpiration"  is  again  used  For 
matching  the  required  mass  flow-condition. 

In  order  to  speed  up  the  convergence  rate  which  is  very  slow  for  the  circulations  on  the  mesh  si¬ 
ze  required  for  achieving  a  good  resolution  of  the  shocks,  successive  mesh  grid  divisions  with 
intermediate  interpolation  of  the  potential  distribution  are  used  (7):  computations  carried  out  with 
four  mesh  divisions  gave  evidence  that  circulations  and  mass-flow  are  frozen  since  the  crudest 
grid  computation  whilst  pressure  distributions  are  more  sensitive  to  the  mesh  size  (figures  1. 10 
through  1.13) 

Computed  results 

Although  the  SEBI  configuration  do  not  belong  to  the  two-dimensional  type  of  intakes  a  rough  inve 
stigation  of  the  SEBI  transonic  characteristics  was  carried  out  by  computing  a  section  cutted  ver 
tically  through  the  intake  (cowl  A  and  C  of  figure  1.  2).  Figures  1, 14  through  1. 16  present  the 
transonic  pressure  distributions  computed  at  zero  angle  of  attack. 


sketch  a 


sketch  b 


sketch  c 


1. 1.  3  Conclusions 

Two  numerical  methods  for  the  simulation  of  the  flow  abort  engine  air  intakes  are  presented. 

Both  codes  were  adapted  from  existing  codes  suitable  for  the  computation  of  the  external  flow 
about  arbitrary  lifting  bodies  (limited  to  subsonic  flows)  and  past  transonic  airfoils.  Presented 
results  prove  the  usefulness  of  this  engineering  approach  tc  the  design  of  the  engine  air  intakes. 

Extensions  aiming  at  the  simulation  of  three-dimensional  transonic  flow  about  intakes  in  presence 
cf  the  body  (by  3-D  Finite  Elements)  and  computation  of  viscous  interaction  (by  the  transpiration 
technique)  will  be  pursued  in  the  next  future. 


2. 1. 1  Introduction 


High  engine  intake  lip  losses  suffered  at  takn-off  conditions  by  many  military  aircrafts,  can  be 
drastically  reduced  using  secondary  air  supply.  Rear  auxiliary  dcors,  with  secondary  airflow 
annular  admission,  placed  very  close  to  the  compressor  face,  when  compared  with  the  typical 
forward  installation  near  the  primary  inlet,  present  remarkable  advantages  in  performance 
which  can  easily  overcome  space  and  complexity  penalizations. 

Above  mentioned  auxiliary  doors  types  will  be  ref",  red  in  this  document  as  "REAR  AID"  and 
"FORWARD  AID". 

"REAR  AID  '  have  been  employed  on  the  AERITALIA  C91Y  ground  attack^ and  close  support  air¬ 
craft,  powered  by  two  GE  J85  turbojects:  unacceptable  engine  instability  or  surges  have  never 
been  experienced,  in  the  AID  operational  range,  which  can  be  attributed  to  the  air  mass  How 
supply  system, 

FIGURES  2. 1,  2.  2,  2.  3  schematically  show  G91Y  AID  installations  the  secondary  air  enters 
through  a  series  of  four  spring  loaded  doors,  opened  by  suction  effect,  and  goes  into  an  almost 
cylindrical  chamber  with  annular  air  admission  to  the  main  duct. 

The  performances  of  G91Y  "REAR  AJD"  can  be  written  down  in  the  following  way: 

•  ’Hi'A-th«.32  ;  (APt/Pto)w/o  aid-  7.3%  ;  (A  Pr  /PTo.\  uh  AID-  4.9% 

2, 1„  2  Experimental  Results 

A  "single  engine  bifurcated  intake  (S.  E.  B.I.)  suction  model"  of  a  subsonic  single  engine  milita¬ 
ry  aircraft  <  Fig.  2.4)  was  built  and  extensively  tested  at  static  conditions  to  investigate  the  ef¬ 
fects  of  "REAR  AID"  in  terms  of  recovery  factor  PT2/PT0  and  d!  storsion  level  DCggo. 

The  model  Is  characterized  by  a  long  bifurcated  duct  intake  type,  with  low  inlet  contraction  ra¬ 
tio  (  ■  1,  20)  and  therefore  sensible  losses  and  aistorsion  level  (PT2/PT0  «  .93  and 
DCgQo  *.  -  .  20)  at  take-off  static  condition  without  AID. 

With  regard  to  "REAR  AID"  configuration,  the  secondary  throat  u'.'eit  A'^h  can  be  changed  in 
the  full  range  from  0%  to  120%  of  the  primary  throat  area  A'xh  ,  while  the  secondary  hllite  area 
A"uj  can  vary  opening  2,4  or  6  inlet  ports.  Thus  a  large  range  of  contraction  ratios  up 
A"hi/A"th  “  3.  5  can  be  reproduced.  Five  values  of  A'^  /A"xh  (1.20,  1,  39,  1.66  ,  2.21,  3.32) 
and  six  values  of  A"xh  /A'xh  (•  IS'3*  •  360,  .  525,  .  719  , .  658,  1. 08)  were  tested  for  a  total  of  15 
configurations. 

Fig,  2,5  presents  the  dlstorsion  maps  at  the  engine  face  at  .he  same  corrected  air  flow  for: 

a)  bell  mouth  inlet  w/o  AID 

b)  actual  inlet  w/o  AID 

c)  actual  inlet  with  AID 

(A"hi/A"xh  -  1.66,  A"xh/A'th  -  .36) 

Fig.  2.  5.  c  clearly  •ixplair.s  the  advantage  of  the  "REAR  AID"  use:  recovery  factor  increase  and 
distortion  level  reduction;  in  particular  we  can  observe  ♦hat  DCggo  for  case  c)  is  better  than 
case  a)  because  the  circumferential  boundary  layer  is  elimlnuted  and  the"splitter  effect"  is  stron¬ 
gly  attenuated. 

Fig,  2.6,  shows  the  "REAR  AID"  pressure  losses  versus  second.1  ry  throat  Mach  number  M"  . 
The  influence  of  A"hi/A"xh  is  well  *  .plained:  Up  losses  incroat-e  when  contractli.i  ratio  de¬ 
creases.  The  strong  influence  of  -V'XH  /  A'xh  at  the  same  A  "hi  /  A."xH  is  apparently  difficult  to 
justify,  but  this  effect  is  due  to  model  geometry:  only  A"hi  and  A"th  can  be  changed  while  the 
intermediate  room  geometry  is  fixed,  therefore  tb*.  impingement  and  turbolence  losses  increase 
with  secondary  air  flow  Wand  W"  Increases  with  A"  jy;/  A'xh* 

For  example 

A"  m/ A'xh  ’  .36o  -  w/w  -  .20 
A"th/A’th  -  .853  -  W/w-. 35 

On  a  real  application  the  impingement  and  turbolence  losses  could  be  reduced  by  the  optimization 
of  the  "REAR  AID"  internal  geometry;  in  particular  the  secondary  flow  duct  could  be  carefully 
shaped,  better  than  on  the  "S.  E.  B,  I.  suction  model",  from  the  hilite  up  to  the  annular  exit  into 
the  primary  duct.  Moreover  the  hilite  internal  lip  radius  could  be  increased  to  improve  perfor¬ 
mances. 

What  about  leads  to  the  conclusion  that  for  an  operating  installation  with  fixed  geometry  the 
"REAR  AID"  recovery  factor  wouldn't  be  so  far  from  the  values  of  fig.  2,  6.  a,  where  the  impin¬ 
gement  and  turbolence  losses  are  low  because  of  reduced  A"xh/A'xh> 

The  fig.  2.  7.  a  represents  synthetically,  at  take-off  static  condition,  the  results  in  terms  of  re¬ 
covery  factor  which  i3  equal  to  .  93  for  the  model  primary  duct  without  "REAR  AID".  The  above 
mentioned  figure  can  be  used  to  design  "REAR  AID": 

a.)  knowing  A"jM/A'xHi  i. e.  the  available  space  to  install  the  aux.  ports,  fig.  2.  7. a  supplier 
the  cptimom  A'Ji;  / A'Th  1°  get  max  Px2/UT0. 

knowing  Pte/PTO  that  has  to  be  reached,  AID  dimensions  are  supplied  in  terms  of  min. 
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A’jjj  / A'th  «ad,  consequently,  of  A'^j  /A’yjj. 


Likewise,  fig.  2. 7.  b  shows  a  similar  diagram  regarding  the  distortion  parameter  DCggt :  a 
strong  influence  is  exerted  by  the  A"xh/A’xh  value  (i.e,  by  the  secondary  air  flow  norcentage^ 
while  a  large  range  of  A"hi/A"th  values  doesn’t  affect  somuchthe  results.  From  fi3.  7. h 
it’s  evident  that  with  "REAR  AID"  most  benefit  can  be  expected  in  terms  of  dlsto  o:  -»!  im¬ 
provement:  a  ratio  A"xH/A’xH°f  .20,  which  means  W"/W  »  10%  for  the  tested  nr  '  ,  aif 

DC60*. 


2. 1.  3  "REAR  AID":  an  extension  to  the  supersonic  inlets 


"REAR  AID"  are  more  useful  if  pressure  losses  and  distortion  level  in  the  primary  duct  at  static 
and  lo'v  subsonic  conditions  are  considerably  high,  like  in  supersonic  aircraft  Inlets.  If  perfor¬ 
mance  of  a  given  primary  duct  without  AID  are  known,  it's  possible  to  draw  design  diagrams  si¬ 
milar  to  those  of  fig,  2.  7  with  the  aid  of  fig,  2.  6.  a,  under  assumption  of  same  primary  and  se¬ 
condary  duct  static  pressure  at  the  mixing  section)  thus  a  preliminary  assessment  of  performan¬ 
ce  level  for  an  engine  air  supply  system  with  "REAR  AID"  can  be  made.  This  procedure  was  fol¬ 
lowed  to  compare  the  effectiveness  of  tha  "REAR  AID"  and  the  "FORWARD  AID"  for  military 
aircraft  supersonic  (Mq  -  2)  bidimension al  intake  application. 

Fig.  2.8  shows  the  "REAR  AID"  advantages. 

-  Same  A"m  and  A"xh  :  50°  redictir  .  in  pressure  losses 

70%  reduction  in  distortion 

-  Same  recovery  factor:  50%  reduction  in  area 

55%  reduction  in  distortion 


2.1.4  Conclusions 

For  engine  air  supply  systems,  characterized  by  high  pressure  losses  and  distortion  level  in  the 
main  inlet  at  static  and  low  subsonic  conditions,  the  "REAR  AID"  with  annular  air  admission  into 
the  primary  duct  appear  to  be  a  good  alternative  to  the  classical.  "FORWARD  AIR".  The  follow¬ 
ing  principal  advantages  can  be  listed  : 

-  considerable  pressure  recovery  factor  improvement 

-  very  large  distortion  reduction 

-  sensible  "splitter  effect"  attenuation  in  the  case  of  a  single  engine  bifurcated  intake. 

To  design  the  most  profitable  operatioital  configuration,  "REAR  AID"  concept  substantiation 
and  optimization  could  suggest  further  investigation  to  measure,  at  the  engine  face,  local  deflec  • 
tic  a  frem  the  axial  flow  ,  turbolence  level  and  dynamic  distortion. 


2.2  Diverter  Aerodynamics 
2.  2.  i  Yit  reduction. 

The  majority  of  the  military  aircrafts  air  intakes  are  provided  with  a  "DIVERTER",  i.e.  with  a 
boundary  layer  discharge  channel  which  hinders  the  low  energy  flow  near  the  fuselage  from  being 
ingested  by  the  engine.  Diverter  geometry  influence,  both  on  the  aerodynamics  and  the  intake 
perf.  emance,  presents  some  interesting  aspects  which  can  be  investigated  by  a  wind  tunnel 
testing. 

To  this  purpose  a  "single  engine  bifurcated  intake  (S.E.  B.  1.)  low  speed  Viiodel”  of  a  subsonic 
military  aircraft  was  designed  with  alt  7.  2  scale  factor  and  tested  in  the  AIT  2x2  sq.  mt. 
wind  tunnel.  The  mass  flow  ratio  Ag/A^iat  different  typical  flight  conditions  was  reproduced 
at  Mo»  .20  varying,  by  an  ejector,  tho  engine  air  flow. 

Four  diverter  configurations,  with  same  height  b  j  and  same  width  h  ,  with  or  without  plate,  with 
symmetrical  or  asymmetrical  profile, with  blunt  or  sharp  leading  edge,  were  experimentally  inve¬ 
stigated  (rig.  2.9), 

Each  configuration  incorporates  two  static  pressure  probes  distributions  along  the  diverter  pro¬ 
file  equally  spaced  at  1/3  and  2/3  of  the  diverter  width.  Static  pressure  tappings  are  provided 
on  the  fuselage  upstream  of  the  diverter  and  three  boundary  layer  total  pressure  rakes  (seven 
probes  each)  are  placed  just  ahead  of  the  inlet. 

The  diverter  profiles  are  defined  by  elliptical  types  equations  with  exponent  s,  2 
A  data  reduction  system  supplied  profile  pressure  coefficient  Cp,  the  drag  coefficient  debased 
on  the  diverter  frontal  area),  and  engine  face  distortion  parameter  DCgo** 

2.2.2  Experimental  results 

Fig.  2.  10  shovs  fuselage  pressure  distribution  for  two  diverter  types  ("B"  and  "D")  at  diffe¬ 
rent  test  conditions. 

At  fixed  incidence  the  A0/AHI  parameter  exerts  a  gre.’.t  influence  on  the  pressure  field  round 
the  profile  on  the  upper  surface  at  <>.  -  0°  diverter  "TV'  repeals  for  Aq/Ahi  -  .46  (typical  mini- 


■W 


ft  ,  ■. 


- - 

-4 *!«*>»*  -L  i"u 


> 


>Tr*“'y 


cruise  value)  a  -.  5  >  Cp  >  -  1  suction  zone  which  disappear*  for  Ag/Am  ■  2.0  (typical 
take-off  value). 

Blunt  or  sharp  leading  edges  play  an  important  rfile:  comparing  for  example  diverters  "B"  and 
"D"  at  Ao/Ahi  -  .45,  the  former  presents  a  larger  suction  high  velocity  zone  than  the  latter; 
what  above  is  emphasized  by  Incidence  where  the  sharp  diverter  shows  poor  characteristics:  in 
Fig.  2. 10  at  o(  -  10"  and  Ao/Ahi  -  .46  the  large  zone  of  overpressure  (Cp  >  .  5)  for  diverter 
"D"  is  evident. 

In  general  diverter  Cp  distribution  at  Ao/Ahi<£  1  is  similar  to  a  typical  airfoil  profile  distribu¬ 
tion,  while  at  Ao/Ahi  >1  the  Intake  suction  affects  (more  or  less)  the  pressure  coefficient  de¬ 
pending  by  Intake  hilite  distance  from  the  diverter  leading  edge  and  configuration  with  or  without 
the  plate  .  Increasing  the  Ao/Ahi  value  over  the  unit,  the  velocity  reduces  along  the  profile, 
flattening  the  C  diagram.  This  is  evident  in  Fig.  2. 11  which  presents  Cp  distribution  for  all 
tested  configurations:  b)  and  d)  Cp  diagrams  are  more  interesting  because  recorded  at 
Ao/Ahi  -  .46,meaningfull  value  for  the  flignt  cruise  conditions.  Blunt  profiles  have  more  advan¬ 
tageous  characteristics  in  terms  of  negative  Cp  level  than  sharp  ones  and,  therefore,  reduce 
drag  coefficient  C  £>  induced  by  pressure  distribution. 

Moreover  Fig,  2. 11  shows  boundary  layer  shape,  derived  by  a  total  pressure  rake  placed  in 
the"Z" position  on  the  Intake  centerline;  it's  possible  to  observe  a  remarkable  difference  only 
in  the  Ao/Ahi  -  2.0  case,  where  high  Pt/P  TO  losses  were  registered  along  the  diverter  width 
for  the  configurations  with  the  plate. 

Figg.  2. 12  and  2.  13  show  drag  coefficients  Cd  versus  Ao/Ahi  respectively  at  <><.•  0*  and  c<-10*, 
while  the  Fig.  2. 14  presents  the  Cd  variation  with  incidence  at  Ao/Ahi  -  .60,  The  dr tg  coeffi¬ 
cients  are  derived  from  Cp  integration  along  the  profile  up  to  the  diverters  end  when  Cp  values 
for  different  configurations  are  very  close.  The  results  show  considerable  C  o  fluctuations ,  in 
the  order  of  some  percent  of  the  total  clean  aircraft  zero  incidence  drag  coefficient  C  do* 

In  Fig,  2. 14  is  evident  the  advantage  of  diverter  "B"  and  the  convenience  to  place  the  profile 
few  degrees  nose  up  relatively  to  aircraft  horizontal  axis,  to  reduce  Cd  without  transonic  dete¬ 
riorations. 

The  above  reported  considerations  arc  strictly  valid  for  testing  Mach  number  Mo  -  .20  and  may 
be  extended  to  the  subsonic  field  up  to  Mo  -  .  6;  at  transonic  velocities  blunt  diverters  negative 
pressure  peak  could  be  too  high  mid  shock  waves  could  be  thought  to  arise  markedly  reducing 
blunt  shape  Cq  advantages.  Anyway  this  is  only  partially  true  because  of  two  facts  which  should 
cause  in  transonic  flight  a  peak  velocity  reduction  if  compared  with  the  same  profile  moving  in 
an  indlsturbed  flow:  the  diverter  is  surrounded  by  a  low  speed  boundary  layer  flow  and 
Ao/Ahi  values  <  1  (typical  of  a  high  velocity  flight)  slow  down  the  flow  in  the  intake  hilite  zone. 
In  any  case  experimental  evidence  of  above  considerations  through  s  transonic  test  appears  essen 
tial  for  a  flow  field  understanding.  “ 

Fig.  2. 15  shows  the  distortion  parameter  DC6o*  versus  Ao/Ahi  at  ci-  0*  and  ot  -  10*  for  the 
different  configurations:  the  diverter  plate  has  a  peculiar  influence  on  distortion:  DCgo*  actual¬ 
ly  increases  when  Ao  /  Ahi  decreases;  configurations  without  plate  (replaced  by  thin  lip  )  usual¬ 
ly  show  the  opposite  trend. 


2.  2.  3  Conclusions 

-  From  a  drag  standpoint  the  blunt  diverters,  at  subsonic  velocity,  have  a  better  behaviour  in 
terms  of  Cp,  the  difference  with  the  sharp  diverters  reaching  the  order  of  some  percent  of  air_ 
craft  Qpo 

-  Cp  decreases  with  incidence,  therefore  it  could  be  useful  to  adapte  the  diverter  at  positive  an¬ 
gle  of  attack  of  few  degrees,  compatibly  with  adequate  transonic  performance. 

-  Optimization  of  the  diverter  geometry  and  of  the  relative  distance  between  its  lead,  edge  and  in¬ 
take  hilite  station  could  eliminate  the  plate  with  consequent  weight  saving  and  dc-lcing  deletion. 

-  Plate  elimination  increase*  intake  performances  in  terms  of  distortion  level  in  the  normal 
Ao/Ahi  <  1  flight  condition''  range.  The  advantage  could  be  in  the  order  of  505*. 

-  A  transonic  wind  tunnel  test  is  recommended  to  substantiate  low  speed  results  and  check  their 
applicability  to  the  complete  typical  C.  A.  S.  aircraft  velocity  envelope, 
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Figure  1.1-  Panelling  of  the 
3EB1  Low  Speed  Model 
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Fig,  1, 2  -  Position  of  pressure  plots 
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Fig.  1,3  -  Conditions  for  theoretical  vs,  experimental 
data  comparisons. 
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Figure  1. 12  -  Second  intermediate  mesh  grid 


Figure  1, 13  -  Final  mesh  grid 


ALFA 

.  0* 

MACH 

-  .70 

VA 

«  HI 

-  .57 

Figure  1. 14 


t 

1 

i 


ALFA 

-  0* 

MACH 

-  .76 

VAH1 

•  .  57 

Figure  U  16 


tribution  -  Bounda 


THE  DESIGN  AND  DEVELOPMENT  OF  THE 
TORNADO  ENGINE  AIR  INTAKE 


C.P. Stocks 

Principal  Flight  Test  Engineer 
BAe  Warton  Division 
Warton  Aerodrome 
GB 


N.C.Bissinger,  Ph.D. 
Messerschmitt-Bdlkow-Blohm 
Unternehmensbereich  Flugzeuge 
D  8000  MUnchen  80 
Postfach  801160 
FRG 


SUMMARY 

The  design  and  development  of  the  Tornado  supersonic  intake  is  described  outlining 
the  critical  aerodynamic  design  areas  with  special  emphasis  on  compatibility;  the  problem 
of  design  loads  is  also  reviewed. 

The  philosophy  and  operation  of  the  automatic  control  system  is  discussed. 

Finally,  the  propulsion  system  behaviour  in  flight  and  some  examples  of  intake- 
airframe  interaction  are  described. 
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1  .  INTRODUCTION 

The  TORNADO  Aircraft  (Fig.1)  is  the  product  of  European  collaboration  belv; an  air¬ 
frame  and  engine  companies  designed  to  meet  the  requirements  of  the  German,  I*,  uli.an  and 
British  airforces  with  whom  it  is  now  in  service. 

The  two  seat  aircraft  is  twin  engined  v-.tth  a  shoulder  mounted  variable  geometry 
wing  and  a  low  t.ailplane,  The  engines,  TU  RB  199  are  located  in  the  rear  fnselage  and 
are  equipped  with  thrust  reversers  which  in  conjunction  with  a  sophisticated  high  lift 
system  give  a  well  balanced  take  off  an i  landing  performance. 

The  engines  are  fed  by  variable  geometry  two  dimensional  intakes  located  on  the 
fuselage  side  forward  of  the  wings.  The  intakes  are  designed  to  satisfy  the  conflicting 
requirements  of  greater  than  Mach  2  operation  and  a  very  wide  incidence  operating  envelope 
at  subsonic  speeds. 

To  achieve  these  aims  compatibility  and  performance  have  been  accorded  equal  status 
in  all  assessments.  Having  achieved  the  desired  aerodynamics  an  intake  control  system 
has  been  designed  with  the  performance  and  precision  to  exploit  the  aerodynamics. 
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Thin  paper  reviews  the  evolution  of  the  Tornado  engine  intake  design  from  concept  to 
flight,  highlighting  the  critical  design  areas  and  the  design  actions  initiated  to  secure, 
in  collaboration  with  TU,  an  efficient  and  flexible  propulsion  system. 

2,  ENGINE  INTAKE  LAYOUT 

The  air  intakes  are  disposed  on  each  side  of  the  forward  fuselage  (Fig.  2),  The 
comprussion  ramps  form  the  upper  surface  of  the  intake.  The  intake  datum  is  aligned 
parallel  to  the  fuselage  datum  (zero  cant  angle)  and  the  first  ramp  is  fixed,  the 
second  ramp  is  variable  relative  to  the  first  ramp.  The  third  (subsonic)  ramp  is  mechani¬ 
cally  linked  to  the  second  ramp  and  is  hinged  at  its  trailing  edge. 

The  variable  ramps  are  positioned  by  an  electro-hydraulic  actuator  under  the  control 
of  the  Air  Intake  Control  System  (AICS) . 

The  compression  su.  ,ce  boundary  layer  is  bled  through  the  wide  slot,  formed  between 
the  trailing  edge  of  the  second  ramp  and  the  leading  edge  of  the  third  ramp,  into  the  void 
above  the  ramps  to  be  exhausted  overboard  through  a  rearwards  facing  scoop  on  the  top 
surface  of  the  intake. 

Each  intake  is  equipped  with  two  blow  in  auxiliary  doors  which  maintain  high  pres<-  .re 
recovery  under  take  off  and  landing  ccnditions. 

The  intakes  are  connected  to  the  engines  by  low  diffusion  angle  ducts  which  have  an 
elongated  S  shape  planform. 

Ploughshare  shaped  boundary  layer  diverters  separate  the  intakes  from  the  fuse  e 

side. 


3.  AIR  INDUCTION  SYSTEM  NOMENCLATURE 

Intake  Aerodynamics  is  concerned  with  four  main  topics: 

•  Intake  pressure  recovery 

»  Intake  spillage  drag 

•  Distortion 

•  Swirl 

Intake  pressure  re-iovery  is  the  mean  total  pressure  recovered  at  the  engine-intake 
interface  referred  to  free  stream  total  pressure.  Engine  thrust,  is  directly  related  to 
pressure  recovery  on  a  greater  than  1:1  basis. 

Intake  spillage  drag  is  the  drag  associated  with  the  intake  running  at  less  than  full 
muss  flow.  At  subsonic/transonic  speeds  full  mass  flow  (zero  spillage  drag)  is  achieved 
when  the  intake  throat  Mach  number  is  equal  to  free  stream  Mach  number.  Supersonically 
full  mass  flow  is  defined  by  the  shock  wave  geometry. 

Distortion  in  thci  airflow  at  the  engine-intake  interface  is  seen  as  the  non-uniformity 
Of  the  total  pressure  distribution.  Increasing  distortion  leads  to  increasing  loss  of 
engine  surge  margin.  Distortion  is  usually  described  in  coeff icient  form.  The  coefficient 
adopted  by  TU  is  DC  0  and  defines  the  maximum  total  pressure  deficit  in  an  angular  segment 
Q  of  the  compressor  face,  as  a  fraction  of  the  mean  dynamic  head. 

By-paea  engines  have  been  found  to  be  sensitive  to  pressure  distortion  existing  for 
a  very  short  period  of  time  (less  than  one  compressor  revolution).  This  instantaneous 
distortion  is  measured  during  intake  model  tests  and  used  for  the  determination  of  the 
ongino/int  ike  compatibility  boundaries  of  a  propulsion  system.  Generally  speaking  high 
distortion  levels  accompany  low  pressure  recovery  levels  and  are  typical  of  high  intake 
mass  flow  ccnditions,  especially  p  I'.iyn  incidence  subsonic  Mach  number  and  at  high 
supersonic  Mach  number  flights. 

Distortion  tolerance  of  by  pass  engines  can  be  reduced  drastically  when  distortion 
is  accompanied  by  intake  flow  angularity.  Circumferential  flow  angles  are  defined  as 
swirl.  Swill  it  an  additional  important  intake  flow  parameter  in  the  overall  performance 
of  the  propulsion  system.  The  description  of  a  swirl  coefficient  is  highly  desirable, 
however,  is  not  yet  fully  codified  into  practical  and  common  use.  Therefore,  this  paper 
refers  to  swirl  on  the  circumference  of  a  specific  intake  duct  radius. 

4.  TORNADO  INTAKE  DEVELOPMENT  MODELS)  TOOLS 

Small  scale  models  were  tested  during  development  of  the  intake  (Fig. 3),  comprising 
static,  low  speed,  subsonic  and  supersonic  models.  Extensive  use  was  made  of  the  Cel)  4 
facility  at  NGTE,  Pyestock,  where  full-scale  testing  of  an  isolated  Tornado  intake  in 
front  of  a  r;~heated  SB  199  was  carried  out,  the  majority  of  the  testing  being  with  the 
intake  under  automatic  control. 

The  mam  test  parameters  have  been  internal  performance,  drag,  steady  state  and 
instartaneous  distortion  and  swirl. 


internal  performance  wu  Manured  with  Pitot  rakes  across  the  Intake  duct  at  an 
agreed  interface  between  intake  and  engine. 

Two  techniques  were  adopted  for  intake  drag  measurements,  namely  the  conventional 
method  of  determining  drag  increments  where  the  complete  model,  i.e.  intake  plus  fuselage, 
is  balance  mounted  and  a  novel  technique,  where  the  intake  only  was  balance  mounted 
allowing  absolute  intake  drag  to  be  measured. 

Dynamic  flow  fluctuations  were  recorded  by  Kulites.  Steady  state  and  Kulite  pitots 
were  positioned  aide-by-side  (Fig.  4a). 

Instantaneous  distortion  coefficients,  turbulence  and  time-variant  pressure  recovery 
were  calculated  using  an  analog  on-line  system  (Fig.  4b) . 

Five-hole  probes  on  a  separate  rake  were  used  for  the  measurement  of  flow  angularity, 
i.e.  swirl  (Fig.  4c). 

Prior  to  full-scale  intake  testing  the  performance  of  the  air  intake  control  system 
(AICS)  in  terms  of  stability  and  response  has  been  demonstrated  on  an  AlCS-rlg,  comprising 
actual  electronic  and  hydraulic  aircraft  hardware  with  simulated  pneumatic  and  electrical 
stimuli  inputs. 


5.  INTAKE  DESIGN 

5.1  Fuselage  Flow  Field  and  Intake  Orientation 

At  subsonic  speeds  there  is  considerable  upwash  aggravating  the  cowl  design  problem. 
At  supersonic  speeds  there  is  a  downwat’i  (Fig.  5)  reducing  first  ramp  shock  strength  but 
increasing  the  strength  of  the  shocks  further  downstream  with  attendant  shock  boundary 
layer  interactions. 

The  cowl  design  problem  is  essentially  of  a  subsonic  nature  and  is  considered  in 
chapter  5.3. 

The  supersonic  downwash  problem  has  been  alleviated  by  .increasing  th*-  cant  angle  of 
the  intake  from  an  initial  -3  degrees  to  0  degrees  which  increases  first  ramp  flow  turning 
and  restores  compression  balance  across  the  shock  system.  Fig.  6  shows  typically  how  the 
turbulence  and  distortion  characteristics  across  the  intake  throttling  range  are  reduced 
by  increasing  the  cant  angle  from  -3  to  0  degrees. 


5.2  Diverter 

The  fuselage  boundary  layer  diverter  is  sized  for  a  width/fu.  1  boundary  layer  thick¬ 
ness  ratio  of  unity  (Fig.  7).  Side  elevation  is  a  ploughshare  shane  of  relatively  low 
aspect  ratio.  This  shape  was  optimised  in  combination  with  inboard  sideplate  geometry 
in  transonic  drag  tests. 

5.3  Intake  Cowl  Lip 

From  combat  studies  it  has  become  increasingly  evident  that  at  subsonic  speeds  very 
high  incidence  operation  gives  significant  tactical  advantages,  for  interception  roles 
good  acceleration  to  high  supersonic  Mach  number*  .u  required. 

For  Tornado  these  tequirenents  have  been  met  successfully  using  a  fixed  cowl  geo¬ 
metry,  the  design  of  which  can  be  regarded  as  the  most  critical  and  difficult  in  the  over¬ 
all  intake  design. 

At  subsonic  speeds  increasing  incidence  leads  to  cowl  flow  separation  as  illustrated 
bj  the  water  tunnel  flow  visualisation  photographs  in  Fig.  8.  With  separation  comes 
increased  distortion  level  resulting  in  reduced  engine  surge  pressure  ratio.  Large  tail- 
plane  angles  and  wing  sweeping  have  to  be  accomodated  by  the  hydraulic  system  resulting 
in  large  power  off-take  demand.  The  power  off-take  lifts  the  engine  running 
line  with  a  further  significant  reduction  :.n  surge  margin,  engine  handling  on  top  of 
all  this  leads  to  a  very  sensitive  situation  where  a  classical  compatibility  problem  can 
well  occur. 

To  combat  this  situation  increased  incidence  tolerance  can  be  obtained  by  cowl 
blunting,  but  at  the  expense  of  rapidly  deteriorating  supersonic  intake  performance  via 
increased  ccwl  wave  drag  and  reduced  capture  and  reduced  pressure  recovery  from  increased 
terminal  s)  ,ck  standoff.  Fig.  9  indicates  how  the  compatibility  parameters  improve 
with  lip  contraction  ratio  and  also  the  dramatic  increase  in  shock  standoff. 

A  substantial  decrease  in  instantaneous  distortion  has  been  achieved  in  the  Tornado 
intake  development  by  applying  cowl  blunting  and  de-cambering  for  a  small  and  acceptable 
deterioration  in  supersonic  performance;  the  original  and  current  cowl  shapes  are  com¬ 
pared  in  Fig.  10a,  the  resulting  reduction  in  turbulence  (distortion)  is  shown  in  Fig.  10b. 
The  supersonic  penalties  are  illustrated  by  figs.  10c  and  lOd  in  terms  of  mass  flow 
deficit  and  shock  standoff  respectively. 
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of  blunting  ir,  however  still  incuff icisnt  to  snsurs  that  the  cowl  is  free 
of  flow  separation  over  the  required  incidence  range  at  maximum  engine  ratings. 


It  would  then  seem  inevitable  that  for  a  modern  combat  aircraft  with  unshielded 
intakes  cowl  flow  separation  will  occur  well  within  the  required  incidence  envelope. 

The  task  of  the  intake  designer  is  to  ensure  that  under  such  high  incidence  conditions 
the  flow  at  engine  entry  is  conditioned  so  as  not  to  provoke  engine  surge.  This  task 
is  eased  by  the  fact  that  instantaneous  distortion  does  not  increase  proportionately 
with  increasing  incidence,  but  reaches  a  plateau  value  at  very  high  incidence 
(Fig.  11a).  It  is  conjectured  that  this  is  due  to  the  increasing  incidence  reducing  the 
effective  intake  stagger  causing  flow  turning  to  be  more  equitably  balanced  between 
ramps  and  cowl  (Fig.  11b)  hence  tending  to  suppress  the  cowl  side  separation. 


With  the  advent  of  a  separated  cowl  flow  a  further  potentially  de-stabilising  engine 
flow  property  can  occur  if  there  is  appreciable  curvature  of  the  flow  in  the  same  plane  as 
the  plane  of  separation  (Fig.  12  a).  The  differences  in  centrifugal  forces  (due  to 
velocity  differences)  between  the  high  and  low  energy  flows  in  the  intake  produce  static 
pressure  gradients  which  cause  secondary  flows,  i.c.  cross  flows.  This  mechanism  is  the 
same  as  in  fully  developed  pipe  flow  in  curved  ducts  where  the  symmetrical  boundary 
layer  results  in  the  classic  twin  swirl  pattern  which  has  zero  mean  swirl.  In  an  intake 
duct  where  the  boundary  layer  is  separated  on  one  wall,  e.g.  downstream  of  the  cowl  lip, 
the  mechanism  produces  a  bulk  swirl  with  nearly  solid  body  rotation  superimposed  by  'twin 
swirl'. 


The  flow  angles  with  this  composite  pattern,  measured  near  to  the  engine  face  for 
high  angle  of  attack  are  shewn  in  Fig.  12b  together  with  the  associated  isobar  distribu¬ 
tion  (Fig. 12c).  The  largest  flow  angles  are  connected  with  the  lowest  total  pressures. 

The  position  of  the  low  total  pressure  area  indicates  a  rotation  of  the  cowl  separation 
flow  by  about  210  degrees. 

The  strength  of  both  bulk  and  *twir’  s.w.rl  depends,  for  a  given  Mach  number,  intake 
geometry,  and  engine  mass  flow  on  incidence  only.  This  is  demonstrated  in  Fig.  1?,d, 
where  the  mean,  the  maximum  and  the  minimum  swirl  on  the  circumference  of  the  outermost 
measuring  station  is  plotted  as  a  function  of  incidence.  As  can  be  seen,  there  is  a 
strong  increase  in  mean  swirl  at  intermediate  incidences  and  a  plateau  value  is  reached 
at  higher  incidences.  The  same  dependency  on  Incidence  was  found  for  instantaneous 
distortion  (Fig.  11a).  As  a  measure  for  the  strength  of  the 'twin  swirl1  the  differences 
between  mean  and  maximum  swirl  or  mean  and  minimum  swirl  can  he  considered.  These 
values  nearly  double  with  increasing  incidence. 

If  the  sense  of  rotation  of  the  swirl  is  contra  to  that  of  the  engine  compressor, 
assuming  no  interaction  from  inlet  guide  vanes,  additional  losses  in  surge  margin  to 
those  already  accruing  from  distortion  ensue.  This  could  be  expected  in  the  port  intake 
(Fig.  12a). 

In  this  context  it  is  worth  pointing  out  the  dangers  of  misleading  results  from  tests 
of  a  full  scale  intake-engine  combination  in  the  presence  of  mv.lti-armed  Pitot  rakes  which 
may  have  powerful  flow  straightening  properties  and  mask  a  problem. 

5.4  High  Ramp  Angle  Subsonic  Diffuser 

The  Tornado  aircvvft  ••  ss  conceived  as  a  compact  fighter  of  the  minimum  size  compatible 
with  its  diverse  roles. 


To  secure  minimum  possible  supersonic  drag  cross  sectional  area  in  the  centre 
fuselage  section  must  be  parties  1 arly  closely  controlled.  Consequently  volume  for  the 
main  undercarriage  is  at  a  premia,,  and  the  intake  duct  turning  into  the  centre  fuselage 
needs  to  be  accomplished  as  rapidly  as  is  compatible  with  achieving  good  duct  lines. 

A  short  third  ramp  results  from  this  pproach  reducing  ramp  hinge  moments,  allowing 
a  modest  actuator,  minimising  hydraulic  demand. 

At  high  ramp  angles,  however,  the  short  ramp  results  ir  high  diffusion  rates  which 
can  lead  to  deterioration  in  duct  flow  quality. 

High  ramp  angles  are  associated  with  high  Mach  number  operation  where  the  diffuser 
entry  flow  can  already  be  adversely  affected  by  external  shock  boundary  layer  interactions. 

Under  these  conditions  it  was  recognised  that  there  was  danger  of  r-eparated  flow  in 
the  vicinity  of  the  third  ramp  with  associated  unsteady  flow  and  the  probability  of  flow 
swirl. 


Using  the  same  (simplified)  flow  model  as  in  the  preceding  chapter  5.3  Fig.  13a 
shows  the  creation  of  swirl  due  to  third  ramp  flow  separation.  The  sense  of  rotation  is 
contra  to  that  one  of  the  swirl  stemming  from  cowl  flow  separation.  Again,  mean  swirl 
is  a  bulk  swirl  superimposed  by  'twin  swirl'.  Also,  the  area  of  largest  flow  angles  is 
the  one  with  the  lowest  total  pressures  (Fig.  13b  and  13c).  The  dependency  of  bulk  and 
'twin'  swirl  strength  on  ramp  angle  is  shown  in  Fig.  13  d. 


. . • "rroa'th«M  data,  surge  proneness  of  ths  starboard  engine  during  high  supersonic  Mach 

numbers ,  l.e.  high  ramp  angle ,  operation  is  a  possibility  due  to  the  swirl  rotating  contra 
to  the  first  engine  compressor  stage. 

5.5  Anti  Icing  System 

Each  intake  has  its  own  independent  ice  protection  system  which  is  an  electrical 
anti/de-icing  type.  When  the  system  is  operating  the  leading  edges  are  anti-iced  by 
continuously  heated  mats  and  areas  behind  them  de-iced  by  cyclically  heated  mats.  Power 
intensities  and  cycle  timos  are  arranged  so  that  the  maximum  size  of  ice  shed  into  the 
engine  from  heated  areas  will  be  150  x  25  x  7  mm  or  18.4  gram  mass.  The  third  ramp 
leading  edge  is  not  heated  and  ice  shed  from  there  is  acceptable  to  the  engine. 

The  areas  of  the  intake  covered  by  heater  mats  are  shown  in  Fig.  14. 

The  electrical  load  for  the  whole  ice  protection  system  during  a  cycle  does  not 
exceed  6.85  kW. 


The  continuously  heated  anti-iced  areas  initially  de-ice  the  intake  lips  if  necessary 
and  then  prevent  ice  from  forming  whilst  the  de-icin.’  system  is  operating.  The  cyclically 
heated  areas  allow  ice  to  build  up  during  a  predetermined  period  of  time  and  then  shed  it 
progressively.  The  complete  cycle  for  both  intakes  takes  128  seconds.  The  pieces  of 
ice  entering  the  engine  are  the  size  quoted  earlier  or  smaller  bo  that  no  degradation  is 
caused  to  engine  performance. 

Operation,  either  automatic  or  manual,  of  the  de-icing  system  is  inhibited  on  the 
ground  to  avoid  overheating  the  mats. 

The  performance  of  the  Propulsion  System  ns  a  whole  has  been  tested  at  the  NGTE 
Icing  Facility,  Pyestock,  and  the  results  verified  that  the  intake  has  sufficient  icing 
protection  for  15  minutes  of  continuous  maximum  icing  conditions. 

5.6  Air  Intake  Control  System 

The  Air  Intake  Control  System  (AICS)  has  been  described  in  depth  elsewhere  (Ref.  1), 
but  for  completeness  a  brief  description  of  the  system  will  be  given  here. 

The  purpose  of  the  AICS  is  to  position  the  intake  to  achieve  maximum  installed 
thrust  and  exploit  the  operating  limits  of  the  intake. 

Each  intake  has  its  own  totally  independent  AICS  which  comprises  a  digital  computer 
with  its  associated  air  data  sensors  and  an  electro-hydraulic  actuator,  the  design  phi¬ 
losophy  is  operate  fail  safe. 

The  AICS  has  two  normal  modes  of  operations 

Open  loop  for  operation  at  less  than  M  ■  1.3  — 

closed  loop  operation  for  greater  than  M  ■  1.3  flight. 

In  the  open  loop  mode  the  intake  is  held  at  a  constant  throat  area  with  the  second 

ramp  fully  collapsed. 

At  M  fc  1.3  the  intake  ramps  are  positioned  as  a  function  of  Mach  number,  incidence 
and  engine  mass  flow  demand.  Mach  number  and  incidence  are  obtained  from  the  side  pitot- 
static  system  and  air  direction  detectors  respectively.  Engine  mass  flow  demand  is  deter¬ 
mined  from  a  sensor  measuring  pressure  in  the  ramp  void.  This  pressure  when  normalised  by 
free  stream  pitot  pressure  uniquely  defines  mass  flow  for  given  free  stream  conditions  and 
intake  geometry.  A  value  of  this  void  pressure  recovery  can  be  chosen  which  represents 
the  optimum  intake  operating  point  for  a  given  ramp  angle  and  free-stream  condition. 
Schedules  of  the  optimum  void  pressure  recovery  are  stored  in  the  AICS  digital  computer, 

the  actual  value  of  T)  b  measured  in  the  void  is  compared  with  the  scheduled  value,  the 

resulting  error  signal  it;  fed  to  the  actuator  via  its  associated  servo  system  and  ramp 
angle  is  changed  until  actual  and  scheduled  bleed  pressure  recoveries  are  identical. 

Limiting  ramp  angles,  which  are  a  function  of  Mach  number  and  incidence  only,  chosen 
to  give  maximum  buzz  and  supercritical  intake  operating  margins  over-ride  the  closed  loop 
operation  under  low  ("Hot  Day")  and  high  ("Cold  Day")  engine  flow  conditions  respectively. 

The  AICS  is  provided  with  Built  In  Test  Equipment  (BITE)  which  has  the  dual  modes  of 
continuous  self  checking  in  flight  and  a  more  comprehensive  system  check  prior  to  flight. 

For  the  flight  test  programme  the  AICS  has  been  fully  instrumented  and  additionally 
hfi3  the  facility  of  allowing  manual  control  of  the  intake. 

5.7  Intake  Structural  Loads 

As  a  result  of  engine  surge,  pressure  waves  are  set  up  in  the  induction  system 
which  produce  loads  which  are  analogous  to  hammer  shock  in  pipes.  Hammer  shock  pressures 
design  the  Tornado  ducts,  ramps  and  linkage  systems. 


Maximum  hammer  shook  pressures  increase  essentially  linearly  with  increasing  engine 
compression  ratio  (Fig.  15a).  These  data  include  subsonic  and  supersonic  flight  condition 
results.  For  the  RB  199  in  Tornado, duct  peak  surge  pressures  of  the  order  of  twice  free- 
ntream  total  pressure  have  been  experienced. 

Such  pressure  levels  can  usually  be  accommodated  in  the  circular  sections  of  the 
duct,  the  associated  hoop  stresses  not  being  critical.  Moving  parts,  however,  are  es¬ 
pecially  vulnerable,  ramp  loads  aan  be  intensified  by  the  hammer  shock  waves  accelerating 
into  the  void  above  the  ramps  whilst  auxiliary  doors  are  liable  to  structural  damage 
under  slamming  loads.  Reference  2  gives  a  detailed  review. 

The  pressure  rise  time  associated  with  the  hammer  shock  is  extremely  short  (Fig.  15b) 
of  the  order  of  1  millisecond.  The  sudden  surge  pressure  application  can  result  in  stress 
amplifications.  In  Fig.  15c  the  increased  stress  level  expressed  as  a  gain  factor  is 
clearly  Influenced  by  duct  panel  size  and  correct  sizing  of  the  panel  can  give  appreciable 
alleviation. 

Hammer  shock  loading  cases  are  especially  important  for  prototype  aircraft  where 
surge  occurrence  frequency  can  be  high  during  initial  flying.  As  flying  progresses  the 
frequency  decreases  dramatically  due  to  establishment  of  clearance  envelopes  and  general 
development.  On  this  basis  there  could  be  a  case  for  more  lenient  surge  loading  cases  to 
be  specified  for  production  aircraft. 


6 .  FLIGHT  TESTING 

6 . 1  programme  Tasks 

The  objective  of  the  flight  test  programme  was  to  establish  and  ensure  that  the  per¬ 
formance  and  the  operational  envelope  of  the  intake  and  its  control  system  is  compatible 
with  the  overall  weapon  system  requirements. 

To  meet  the  objective  programme  tasks  a3  indicated  below  were  initiated: 

•  Measurement  of  intake  internal  performance  In  terms  of  pressure  recovery 
and  steady  state  distortion  as  a  function  of  mass  flow,  Mach  number  and 
incidence. 

•  Assessment  of  the  AICS  in  open  and  closed  loop  operation, 

•  Acquisition  of  adequate  data  from  “On  Control"  and  “Off  Control"  intake 
operation  for  comparison  with  the  wind  tunnel  data  bank  to  provide  confident 
successive  clearances. 


•  Confirmation  oj:  aircraft  recovery  procedures  specified  for  AICS  failures. 

e  Measurement  of  intake  loads  under  engine  surge  conditions  for  confirmation 
of  structural  integrity. 


Comprehensive  flight  test  instrumentation,  measuring  more  than  70  parameters,  was 
installed  in  the  intake  and  duct  of  the  intake/engine  development  aircraft.  During  the 
testing  telemetry  was  used  extensively  to  monitor  critical  parameters.  Also  in  flight 
re-fuelling  was  standard  procedure  to  expedite  the  programme. 

6.2  Subsonic  Tests 

In  addition  to  measuring  intake  performance  usiny  a  conventional  Pitot  rake  much 
attention  was  devoted  to  ensuring  propulsion  system  compatibility  at  high  incidence 
including  the  effect  of  large  power  offtakes  and  simultaneous  engine  handling.  This  part 
of  the  testing  will  be  dealt  with  in  detail  in  this  section.  The  programme  culminated 
in  a  highly  successful  result,  no  surges  were  experienced  at  target  Incidence  even  under 
severe  engine  handling  and  extreme  power  offtake  conditions. 

Experience  showed  initially  that  surges  occurred  at  less  than  target  incidence 
with  intake  flow  conditions  at  which  instantaneous  distortion  levels  were  not  excessive. 
The  surges  were  confined  to  the  left  hand  installation. 

The  fact  that  the  problem  was  handed  re-focussed  attention  on  intake  flow  swirl.  The 
combination  of  instantaneous  distortion  and  swirl,  rotating  contra  to  the  fan  in  the  port 
installation,  was  apparently  sufficient,  in  the  absence  of  compressor  inlet  guide  vanes, 
to  cause  surge.  The  right  hand  engine  in  a  co-rotating  swirl  environment  was  surge  free 
as  anticipated. 

A  simple  fence  was  introduced  into  the  intake  on  the  intake  centre  line  just  down¬ 
stream  of  the  cowl  lip  and  extending  downstream  for  the  length  of  the  duct  inboard  bend 
(Fig.  16a) .  This  fence  had  been  shown  in  wind  tunnel  tests  to  inhibit  the  development  of 
bulk  swirl  by  preventing  the  duct  secondary  flow  from  interacting  with  the  low  energy  air 
emanating  from  the  separated  cowl.  In  Fig.  16b  the  reduction  in  swirl  on  the  circum¬ 
ference  of  the  87  %  duct  radius  and  the  reduction  in  mean  swirl  on  that  radius  as  a 
function  of  incidence  due  to  the  cowl  fence  can  be  recognised. 

Flight  terts  showed  the  fence  to  be  highly  effective  allowing  a  propulsion  system 
incidence  envelope  to  be  defined  compatible  with  the  high  incidence  requirement  of  the 
aircraft  (Fig.  16c) . 
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At  supersonic  speeds  the  full  flight  envelope  has  been  successfully  demonstrated. 

The  AICS  behaved  precisely  as  predicted  and  no  development  problems  were  experienced. 

At  M  >  1.35  the  characteristics  of  the  RB  199  Main  Engine  Control  Unit 
(MECU)  are  such  that  there  is  virtually  no  engine  mass  flow  variation  with  throttle  posi¬ 
tion/  mass  flow  varies  only  as  a  function  of  ambient  temperature  and  Mach  number.  As 
variations  in  ambient  temperature/  on  a  given  day,  are  likely  to  be  small  only  a  small 
ramp  angle  variation  and  hence  a  small  area  of  the  intake's  required  operating  range  can 
be  investigated.  In  order  to  rapidly  gain  assurance  that  the  intake  was  behaving  ao  ex¬ 
pected,  intake  characteristics  at  constant  mass  flow  conditions  were  measured  and 
assessed. 


The  technique  adopted  involved,  at  constant  flight  conditions,  driving  the  intake  off 
schedule  using  the  manual  control  facility.  Excursions  were  made  to  buzz  onset,  decreasing 
ramp  angle,  and  also  to  surge  induced  by  supercritical  intake  operation,  increasing  ramp 
angle.  Intake  parameters  recorded  during  the  ramp  traverses  were  then  compared  with  wind 
tunnel  data. 


Excellent  agreement  was  found  to  exist  between  the  flight  measurement  and  the  small 
scale  wind  tunnel  data  as  shown  by  Fig. 17  where  the  ramp  angle  versus  void  pressure  ratio 
relationship  and  also  buzz  onset  are  compared. 

As  supersonic  flight  testing  proceeded  towards  the  maximum  design  airspeed  and  hence 
the  intake  ramp  angle  approached  its  maximum  value,  surges  began  to  occur  in  the  right 
hand  installation.  Again  a  handed  problem  indicated  swirl  to  be  the  engine  destabilising 
agent.  The  origin  of  the  swirl  being  the  thickened  boundary  layer  on  the  subBonic  ramp 
caused  by  the  high  diffusion  rate  associated  with  the  high  ramp  angle  (see  chapter  5.4). 

To  reduce  the  swirl  content  of  the  duct  flow,  two  fences  (Fig.  18a)  were  introduced 
into  the  duct  at  about  two  engine  diameterB  upstream  of  the  engine  face,  one  on  the 
bottom  centre  line,  the  other  on  the  inboard  centre  line.  During  model  tests  these 
fences  had  been  shown  to  substantially  reduce  swirl  (Fig.  Itib). 

Subsequent  flight  tests  were  highly  successful,  permitting  flight  to  the  maximum 
Mach  number/air  speed  combination.  Fig. 18c  indicates  the  improved  intake/ongine 
operating  range  due  to  the  provision  of  fences. 

The  cowl  fence  described  in  chapter  6.2  also  showed  a  potential  for  reducing  swirl 
at  supersonic  Mach  numbers  (Fig.  18d) .  Flight  tests  for  final  proof  are  being  conducted. 

7.  INTAKE  AIRFRAME  INTERACTIONS 

In  a  close  coupled  configuration  similar  to  that  of  Tornado,  the  flow  field  induced 
by  the  intake,  in  its  different  modes  of  operation,  has  significant  modifying  influences 
on  the  overall  aircraft  aerodynamics. 

l!y  carefully  planned  and  phased  wind  tunnel  tests  during  the  definition  phase  of 
Tornado  such  problem*/  were  surfaced  and  solved  whilst  the  aircraft  configuration  was 
relatively  fluid. 

The  lifting  vortices  shed  from  the  inboard  and  outboard  corners  of  the  leading 
edge  of  the  intake  produce  sidewashes  at  the  fin  which  reduce  the  effectiveness  of  the 
fin  in  sideslip  (Fig.  19). 

The  vortex  from  the  inboard  intake  corner  tends  to  be  de-stabilising  at  low  incidence. 
At  nigh  incidence  the  outboard  vortex  is  pronounced  and  in  conjunction  with  the  forebody 
and  canopy  vorticeB  can  cause  a  noticeable  reduction  in  weathercock  stability.  The  high 
aspect  ratio  fin  of  Tornado  maintains  its  effectiveness  under  such  conditions. 

when  tne  intake  is  running  at  less  than  full  mass  flow,  spillage  around  the  swept 
outboard  sideplate  produces  a  vortex.  At  high  incidence  the  vortex  breaks  down  and 
passes  over  the  wing  not  sensibly  interacting  with  other  aircraft  components. 

At  low  to  moderate  incidence  the  vortex  is  constrained  to  pass  close  to  the  tailplane 
root  unloading  the  leading  edge  of  the  tailplane  and  driving  the  aerodynamic  centre  aft 
(Fig.  20). 

The  shift  leads  to  a  reduction  in  effective  tailplane  stiffness  and  it  was  necessary 
to  change  the  planform  slightly  by  making  minor  changes  to  the  tailplane  leading  edge 
to  recover  flexible  aLrcraft  longitudinal  stability. 

8 .  CONCLUDING  REMARKS 

In  this  paper  we  have  attempted  to  highlight  some  of  the  problems  encountered  by  the 
intake  designers  in  the  real  world  of  design  and  development  of  a  successful  Multi  Role 
Combat  Aircraft. 

The  designer  must  be  aware  of  what  the  overall  weapon  system  design  strategy  is  and 
recognise  where  to  concentrate  his  main  effort,  considering  not  only  induction  system 
problems  but  also  intake  interactions  with  other  aircraft  components. 


Tha  major  component  V/ith  which  tha  intaka  intaracta  is  tha  angina.  He  do  not  apologisa 
for  making  such  an  obvious  statement.  The  importance  of  close  continuous  contact  and  co¬ 
operation  with  the  angina  manufacturer  cannot  be  ovarstrassed  neither  can  testing  of  tha 
engine-intake  combination  at  tha  earliest  juncture  such  that  potential  problem  areas  can 
be  highlighted,  discussed  and  resolved  in  the  most  cost  effective  way  for  the  overall 
propulsion  system. 

In  this  way  the  'gods  of  compatibility  and  performance*  are  equally  propitiated  and 
the  success  of  the  overall  project  is  greatly  enhanced. 
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Fig.  1  Multi-Role  Combat  Aircraft  Tornado 
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Fig.  2  Engine  Intake  Layout 
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Fig.  3  Tornado  Intake  Development  Models 


Fig.  4a  Kullte  and  Pitot  Probes 


Fig.  4c  Five  Hole  Probe 
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Fig.  4b  Data  Reduction  Flow  Dlagramme 
Fig.  4  Probes  and  Data  Reduction  System 
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Fig.  5  Upwash  at  Intake  Location 
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Fig.  6  Comparison  of  Cant  Angle  Effects  on  Intake  Distortion  over 
Intake  Useful  Operating  Range  at  M  -  2.0 
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Fig,  7  Variation  of  Fuselage  B.L.  Thickness  with  Incidence  at 
Intake  Leading  Edge  Based  on  Model  Test  Data 
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Fig,  8  Flow  Visualization  Photographs: Variation  of  Cowl  Flow  with  Incidence 
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Fig.  10  a  Comparison  of  Cowl  Shapes 
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Fig.  10  b  Engine  Face  Turbulence 

for  Different  Cowl  Shapes 


Fig.  10  d  Shock  Stand  Off  Distance  for 

Different  Cowl  Shapes  from  Model  Tests 


Fig.  10  Effect  of  Cowl  Bluffness  on  internal  Performance 


INSTANTANEOUS 
DISTORTION 
DC  60  (t) 


r  "-'T"11  i  ■"  r  ■  "  i  r  1  "  i  . * . "i 


INCIDENCE  a  [°] 

Fig.  lla  instantaneous  Distortion  Versus  incidence 
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Fig.  lib  Reduction  of  Effective  Stagger  with  Increasing  Incidence 


Fig.  11  Instantaneous  Distortion  and  Effective  Stagger 
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Fig.  12a  Secondary  Flows  in  Intake  at  Subsonic  Mach  Numbers  and  High  Angles  of  Attack 
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Fig.  12b  Flow  Angles  at 

Engine/Intake  Interface 
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Fig.  12 d  Maximum,  Mean  and  Minimum  Swirl  Versus  Incidence 

Fig.  12  Subsonic,  High  Angles  of  Attack  Problem 
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Fig.  13a  Secondary  Flows  in  Intake  at  Supersonic  Mach  Numbers  and  High  Ramp  Angles 
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Fig.  13b  Flow  Angles  at 

Engine/Intake  Interface 
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Fig.  13c  Isobars  at 

Engine/Intake  Interface 


DESTABILIZING 
SWIRL  IN 
STARBOARD 
INTAKE 

’w/Hmax 


SECOND  RAMP  ANGLE  62  [°J 


- — 'X. 

\  ' 

- — \  \ 

_  \  \ 

M=  1.8  ~]  \  S 

a  =  3°  \ 

COMBAT  ENGINE  \ 

MASS  FLOW  \ 

AICS  CONTROLLED!  \ 


MAXIMUM 


&  MEAN 


MINIMUM 


Fig.  13d  Maximum,.  Mean  and  Minimum  Swirl  Versus  Second  Ranp  Angle 


Fig,  13  Supersonic,  High  Ramp  Angles  Problem 
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Fig.  17b  Change  of  Intake  Control  Pressure  with  Second  Ramp  Angle 
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Fig.  17  Comparison  of  Flight  and  Windtunnel  Data 


Fig.  18a  Duct  Fences  in  Starboard  Fig.  18c  Extension  of  Mach  Number  Limit 
Intake  Duct  Due  to  Duct  Fences 


0.5n 


-Q.5H 


DESTABILIZING 
SWIRL  IN 
STARBOARD 
INTAKE 

x87/(t87|, 


MAX 


■1.0- 


SECOND  RAMP  ANGLE  52  [•] 


*  MAXIMUM 


"'N’^'omean 

^  'na  maximum 


M  *  1.8 
a  .3° 

COMBAT  ENGINE 
MASS  FLOW 
AICS  CONTROLLED 


\  \  U  MINIMUM 

V  MEAN 

\ 


OPEN  SYMBOLS:  INTAKE  WITH  \ 

DUCT  FENCES  \_ 

CLOSED  SYMBOLS.  BASIC  INTAKE  ■  MINIMUM 


Fig.  18b  Reduction  in  Minimum,  Mean  and  Maximum  Swirl  Due  to  Duct  Fences 
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Fig.  18  Supersonic  High  Ramp  Angle  Problem  Solution  in  Starboard  intake 
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SUMMARY 

A1  rframe/propul  s  Ion  Integration  plays  an  ever  Increasing  role  In  aircraft  design  as 
the  mission  requirements  for  advanced  tactical  aircraft  become  more  stringent.  Reduced 
cruise  drag,  Increased  maneuverability  and  Improved  short  takeoff  and  landing  (STOL)  per¬ 
formance  have  been  associated  with  Integration  of  advanced  exhaust  nozzles.  Advanced  ex¬ 
haust  nozzles  can  be  either  axlsymmetr 1c  or  nonax 1 symme trl c  and  may  have  Independent  throat 
and  exit  area  control,  thrust  vectoring  and  thrust  reversing. 

The  potential  for  significant  aircraft  performance  Improvements  lies  In  the  proper 
utilization  of  advanced  exhaust  nozzle  technology  In  concert  with  other  emerging  aircraft 
technologies.  Potential  benefits  examined  for  advanced  exhaust  nozzles  Include  reduced 
cruise  drag,  especially  In  twin  jet  aircraft  and,  for  propulsion  Installations  where  the 
nozzle  exit  Is  near  a  lifting  surface,  a  possible  Increase  In  lift  that  allows  a  reduced 
cruise  angle  of  attack  and  therefore  reduced  cruise  drag.  It  Is  shown  that  an  advanced 
thrust  vectoring  noz-le  can  be  used  In  conjunction  with  reduced  static  margin  and  a  canard 
to  provide  aircraft  trim  and  reduce  total  aircraft  cruise  drag. 

Thrust  vectoring  and  thrust  reversing  are  considered  for  maneuvering  and  STOL  perfor¬ 
mance.  Large  Improvements  In  Instantaneous  maneuver  or  a  smaller  aircraft  for  the  same 
mission  requirements  can  be  derived  from  thrust  vectoring.  Thrust  reversing  Is  Identified 
as  e  desirable  option  for  STOL  performance  on  high  thrust-to-wel ght  military  aircraft. 

While  an  axlsymmetr- ic  exhaust  nozzle  can  Incorporate  some  of  these  capabilities,  a  non- 
axlsymmetrlc  exhaust  nozzle  can  offer  a  design  flexibility  which  provides  the  required  re¬ 
verse  thrust  and  additional  Installed  aerodynamic  benefits. 


LIST  OF  SYMBOLS 

ADEN  Augmented  Deflector  Exhaust  Nozzle 
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6^  Nozzle  deflection  angle 
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Z-D  Two  dimensional 
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V.  INTRODUCTION 

During  the  past  10  to  15  years,  the  technology  of  the  jet  engine  exhaust  nozzles  and 
Its  Integration  Into  military  aircraft  has  produced  some  rather  unique  concepts.  The  main 
concern  during  the  60's  and  early  7 0 ' s  was  designing  configurations  where  the  Installed 
exhaust  system  did  not  cause  excessive  drag  or  thrust  loss,  The  research  and  development 
programs  being  conducted  Investigated  design  variables  Including  nozzle  type,  tall  loca¬ 
tion,  type  of  interfalrlng,  and  nozzle  spacing.  Configurations  such  as  the  F - 1 6  and  F-18 
are  examples  of  aircraft  with  axisymmetrlc  nozzle  installations  that  are  very  efficient 
with  very  low  drag  and  thrust  penalties.  Other  configurations,  however,  did  not  fare  as 
well  because  of  various  design  restrictions.  Among  the  more  promising  design  schemes  pro¬ 
posed  to  minimize  the  drag  were  concepts  Incorporating  nonaxisymmetrlc  or  two-dimensional 
nozzles  Into  aircraft.  Wind  tunnel  data  from  exploratory  research  models  Indicated  that 
It  might  be  possible  to  reduce  afterbody/nozzle  drag  of  twin  engine  aircraft  with  non- 
axlsymmetrlc  nozzles  due  to  a  reduction  in  separated  flow  regions. 

An  Indication  of  possible  Improved  performance  was  presented  in  Reference  1  where  It 
was  concluded  "For  a  twin-engine  Installation,  the  thrust-mi nus-aftbody  drag  performance 
of  the  twin  two-dimensional  [wedge]  nozzle  integration  is  significantly  higher,  for  speeds 
greater  than  a  Mach  number  of  0.8,  than  the  performance  achieved  with  twin  axisymmetrlc 
nozzle  Installations".  The  data,  shown  in  Figure  1,  indicates  a  thrust-mi nus-drag  penalty 
for  a  twin  axisymmetrlc  nozzle  installation  compared  to  a  single  axisymmetrlc  nozzle  of 
equal  nozzle  flow  area.  This  single  versus  twin  installation  penalty  does  not  appear  to 
exist  for  the  nonaxisymmetrlc  nozzle.  A  reduction  of  the  external  wetted  area  was  given 
as  a  reason  for  the  better  performance  of  the  twin  nonaxisymmetrlc  nozzle. 

Other  experimental  data,  reported  In  Reference  2,  indicated  that  vectoring  the  flow  of 
a  nonaxisymmetrlc  nozzle  near  the  trailing  edge  of  a  wing  generated  a  lift  Increment  similar 
to  that  obtained  from  experiments  with  jet  flaps.  In  this  1976  summary  of  related  research, 
conducted  at  the  NASA  Langley  Research  Center,  It  was  concluded  that  induced  effects  from 
thrust  vectoring  generally  resulted  In  Increases  In  lift  and  decreases  In  drag  at  constant 
angle  of  attack.  This  lift  Increment  was  caused  in  part  by  a  component  of  the  thrust  and 
In  part  by  the  exhaust  jet  favorably  Influencing  the  flow  over  the  lifting  surface.  The 
latter  component  Is  the  result  of  a  reduction  in  the  separated  flow,  similar  to  that  ob¬ 
tained  with  boundary  layer  control,  and  to  a  favorable  Influence  on  the  flow  around  the 
wing  sometimes  referred  to  as  "supercl rcul atlon" .  In  general,  the  higher  the  aspect  ratio 
or  width  of  the  nozzle,  the  greater  the  Increment  of  Induced  lift.  With  these  Improvements 
In  lift,  discussion  In  the  technical  literature  began  to  reflect  possible  Improvements  In 
fighter  aircraft  maneuverability  and  agility,  particularly  in  the  flight  regime  away  from 
the  design  point  of  the  wing. 

A  related  development  was  the  emergence  of  the  veetored-englne-over-wl ng  (VEO)  concept, 
an  adaptation  of  upper  surface  blowing  (USB)  to  a  fighter  aircraft.  This  scheme,  reported 
In  Reference  3,  uses  the  jet  exhaust  to  change  the  wing  aerodynamics  for  Improved  lift  and 
also  produce  vectored  thrust.  Once  again,  the  Improved  wing  aerodynamics  Is  attributable 
to  thrust  Induced  circulation  and  the  reduction  of  separated  flow  on  the  wing  flap.  The 
coupling  of  spanwlse  blowing  with  the  VEO  concept  gave  promise  of  further  Improvement  of 
lift,  particularly  at  low  speeds  and  high  angles  of  attack. 

The  benefits  attributed  to  nonaxisymmetrlc  nozzles  and  the  VEO  concept  are  overall 
drag  reduction,  Improved  lift-drag  polars,  and  Improved  aircraft  agility.  However,  the 
reduction  In  drag  of  an  Integrated  nonaxisymmetrlc  nozzle  on  a  closely  spaced  twin-jet  air¬ 
craft  turned  out  to  be  more  difficult  to  accomplish  than  the  original  data  (References  1, 

4)  Indicated,  particularly  when  trimmed  aircraft  performance  was  finally  determined.  The 
Information  being  generated  Indicated  that  merely  recontouring  the  aft  fuselage  for  non¬ 
axisymmetrlc  nozzles,  particularly  one  designed  originally  for  axisymmetrlc  nozzles,  was 
not  sufficient  to  realize  an  aftbody  drag  reduction.  The  Inclusion  of  vectoring  with 
these  concepts  did  hold  some  promise  If  Integrated  Into  a  lifting  surface  and  If  It  could 
be  trimmed. 

Until  the  last  3  or  4  years  most  of  the  Interest  In  advanced  nozzles  has  been  how  they 
might  be  used  to  Improve  cruise  performance  and  aircraft  agility  or  maneuverability.  More 
recently,  operational  considerations  have  generated  an  Increased  interest  In  short  takeoff 
and  landing  ( S TO L )  capability  where  It  appears  propulsive  lift  concepts  utilizing  vectorable 
and  reversable  nonaxisymmetrlc  nozzles  might  be  of  benefit.  Initial  assessment  of  the  STOL 
performance  requirements  indicates  that  the  vectoring  capability  will  be  used  both  on  take¬ 
off  and  landing.  The  nozzle  thrust  deflections  required,  however,  are  larger  than  the  30 
degree  maximum  desired  for  maneuvering  and  cruise  trim.  Preliminary  Investigations  have 
shown  a  need  of  up  to  25  degrees  of  vectoring  for  takeoff  and  60  degrees  for  landing.  The 
same  studies  also  show  a  need  for  almost  immediate  thrust  reversing  after  touchdown  If 
landing  roll  distances  are  to  be  less  than  1000  feet.  Current  efforts  are  being  directed 
to  determine  If  vectoring  and  reversing  can  be  accomplished  with  an  axisymmetrlc  nozzle. 

With  the  high  vector  angles  needed  and  the  complexity  of  a  reverser,  however,  it  appears 
that  a  nonaxisymmetrlc  nozzle  may  be  best  suited  for  propulsive  lift  STOL. 

This  paper  discusses  some  of  the  more  pertinent  attributes  of  advanced  nozzles  (both 
axisymmetrlc  and  nonaxisymmetrlc)  and  their  Incorporation  Into  an  aircraft  to  Improve  cruise 
performance,  maneuverabl 1 1 ty  and  STOL  operation.  Most  of  the  discussion  will  address  the 
Installed  aerodynamic  performance  of  the  nozzles.  A  more  complete  discussion  needs  to  In¬ 
clude  Information  on  structural  Integrity,  cooling  requirements  and  the  difference  In 
weights  for  the  various  concepts. 
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2.  ~  ADVANCED  EXHAUST^ NOZZLE  INTEGRATION  FOR  CRUISE  PERFORMANCE 

The  F-lll  aftbody/nozzle,  Figure  2,  was  designed  for  optimum  thrust  and  not  necessar¬ 
ily  minimum  drag.  As  much  as  30  to  60  percent  of  the  total  aircraft  drag  has  been  attribu¬ 
ted  to  the  aftbody/nozzle  and  would  therefore  appear  to  be  a  fruitful  area  for  a  drag  re¬ 
duction  by  utilizing  advanced  exhaust  nozzles.  The  F - 1 5  aftbody/nozzle,  shown  in  Figure  3- 
appears  to  be  an  aerodynaml ca lly  tailored  area.  The  predominantly  negative  pressure  co¬ 
efficient  contours  shown  in  Figure  4  indicate  that  the  F - 1 5  nozzle  boattall  forces  In 
cruise  are  essentially  all  drag  with  only  a  small  amount  of  thrust  on  the  lower  boattall 
surface. 

Based  on  these  examples,  a  1 rframe/propul slon  integration  specialists  proposed  the 
nonaxlsymmetrlc  or  2-d imens iona 1  (used  synonymously)  exhaust  nozzle  to  reduce  cruise  drag 
for  advanced  tactical  aircraft,  The  benefits  of  this  nozzle  were  purported  to  be  1)  re¬ 
duced  Interference  drag  with  aircraft  booms  and  tall  surfaces,  2)  reduced  af tbody/nozzl e 
flow  separation,  and  3)  overall  better  Integration  with  the  "rectangular"  fuselage  of  twin 
engine  aircraft.  References  1-16  are  representative  of  efforts  seeking  to  Identify  and 
quantify  these  aftend  drag  benefits 

To  date,  the  expected  payoff  in  reduced  cruise  drag  for  advanced  exhaust  nozzles  has 
been  difficult  to  realize.  Indications  are  that  the  a 1r f rame/propul slon  Integration  of 
these  propulsion  components  must  be  done  very  carefully.  The  message  Is  clear  concerning 
the  Installation  of  nonaxlsymmetri c  nozzles  on  future  aircraft,  that  Is,  the  Installed  drag 
benefit  is  not  Inherent  for  these  exhaust  nozzles.  The  aftbody  contour  upstream  of  nozzle 
boattall  Is  as  Important  as  the  nozzle  boattall  contour.  The  proper  contouring  for  an 
advanced  exhaust  nozzle  will  require  analytical  tools  which  go  beyond  simple  empirical 
methods.  Advanced  paneling  methods  and  Navi er-Stokes  analysis  may  be  necessary  for  the 
proper  Integration  of  advanced  exhaust  nozzles  into  an  aircraft. 

For  the  high  fineness  ratio  a  1 r-to-surf ace  aircraft,  Figure  5,  which  Is  designed  for 
a  cruise  Mach  number  of  2.0,  the  proper  aftbody/nozzle  contouring  for  different  nozzle 
types  is  critical.  The  aftbody/nozzle  contours  and  the  resulting  pressure  distributions 
for  an  axlsymmetrlc  and  two  nonaxlsymmetrlc  exhaust  nozzles  are  shown  In  Figure  6.  The 
contouring  of  the  advanced  axlsymmetrlc  nozzle,  designed  for  subsonic  cruise.  Is  gradual 
on  the  aftbody  with  a  rapid  change  near  the  nozzle  exit  to  give  a  24  degree  final  boattall 
angle.  The  contours  of  the  two  nonaxlsymmetrlc  exhaust  nozzle  Installations  also  change 
slowly  on  the  aftbody  and  close  down  to  a  23  and  18  degree  final  boattall  angle,  re¬ 
spectively,  for  the  aspect  ratio  3.6  and  7  nozzles.  These  contours,  while  not  radically 
different  from  the  axisymmetrlc  nozzle  contour,  result  In  surface  pressure  distributions 
which  show  more  expansion  and  more  or  less  recompression  compared  to  the  axlsymmetrlc 
exhaust  nozzle.  Looking  at  a  three-dimensional  pressure  coefficient  contours  for  the 
axlsymmetrlc  nozzle,  Figure  7,  the  24  degree  boattall  and  gradual  closure  In  the  aftbody 
gives  a  large  region  of  thrust  on  the  aftfaclng  nozzle  surface.  The  difference  In  drag 
at  0.9  Mach  number,  as  shown  In  Figure  8,  Is  23  drag  counts  (Cn*.0023)  for  the  low  aspect 
nozzle  and  11  drag  counts  (Cq=.0011)  for  the  higher  aspect  ratio  nozzle. 

The  Installed  drag  of  nonaxlsymmetrlc  nozzle  can  be  comparable  to  axlsymmetrlc  nozzles 
for  this  aircraft  type  but  only  after  utilizing  a  very  careful  design  procedure.  Drag 
benefits  for  nonaxlsymmetrlc  exhaust  nozzles  have  been  shown  more  consistently  on  aircraft 
with  pod  mounted  engines  with  the  nozzle  exit  at  or  near  a  lifting  surface  (References  3, 

5,  10,  12,  15,  16).  An  aircraft  configuration  of  this  type  Is  shown  In  Figure  9  (Reference 
10).  Compared  to  an  axlsymmetrlc  nozzle,  the  single  expansion  ramp  nozzle  (SERN)  Installed 
on  this  aircraft  reduced  drag  at  the  cruise  condition  leading  to  a  large  improvement  In 
specific  range.  Figure  10.  The  cruise  benefits  are  primarily  due  to  a  favorable  lift/drag 
relation  for  the  SERN  nozzle.  With  the  Integration  of  this  nozzle  near  the  wing  trailing 
edge,  the  total  aircraft  lift  becomes  a  function  of  the  engine  power  setting.  The  wing 
pressures  (not  presented)  provide  evidence  of  this  favorable  Interaction  of  the  nozzle  and 
wing  flows.  Upstream  of  the  nozzle  exit,  the  upper  surface  pressures  decrease  and  the 
lower  surface  pressures  increase  due  to  the  presence  of  the  nozzle  jet.  This  change  In 
wing  pressures,  both  upper  and  lower  surface,  contributing  to  Increased  lift,  was  also 
verified  In  References  11  and  14. 

Since  the  Influence  of  the  exhaust  flow  on  the  wing  flow  field  Is  not  easily  under¬ 
stood  and  Is  often  confused,  a  short  discussion  of  the  phenomenon  may  be  helpful.  The  pre¬ 
ponderance  of  the  experimental  data  obtained  to  date  indicates  there  Is  a  positive  contri¬ 
bution  to  lift  from  vectorable  nozzles  when  they  are  properly  integrated  near  the  trailing 
edge  of  a  lifting  surface.  The  flow  phenomenon  responsible  for  this  favorable  lift  In¬ 
crement  has  not  been  well  defined  for  most  of  the  configurations  evaluated.  For  the  three 
aircraft  configurations  assessed  In  Reference  15,  it  was  concluded  the  thrust  Induced 
effects  were  small  when  compared  to  the  direct  jet  effects.  The  thrust  Induced  effects 
were  attributed  to  boundary  layer  control  (BLC)  of  the  flow  In  and  around  the  nozzle  and 
the  trai 1 1 ng-edge  wing  flap  plus  some  Induced  circulation.  The  amount  of  Induced  cir¬ 
culation  determined  was  minimal  and  configuration  dependent.  In  other  evaluations,  such 
as  reported  In  Reference  10,  the  thrust  Induced  effects  have  not  been  separated  between 
that  caused  by  BLC  or  by  Induced  circulation.  In  such  cases  It  is  sometimes  Incorrectly 
assumed  by  those  reviewing  the  results  that  all  of  the  thrust  Induced  lift  can  be  attributed 
to  induced  circulation  of  "supercirculation".  In  Reference  10  the  thrust  Induced  lift  was 
approximately  3  times  the  direct  jet  lift.  A  similar  relationship  between  thrust  induced 
lift  and  direct  jet  lift  was  also  reported  In  Reference  9.  The  conclusions  of  Reference 
lb,  however,  conflict  with  those  of  Reference  9  and  10.  The  different  results  are  probably 
attributable  to  the  different  levels  of  dynamic  pressure  at  which  the  data  was  obtained. 
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"At 'ToW '‘value's  of  dynamlc^pressure.  Cx™w111  be  high  and  therefore  the  lift  coefficient  due 
to  direct  jet  lift  will  also  be  high.  At  high  values  of  q,  and  similar  thrust  levels,  the 
Cj  will  be  less  and  the  contribution  of  the  direct  jet  lift  to  the  total  aircraft  lift  will 
be  correspondingly  lower. 

In  general,  at  the  lower  speed  regimes,  such  as  during  approach  and  landing,  the  thrust 
induced  lift  is  a  smaller  percentage  of  the  total  lift  required  than  It  Is  at  higher  flight 
speeds.  From  the  information  presented  In  the  above  references  It  Is  estimated  that  at  the 
lower  speeds  the  thrust  Induced  lift  Is  between  6  to  12  percent  of  the  total  required,  while 
at  the  higher  speeds  10  to  lb  percent  of  the  total  lift  can  be  attributed  to  the  induced 
lift.  Whnt.jr  this  Induced  lift  Is  created  by  BLC  or  induced  circulation  or  both  is  not. 
clearly  defined,  particularly  in  the  case  of  the  data  obtained  at  the  hlghe*"  Mach  numbers. 

For  a  given  mission  profile  an  aircraft  cruises  at  a  nearly  constant  total  lift  co¬ 

efficient  which  corresponds  to  an  angle-of-attack  depending  on  the  wing/tail  design  and 
aircraft  speed  and  altitude.  When  the  aircraft  lift  is  supplemented  by  a  favorable  nozzle 
fiow/wing  Interaction  as  described  In  the  previous  paragraphs,  the  required  wing  lift  can 
be  reduced,  thereby  reducing  the  required  angle-of-attack  for  cruise,  and  subsequently  re¬ 
ducing  the  cruise  drag.  For  the  aircraft  shown  in  Figure  9,  and  relative  to  a  0  degree 

thrust  vector,  an  exhaust  nozzle  with  a  10  degree  down  thrust  vector  supplemented  the  lift 
through  the  favorable  wing  Interaction  and  direct  jet  lift,  to  reduce  the  cruise  angle-of- 
attack  by  1.3  degrees.  The  reduction  of  cruise  drag,  partially  offset  by  the  axial  thrust 
loss  due  to  vectoring,  results  In  a  10.5  percent  Increase  In  specific  range. 

Reduced  or  negative  static  margin  Is  playing  an  Increasing  role  in  future  aircraft 
development.  Canards  In  place  of  (cr  In  addition  to)  the  horizontal  tall  have  demonstrated 
benefits  for  these  aircraft.  When  the  nozzle  Is  used  in  conjunction  with  another  aircraft 
trimming  device,  such  as  a  canard,  the  two  devices  can  be  Interplayed  to  enable  the  aircraft 
to  fly  at  a  minimum  aircraft  cruise  drag  condition.  For  the  aircraft  presented  In  Figure 
5,  the  canard  and  nozzle  thrust  vectoring  combination  reduced  the  aircraft  takeoff  gross 
weight  by  3  percent  when  compared  to  the  no  vectoring  aircraft  which  utilized  only  the 
canard  for  aircraft  trim.  The  canard  and  nozzle  deflection  schedules  for  aircraft  trim 
with  and  without  thrust  vectoring  are  shown  In  Figure  11.  Notice  that  for  the  no-thrust 
vectoring  case,  the  canard  deflection  is  still  1r:reas1ng  past  minus  13  degrees  as  angle- 
of-attack  exceeds  16  degrees  while  thrust  vectoring  keeps  the  canard  deflection  to  minus 
8  degrees  or  less.  The  loss  of  thrust  due  to  thrust  deflection  Is  more  than  offset  by  re¬ 
duction  In  aircraft  drag.  References  5  and  13  also  indicate  this  favorable  trim  drag 
benefit  for  thrust  vectoring.  The  F-lll  configuration  In  Reference  13  utilized  thrust 
vectoring  to  reduce  the  horizontal  tall  size  with  a  corresponding  reduction  In  drag  and 
weight. 

In  summary,  when  considering  Installed  cruise  drag  of  advanced  exhaust  nozzles  In 
tactical  aircraft,  the  following  lessons  have  been  learned  to  date: 

1.  The  Installed  drag  benefit  for  advanced  exhaust  nozzles  Is  not  Inherent  and  may 
require  sophisticated  analytical  procedures  and  experimental  verification  to  ensure 
correct  af tbody/nozzl e  contours. 

2.  For  propulsion  Installations  where  the  nozzle  exit  Is  near  a  lifting  surface, 

t!  •  lift  required  for  aircraft  cruise  can  be  partially  obtained  by  the  direct  jet  lift  and 
thrust  induced  lift.  The  reduced  lift  required  of  the  wing  allows  a  reduced  cruise  angle 
of  attack  and  reduced  cruise  drag. 

3.  An  aircraft  cruise  drag  benefit  can  be  obtained  by  using  nozzle  thrust  vectoring 
In  conjunction  with  the  canard  for  aircraft  trim. 

3.  ADVANCED  EXHAUST  NOZZLE  INTEGRATION  FOR  AIRCRAFT  MANEUVER 

Aircraft  size  often  depends  on  the  maneuver  requirement  levied  on  the  vehicle.  Con¬ 
sequently,  designers  have  developed  efficient  aircraft  lift  systems  to  meet  the  maneuver 
requirement.  Through  new  airfoils,  planforms,  and  variable  sweep  wings,  the  aircraft  can 
have  the  desired  maneuver  performance  but  often  at  the  expense  of  other  mission  legs.  The 
best  maneuver  lift  system,  for  example,  may  create  a  penalty  in  supersonic  cruise.  The  ad¬ 
vanced  exhaust  nozzle  can  offer  an  alternative  to  a  wing  compromise.  An  efficient  cruise 
wing  with  lower  maneuver  capability  may  be  coupled  with  a  thrust  vectoring  exhaust  nozzle 
to  supplement  the  maneuver  capability  and  Improve  overall  mission  performance.  These  exhaust 
nozzles  can  be  used  to  Increase  the  maneuver  capability  or  can  be  used  to  reduce  aircraft 
size  and  maintain  capability.  This  section  will  address  several  different  aspects  of  the 
contribution  of  advanced  exhaust  nozzles  to  enhance  aircraft  maneuver. 

The  influence  of  the  jet  exhaust  on  a  lifting  surface  as  discussed  In  a  previous  sec¬ 
tion  Is  the  basis  for  some  of  the  maneuver  benefits  of  Installed  exhaust  nozzles.  This 
phenomenon  produces  lift  and  drag  (though  not  as  much  proportionally  as  to  lift)  by  changing 
the  overall  wing  flowfield,  and,  depending  on  the  location  of  the  jet  to  the  aircraft 
center-of -gravl ty ,  a  change  to  the  pitching  moment.  Advanced  exhaust  nozzles  nominally 
have  the  capability  for  +  30  degrees  thrust  vectoring.  The  vectored  jet  has  been  related 
to  a  mechanical  aerodynamic  flap  which  varies  In  length  with  power  setting,  but  does  not 
have  separated  flow  as  on  a  10-15  degree  metal  flap.  As  a  result,  there  are  greater  lift 
Increments  and  a  reduced  drag  penalty. 


'"■"  'Thi  maneuv e r i ng  benefit  for  vectoring  advanced  exhaust  nozzles  Is  primarily  evident 
at  higher  angles-of-attack  corresponding  to  the  aircraft  Instantaneous  maneuvering  envelope 
Reference  9  Indicates  that  most  of  the  drag  polar  'improvements  are  above  8  degrees  angle- 
of-attack  where  the  wing  flow  tends  to  separate.  As  angle-of-attack  Is  Increased,  an  In¬ 
creasing  amount  of  thrust  vectoring  is  beneficial.  Figure  12  presents  the  powered  polar 
Improvements  as  the  nozzle  deflection  increased  from  0  to  30  degrees.  The  lift  Increment 
resulting  from  the  thrust  vectoring  also  depends  on  the  configuration.  For  the  aircraft 
configuration  shown  In  Figure  9,  a  pod  mounted  engine  Installation  near  the  wing,  there  Is 
a  .125  Increase  In  the  thrust-removed-lift  coefficient  for  20  degrees  thrust  vectoring  at 
8  degrees  angle  of  attack.  The  same  aircraft  configuration,  at  0.9  Mach  number,  20,000 
feet  altitude,  27,000  pound  weight,  with  20  degrees  of  thrust  vectoring  provides  a  lift 
Increment  which  Increases  the  sustained  maneuver  G's  by  6  percent.  The  change  In  G's  with 
nozzle  deflection  for  this  aircraft  Is  shown  In  Figure  13. 

Another  benefit  for  advanced  exhaust  nozzles  In  the  Instantaneous  turn  envelope  Is 
the  ability  to  utilize  the  aircraft  maximum  lift  coefficient,  after  the  canard  control  limit 
has  been  reached.  Using  estimated  high  angle  of  attack  data  for  the  aircraft  shown  In 
Figure-  5,  thrust  vectoring  of  8  degrees  could  be  utilized  to  trim  the  aircraft  at  Its  maxi¬ 
mum  lift  coefficient  at  the  Instantaneous  maneuver  condition  after  the  canard  control  power 
limit  had  been  reached  at  a  negative  20  degrees  deflection.  This  use  of  thrust  vectoring. 
Figure  14,  translates  into  a  25  percent  improvement  in  turn  rate  at  0.9  Mach  number,  shown 
in  Figure  15. 

Rather  than  Increase  maneuverability,  the  Increased  lift  at  the  maneuver  condition  due 
to  advanced  exhaust  nozzles  can  be  utilized  to  obtain  the  aircraft  Instantaneous  load  per¬ 
formance  at  lower  angle  of  attack  and  subsequently  lower  aircraft  drag.  The  results  in 
Reference  4  indicate  that  the  combination  of  the  direct  jet  lift  and  the  lift  enhancement 
due  to  the  nozzle  with  a  6  degree  deflection  provides  a  lift  coefficient  Increment  of  .063. 
If  the  total  aircraft  maneuver  lift  coefficient  required  is  0.8,  the  nozzle  lift  contribu¬ 
tion  allows  the  lift  now  required  from  the  wing/body  to  be  reduced  by  the  nozzle  provided 
increment.  The  reduced  angle  of  attack  for  the  reduced  lift  required  results  In  a  drag  re¬ 
duction  of  243  drag  counts  (Cg=.0243). 

An  additional  benefit  of  advanced  exhaust  nozzles  is  maneuverability  and  agility  at 
high  lift  and/or  low  dynamic  pressure  conditions.  The  pitch  and  roll  control  available 
when  aerodynamic  surfaces  lose  control  power  provide  added  aircraft  flexibility  and  sur- 
vivablll ty . 

In  summary,  when  considering  the  impact  of  advanced  exhaust  nozzles  on  aircraft  maneu¬ 
ver,  the  following  lessons  have  been  learned  to  date: 

1.  Advanced  exhaust  nozzles  show  the  most  benefit  for  aircraft  maneuver  when  used  In 
conjunction  with  canards  and  relaxed  static  margin. 

2.  The  vectored  exhaust  jet  during  maneuver  acts  like  a  mechanical  flap  except  that 
its  length  varies  with  powes  setting  and  it  does  not  have  separated  flow. 

3.  The  benefit  derived  from  advanced  exhaust  nozzles  at  maneuver  angles-of-attack  Is 
increased  G  capability. 

4.  If  increased  maneuver  is  not  required,  the  lift  increment  due  to  the  nozzle  can  oe 
us^d  to  maintain  the  total  lift  required  for  maneuver,  reduce  aircraft  angle  oF  attack, 
and  therefore  reduce  aircraft  drag  and  takeoff  gross  weight. 

4.  ADVANCED  EXHAUST  NOZZLE  INTEGRATION  FOR  ST0L  PERFORMANCE 

Recent  emphasis  on  STOL  has  evolved  from  an  anticipated  requirement  to  operate  from 
bomb  damaged  runways  and/or  unprepared  areas.  STOL  as  a  specific  performance  goal  is  un¬ 
defined  and  STOL  performance  for  one  class  of  vehicle  Is  not  the  same  as  for  another  class 
of  vehicle,  for  example,  the  F-16  versus  the  B-l  aircraft.  The  goal  of  the  current  STOL 
related  efforts  Is  to  develop  an  efficient  STOL  capability  for  high  performance  tactical 
aircraft.  Nominal  STOL  takeoff  and  landing  ground  roll  distances  being  considered  are  1000 
feet  though  the  distances  range  from  0  feet  up  to  1500  feet  or  more. 

Technology  areas  being  investigated  to  improve  STOL  capability  Include  high  lift  aero¬ 
dynamics,  thrust  vectoring  and  thrust  reversing.  A  combination  of  these  may  be  needed  to 
obtain  the  desired  low  approach  speeds  and  to  overcome  the  resultant  trim  and  control  prob¬ 
lems.  The  information  shown  on  Figures  16  and  17  was  generated  under  a  current  program  In¬ 
vestigating  advanced  exhaust  nozzles  for  improved  STOL  performance  and  gives  an  Indication 
of  the  total  lift  required  as  a  function  of  takeoff  and  landing  distance  for  the  air-to- 
surface  aircraft  being  considered.  This  data  Is  for  an  aircraft  with  pod  mounted  engines 
located  beneath  the  wing  and  with  the  nozzle  exit  near  the  wing  trailing  edge,  It  is 
assumed  this  arrangement  will  provide  a  thrust  Induced  lift  contribution  to  the  total  re¬ 
quired  lift.  A  one  thousand  foot  ground  roll  takeoff  distance  Is  possible  due  to  approxi¬ 
mately  equal  parts  aerodynamic  and  thrust  vectoring  lift  plus  an  additional  Increment  for 
thr'st  induced  lift  to  obtain  the  required  lift  coefficient  of  2.0.  Notice  that  as  the 
takeoff  distance  Is  reduced,  the  required  thrust  vectoring  increment  Increases  while  the 
lift  enhancement  and  aerodynamic  lift  Increments  are  essentially  constant. 

The  components  of  thrust  vectoring  and  Induced  lift  are  approximately  equal  for  the 
1000  foot  landing  distance.  The  aerodynamic  component  of  lift  is  twice  as  large  as  both 
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norite  components  combined.  Also,  as  the  required  landing  distance  Is  decreased,  the  nozzle 
components  of  the  lift  1i  crease  while  the  aerodynamic  lift  remains  constant.  The  results 
of  this  preliminary  Investigation  Indicate  that  to  attain  this  level  of  lift  and  the  resul¬ 
tant  shirt  distances,  the  nozzles  may  need  to  be  vectored  ud  tn  30  degrees  on  takeoff  and 
60  degrees  on  landing.  In  addition  to  vectoring,  the  nozzles  may  have  to  have  relatively 
high  aspect  ratios  to  allow  the  exhaust  jet  to  influence  a  larger  section  of  the  wing  to 
produce  the  thrust  Induced  lift  required. 

Ongoing  STOL  studies  Indicate  that  nozzle  requirements  for  thrust  vectoring  and  thrust 
reversing  change  as  the  takeoff  and  landing  ground  roll  distances  required  are  decreased 
well  below  a  1000  foot  nominal  value.  For  a  750  foot  balanced  field  length,  the  approach 
speed  for  an  a  1 r-to-surface  aircraft  decreases  to  105  knots  from  a  nominal  145  knots  for  a 
conventional  approach.  Thrust  vectoring,  lesr  than  45  degrees,  and  thrust  reversing  are 
required,  For  a  300  foot  balanced  field  length,  the  approach  speed  required  Is  now  less 
than  70  knots.  Thrust  vectoring  has  taken  over  the  thrust  spoiling  function  and  more  pro¬ 
pulsive  moment  balancing  and  reaction  controls  (like  the  Harrier  control  system)  are  re- 
qul red. 

Generally  the  goal  for  STOL  performance  is  balanced  field  length,  that  Is*  takeoff 
distance  equal  to  landing  distance.  If  takeoff  distance  is  acceptable  below  a  reasonable 
distance,  the  landing  ground  roll  problem  can  be  approached  with  thrust  vectoring  to  reduce 
approach  speed  and  thrust  reversing  to  spoil  thrust  and  to  reduce  the  ground  roll.  The 
nominal  goal  for  thrust  reverser  efficiency  is  50  percent  of  intermediate  thrust  which  has 
been  met  In  most  designs  that  have  been  tested  to  date  (References  9,  12).  For  a  30,000 
pound  air-to-air  aircraft,  the  landing  ground  roll,  Figure  18,  Is  reduced  from  2830  feet  to 
980  feet  with  a  reverse  thrust  of  50  percent.  The  improvement  Is  even  more  significant  for 
a  wet  runway.  With  the  reduced  braking  efficiency  on  the  wet  surface,  the  reduction  Is 
565C  feet.  Note  that  the  thrust  reversor  tends  to  significantly  reduce  the  wet  runway 
ground  roll  problem. 

The  comparable  alr-to-surface  aircraft  ground  roll  reduction  Is  shown  In  Figure  19. 

When  compared  to  Idle  power  with  and  without  a  speedbrake,  the  ground  roll  with  a  thrust 
reversor  was  reduced  approximately  2500  feet  with  a  total  ground  roll  of  1500  feet. 

Many  other  factors  govern  the  effectiveness  of  the  nozzle  as  a  contributor  to  STOL  per¬ 
formance.  For  example,  maximum  STOL  performance  can  be  realized  when  approach  speeds  are 
minimized,  the  engine  Is  maintained  at  maximum  dry  power,  and  the  reverser  is  deployed  at 
touchdown.  The  mechanical  and  control  complexity  of  these  advanced  nozzles  will  also  Impact 
their  utilization  In  a  STOL  mission.  As  thrust  reversers  are  refined,  difficult  design 
problems  must  be  solved  which  will  determine  the  best  nozzle  type.  Both  axlsymmetrlc  and 
non.axi  symmecrlc  exhaust  nozzles  must  be  Investigated  for  their  application  to  advanced  air¬ 
craft  STOL. 


In  summary,  for  the  application  of  advanced  exhaust  nozzles  for  STOL  In  advanced  tacti¬ 
cal  aircraft,  the  following  lessons  have  been  learned  to  date: 

1.  Balanced  field  length  Including  Increased  lift  at  takeoff  and  a  reduction  of  ap¬ 
proach  speed  and  ground  roll  during  landing  may  require  utilization  of  nozzle  thrust  vector¬ 
ing  and/or  thrust  reversing. 

2.  As  the  STOL  distances  are  reduced,  the  required  exhaust  nozzle  capability  (thrust 
vectoring  and  thrust  reversing)  varies  significantly. 

3.  Further  work  Is  necessary  to  define  the  role  of  advanced  exhaust  nozzles  for  ad¬ 
vanced  STOL  aircraft. 

5.  OTHER  TECHNICAL  FACTORS  FOR  ADVANCED  EXHAUST  NOZZLE  INTEGRATION 

Aerodynamic  considerations  alone  will  not  be  the  final  determinant  In  the  selection  of 
an  advanced  exhaust  nozzle  for  an  aircraft  configuration.  Nozzles  are  also  separated  by 
total  weight,  cooling  flow  required,  and  Internal  performance.  The  degree  of  thrust  re¬ 
versing  and  vectoring  will  also  drive  nozzle  selection.  The  use  of  carbon/carbon  composites 
to  reduce  nozzle  weight  Is  one  of  the  other  factors  being  considered  In  the  development  of 
advanced  nozzles.  Factors  which  are  unknown  quantities  at  this  time  but  which  offer  possi¬ 
ble  payoffs  are  reduced  cost,  simplicity,  and  a  reduced  structural  penalty  by  mounting  the 
nozzles  directly  to  the  airframe.  The  aircraft  configuration  and  the  type  of  mission  can 
also  have  a  significant  impact  on  the  nozzle  selections.  Consideration  of  all  these  factors 
and  the  aerodynamic  performance  determine  the  best,  advanced  nozzle  for  a  particular  tactical 
aircraft. 

6.  CONCLUDING  REMARKS 

Some  of  the  Impacts  o'  advanced  exhaust  nozzles  on  tactical  aircraft  have  been  discuss¬ 
ed  for  cruise,  maneuver,  and  STOL  mission  requirements.  While  current  and  projected  US 
government  and  Industry  efforts  are  continuing  in  the  advanced  exhaust  nozzle  area,  the 
emerging  trends  are  as  follows: 

1.  When  used  as  a  trimming  device,  advanced  exhaust  nozzles  with  thrust  vectoring  can 
provide  significant  aircraft  cruise  drag  reduction.  The  af tbody/nozzl e  Installation  for 
advanced  airframes  and  exhaust  nozzles  must  be  approached  very  carefully  to  demonstrate  an 
installed  drag  benefit. 


2.  For  maneuver,  advanced  thrust  vectoring  exhaust  nozzles  show  advantages  a1  high 
angle  of  attack.  Improved  turn  rate  and  Instantaneous  maneuver  performance  can  be  pro¬ 
vided  by  utilizing  these  advanced  exnaust  nozzles  In  advanced  aircraft. 

3.  For  STOL,  advanced  exhaust  nozzles  with  both  thrust  vectoring  and  thrust  reversing 
may  be  Mcessary.  Thrust  vectoring  up  to  60  degrees  (or  higher)  and  a  propulsive  lift 
control  system  may  be  required. 

The  choice  of  exhaust  nozzle  for  a  tactical  aircraft  Is  driven  by  aerodynamic  charac¬ 
teristics,  mission  requirements,  and  many  other  factors.  The  potential  for  significant 
aircraft  performance  Improvements  lies  in  the  proper  utilization  of  advanced  exhaust  nozzle 
technology  In  concert  with  other  emerging  aircraft  technologies. 
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Summary 

Performance  considerations  involved  in  the  selection  of  a  variable  area  nozzle  for 
reheated  engines  for  combat  aircraft  are  discussed.  The  main  emphasis  is  on  dry 
operation  at  subsonic  speeds  since  drag,  weight,  leakage  and  other  penalties  in  this 
regime  can  prevent  an  aircraft  attaining  its  design  radius  of  action. 

Zero-base  nozzles  are  compared  with  a  Moving  Shroud  nozzle  which  has  a  substantial 
annular  base  area  in  dry  setting.  It  is  shown  that  the  drag  penalty  of  the  latter  type 
of  nozzle  is  small  and  may  be  outweighed  by  benefits  in  terms  of  weight,  leakage,  etc. 

The  implications  of  possible  future  developments  in  lightweight/high  temperature 
materials  is  discussed. 

It  is  concluded  that  until  these  developments  are  fulfilled  the  Moving  Shroud 
nozzle  remains  the  optimum  nozzle  for  combat  aircraft. 


List  of  Symbols 

A  Projected  area  normal  to  free  stream  direction 

A*  Annular  base  area 

Aj  Nozzle  exit  area 

Afterbody  maximum  cross  sectional  area 

Afterbody  pressure  drag  coefficient  a 

Pressure  coefficient  = 

C*  Thrust  coefficient 

_ Measured  Gauge  Thrust _ 

Gauge  Thrust  of  Ideal  Convergent  Nozzle,  same  flow  and  pressure  rat^o 

X>p  Pressure  Drag 

p  Local  static  pressure 

(>a  Free  stream  static  pressure 

Nozzle  total  pressure 

Free  stream  dynamic  head 

Afterbody  chord  angle 

/3f  Nozzle  final  boattail  angle 

V  Ratio  of  specific  heats 

Q  Nozzle  convergence  angle 


1 •  Introduction 

Reheated  turbofan  engines  require  nozzles  whose  throat  area  can  be  varied  by  a 
factor  of  typically  about  two. 


A  variety  of  alternative  mechanical  arrangements  have  been  devised  to  achieve  this, 
notably  the  Moving  Flap,  Iris,  Balanced  Beam,  and  Moving  Shroud  nozzles.  The  selection 

,  of  the  nozzle  type  for  any  military  aircraft/engine  installation  depends  on  the  balance 

of  a  number  of  considerations,  the  relative  importance  of  which  depend  on  the  particular 
mission. 
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i)  Internal  Performance  -  Thrust  Coefficien 

ii)  External  Performance  -  Drag 

iii)  Cooling 

iv)  Leakage 

v)  Weight 

vi)  Complexity,  Maintainability,  etc. 

vii)  .Ability  to  fit  thrust  reversexs 


This  pap >r  considers  performance  aspects  of  the  selection  process.  The  main 
emphasis  is  on  dry  operation  at  subsonic  speeds  since  it  is  in  this  regime  that  some 
nozzles  have  high  drag,  and  performance  losses  in  subsonic  cruise,  or  excessive  weight, 
can  prevent  the  aircraft  from  attaining  its  intended  radius  of  action. 


Two  dimensional  and  ejector  type  nozzles  are  extensive  subjects  in  their  own 
right,  and  will  not  be  considered  in  this  paper. 


2.  General  Description  of  Alternative  Nozzle  Types 

Before  discussing  the  various  performance  aspects  in  detail  it  will  be  useful  to 
take  a  brief  look  at  the  main  geometrical  features  of  the  alternative  nozzle  types.  With 
some  rather  sweeping  generalisation  we  can  categorise  the  nozzles  into  the  three  types 
sketched  in  Fig.  1)  the  short  flap,  sometimes  called  the  moving  shroud  nozzle,  the  long 
flap,  and  the  iris.  All  can  be  designed  to  provide  convergent-divergent  geometry  in  the 
reheat  mode  and  this  has  implications  on  the  dry,  convergent,  performance. 

The  conflicting  arguments  for  the  different  types  are  clearly  evident.  The  moving 
shroud  nozzle  is  mechanically  simple,  compact  and  light,  and  has  a  low  boattail  angle, 
but  has  a  large  annular  base  in  the  dry  setting.  The  other  nozzles  have  near  zero  base 
area  but  at  the  expense  of  either  a  high  boattail  angle  or  long  petals.  Long  petals  are 
heavy  and  lead  to  high  actuation  loads.  These  can  be  eased  by  ingenious  mechanical 
design  but  if  this  requires  additional  volume  at  the  upstream  end  of  the  nozzle  then  a 
further  increase  in  boattail  angle  may  result. 


The  short  length  of  the  moving  shroud  nozzle  permits  use  of  a  simple,  relatively 
low  weight,  target  type  thrust  reverser,  and  this  has  proved  a  valuable  feature  on  the 
Tornado  MRCA. 


3.  Internal  Performance 

The  thrust  and  discharge  characteristics  of  a  conical  convergent  nozzle  are 
functions  oi  the  convergence  angle  and  the  nozzle  pressure  ratio  as  shown  in  Figs  2  and 
3.  There  are  also  Y  effects  but  these  are  small  for  convergent  nozza.es  particularly 
at  the  moderate  temperatures  of  dry  operation.  In  dry  mode  the  convergence  angle  of  a 
short  flap  nozzle  may  be  high,  about  40°;  however  at  pressure  ratios  appropriate  to 
cruise,  between  2s 1  and  4 si,  the  thrust  coefficient  is  close  to  unity.  The  discharge 
coefficient  at  these  conditions,  on  the  other  hand,  is  low,  about  9058.  This  is 
beneficial  to  the  extent  that  it  means  that  the  geometric  area  to  which  the  nozzle  has  to 
be  closed-down  is  significantly  larger  than  the  required  effective  flow  area,  so  that  the 
annular  base  area  is  reduced.  In  addition,  the  petal  travel  is  reduced. 

Nozzles  which  are  convergent-divergent  in  reheat  mode  may  have  a  double-convergent 
or  convergent-parallel  profile  in  dry  mode.  Performance  losses  due  to  this  geometry  will 
be  discussed  in  a  later  paper. 


4.  Nozzle  Afterbody  Drag 


If  we  examine  the  origins  of  nozzle  afterbody  drag  it  becomes  evident  why  this  is 
often  quite  a  large  fraction  of  total  aircraft  drag.  Pressure  drag  is,  of  course,  simply 
the  result  of  the  external  air  flowing  over  the  afterbody  failing  to  provide  the  pressure 
distribution  which  would  have  existed  in  potential  flow. 


d  A 


The  real  local  static  pressure  differs 
from  the  potential  flow  value  because  the 
free  stream  is  displaced  from  the  body 
surface  by  the  boundary  layer.  The  boundary 
layer  thickness  at  the  rear  of  the  afterbody 
increases  rapidly  for  two  reasons;  firstly 
the  body  diameter  decreases  by  typically  a 
factor  of  three  so  that  ever,  a  constant  cross 
sectional  area  of  boundary  layer  would 
occupy  three  times  the  thickness,  and 
secondly  the  boundary  layer  growth  rate  is 
accelerated  by  the  adverse  pressure  gradient. 
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’if "the  bo*tt*il  angle  is  increased  the  recompression  eventually  becomes  sufficiently 
severe  to  cause  boundary  layer  separation!  with  a  further  increase  in  drag. 

At  higher  subsonic  Mach  numbers  the  flow  around  the  "crest"  of  the  afterbody  may 
become  locally  supersonic.  In  this  case  shocks  are  formed  and  a  wave  drag  component  is 
incurred. 

The  influence  of  initial  boundary  layer  thickness  on  afterbody  drag  has  long  been 
a  subject  of  discussion,  particularly  in  the  context  of  application  of  model  data  to  full 
scale.  The  model  layer  is  often  unrepresentatively  thick  because  the  test  Reynolds 
number  is  low  relative  to  flight,  also  afterbody  test  rigs  often  have  a  long  forebody  or 
support  sting.  Fortunately  it  has  been  found  by  a  number  of  workers  (refs  8  and  9)  that 
initial  boundary  layer  thickness  and  Reynolds  number  have  little  effect  on  drag  coeff¬ 
icient.  A  thick  boundary  layer  reduces  both  the  peak  suction  and  the  peak  recompression 
(see  Fig.  4),  the  integrated  pressure  drag  remaining  near  constant.  However,  the 
reduction  in  the  suction  peak  does  result  in  some  increase  in  drag  rise  Mach  number. 

Attempts  to  derive  theoretical  solutions  for  afterbody  drag  have  generally  run  into 
problems,  partly  because  of  the  difficulty  in  representing  the  jet  and  its  influences  on 
the  free  stream  at  the  rear  of  the  body  through  flow  deflection  and  entrainment.  However, 
work  on  this  problem  is  continuing  and  some  recent  approaches  look  encouraging. 


FREE  stream 


ENTRAINMENT 


The  magnitude  of  these  effects  is  illustrated  by  the  variation  of  drag  with  jet  pressure 
ratio,  Fig.  5. 
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rcumvent  the  shortcomings  of  presently  available  analytical  methods  we  have 
drag  >*'ith  simple  geometrical  parameters  using  the  continuing  growing  volume  of 
data.  Perhaps  the  most  obvious  parameter  is  final  boattail  angle,  as  plotted 
This  confirms  the  expected  trend  for  drag  to  increase  with  boattail  angle!  it 
that  this  is  progressive,  there  is  no  abrupt  change  of  draq  with  the 
of  separation,  which  is  generally  found  to  occur  at  about  =  18°.  This  is 

with  the  proposition  that  pressure  drag  is  a  consequence  of  boundary  layer 
and  separation  is  a  stage  in  this. 


While  this  plot  is  a  useful  guide  to  trends  it  is  not  entirely  successful  in 
collapsing  drag  for  different  shape  afterbodies.  A  more  satisfactory  correlation  has 
been  obtained  using  boattail  "chord  angle",  /0C  ,  see  Fig.  7|  this  is  an  index  of  the 
fineness  ratio  of  the  overall  nozzle/afterbody  combination.  This  approach  is  consistent 
with  the  finding  that  a  body  which  is  boattailed  over  a  long  length  is  less  sensitive  to 
the  final  boattail  angle. 

The  moving  shroud  type  of  nozzle  differs  from  those  covered  in  the  previous 
correlations  in  that  it  has  a  substantial  annular  base  area.  Data  from  tests  of  this 
type  of  geometry  are  plotted  as  a  function  of  base/max.  area  ratio,  and  boattail  chord 
angle,  in  Fig.  8.  This  shows  that,  especially  at  higher  boattail  angles,  small  amounts 
of  annular  base  cause  little  increase  in  drag.  This  is  presumably  because  the  scale 
of  the  base  is  small  relative  to  the  boundary  layer  thickness  at  the  end  of  the  nozzle. 
However,  for  low  boattail  angles  and  Ab/Am  greater  than  about  10%,  drag  increases  near 
linearly  with  base  area;  Cda  =  0*13  Ab/Am  and  since  CD  =  D/q0  Am,  D/qo=0.13  Ab  i.e.  the 
base  drag  of  a  given  nozzle  is  independent  of  Am.  A  similar  relationship  to  this  has 
been  established  for  more  complex  twin  nozzle  afterbodies  using  an  eflective  base  area 
which  includes  unfaired  central  base  area  etc. 

It  is  evident  from  Fig.  8  that  if  a  moving  shroud  nozzle  is  to  be  used  its  base 
area  should  be  as  small  as  possible.  Fig.  9  shows  the  extent  to  which  attention  to 
detail  design  has  reduced  base  area  on  a  recent  nozzle  relative  co  earlier  geometries. 

5.  Weight 

Nozzle  weights  cover  a  wide  spectrum  because  of  differences  in  actuation  method, 
range  and  versatility  of  area  variation,  materials  etc.  Fig.  10  illustrates  this  for 
some  alternative  designs  of  nozzle  all  having  the  same  final  boattail  angle.  Also  sh .wn 
in  Fig.  10  is  the  result  of  a  design  study  of  one  particular  type  of  nozzle  to  assess 


the  variation  of  weight  with  boattail  angle.  Weight  increases  rapidly  when  boattail 
angle  is  reduced  to  a  low  value  to  achieve  low  drag,  as  nozzle  petal  length  increases  and 
causes  progressively  larger  canti '.evered  loads  and  consequently  involves  more  massive 
structure. 

Included  on  Fig.  10  is  the  weight  of  the  RB199  moving  shroud  nozzle,  illustrating 
the  substantial  saving  which  this  provides  relative  to  the  more  sophisticated  nozzles 
unless  high  boattail  angles  are  accepted. 

Great  attention  is  paid  to  methods  for  minimising  nozzle  weight.  For  example  the 
"Balanced  Beam"  nozzle  is  arranged  to  use  the  internal  pressure  distribution  to  minimise 
the  loads  so  that  petal  structural  weight  can  be  reduced.  Some  nozzles  use  ingenious 
linkages  to  minimise  the  number  of  actuators.  However,  in  some  cases  these  design 
"improvements"  can  themselves  incur  penalties.  For  example,  if  the  mechanism  bulk 
increases  too  much,  the  nozzle  fairing  lines  may  be  impaired  with  an  increased  boattail 
angle  and  a  consequent  drag  penalty.  Also,  increased  complexity  is  likely  to  adversely 
affect  cost,  reliability,  maintainability  etc. 

Weight  can  also  be  reduced  by  use  of  low  weight  materials.  If  sufficient  cooling 
is  maintained  during  reheat  operation  then  titanium  petals  can  be  used  instead  of  the 
more  usual  high  temperature  nickel  alloys.  In  this  case  the  weight  savings  must  be 
balanced  aga  ...st  the  performance  penalty  in  reheat  operation  due  to  increased  cooling 
flow. 


b.  Cool Inc 


Cooling  is  not  normally  required  in  dry  operation  but  is  will  be  briefly  mentioned 
here  because  of  its  effects  on  nozzle  design. 

In  reheat  operation  a  cooling  airflow  of  several  percent  of  the  total  nozzle  flow 
is  needed  to  cool  the  nozzle  petals  and  structure  and  since  this  flow  is  not  available 
for  reheat  fuel  addition  there  is  a  proportional  loss  of  reheat  thrust  boost.  The 
quantity  of  cooling  air  required  depends  on  the  nozzle  length  to  be  cooled,  the  method  of 
cooling  and  the  safe  working  temperature  of  the  nozzle  materials.  This  will  be  discussed 
in  more  detail  in  a  later  paper,  but  it  is  evident  that  a  short  nozzle  is  attractive  and 
that  there  will  be  benefits  from  future  developments  in  high  temperature  materials  and  in 
cooling  technology. 

7.  Leakage 

The  amount  of  flow  which  can  leak  from  a  nozzle  depends  on  the  quality  of  the 
sealing  between  the  petals,  the  petal  length,  and  the  internal/external  pressure  differ¬ 
ential.  Generally  leakage  is  less  significant  in  the  reheat,  con-di,  mode  since  the 
petal  length/nozzle  diameter  ratio  is  smaller  and  the  internal/external  differential 
pressure  is  lower  in  the  divergent  section  of  the  nozzle.  Also,  for  iris  nozzles  in 
reheat,  the  petals  are  r <  ^racted  so  the  seal  length  is  short. 

Simple  overlapping  petals  provide  adequate  sealing  for  nozzles  which  are 
relatively  short  in  dry  mode  but  on  longer  nozzles  the  leakage  penalty  can  become 
unacceptable  and  more  sophisticated  seals  may  become  justifiable.  In  this  case  there 
will  be  the  penalty  of  additional  weight  and  complexity. 

8.  Mission  Implications 

The  significance  of  weight,  drag,  and  leakage  will  be  illustrated  by  their  effect 
on  aircraft  range  for  a  representative  strike  mission.  Cooling  is  not  considered  since 
this  only  affects  combat  performance. 

8. 1  Weight 

The  penalty  of  increased  nozzle  weight  can  be  quantified  in  various  ways.  If  the 
aircraft  is  Take  Off  Weight  (TOW)  limited  then  an  equal  weight  of  stores,  or  fuel,  must 
be  removed.  If  we  assume  that  all  the  weight  surfeit  is  debited  to  fuel  load,  and  that 
only  the  cruise  legs  of  a  mission  can  be  eroded,  then  substantial  loss  of  range  is 
incurred.  In  a  recent  aircraft  project  strike  mission  calculation  100  lb.  additional 
nozzle  weight,  vis.  100  lb.  fuel  penalty,  represented  4 %  loss  of  range. 

On  the  other  hand,  if  the  aircraft  is  not  TOW  limited  then,  to  a  fair  approximation, 
we  may  assume  that  the  fuel  consumption  during  all  segments  of  the  mission  is  increased 
in  proportion  to  the  increase  of  aircraft  weight.  But,  if  the  total  fuel  capacity  is 

limited,  then  all  the  extra  fuel  used  must  be  debited  from  the  cruise  segment.  In  this 

case,  for  the  same  example  as  used  above,  100  lu.  extra  weight  represented  1.3%  loss  of 
range. 

8. 2  Drag 

We  have,  in  an  earlier  section,  presented  nozzle/afterbody  drag  as  a  coefficient 
based  on  afterbody  maximum  cross  sectional  area.  For  a  typical  combat  aircraft  the 
total  aircraft  drag  coefficient  based  on  this  area  varies  from  about  0.2  at  zero  lift  to 
about  0.3  at  cruise.  Therefore,  an  afterbody  drag  coefficient  of  0.01  is  equivalent  to 

about  5 %  of  zero  lift  drag  or  3%  of  cruise  drag,  and  so,  for  a  given  fuel  capacity,  an 

increase  of  0.01  CDA  would  represent  3%  loss  of  cruise  range. 


Proa  Pigs  7  and  8  we  see  that,  depending  on  the  afterfuselage  geometry,  a  good 
practical  zero  base  nozzle  might  have  Cda  between  0.005  and  0,01  lower  than  an  equivalent 
"moving  shroud"  nozzle,  representing  a  cruise  range  gain  of  1.5  to  35®. 

8.3  Leakage 

Leakage  of  flow  from  the  nozzle  represents  an  equal  percentage  loss  of  gross  thrust. 
At  cruise  conditions  the  gross  to  nett  thrust  ratio  is  generally  about  two,  so  that  0.25% 
leakage  is  equivalent  to  approximately  0.5%  loss  of  nett  thrust,  or  of  cruise  range. 

8.4  Nett  Effect  of  Weight.  Drag  and  Leakage 

The  contributions  made  by  weight,  drag  and  leakage  are  compared  in  Fig.  11.  It  is 
evident  that  even  for  a  very  low  drag  nozzle  it  will  be  difficult  to  obtain  an  overall 
range  improvement  of  more  than  about  1%. 

9.  The  Future 

In  order  to  realise  the  potential  benefits  of  zero  base  nozzles,  and  of  convergent- 
divergent  geometry,  the  penalties  associated  with  weight  and  cooling  must  be  minimised. 
Some  improvements  will  be  achieved  by  design  innovations  which  will  reduce  weight, 
cooling,  and  leakage  losses  but  the  more  major  steps  forward  are  likely  to  come  in  the 
use  of  new  materials  and  improved  cooling  technology.  Fig.  12  shows  the  way  in  which 
the  potential  improvements  are  interrelated. 

Reduced  cooling  flow,  or  reduced  material  temperatures  at  the  same  flow  -  which 
would  permit  use  of  lower  weight  materials,  could  be  achieved  by  use  of  impingement 
cooling.  This  has  been  proposed  for  Two  Dimensional  nozzles  which  otherwise  have  very 
large  cooling  penalties.  However,  this  would  involve  a  considerable  increase  in 
mechanical  complexity,  and  if  HP  compressor  bleed  air  is  used  the  engine  performance 
penalty  will  be  proportionately  larger  than  for  a  film  cooling  system  using  fan  air. 

The  recently  developed  carbon  composites  offer  the  prospect  of  high  working 
temperatures,  up  to  perhaps  200O°C  and  therefore  reduced  cooling  flow,  combined  with 
large  weight  savings  -  up  to  maybe  50%.  These  materials  require  anti-oxidation 
coatings,  and  the  development  of  these  to  withstand  service  on  overlapping  petals  may 
have  some  way  to  go. 

10 , 0  Conclusions 


It  has  been  shown  that  at  the  present  state  of  technology  the  Moving  Shroud  Nozzle, 
as  used  on  the  RB199  engine  in  the  Tornado  MRCA,  is  very  competitive  with  zero  base 
nozzles  ir.  terms  of  overall  performance.  It  is  light,  mechanically  simple,  reliable, 
and  its  short  length  permits  a  target  type  thrust  reverser  to  be  used.  Therefore,  it  is 
concluded  that  this  type  of  nozzle  will  remain  the  optimum  choice  for  combat  aircraft 
until  further  technology  advances  permit  substantial  improvements  in  the  overall 
performance  of  the  more  sophisticated  nozzles. 
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Summary i 


For  a  reheated  turbc- in  of  the  70  kN  thrust  class  several  concepts  of  convergent  and  con¬ 
vergent/divergent  nozzles  are  Investigated  and  compared  in  view  of  performance,  weight, 
complexity  and  the  influence  on  afterbody  drag  of  a  combat  aircraft.  For  all  nozzles  the 
same  afterburner  configuration  and  performance  was  assumed. 

The  influence  of  different  nozzle  cooling  concepts  with  subsequent  cooling  air  requirements 
on  thrust  is  investigated.  For  the  convergent/divergent  nozzles  the  optimum  ratio  of  exit 
area/throat  area  being  dependent  on  nozzle  concept  and  nozzle  pressure  ratio  is  identified. 


The  comparison  of  performance  shows  that  fully  variable  convergent/divergent  nozzles  pro¬ 
mise  some  advantages  against  the  simple  convergent  nozzle  at  high  nozzle  pressure  ratios. 
However,  the  higher  weight  and  complexity  of  convergent/divergent  nozzles  lead  to  the  con¬ 
clusion  that  the  choice  of  convergent/divergent  nozzles  for  reheated  turbofan  engines  in 
combat  aircraft  is  not  generally  justified  from  the  outset. 


Symbols 

A 

m2 

area  (cross  section) 

b 

ja/fe 

daiT 

specific  fuel  consumption 

CD 

- 

drag  coefficient,  related  to 
aircraft  cross  sectional  area 

CF 

' 

net  thrust  coefficient,  relate* 
to  one-dimensional,  lsentropic 
convergent  nozzle 

D 

m 

diameter 

F 

daN 

net  thrust 

G 

kg 

weight 

H 

km 

flight  altitude 

L 

m 

lenght 

M 

kg/s 

mass  flow 

MN 

- 

Mach  number 

P 

bar 

pressure 

R 

m 

radius 

T 

K 

temperature 

X 

m 

length  of  film  cooling  layer 

- 

efficiency 

X 

divergence  (area  ratio)  A8/A, 

3 

kg/mJ 

density 

Indices 


Abbreviations 


2 

LP  compressor  exit 

AC 

aircraft  cross  sectional  area 

6 

afterburner  exit 

B 

nozzle  base  area 

7 

plane  behind  primary  nozzle  section 

BPR 

bypass  ratio 

a 

plane  behind  secondary  nozzle  section 

OPR 

overall  pressure  ratio 

CO 

main  flow,  ambiance 

TET 

turbine  entry  temperature 

c 

cooling 

E 

engine 

N 

nozzle 

t 

total 

th 

nozzle  throat 

W 

wall 

Further  symbols  and  indices  are  explained  in  the  context. 


The  investigation  forming  the  basis  of  this  study  was  sponsored  by  the  Ministry 
of  Defence  of  the  Federal  Republic  of  Germany,  Department  R(1  Fo  4. 
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The  configuration  of  the  afterbody  section  of  combat  aircraft  with  afterburner  engines 
largely  affects  the  total  drag  of  the  aircraft.  In  addition,  the  development  effort  ex¬ 
pended  in  the  optimization  of  the  afterbody  section  is  considerable.  This  effort  is 
characterized  by  the  trend  away  from  the  simple  convergent  nozzle  with  large  base  area 
in  dry  operation  towards  the  convergent/divergent  nozzle  with  a  favourable  aerodynami- 
cally  faired  afterbody  section  with  moderate  contour  angle  and  minimum  base  area. 

A  first  rough  analysis  of  various  nozzle  concepts,  assuming  isentropic  flow  and  Ignoring 
the  effects  of  nozzle  contour  and  cooling  requirement,  indicates  that  at  high  nozzle 
pressure  ratios,  i.e.  with  engines  of  high  specific  thrust  or  low  bypass  ratio,  the  thrust 
would  benefit  considerably  from  convergent/divergent  nozzle  configurations  expecially  in 
the  supersonic  flight  regime. 

This  initial  apparently  attractive  picture,  however,  requires  closer  examination,  paying 
attention  to  the  nozzle  contour,  the  aerodynamic  losses  in  the  nozzle  and,  in  particular, 
the  nozzle  cooling  air  requirement  in  reheat  operation  in  order  to  be  able  to  assess 
realistically  the  gain  in  thrust  attainable  with  convergent/divergent  nozzles.  Further, 
detailed  design  studies  are  necessary  in  order  to  determine  the  extra  weight  expected 
with  sophisticated  convergent/divergent  nozzles  in  comparison  with  simpler  convergent 
nozzles.  Finally,  estimation  of  the  afterbody  drag  of  the  aircraft  requires  proper 
assessment  of  the  afterbody  configuration. 

In  the  study  about  to  be  presented,  a  systematically  selected  variety  of  convergent  and 
convergent/divergent  nozzles  with  different  variability  and  complexity  is  investigated 
in  order  to  obtain  a  comparison  of  the  potential  thrust  gains  at  certain  flight  conditions, 
the  attendant  weight  penalties  and  the  afterbody  drag  to  be  expected  at  a  relevant  sub¬ 
sonic  flight  condition.  The  findings  should  then  contribute  to  recognizing  the  advantages 
and  disadvantages  with  regard  to  the  effectiveness  of  the  aircraft  as  a  whole,  expected 
with  the  various  nozzle  concepts  in  their  proper  relationship. 


2.  Nozzle  concepts  investigated 


Comparison  is  made  here  between  the  following  5  nozzle  concepts  shown  schematically 
in  Fig.  ©. 


Convergent  nozzles 


1 .  Short-flap  nozzle  with  large  base  area  in  dry  operation 

2.  Long-flap  nozzle  with  small  base  area  and  acceptable  boattail  contour  angle 


Converqent/divergent  nozzleB  (of  small  base  area  and  acceptable  boattail  contour  angle) 


3.  Simultaneously  variable  single-hinge  long-flap  nozzle 

4.  Consecutively  variable  double-hinge  long-flap  nozzle 

5.  Two-parametrical ly  variable  double-hinge  long-flap  nozzle 


These  nozzles  were  tailored  to  suit  a  modern  reheated  turbofan  engine  ih  the  70  kN  thrust 
class  with  the  following  design  parameters  at  ISA,  SLS: 

Turbine  entry  temperature 
Pressure  ratio 
Bypass  ratio 

Specific  thrust  with  afterburning 


While  the  results  presented  here  naturally  apply  only  to  engines  of  the  basic  type  assumed, 
the  conclusions  to  be  drawn  for  engines  of  lower  bypass  ratio,  i.e.  of  higher  specific 
thrust  or  higher  nozzle  pressure  ratio,  will  become  fairly  apparent. 


The  various  nozzle  designs  considered  here  have  no  provision  for  secondary  flow  being  in¬ 
gested  from  the  intake  via  the  engine  bay  into  the  nozzle.  The  modest  airflow  required  for 
venting  the  space  between  the  nozzle  flaps  and  the  fuselage  skin  is  ignored.  Also  the  small 
air  leakage  through  the  gaps  between  the  nozzle  flaps  Is  neglected. 

The  actuating  possibilities  with  convergent/divergent  nozzles  will  become  apparent  from 
Fig.  ©.  With  the  simultaneously  variable  convergent/divergent  nozzle  a  definite  relation¬ 
ship  exists  between  throat  area  and  area  ratio  Ag/A7>  This  relationship,  in  the  design  se¬ 
lected  here,  is  approximately  linear*,  so  that  in  dfy  operation  the  nozzle  contour  is  ne¬ 
cessarily  convergent  and  in  reheated  operation  necessarily  divergent. 

The  consecutively  variable  nozzle  remains  convergent  until  the  maximum  thront  area  iu 
reached,  while  ah  maximum  throat  area,  i.e.  at  maximum  reheat,  any  desired  divergence 
Ag/A,  short  of  a  given  limit  can  be  selected.  With  the  two-par ame trie ally  variable 
nozzle  the  throat  area  and  the  divergence  can  be  combinevd  arbitrarily  within  the  given 
limits.  Finally,  it  should  be  kept  in  mind  that  with  convergent  nozzles  the  nozzle 
throat  will  always  be  at  the  nozzle  exit,  while  when  convergent/divergent  ..ozzles  are 
being  opened,  the  throat  area  will  shift  from  plane  8  to  plane  7. 


*  Other  designs  with  non-linear  relationship  are  known 


Mechinlcal  dcaign 


The  requirements  governing  the  layout  and  mechanical  design  of  convergent/divergent 
nozzles  reveal  that  with  given  divergence  the  growth  in  nozzle  length,  on  the  one  hand, 
is  associated  with  an  asymptotically  diminishing  improvement  in  nozzle  efficiency,  i.e. 
in  thrust  gain,  as  long  as  the  influence  of  the  cooling  air  requirement  is  ignored,  and 
in  a  reduction  of  afterbody  drag.  On  the  other  hand,  the  penalties  associated  with  the 
increase  in  the  cooling  air  requirement  and  a  rather  progressive  increase  in  weight  have 
to  be  reckoned  with.  Optimization  of  the  nozzle  layout  and  design  thus  becomes  a  compli¬ 
cated  task. 

In  order  to  produce  realistic  weight  data,  mechanical  designs  of  all  nozzles  considered 
including  their  actuation  mechanisms  were  carried  out  on  the  basis  of  nozzle  contours 
being  optimized  in  the  sense  mentioned  above.  Fig.  (3)  illustrates  the  various  designs 
of  the  5  nozzles  investigated.  Apart  from  the  reference  nozzle,  which  has  14  master  flaps, 
they  each  consist  of  12  master  flaps  and  12  slave  flaps  plus  the  actuating  mechanism  for 
moving  the  flaps  radially  In  order  to  achieve  the  nozzle  areas  selected.  The  master  and 
slave  flaps  of  the  two  convergent  nozzles  and  the  simultaneously  variable  C/D-nozzle  are 
of  a  single  piece,  while  those  of  the  consecutively  and  two-par ametr leal ly  variable  nozzles 
consist  of  two  hinged  parts. 

The  actuating  mechanisms  of  all  nozzles  consist  of  the  same  suitably  modified  components. 
The  pneumatic  operating  system  employs  a  rotary  valve-controlled  air  motor,  flexible  shafts 
routed  in  rigid  guide  tubes,  and  four  synchronously  driven  ballscrew  spindles.  The  latter 
serve  to  move  a  polygonal  ring  in  the  axial  direction,  which  indicates  the  radial  movement 
of  the  flaps  via  rollers.  The  two-parametrically  variable  nozzle  requires  two  of  these 
systems. 

The  various  axial  positions  of  the  nozzles  result  from  the  requirement  for  equal  length  and 
roughly  the  same  cross  sectional  areas  of  the  afterburner  up  to  the  nozzle  throat  as  well 
as  for  acceptable  boattail  contou.  angles  and  minimum  base  areas.  With  the  convergent  long- 
flap  nozzle  the  length  of  the  afterburner  was  extended  somewhat  over  that  of  the  convergent 
short-flap  nozzle  in  the  interest  of  an  acceptable  boattail  contour  angle  and  a  small  base 
area,  while  the  axial  position  of  the  flap  hinges  was  retained. 

A  more  detailed  description  is  given  ;\.r  the  two-parametrically  variable  nozzle,  the 
design  of  which  is  shown  in  Fig.  (3)  .  Here  the  two  hinged  parts  of  master  and  slave 
flaps  form  the  primary  (convergent/)  and  the  secondary  (convergent  or  divergent)  nozzle 
section.  The  primary  master  flaps  are  hinged  to  a  box-shaped  reinforcing  ring  at  the  end 
of  the  conical  section  of  the  reheat  jet  pipe.  Cam-shaped  tracks  on  the  outside  of  the 
primary  master  flaps  transform  the  axial  movement  of  the  ring  via  actuating  rollers  into 
the  radial  movement  of  these  flaps.  The  master  flaps  of  the  secondary  nozzle  section  are 
attached  to  links  which,  together  with  the  master  flaps  of  the  primary  section,  form 
parallelograms.  At  the  pivot  points  of  the  links  these  parallelograms  rest  on  rollers 
on  inclined  tracks  of  a  second  outer  moving  ring.  With  the  consecutively  variable  nozzle 
this  outer  moving  ring  is  rigidly  connected  to  the  inner  moving  ring  and  simultaneously 
is  moved  axially,  while  with  the  two-par ametrical.ly  variable  nozzle,  shown  here,  use  is 
made  of  a  second  actuating  mechanism,  mentioned  above,  to  effect  independent  axial  dis¬ 
placement  of  the  outer  moving  ring.  The  slave  flaps,  which  also  consist  of  two  hii  ged 
parts,  are  arranged  for  overlap  between  the  master  flaps  and  are  supported  by  and  oper¬ 
ated  together  with  the  master  flaps.  The  gas  pressure  forces  the  straight  edges  of  the 
more  flexible  slave  flaps  against  the  flat  inner  surfaces  of  the  stiffer  master  flaps 
for  a  snug  fit  without  gaps.  All  circumferential  gaps  required  to  maintain  the  freedom 
of  movement  of  hinged  parts  are  sealed  by  thin  metal  plates  under  the  gas  pressure. 


4 .  Cooling  concept 


The  cooling  requirements  for  the  nozzle  flaps  are  given  by  the  thermal  conditions  at 
the  following  essential  operating  points* 


Flight  altitude 
FJ ight  Mach  number 
TerperatureB 

-  afterburner  exit 

-  LP  compressor  exit 

-  max.  wall  temperature 

required 

cooling  efficiency 


H 

0 

11 

km 

MN 

1.2 

2.2 

Jte 

™t2 

W,max 

2080 

2130 

K 

450 

490 

K 

1150 

1150 

K 

0.57  0.60 


The  cooling  concepts  under  discussion  or  appllcaole  here  are  shown  schematically  in  Fig.  (§). 
The  simple  single  blow-in  concept,  represented  on  the  left,  is  suited  primarily  for  nozzleB 
with  Bbort  flaps.  The  double  blow-in  concept,  illustrated  on  the  right,  serves  for  keeping 
the  amount  of  cooling  air  required  for  nozzles  with  longer  flaps  as  low  as  possible. 


rBl Bdnfigura^fSh  'a’ porEISn  of  the  cooling  air  is  ducted  through  a  heat 
shield  extending  into  the  variable  part  of  the  nozzle  to  a  second  air-ingestion  slot.  This 
moving  heat  shield  consists  of  metal  plates  which  are  rigidly  connected  to  the  master  flaps 
Yet  another  cooling  system  employing  triple  blow-in,  where  the  third  blow-in  occurs  in  the 
divergent  section  of  the  nozzle,  was  not  pursued  because  of  the  considerably  more  compli¬ 
cated  design  with  lesser  saving  in  cooling  air  in  comparison  with  the  double  blow-in  con¬ 
cept. 

The  cooling  efficiencies  attainable  for  convergent/divergent  nozzles  with  single  and 
double  blow-in  cooling  system,  calculated  according  to  [1]  ,  are  represented  in  Fig.  (J) 
in  relation  to  the  cooling  layer  parameter  containing  the  length  of  the  cooling  film  and 
the  cooling  air  flow.  The  greater  value  of  the  cooling  layer  parameter,  occurring  at  the 
required  cooling  efficiency  for  double  blow-in  against  single  blow-in  indicates  the  re¬ 
duction  in  cooling  air  requirement  expected  with  the  double  blow-in  concept.  For  compari¬ 
son,  measured  data  according  to  [2]  and  theoretical  data  according  to  [3]  have  been  added 
for  the  case  of  single  blow-in.  The  effect  of  heat  transfer  by  convection  on  the  thermal 
loading  of  the  heat  shield  was  computed  separately  by  means  of  standard  procedures. 

Computation  of  the  cooling  efficiency  and,  thus,  the  cooling  air  requirement  did  not 
include  the  following  factors,  listed  here  together  with  the  plus  or  minus  effects  they 
tend  to  have  on  the  cooling  air  requirements: 


Tendency 


-  Degree  of  turbulence  of  main  and  cooling  air  flows  + 

-  Surface  roughness  of  flaps  and  heat  shields  + 

(including  dirt  deposits) 

-  Corners  and  edges  at  flap-to-flap  transitions  + 

-  Heat  transfer  by  radiation  + 


-  Temperature  of  main  flow  with  afterburning,  decreasing  towards 
the  nozzle  contour 


Except  for  the  convergent  short-flap  nozzle  employing  the  single  blow-in  system,  the 
double  blow-in  cooling  configuration  was  selected  for  all  other  nozzles,  i.e,  for  the 
long-flap  nozzles.  The  resultant  cooling  air  flows  are  shown  in  Fig.  ( 7)  in  comparison 
to  measured  data  (4]  taken  on  an  iris  nozzle,  whose  cooling  system  is  comparable  to 
a  single  blow-in  arrangement. 

5.  Nozzle  weights 


The  nozzle  designs  illustrated  in  Fig.  (3)  resulted  in  the  weights  shown  in  Fig.  (§)  . 

The  afterburner  parts  located  behind  the  flange  at  the  transition  to  the  conical  section 
of  the  afterburner  were  included.  Apart  from  the  nozzle  itself,  all  actuating  elements, 
including  the  rotary  air  motor,  but  not  the  outer  nozzle  fairing  i.e,  the  fuselaae  skin, 
have  been  added.  Significantly,  the  weight  rises  progressively  as  the  length  and  variabi¬ 
lity  of  the  nozzles  are  increased.  Referred  to  the  weight  of  the  entire  engine,  the  nozzle 
weight  increase  relates  rather  unfavourably  to  the  potential  gain  in  thrust,  as  will  be 
shown  later  on.  The  number  of  parts  (excluding  fasteners  etc.)  finally  conveys  an  impres¬ 
sion  of  the  complexity  of  design  accompanying  extra  variability, 

6.  Nozzle  control 


With  the  convergent  nozzles,  control  is  limited  to  the  selection  of  the  proper  exhaust, 
area  with~due  cSnsTderation  being  paid  to  the  contraction  of  the  jet  cross  sectional 
area,  see  Fig.  (l). 


With  the  simultaneously  variable  convergent/divergent  nozzle  the  area  ratio  Aa/A_  is 
clearly  governed"  by  the  nozzleThroat  area  A-  selected.  At  a  moderate  nozzle  pressure 
ratio  Pfg/Pfj.  »  a  significant  degree  of  divergence  will  cause  a  drop  in  thrust,  because  in 
that  case  shock  fronts  will  occur  inside  the  nozzle  with  subsequent  shock  losses  and  flow 
separation.  To  keep  convergent/divergent  nozzles  at  least  as  efficient  as  convergent 
nozzles,  then,  the  following  minimum  nozzle  pressure  ratios  should  be  maintained: 


divergence 

VA7 

1.1 

1.4 

minimum  nozzle 
pressure  ratio 

Pt6/PCD 

-  dry  operation 

3.0 

4.4 

-  reheated  operation 

3.4 

4.6 

With  the  simultaneously  variable  convergent/divergent  nozzle,  accordingly,  the  degree 
of  divergence  reached  at  maximum  throat  area,  i.e.  at  max.  reheat,  can  be  determined  only 
by  trade-off  between  the  optimum  values  at  various  flight  conditions.  In  the  present  case 
of  an  engine  having  a  bypass  ratio  of  1.27  the  divergence  was  figured  to  be  an  optimum  at 
1.15.  This  optimum  value  will  necessarily  be  the  higher,  the  higher  the  specific  thrust  of 
the  engine,  i.e.  the  lower  the  bypass  ratio.  At  a  very  low  bypass  ratio  the  optimum  diver¬ 
gence  would  be  about  1.3. 

For  the  consecutively  or  two-parametrlcally  variable  nozzle  the  effect  of  flight  Mach  num¬ 
ber  and  altitude  on  optimum  divergence  in  reheated  operation  is  illustrated  in  Fig.  @  . 
The  plot  makes  it  apparent,  on  the  one  hand,  that  in  low-level  subsonic  flight  the  di¬ 
vergence  should  at  least  in  the  present  case  be  smaller  than  1,  i.e.  that  the  configu¬ 
ration  should  be  convergent,  meaning  that  a  simultaneously  variable  nozzle  is  expected 
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to  cause  disadvantages.  On  the  other  hand  Fig.  (§)  illustrates  that  divergences  exceeding 
1.15  will  be  favourable  only  in  supersonic  high-level  flight. 

In  the  case  of  the  two-parametr ically  variable  nozzle  the  optimum  divergence  in  max.  dry 
operation  is  about  the  same  as  that  for  max.  reheat. 

With  engines  of  low  bypass  ratio,  higher  optimum  divergences  would  be  expected  chiefly 
in  subsonic  flight,  while  in  the  regime  of  high  supersonic  flight  Mach  numbers  ex¬ 
ceeding  1.5,  the  influence  of  bypass  ratio  on  optimum  divergence  fades.  Moreover,  at 
the  extremely  hijh  nozzle  pressure  ratios  occurring  here,  the  ultimately  achievable 
divergence  is  reached  anyway. 

With  consecutively  or  two-parametrically  variable  nozzles  it  will  be  important  to 
prevent  a  cylindrical  nozzle  throat  from  being  formed  by  the  secondary  flaps,  because 
this  may  entail  substantial  thrust  losses.  These  losses  result  from  local  supersonic 
flow  regions  in  the  vicinity  of  the  contour  kink  where  the  transition  is  made  to  the 
cylindrical  section.  In  the  present  case,  therefore,  according  to  !  5  ]  ,  the  control 
provisions  were  selected  to  ensure  a  markedly  convergent  contour  at  an  area  ratio  A„/A 
smaller  than  0.825,  or  divergence  settings  greater  than  1,  at  which  the  flow  through  ' 
the  divergent  nozzle  section  remains  supersonic  or  is  still  accelerating. 


7.  Performance  data  (thrust  coefficients) 


The  standard  definition  of  the  thrust  coefficients  referred  to  the  gross  or  net  thrust 
of  the  one-dimensional  isentropic  convergent  nozzle  implies  equal  gas  temperatures  and 
equal  nozzle  pressure  ratios  in  the  entire  cross  section  of  the  nozzle.  In  the  case  of 
reheated  operation  this  prerequisite  does  not  hold  any  longer.  The  thrust  coefficient 
is  significantly  influenced  by  the  fact  that  the  nozzle  cooling  air  does  not  partici¬ 
pate  in  afterburning.  Fig.  (jo)  illustrates  the  effect  the  cooling  air  requirement  has 
on  engine  performance  at  various  flight  conditions.  The  cooling  air  required  accordingly 
causes  a  reduction  in  net  thrust  as  well  as  in  specific  fuel  consumption. 

Fig.  (fj)  then  shows  the  resultant  net  thrust  coefficients  for  max.  reheat  operation 
leading  to  conclusions  as  follows: 

-  The  convergent  long-flap  nozzle  compares  approximately  with  the  short-flap,  l.e. 
the  reference,  nozzle.  This  will  be  readily  appreciated  if  it  is  remembered  that 

the  contours  of  both  nozzles  are  very  gently  curved  in  reheated  operation,  see  Fig.  (3) 
and  their  cooling  air  requirements  are  approximately  the  same. 

-  The  simultaneously  variable  nozzle  affords  advantages  over  the  convergent  nozzles  only 
in  the  supersonic  regime  at  medium  to  high  flight  altitudes,  these  advantages  being 
modest  enough  in  all  cases  compared.  At  low  altitudes,  as  well  as  in  the  entire  sub¬ 
sonic  regime, its  performance  is  clearly  inferior  to  that  of  the  convergent  nozzles. 

-  The  consecutively  and  the  two-parametrically  variable  nozzles  are  equal  in  reheated 
operation,  as  they  are  controlled  to  have  the  same  divergences.  Moreover,  both  nozzles 
are  inferior  to  the  convergent  nozzles  in  the  entire  subsonic  regime,  but  are  expec¬ 
ted  to  give  a  maximum  of  5%  gain  in  net  thrust  in  the  range  of  high  supersonic  flight 
Mach  numbers  at  high  altitudes. 


In  max.  dry  operation  the  relationships  are  essentially  different.  Firstly,  the  cooling 
air  flow  generally  has  no  detrimental  effect  on  the  thrust  coefficient.  Secondly,  ,/ith 
the  convergent  short-flap  nozzle,  the  high  contour  angle  at  the  nozzle  exit,  see  Fig. (3i 
causes  over expansion  near  the  wall,  which  benefits  the  thrust  coefficient.  Compared  with 
the  short-flap  nozzle,  the  convergent  long-flap  nozzle,  as  well  as  the  simultaneously 
and  the  consecutively  variable  nozzles,  both  of  which  are  convergent  in  dry  operation, 
exhibit  a  relatively  gently  curved  contour  preventing  ovarexpansion  at  the  nozzle  exit 


near  the  wall.  These  phenomena  contribute  to  the  relations  of  net  thrust  coefficients 
for  max.  dry  operation  as  shown  in  Fig,  (jJ): 

-  The  convergent  long-flap  nozzle  as  well  as  the  simultaneously  and  consecutively 
variable  convergent/divergent  nozzles  are  inferior  to  the  convergent  short-flap 
nozzle,  above  all,  at  medium  and  high  altitudes  at  supersonic  flight  Mach  numbers 

-  The  two-parametrically  variable  convergent/divergent  nozzle  is  the  most  favourable 
in  the  regime  of  medium  to  high  altitudes,  as  its  design  permits  optimum  divergence 
to  be  attained. 

Compared  with  the  results  shown  here,  which  hold  true  only  for  an  engine  with  a  bypass 
ratio  of  1.27,  at  a  lower  bypass  ratio  the  nozzle  pressure  ratios  achieved  at  various 
flight  conditions  will  be  higher,  as  shown  in  Fig.  Qj),  with  the  result  that  the  above 
relationships  concerning  the  net  thrust  coefficients  will  shift  towards  lower  flight 
Mach  numbers.  On  the  one  hand,  noticeable  thrust  gains  cannot  be  expected  with  conver¬ 
gent/divergent  nozzles  at  nozzle  pressure  ratios  below  5.  On  the  other  hand,  in  the 
range  of  nozzle  pressure  ratios  above  10,  no  significant  further  gain  in  thrunt  can 
be  expected,  as  ultimate  nozzle  divergences  are  limited  to  values  of  1.4  to  1.5.  After 
all,  the  generally-held  maxim  of  convergent/divergent  nozzle3  lending  themselves  for 
use  preferably  in  engines  of  low  bypass  ratio  is  highlighted  in  Fig.  (£|). 


Assessment  of  the  various  afterbody  configurations  of  a  combat  aircraft,  which  could  be 
designed  for  the  nozzles  compared,  or  the  estimation  of  the  afterbody  drag  they  might 
cause,  is  an  onerous  job  and,  because  of  the  number  of  parameters  involved,  is  far  beyond 
the  scope  of  this  study.  This  applies  all  the  more  to  twin-engined  aircraft.  There¬ 
fore,  the  clean-cut  afterbody  of  a  single-engined  aircraft  serves  as  an  example  for 
tracing  in  rough  outline  the  effect  of  the  main  parameters 

-  boattail  contour  angle  at  nozzle  exit  and 

-  base  area, 

achieved  with  the  nozzles  under  study  in  dry  and  reheated  operation  on  afterbody  drag. 

For  this  example,  Fig,  Q4)  shows  the  effect  the  boattail  contour  angle  and  the  base  area 
are  predicted,  [§ ,  7,  8,  9],  to  have  on  the  afterbody  drag  coefficient  in  subsonic  flight 
at  MN  “0,8  and  at  the  relevant  nozzle  pressure  ratio  Pt6^P<x>  “  2,8.  It  then  follows  that 
at  practicable  boattail  contour  angles  of  15  -  20°,  moderate3 base  areas  up  to  7  %  of 
the  fuselage  cross-sectional  area^must  not  necessarily  be  detrimental.  When  the  nozzles 
under  study  are  related  to  Fig.  (f4),  it  becomes  apparent  that  in  reheated  operation  the 
differences  in  afterbody  drag  coefficient  will  be  modest  enough,  while  in  dry  operation 
the  large  base  area  of  the  convergent  short-flap  nozzle  entails  considerable  extra  drag. 
In  dry  operation  the  two-parametrically  variable  nozzle  will  give  the  best  results.  The 
divergent  setting  according  to  Fig. (I)  will  be  beneficial,  especially  in  subsonic  flight. 


9.  Summary  and  Evaluation  of  Results 


Under  the  assumptions  made  here  the  comparison  of  the  long-flap  nozzles  under  study  with 
the  convergent  short-flap  nozzle  as  the  most  simple  concept  shows  the  following  pattern 
in  view  of  the  net  thrust  coefficients 

-  The  convergent  long-flap  nozzle  is  approximately  equal  in  reheated  operation,  but  is 
inferior  in  dry  operation  at  supersonic  flight  Mach  numbers. 

-  The  simultaneously  variable  convergent/divergent  nozzle  is  inferior  in  reheated  opera¬ 
tion,  except  ir.  supersonic  flight  at  high  altitude,  where  a  small  gain  in  thrust  is 
achievable.  In  max.  dry  operation  it  behaves  similar  to  the  convergent  long-flap  nozzle, 

-  The  consecutively  variable  convergent/divergent  nozzle  is  superior  in  reheated  operation 
in  the  regime  of  supersonic  flight  Mach  numbers  at  medium  and  high  altitudes,  but  is  in¬ 
ferior  in  dry  operation,  similar  to  the  long-flap  nozzles  mentioned  before. 

-  The  two-parametrically  variable  convergent/divergent  nozzle  compares  in  reheated  ope¬ 
ration  with  the  consecutively  variable  nozzle,  but  affords  substantial  advantages  in 
dry  operation,  especially  in  the  supersonic  range. 

At  the  point  of  predicted  afterbody  drag  all  nozzles  are  about  equal  in  reheated  operation, 
while  in  dry  operation  the  convergent  short-flap  nozzle  suffers  from  a  noticeable  disad¬ 
vantage. 

From  the  aspects  of  weight  and  complexity  of  the  nozzles,  it  will  be  well  to  note  that  it 
is  cardinally  the  convergent/divergent  nozzles  with  wide  potential  for  variation  that  in¬ 
volve  a  considerable  penalty  which,  with  a  view  to  overall  effectiveness  of  the  aircraft, 
appears  to  cancel  the  benefits  afforded  in  terms  of  thrust  coefficient  and  afterbody  drag. 
This  holds  true  especially  in  the  case  of  the  two-parametrically  variable  nozzle. 

With  nozzles  for  engines  of  lower  bypass  ratio,  results  are  expected  to  bear  out  the 
greater  merits  of  the  convergent/divergent  nozzles.  It  is  certainly  worthwile  to  state 
that  the  choice  between  the  more  complex  convergent/divergent  nozzles  and  the  simple 
convergent  short-flap  nozzle  must  be  made  individually  in  every  case. 


Acknowledgements 


The  authors  are  particularly  indebted  to  the  MTU  MUnchen  GmbH  and  to  the  Federal  German 
Ministry  of  Defence  for  permission  to  publish  this  study. 


References 


[l]  MTU  "Realisierbarkeit  konvergent/divergenter  DUsen 

zur  ErhBhung  der  Ef  fekt.lvitat  zukUnftiger 
Kampf f lugzeuge" 

MTU-Report  79/035,  1979,  unpublished 


f 2]  Rolls-Royce  "Nozzle  Cooling  Requirements  and  Temperature 

Profiles  in  the  RB  199  Engines" 

Rolls-Koyce  BED  Report  AP  5663  (1969),  unpublished 


13] 


R.J.  Goldstein 


"Film  Cooling  -  Advances  in  Heat  Transfer 
Academic  Press,  Vol.  7  (1971) 


ti.C.  Seimall  "P-1I4A  installed  Nozzle  Performance" 

AIAA  Paper,  No.  74-1099 


J.M.  Hardy  "Blocage  Tri-dimensionnel  Interne  dans  une  Tuyere 

Convergente  Bi-conique" 

L ' Aeronaut lque  et  L’Asteronautique  28-1978  No.  73 


B.Z.  Henry,  M.S.  Cahn  "Part  1  Preliminary  Results  of  an  Investigation  at 

Transonic  Speeds  to  Determine  the  Effects  of  a 
Heated  Propulsion  Jet  on  the  Drag  Characteristics 
of  a  Related  Series  of  Afterbodies" 

NACA  RN  L5S  A24a  6  NACA  RM  L56  G12.  March,  1955 


D.E,  Reubush  "Effects  of  Fineness  and  Closure  Ratios  on  Boattail 

Drag  of  Circular-Arc  Afterbody  Models  with  Jet 
Exhaust  at  Mach  Nos.  to  1.3" 

NASA  TN-D-71 63 .  May,  1973 
and 

"Effect  of  Fineness  Ratio  on  Boattail  Drag  of  Circular- 
Arc  Afterbodies  Having  Closure  Ratio  of  0.50  with  Jet 
Exhausts  at  Mach  Nos.  to  1.3" 

NASA  TN-D-71 92.  May,  1973 


O.M.  Pozniak  "Afterbody  Drag  Measurements  at  Transonic  Speeds  on 

Twin  Jet  Afterbodies  Terminating  at  and  beyond  the 
Nozzle  Exit  Plane" 

ARA  Report  no.  35.  June,  1974 


J.  Reid,  A.G.  Kurn  "Subsonic  Drag  of  Iris  and  Translating  Shroud  Nozzles" 

and  J.F.V.  Crane  RAE  TR  7811.  September,  1978 


if. 


V„  •  ...  . 


Single-hinge 


*"  "  "!‘VTO"*W?r-  -■•>'  (  r=  I  .->  Ii T?w 

Single-hinge 


ik-v.M^t--,-.  "WJ.'-JV  \  f  y -a r i > "■-rr-~x:TT?;^7- •’•  -rr- 

Double-hinge 


only  Throat  Area 
variable 


Throat  Area  and  Area  Ratio 
simultaneously  consecutively  or 

variable  two -parametrically 

variable 


Convergent 

Short  -Flap  Long-Flap 


Convergent/  Divergent 
Long-Flap 


Fig.  1  Nozzle  Concepts  Compared 


Convergent  Nozzles 


Convergent  /Divergent  Nozzles 


©  © 


div. 

conv. 


©  © 


div. 

Nozzle 


conv. 


[two- parametrically 
I  variable 


min.  max. 


Fig.  2 


Control  Schemes  of  Nozzles  Compared 


'  rfs- 


Film  Cooling 


Two- Param,  Var,  C/D  Nozzle 


Ktgi  V  iiHul  Cuollnti  All  Mow  lot1  Oonvot,iH>nt‘.  and 

Convai ijonl /n1  v t  Non/, low 


Coi  eryent  Nozzles  Convergent/ Divergent  Nozzles 


i’iim|>iii  i  i<  •  m  ol  lln/xlf  Wii  1  *  *  1 1 1  .kin  1  ( 'i  >im|i  I  hh  1 1  Y 


J.  Jd. 


lii.  La  ‘ 


Ifcii*. *  f  a  Li  iji 


I  I'll  II 


ReL  ChcinQ6  m  N^f  Thrush  j^n  OivcrQBncs 


Simula  \tu.  C/D  Nozzle 


Consec.  Var.  C/D  Nozzle 
Two-Raram.Var.  C/D  Nozzle 


Net  Thrust  Coefficient  Net  fils  ust  Coefficient 


104 


1.024 


0.98 


0.96 


0.92 


1 

s 

■ 

■ 

■ 

1 

■ 

s 

■ 

■ 

1 

1 

1 

Conv.  Short-Flap  Nozzle 
(Reference  Nozzle) 

Conv.  Long-Flap  Nozzle 

.1 


[Hj_6 

1km 

J 

/ 

: 

* 

H 

' 

** 

Simult.  Var.  C/D  Nozzle 

Consec.Var.  C/D  Nozzle  and 
Two-Param.Vor.  C/D  Nozzle 


[ 

rl=11kr 

71 

111 

J 

B 

■ 

a 

— 

— *■ 

3 

0  as  1.0  15  0  05  1.0  1.5  20  0  0.5  1.0  1.5  20  2.5 
Flight  Mach  Number  MN 

F’iy.  11  Net  Tlirunt  Coefficient  o*  Nozzles  Compared  at  Max.  Konoat 


408 

406 

404 

1.02 

400 

0.98 


Conv,  Short-Flap  Nozzle 
(Reference  Nozzle) 

Conv,  Long-Flap  Nozzle 


—  Simult, Var.  C/D  Nozzle 

—  Consec.Var,  C/D  Nozzle 
——  Two-Param.Var.  C/D  Nozzle 


■ 

0  05  1.0  1.5  0  05  1.0  1.5  2.0  0  05  1.0  15  20  25 
Flight  Mach  Number  MN 

l’’ i <J  •  Nut  Tlu  uul  I’unff  ioluni  of  N'.av*  lit*.  Ooiupantil  al  MftHi  *)Vf 


ii  L— _ _  4.  ^  a 


rag  Coefficient  =T  Nozzle  Pressure  RQtio 


0  0,05  0.10  0.15  020  0  0.05  0.10  015  0.20 

Relative  Base  Area  Ab/Aac 

!•’  I  cj .  14  l  nl  lunnci*  iii  Nn/vtlu  c'Diit'nilu  on  Al'lorbody  Druij  c’uof  f  iu  luiii 


ll'tj.  1  Jl'i  I 


.  i.ll  ’  "‘'iAr-“;i  -  ‘  -  . .  it  i  i-i»*  Cii-1  oLiA 


ADVANCED  IXHAtMT  NOSU  TECHNOLOGY 


by 

Ronald  A  OIWaweH 
Aaro  Piopulikm  Laboratory 
Air  Forco  Wright  Aeronautical  Laboratortaa 
Wright-Pattoraon  Air  Foroa  Boao,  Ohio  USA 


Robort  E.  War  hurt  on 
Pratt  A  Whitnay  Aircraft  Group 
Qovarnmant  Producta  Olvlalon 
Waat  Palm  Soach,  Florida  USA 

SUMMARY 


Recent  developments  in  turbine  engine  exhaust  nozzle  technology  indicate  the  potential  Tor  significant  advancements  in  the 
state-of-the-art.  These  technologies  include  nonaxisymmetric  nozzles,  thrust  reversing,  and  thrust  vectoring.  Trade  Studies  have  been 
performed  to  determine  the  impact  of  these  developments  on  the  thrust-to-weight  ratio  and  specific  fuel  consumption  of  an  advanced  high 
performance,  augmented  turbofan  engine.  Results  are  presented  in  a  manner  which  provides  an  understanding  of  the  sources  and  magnitudes 
of  differences  in  the  basic  elements  of  nozzle  internal  performance  and  weight  so  they  relate  to  conventional,  axisymmetrlc  norj'e  technology. 
These  comparisons  are  presented  for  three  categories  of  nozzle  functional  capability:  jet  area  and  exit  area  control,  thruat  reversing,  and  .  hrust 
vectoring.  This  provides  an  understanding  of  the  engine  performance  penalties  associated  with  adding  functional  requirements  to  each  of  the 
nozzles  considered  in  this  study.  Conclusions  are  presented  and  recommendationa  are  made  with  regard  to  future  dlrec'iona  of  advanced 
development  and  demonstration. 


SYMBOLS 


A. 

Nozzle  exit  ares 

AJ 

Nozzle  throat  area 

AH 

Nozzle  aepect  ratio  (throat  width/height  at  cruise  power) 

t’n 

Nozzle/al'ttmdy  drag  coefficient  (wing  ares  reference) 

C’v 

Velocity  coefficient 

K'n 

Muxlmum  thrust  at  sea-level  static 

TSHU 

Uninstalled  specific  fuel  consumption 

THFC|lm 

Installed  apeciflc  fuel  consumption 

W 

Augmentiir/nozzle  weight 

Wc 

Total  uuginentor/nozzle  cooling  flow  (percent  of  tend  air  ilowi 

Wt 

Unglue  weight 

INTRODUCTION 

Several  areas  of  ongoing  exploratory  ami  advanced  development  offer  poienllal  for  algnlfleunl  advancement  In  lurldnc  engine  exlmusl 
nozzle  technology.  Substantial  lime  and  resources  must  he  Invested  in  each  nf  these  technology  areas  to  properly  develop  their  potential  for 
prnductlm  application. 

To  properly  evolve  a  new  technology  into  fnll-scnle  development  In  Ihe  lurldne  engine,  after  Its  conceptual  value  has  been  proven, 
suhstanlluilnn  must  lie  provided  of  Its  ability  to  survive  aod  function  properly  In  the  environment  of  Ihe  lorldne  engine.  The  ability  to 
Integrate  any  new  technology  with  the  remainder  nf  the  turbine  engine  must  tie  proven,  dust  <.*  importantly,  its  predicted  performance, 
durability,  reliability,  maintainability  ami  cost  must  he  verified.  The  accomplishment  id'  those  tasks  ultimately  requires  u  full-scale  ground  lest 
on  a  lurhntc  engine.  Since  the  lime  and  reanurces  that  moat  he  devilled  In  such  a  demons! ration  are  an  great,  Ihe  Air  Force,  us  well  as 
Industry,  must  lie  highly  selective  In  the  tvelimil.igles  they  pursue,  Often,  u  new  leelmnlngy  which  exhibits  a  great  deal  nf  potential  tin  highly 
specialized  applications  must  lie  placed  on  the  "hack  burner"  while  unolhcr,  with  equal  or  greater  potential  Ibr  s  broader  range  nl 
applications,  Is  being  actively  pursued  In  advanced  development,  This  paper  ulleinptu  tu  prioritize  potential  exhuual  mizzle  technology 
advancements,  and  mukra  reiiinimendulnnis  regarding  Ihe  pnlli  which  should  lie  luken  In  pursuing  I  heir  development. 

OIBCUIBION 


Kmerglng  areas  of  development  in  turbine  engine  esli..uxl  nozzle  technology  can  lie  classified  hi  svverul  general  categories.  These  Include 
III  nunuxlsyinmctrlc  nozzles,  ('<!)  thrust  reversing,  and  till  thrust  vectoring. 

Nonexleymmelrlo  Nonlei 

Niinaxlsymmclric  mizzles  oiler  the  potential  lor  reduction  III  mizzle/aflerliodx  drug  They  offer  ulrcrufl  ami  propulsion  Installation 
designers  another  degree  of  flesllillity  in  tailoring  the  nnzzlc/uflerhody  Installation  In  u  spedlie  sin  mil  design  Nnnuxlsymmclrh’  nozzles  mu> 
also  have  an  advaniage  aver  axlsyimnulrlc  mizzles  when  considering  Ihe  addition  ol  functional  capabilities  such  as  thrust  reversing  and/or 
thrust  vectoring.  The  eshausl  system  weight  and  performance  pensitles  emouiiler«d  when  adding  luneiinns  In  the  uiomzisvinnielrlc  nozzle 
•i. iv  !a>  less  than  "lilt  the  usisyminelric  uozsle;  however,  Ihe  liaelc  luiuaxlsvinimilrli  nozzle  Is  generally  heavier  than  lls  sxlsvinmelrh 
i  ouuterparl 


m.-,  J. 


e'-IAisOLi.'l , 


,tt\  li-  idrnii .  .  - 


?  Many  govermnent-eponsored  programs  htiv*  inveitlgaled  ihe  advantages  and  disadvantages  of  nonaxitymmet.rlc  nozzles  in  areas  such  as 

weiglits,  cooling  (low  requirements,  and  internal  performance.  In  addition,  efforts  are  being  made  to  determine  the  installed  performance 
characteristics  of  various  nonaxisym metric  exhaust  systems  in  advanced  aircraft. 

Thrust  Reversing 

T’hrust  reversing  has  potential  for  application  to  current  and  advanced  high  performance  aircraft  for  landing  approach  control  and 
ground  roll  reduction.  The  potential  also  exists  for  using  thrust  reversal  in  flight  for  maneuverability  enhancement.  Thrust  reveraers  can  be 
veiy  effective  in  reducing  landing  distances  to  levels  comparable  to  takeoff  distance  capabilities,  thereby  providing  balanced  field  length.  They 
also  provide  a  means  of  deceleration  less  sensitive  to  runway  conditions  than  conventional  means  of  braking,  Problems  do  exist,  however,  in 
integrating  the  reverse:  both  with  the  aircraft  to  minimize  any  .adverse  impact  on  the  effectiveness  of  the  vertical  Btubilizer,  and  with  the 
turbine  engine  to  uvoid  large  performance  penalties  and  stability  problems. 

Thruti  Vectoring 

Thrust  vectoring  has  the  potential  to  improve  the  ability  to  trade  energy  for  increased  instantaneous  turn  capability  with  high 
performance  aircraft.  However,  the  penalty  in  exhaust  system,  engine  case  and  mount  weights  with  thrust  vectoring  cun  be  prohibitive.  This  is 
particularly  true  since  the  value  of  improving  InStanUneous  turn  capability  at  the  expense  of  further  losses  in  specific  excess  power  is  highly 
questionable. 

Thrust  vectoring  also  has  potential  for  reducing  field  length  requirements  below  that  wntch  can  be  achieved  with  thrust  reversing  alone. 
Properly  employ  od  during  the  takeoff  ground  roll,  thrust  vectoring  can  significantly  reduce  the  distance  required  prior  to  rotation.  Thrust 
vectoring  also  has  ths  potential  to  reduce  aircraft  approach  speed,  and  thus  reduce  landing  distances  end  t/iucv  down  dispersion. 
Requirements  for  future  tactical  aircraft  appear  to  be  directed  toward  a  combination  of  STOL  and  supersonic  capabilities.  This  could  he 
satisfied  to  a  degree  with  thrust  reversing!  however,  it  is  not  clear  how  much  STOL  capability  will  be  required  to  effectively  counter  runway 
denial  operations.  Thus,  the  degree  of  thrust  vectorin'!  required,  if  any,  remains  to  be  defined,  If  thrust  vectoring  is  required  to  further 
enhance  STOL  capability,  it  may  have  u  significant  impact  on  inilallad  performance  and  operational  capabilities  of  the  aircraft. 

8TUDY  RESULTS 

Thu  purpose  of  this  study  was  to  determine  the  Impuct  of  the  previously  discussed  exhaust  eyetam  technologies  on  engine 
thrust-to-weight,  and  engine  specific  fuel  consumption.  An  attempt  was  also  :.iade  to  assees  the  impact  on  Installed  performance  based  on 
existing  data.  An  analysis  was  conducted  on  several  advanced  exhaust  nozzle  concepts,  both  uxlsymmctrlc  and  nonaslsyrr, metric,  incorporating 
different  combinations  of  nozzle  functions,  for  each  concept,  weights,  cooling  flow  requirements,  and  Internal  performance  tvure  defined, 
These  results  then  allowed  for  the  determination  of  engine  tlnuat-to-welghl,  and  specific  fuel  consumption,  Throttle-dependent  dreg  was  then 
estimated  for  each  concept  no  that  u  preliminary  assessment  of  installed  specific  fuel  consumption  could  be  made, 

■aaeliM  Oondt'lona 

Too  lutiselbe  engine  used  for  this  study  was  an  advanced,  moderate  bypass  ruth),  afterburning  turhofan  engine  with  an  uzlsyimnptric 
comei'guut'divcigsnt  nozzle.  The  functional  capabilities  of  the  haxvllnr  nozzle  ware  confined  lo  jet  urea  und  exit  urea  control. 

'I  he  cooling  sy, stems  ware  sized  for  wn-luv.il  takeoff,  maximum  afterburning,  which  was  ulso  Dip  condition  at  which  engine 
Dnuet-louvnight  was  evaluated,  Internal  nozzle  performance  was  calculated  for  subsonic  and  supersonic  cruise  since  these  are  the  night 
conditions  ivneiu  specific  fuel  consumption  Is  of  crltiuul  Importance, 

SlUdy  Configuration* 

The  con/lgu rations  ononidnred  in  tills  study  ure  stimmarl/ud  in  Tallin  I.  Noth  that  there  are  throw  Imdc  functional  groups  lor  comparison, 
(lump  1  comprises  cnnflipiralluns  I  mill  4  which  provide  a  nmmiarlson  of  Dm  nzlsymmetrlc  anil  nmmxiayimnatrlu  convergent. divergent  nozzles 
wllb  jet  nrmi  ami  exit  u'  m  ei,,tiriil  only,  (Iroup  ti  Includes  couf|Mnrat(ime  !i  and  h  and  compares  the  sztsymmetrlii  and  nonuzlsymuivlrlc  nozzles 
with  Jot  area  ami  *  sit  area  nmitiol,  mill  Die  uildod  function  nf  thrust  reversing,  Ilnup  II  then  violinists  of  the  remaining  cimflgiiratliins  II,  (I,  V 
anil  H,  which  compare  itxlwymmelrle  and  varlouk  iiimuzisynir.ielric  nozzles  with  Jet  area  anil  ezH  niea  control,  thrust  reversing  and  thrust 
vectoring,  The  mmutisyniinetrlc  iiozxW  In  this  group  liirl  ids  the  nonaxlsyminutric  nonverf  *nl.vtl''iirgiuil  nozzle,  the  MARION,  anil  the  plug 
nozzle,  Note  that  only  low  aspect  ratio  (AR  "4,0)  noiinxloy  'liiuolrlu  nozzles  were  considered  during  tills  study, 
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The  baseline  nuzzle  is  an  arisymmetric  convergent-divergent  nozzle  with  variable  jet  area  and  exit  area.  Thi:,  configuration  is  shown  in 
Figure  1,  and  consists  of  balance,  convergent,  and  divergent  flaps,  located  axially,  adjacent  to  a  similar  series  of  axial  srals.  Fifteen  each  of 
these  flap  and  seal  strings  make  up  the  flowpath,  giving  an  approximation  of  a  circular  cross  section. 

•  Configuration  2  —  Axlaymmatric  with  Upatraam  Thruat  Ravaraar 

Thrust  reversing  capability  is  udded  to  the  baseline  axisymmetric  nozzle  through  the  use  of  a  clunrheH  urrangotnuiit  located  upstream  of 
the  uflerhurne./nozzle  module  shown  in  Figure  I!,  During  reversed  thrust  operation  thp  clamshell  uncovers  reverser  ports  located  on  the  top 
and  bottom  ol  the  engine  case  and  deflects  the  exhaust  llow  into  the  ports.  Exit  How  angle  is  controlled  through  cascade  vunrs  locuted  in  each 
port.  The  portion  of  the  exhaust  system  downstream  of  the  reverser  is  the  same  as  in  configuration  I 

•  Configuration  3  —  Axlaymmatrlc  with  Upatraam  Thruat  Ravaraar  and  Thruaf  Vaotorlnp 

This  configuration,  shown  In  Figure  1),  consists  of  a  translating  nozzle  for  conventional  jet  areu  control  with  an  additional  actuation 
system  for  exit  area  control  us  In  the  previous  configurations.  The  clamshell  reverser  system  is  locuted  just  upstream  of  the  nozzle 
(downstream  from  t hat  of  configuration  2).  Thrust  vectoring  up  to  20  deg  is  accomplished  through  a  gimhal  arrangement  which  rotates  the 
whole  aft  section  of  the  nozzle.  This  nozzle  is  similar  to  that  of  configurations  I  and  2  in  terms  of  kinematics. 


figure  /,  Adi<unn<d  Axiaymmvtrlv  Nuzzle  with  Jot  Arou  and  lixit  Arva  Control 


figure  2.  Atlvtinn’d  .txivymmvlw  Nmtle  with  ./<>/  Airu,  Kxlt  Ami  I’nnfr  >/,  ore/  ///ix/roi.,71  V'/tru*.'  //reerurr 


•  Contiigiunthn  4  —  Honaxtaymmrtrlc  Connrgant-Dtorgant  Month 

This  nunuAi.ymmetric  (two-dimensional)  convergent-divergent  nozzle,  shown  in  Figure  is  typical  of  two-dimensional  nozzles  in  that 
the  nozzle  cross  section  is  square  or  rectangular  with  a  transition  from  a  circular  cross  section  upstream  of  the  nozzle.  This  type  of  nozzle 
usually  results  in  a  fewer  number  of  moving  parts  since  the  sidewalls  are  stationary.  The  major  moving  parts  are  the  top  and  bottom  flaps, 
which  are  used  to  control  jet  area  and  exit  area.  This  particular  configuration  consists  of  two  convergent  flaps  (top  and  bottom),  two  divergent 
flaps,  and  two  external  flops  which  servo  as  uerodymimic  fairings  as  well  as  the  means  by  which  exit  area  is  controlled 

•  Configuration  5  —  Nonaxlaymmatric  Convargant-Divargant  with  Thruat  fanning 

This  nozzle  configuration,  shown  in  Figure  6,  is  similar  to  configuration  ■.  except  that,  the  convergent,  flaps  are  allowed  to  pivot  around 
their  mid-axial  location  to  close  off  the  axis1  flowpath.  The  forward  end  of  the  convergent  flap  opens  the  reverser  ports  top  and  bottom,  which 
in  turn  dirertu  the  How  out  of  the  ports,  resulting  in  reversed  thrust. 

•  Configuration  6  —  Nonaxlaymmatric  Convnrgant-Dlnrgant  with  Thruat  fanning  and  Vectoring 

This  configuration,  shown  in  Figure  (i,  is  similar  to  that  of  configuration  5  with  the  added  capability  of  deflecting  the  divergent  flaps  in 
unison  either  up  or  down,  This  results  In  vectored  thrust  in  cither  the  upward  or  downward  direction.  This  added  function  requires  stronger 
(usuaily  heavier)  divergent  Haps  and  a  more  complicated  actuation  system  than  needed  for  area  control  alone. 
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•  ConUguraHon  7  —  Mufti  AopHeiHon  Dafaetcr  Kafauat  Ncxzh  (MADCN)  with  Thruat  Vectoring  an d  fanning 


This  configuration,  shown  in  Figure  7,  is  another  nonaxisyuiinetric  nozzle  also  having  thrust  reversing  and  thrust  vectoring  capabilities. 
Unlike  the  nonaxisyuiinetric  convergent  divergent  nozzle,  thin  nozzle  is  not  symmetrical  between  top  and  bottom,  hut  rather  incorporates  an 
expansion  ramp  in  addition  to  the  convergent  and  divergent  Haps  of  the  previous  configuration.  Reversing  is  accomplished  in  a  similar  manner 
to  the  technique  used  in  configurations  fi  and  0  —  by  rotating  the  convergent  flaps  inward  to  the  engine  centerline  while  at  the  same  time 
opening  roverser  ports  at  the  forwurd  end  of  the  convergent  flap.  Vectoring  is  accomplished  by  deflecting  the  divergent  Hups,  as  well  as  the 
expansion  ramp,  either  'ip  or  down. 

•  Configuration  0  —  Nonaxiaymmotric  Plug  Noizl*  with  Thruti  fanning  and  Vectoring 

The  plug  concept,  shown  in  Figure  8,  uses  the  pivoting  bratluil  flaps  to  control  both  jet  urcu  and  internal  area  ratio.  Unlike  the  previous 
nozzles,  a  fixed  relationship  exists  between  the  jet  area  and  the  interim!  expansion  area  ratio  which  prevents  complete  performance 
optimization  with  nozzle  pressure  ratio.  The  plug  body  provides  thrust  vectoring  by  rotating  about  the  plug  pivot.  Upward  rotation  of  the 
forward  portion  of  the  plug  body  causes  a  redistribution  of  the  exhaust  flow  by  increasing  the  percentage  of  flow  through  the  lower  throat 
passage  and  simultaneously  canting  the  lower  throat  plane  in  the  desired  vectoring  direction.  Thrust  reversing  is  accomplished  by  rotating  the 
aft  section  of  l  oth  boattaii  flaps  inward  until  they  contact  the  plug.  The  forward  sections  of  the  boattail  flaps  rotate  outwurd  in  the  rotation 
process,  opening  the  roverser  ports. 


Figure  7.  Nonuxitymmetrie  Mulii-ApiilktUion  Uefleetor  Itxlwu.it  Houle  with  Jet  Ann,  Exit  Area  Crniril,  Thrutt  Rewriting,  and  Thrutt 
Vectoring 


Figure  H  Nimuxityinmelrie  Plug  Nettie  with  Jet  Area  Coni  ml,  Thru.,/  Itewnin/i,  und  Thrutt  Vectoring 


Weight  CompunKfl 

Figures  Ha,  lib  and  lie  present  a  comparison  of  oxllinuiod  augmentor/iiozzle  weight  of  Lite  various  study  ooiiflgurutlomi  relative  to  tint!  of 
-he  liasellne  fennflgti  allim  l),  Kiteli  llguio  presents  a  comparison  of  weight  for  those  configurations  having  the  same  functional  capability  lilts 
three  groups  preciously  dlscuiised),  Those  weight  estimates  were  obtained  primarily  from  the  "Advanced  Uxhunal  Nozzle  Hysletn  Demonstra¬ 
tion"  program,  deference  I,  or  updated  Infm-melloli  obtained  limn  recent  at  idles. 


In  comparing  Ihc  results  shown  In  Figure  Ha,  axisynnnelrlc  veisits  unnuxlavnimetrle  with  jet  and  exit  area  control,  It  can  he  seen  that  the 
axlsymmelrlc  baa  a  111%  weight  advantage  over  the  nonaxlsyimnelnc  cnnllgiratlon,  Flgurn  lib  to  veals  that  when  lltrusl  reversing  Is  added  to 
each  of  the  nozzle  concepts,  the  omaxUvmiiietrlc  la  nearly  .Tit.  heavier  than  the  hauellne  configuration,  and  the  npsireioo  reversing 
axlsymmelrlc  Is  nearly  -18%  heavier. 

Figure  Itc  gives  a  relative  comparison  of  the  uxlsymno'tio-  ami  (lues  different  nomulsynmisliie  nozzles  will,  area  conlrol,  thrust 
reversing,  and  thrust  vectoring.  The  MAl'F.N  was  llghlesl,  being  ■11%  heavlm  Ilian  the  husellou,  followed  by  the  axisymmelrir  at  Ill'S,  the 
I'o.ivorgenl  divergent  norzle  e>  rtN%,  uml  finally  the  ping  nozzle  which  was  '11%  pearly  twlis  as  heavy  se  llie  lisseiine  nn/»lu. 
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Engirt*  P*Horm*ne* 

Kach  of  the  nozzle  configurations  considered  will  have  an  impact  on  engine  performance  either  in  terms  of  weight  or  internal 
performance.  The  impact  of  exhaust  system  weight  (thrust-to-weight)  and  nozzle  aerodynamics  (performance)  on  engine  performance  is 
obvious.  However,  the  performance  can  he  affected  by  nozzle  cooling  in  two  ways.  First,  the  amount  of  cooling  and  the  location  at  which  it  is 
discharged  into  the  main  gas  stream  can  affect  nozzle  Cy,  and  has  beer,  included  in  the  values  given  in  Figures  1  lu,  lib,  and  1  lc.  Cooling  flow 
also  has  an  impact  on  afterburning  thrust;  if  a  smaller  amount  of  flow  is  required  for  cooling,  then  there  is  more  flow  available  for  burning, 
and  thus  more  thrust  will  result.  To  compare  the  nozzle  concepts  in  terms  of  their  impact  oil  engine  performance,  engine  thrust-to-weight  and 
thrust  specific  fuel  consumption  huve  been  calculated  for  each  nozzle  configuration. 

9  Engine  Thrutt-to-  Weight 

i'lnginc  thrust-to-weight  comparisons  art  given  in  Figures  12a,  12b,  and  12c  lor  each  nozzle  configuration  relative  to  the  baseline  nozzle. 
The  operating  condition  assume!!  for  this  dialysis  was  sea-ievel  static,  maximum  afterburning.  From  Figure  12u  it  can  be  seen  that  the 
baseline  nozzle  resulted  in  the  engine  with  the  highest  thrust-to-weight,  followed  closely  (within  1.0%)  by  the  nonuxisymmetric  con¬ 
vergent-divergent  nozzle  with  areu  control.  The  addition  of  reversing  gave  the  nonaxisymmetric  convergent-divergent  nozzle  a  slight  edge 
(92%  of  baseline)  over  the  upstream  reversing  axisymmetric  (91%  of  baseline)  as  shown  in  Figure  12b.  The  addition  of  thrust  vectoring 
resulted  in  the  MADKN  with  the  advantage,  91%  of  baseline  thrust-to-weight,  with  the  convergent -divergent  nonaxisymmetric  and 
axisymmetric  nozzles  next  each  at  90%  baseline  thrust-to-weight  as  shown  in  Figure  12c.  As  might  be  expected,  the  nonuxisymmetric  plug 
made  a  poor  showing  at  77%  of  the  baseline  thrust-to-weight. 

Thus,  it  appears  there  is  very  little  difference  in  terms  of  engine  thrust-to-weight  between  the  uxisymmetric,  and  the  nonaxisymmetric 
convergent-divergent  or  MADKN  with  similar  capabilities.  Only  the  nonaxisymmetric  plug  nozzle  surfuced  us  u  clear  loser. 
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Sahxnnie  t'riwa' 

Kltglne  TSFC  cumpiiriutinx,  al  cmislanl  power  muting,  are  given  fur  the  lliren  study  groups  In  Figures  i.'iit,  I  .'ll),  and  l.'h'  for  subsonic 
cruise,  Figure  Ida  shows  a  1.-1%  Improvement  In  TSFC  for  the  nonnxlsyininelrlc  nozzle  with  area  control  relative  In  the  baseline  axisyuunelrlc 
cniil’lgnrnllnn.  Figure  Dili  sltows  similar  results  for  llte  group  2  nozzles  with  llirusl  reversing  added,  For  die  fully  limcllonal  lionaxisyninielrlc 
nozzles  compared  lu  Figure  l.'tc,  llte  convergent  divergent  nozzle  rulalns  a  sllgltl  edge  of  1.-1%  (under  the  baseline  axlnymmelrlcl  versus  l.:l% 
lor  llte  MADKN.  The  axisymmelrlc  was  next  wlllt  0.1)0%  under  t In-  baseline  wiili  llte  plug  nozzle  again  fairing  poorly  with  a  10, -1%  higher 
TSFC  Ilian  llte  baseline  axisymmelrlc, 

,S'u//iT»omc  Claim' 

FlgiiU's  I  I  i,  Fib.  ami  Me  show  llte  supersonic  TSFC  comparisons,  al  louslanl  power  selling,  relative  lo  llte  baseline  nxluvmmclric  for  tile 
study  nozzle  ■'onllgiiinlloiiH.  Figures  I  -la  and  I  -1 1 1  conclude  (hat  lliere  is  no  dlllereme  between  tlic  axisymmetric  and  uonaxisymtnelric 
convergent  divergent  conligmatious  with  area  control,  as  well  as  svltlt  llirusl  reversing  added.  Figure  Me,  lu  comparing  (lie  axisyinuielric  and 
three  uona'ilBvnnnelric  lull  v  limcllonal  nozzles,  shows  the  veclorlug/reversbig  axlsvmnielrh  D.T.T.  lower  Ilian  I  he  baseline  mil  the  ion 
vergclil  divergent  nozzle  equal  lo  the  axlsytninetrlc  baseline.  The  mulll  nppllcalioli  delleclor  exbausl  nozzle  TSFC  is  ,'l.h%  higher  than  'lie 
baseline,  and  the  plug  l  /  h'T.  higher. 
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The  exhaust  nozzle  is  a  unique  component  of  a  military  turbine  engine  in  that  its  integration  with  high  performance  aircraft  can  have  a 
large  impact  on  the  performance  of  the  overall  weapon  system. 

Because  of  this  impact,  an  attempt  was  made  to  compare  the  relative  installed  thrust  specific  fuel  consumptions  of  some  of  the  study 
configurations,  To  do  this,  throttle-dependent,  nozzle/afterbody  drag  was  estimated  based  on  windtunnel  datu  from  previous  studies.  This 
data  was  then  used  to  generate  installed  thrust  specific  fuel  consumption  values  for  solected  configurations,  for  u  subsonic  cruise  (light 
condition.  The  results  of  this  study  by  no  means  is  meant  to  represent  an  absolute  installed  thrust  specific  fuel  consumption  comparison  for 
the  overall  weapon  system,  since  this  would  require  that  the  drag  effects  of  the  specific  overall  weapon  system  be  iiHudud. 

In  addition,  in  order  to  have  u  direct  comparison  of  the  axisymmetric  and  the  nonuxisy  mine  trie  configurations,  the  axisymmctric 
configuration  1  was  again  used  for  the  baselino.  Thus,  installation  effects  are  included  in  this  comparison  which  may  unjustly  |>enallzo  one  or 
the  other  nozzle  types  (axisymmetric  or  2-11),  depending  on  the  nozzle  type  lor  which  the  basic  study  aircraft  was  optimized.  The  inclusion  of 
the  installation  effects  was  doemed  necessary  in  ordor  to  obtain  a  direct  comparison  between  the  nozzle  types  for  a  given  aircruft 
configuration, 

As  one  might  expect,  depending  on  the  aircraft  configuration,  engine  location,  and  installation,  different  installed  performance  results 
will  occur.  Absolute  results  would  therefore  depend  on  such  things  us  whuther  the  engine  is  mountud  under  the  wings  vs  In  thu  tuil,  or  whether 
the  engines  are  closely  spuced  vs  wide  spacing,  single  engine  vs  twin  engines,  and  number  and  location(s)  of  the  vorlieu)  Htabtllzur(s). 

Since  muny  of  these  configurations  have  been  evaluated  in  other  studies,  a  minimum/maximum  band  Is  presented  for  the  nouaxlsym- 
motric  nozzles.  This  bund,  therefore,  reflects  Installed  thrust  specific  fuel  consumption  for  the  nonuxlsymmelric  nozzles  relative  to  the 
axisymmetric  baseline. 

These  results  are  shown  in  Figure  Ifia  for  thu  group  1  nozzle  configurations.  This  figure  Indicates  thut  thu  nonaxisyminelric 
convergont/dlveigent  nozzles  can  bo  from  3%  woi  .ban  the  axisymmetric  baseline  to  3%  better.  The  same  Is  true  when  thrust  reversing  is 
added,  us  shown  in  Figure  16b.  The  uxisyminctric  with  thrust  reversing  und  vectoring  is  slightly  hettei  than  the  baseline  axisymmetric,  as 
shown  in  Figure  15c,  due  to  its  better  uninstalled  thrust  specific  fuel  consumption.  Thu  nonaxisymmutric  convergent/divergent  thrust 
reversing  and  vectoring  configurations  are  the  same  us  shown  in  Figures  16u  and  16b.  The  nonuxisy mmolric  MADRN  nozzle  results,  shown  In 
Figure  16c,  indicate  thut  Installed  thrust  spucii'ic  fuel  consumption  can  vary  from  us  good  as  thu  uxlsymmelrlc  baseline  to  1.(1%  butler  than  the 
huseline  configuration.  Due  to  thu  lack  of  windtunnel  duta  on  thu  plug  nozzle,  no  attempt  wux  made  to  assess  installed  performance  effects, 
Although  limited  dulu  was  available  for  specific  aircraft  configurations,  It  was  Insufficient  for  general  conclusions, 
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reauRiof  thi*  tiudy  indicate  that  it  >"  possible  to  get  revert*  1«  in  rankings  when  comparing  uninstalled  and  installed  thrust  specific 
fuel  consumptions,  It  also  should  be  noted  tnu.  .hese  installed  comparisons  are  only  for  subsonic  cruise  conditions  and  in  some  cases  different 
results  may  occur  for  supersonic  cruise  conditions.  The  results  shown  in  this  paper  therefore  indicate  that  installation  effects  must  be  taken 
into  account  when  evaluating  engine  performance  with  various  nozzle  configurations. 

CONCLUSIONS 

Based  on  the  results  of  this  study,  the  following  conclusions  are  drawn: 

1.  Axisymmetric  nozzles  are  competitive  with  nonaxisymmetric  nozzles  in  terms  of  their  impact  on  engine  performance, 
regardless  of  the  number  oi  functions  the  nozzle  is  required  to  perform. 

2.  Installation  effects  must  be  accounted  for  in  evaluating  the  impact  of  various,  generically  different  nozzle  configurations 
on  engine  performance. 

3.  The  impact  of  adding  additional  functional  capabilities  (i.e„  thrust  vectoring,  thrust  reversing)  to  the  exhaust  nozzle  is 
significant  only  in  terms  of  engine  thrust-to-weight. 

4.  The  penalties  in  all  aspects  of  engine  performance  associated  with  using  a  plug  nozzle  are  very  great  regardless  of  the 
functions  which  the  nozzle  is  required  to  perform. 

RECOMMENDATIONS 

The  following  recommendations  ure  made  regarding  the  paths  of  future  development  in  exhaust  nozzle  technology  based  on  the 
knowledge  gained  from  this  study: 

1.  Future  development  of  multi-functional  exhaust  nozzles  should  give  equal  consideration  to  both  axisymmetric  and 
nonaxisymmetric  nozzles. 

2.  If  additional  functions  are  required  to  be  performed  with  future  exhaust  systems,  efforts  should  be  concentrated  on 
minimizing  their  negative  impact  on  engine  thrust-to-weight. 

I).  Any  future  consideration  of  the  plug  nozzle  as  a  design  option  should  be  minimized,  if  not  eliminated. 
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SUMMARY 


Nonaxl symmetric  nozzles  are  being  Investigated  for  future  generations  of  military  aircraft  to  meet 
diverse  mission  requirements.  One  nozzle  of  this  type,  a  single  expansion  ramp  nozzle  (SERN),  has  undergone 
extensive  wind  tunnel  testing.  For  reasons  not  well  understood,  the  SERN  test  data  revealed  that  a 
significant  variation  In  nozzle  flow  field  characteristics  occurred  as  the  exhaust  total  temperature  was 
changed.  In  the  present  work  a  two-dimensional  Navler-Stokes  Mow  analysis  procedure  was  used  to  simulate 
the  SERN  flow  field  In  an  attempt  to  understand  this  effect.  Steady  state  solutions  were  obtained  using  an 
explicit  time- dependent  method  utilizing  efficiency- Improving  techniques  such  as  body-fitted  mesh,  coupled 
computational  regions,  wall  functions,  automatic  alignment  of  mesh  with  mixing  layers,  and  vectorized 
execution  on  a  CRAY  1  computer.  Many  possible  contributing  factors  to  this  effect  are  discussed.  The 
factors  Investigated  In  the  present  study  (temperature-dependent  specific  heat  capacities  and  the  effect  of 
exhaust  plume  temperature  on  mixing  layer  spreading  rates)  were  found  not  to  be  solely  responsible  for  the 
effect  of  exhaust  total  temperature  on  the  nozzle  flow  characteristics.  A  normal  shock  on  the  expansion 
rump  was  evident  In  the  SERN  experimental  data  that  was  not  predicted  with  the  2-D  analysis.  This  shock  was 
present  whether  the  exhaust  total  temperature  was  hot  or  cold  and  its  position  was  dependent  on  the  total 
temperature.  Based  on  work  to-dat.e,  an  extension  of  the  present  study  1$  suggested  to  predict  this  effect. 
The  work  demonstrates  the  capabilities  and  some  of  the  problems  In  applying  a  Navler-stckas  flow  analysis 
procedure  for  computing  complex  viscous  nozzle  flows.  The  Importance  of  measuring  upstream  condition  In 
flow  experiments  Is  emphasized  If  the  data  1$  to  be  utilized  for  explanation  cf  flow  variations  which  occur 
or  for  flow  analysis  validation. 
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Nonaxlsymmetrlc  nozzle  Installations  are  being  Investigated  for  future  generations  of  military  air¬ 
craft  to  meet  diverse  mission  requirements.  One  such  n^zle  Is  the  single  expansion  ramp  nozzle  (SERN) 
shown  In  Figure  1.  The  SERN  flow  field  contains  mixed  .jbsonlc  and  supersonic  regions  In  which  shocks, 
compression  waves,  and  expuns  .on  waves  Interact  with  boundary  layers  and  mixing  layers.  The  three- 
dimensional  geometry  of  the  Si!iN  results  In  the  flow  field  being  somewhat  three-dimensional  as  illustrated 
In  Figure  2.  The  nozzle  was  aesigned  using  the  traditional  approach  In  which  model  scale  parametric  testing 
Is  used  to  build  a  data  base  from  which  the  full  scale  nozzle  performance  Is  predicted. 

The  traditional  test  based  approach  to  nozzle  design  Is  slow  and  increasingly  expensive.  Since  model 
scsla  results  are  often  difficult  to  extend  to  *  ■  ’e.  Iteration  with  full  scale  testing  Is  usually 
required  to  achieve  a  satisfactory  des  ign.  T*  i! .  ^  'iges  have  create  considerable  Interest  In 
developing  analytical  procedures  for  Simula.!-  ' .  >-  f  ’hese  comput'.r  programs  can  be  used  by  the 
designer  to  supplement  and  guide  his  parametric  ' <1  ni> .  vn  and  thus  reduce  the  nunber  of  models 
which  must  be  tested  to  achieve  a  satisfactory  v>.  t  rs  ar,-  numerical  algorithms  become  more 
powerful,  the  role  of  analysis  In  nozzle  eltriyi  s, . 1  ^  icr  .ase.  Eventually  nozzle  design  will 
evolve  to  an  analysis  based  design  approach.  Par.  ..  ,is  will  be  conducted  on  full  scale 
configurations,  replacing  model  ocale  parametric  test.1.;  -.se  of  testing  will  shift  to  validation 
of  the  analysis  and  confirmation  of  the  f<na1  design  pnr 

Extensive  wind  tunnel  testing  of  the  SEPN  has  ».•  lout'- .  u  acquire  an  understanding  of  Its  complex 
flow  field.  Because  nozzle  wind  tunnel  luting  Is  .  Mer  and  less  costly  with  unheated  exhaust  air,  much  of 
the  experimental  data  for  the  SERN  has  beer,  obtalneu  In  thlj  manner.  However,  at  a  given  nozzle  pressure 
ratio,  a  significant  variation  In  nozzle  flow  field  characteristics  occurs  as  the  total  temperature  of  the 
exhaust  gas  Is  changed.  This  effect  Is  illustrated  in  Figure  3,  where  experimentally  measured  CP  distribu¬ 
tions  (References  1  and  2)  on  the  SERN  external  expansion  ramp  are  plotted  for  various  exhaust  total 
temperatures. 

A  schematic  dlaqram  of  tne  SERN  flow  field  Is  shown  In  Figure  4.  Of  particular  Interest  Is  the 
location  of  the  shock  u.  (strong  compression  wave)  on  the  expansion  ramp.  The  shock's  position  was 
experimentally  found  to  shift  with  changes  in  exhaust  total  temperature.  In  Figure  3  for  M*  ■  1.4  the 
shock,  indicated  by  the  sudden  rise  In  the  measured  CP  distribution,  remains  in  the  same  position  for 
exhaust  total  temperatures  of  667,  833,  and  1056°K,  but  shifts  dramatically  at  278  K  (the  unheatad  case,  no 
combustion)  The  CP  distribution  upstream  of  the  shock  Is  also  seen  to  change  significantly  from  heated  to 
unheated  exhaust.  However,  for  .1„  >0.85  there  is  a  more  gradual  change  as  the  exhaust  total  temperature 
is  changed. 

In  Reference  2  an  effort  was  made  to  experimentally  simulate  heated  exhaust  nozzle  Mows  with  unheated 
exhaust  nozzle  flows.  It  was  assumed  that  the  effects  of  changing  exhaust  temperature  occurred  because  the 
ratio  of  specific  heat  capacities  was  changing.  The  technique  consisted  of  adjusting  the  NPR  such  that  the 
computed  Initial  Inclination  of  the  unheated  exhaust  pi  cans  matched  that  of  the  heated  exhaust  plume.  The 
results  were  satisfactory  at  M  «  1.2,  but  failed  to  give  good  results  over  the  entire  range  of  freestream 
Mach  cumbers  from  0.5  to  1.5.  These  results  suggest  that  the  temperature  dependence  of  the  ratio  of  the 
specific  heat  capacities  may  be  a  contributing  factor  to  the  observed  changes  of  the  flow  field  with  exhaust 
total  temperature,  but  that  other  mech«; i sms  are  probably  Involved. 

The  wall  boundary  layers  on  the  outer  surface  of  the  nozzle  test  apparatus  are  Influenced  to  some 
extent  by  the  heat  transfer  from  the  nozzle  surface  which  has  no  external  cooling  system.  The  Increase  In 
boundary  layer  displacement  thickness  -esultlng  from  the  heat  transfer  reduces  the  extent  of  expansion 
experienced  by  the  sur  flow  turning  over  the  boattall  of  the  nozzle.  This  affects  the  location  of 
the  'oattall  shock,  ..  .  susc.  "blllty  ct  the  boundary  layer  to  separation,  and  the  Initial  exhaust  plume 
inclination. 

Tne  larne  change  In  veloc,^  across  the  "Kxlng  layers  caused  by  the  difference  In  temperature  of  he 
external  flow  and  the  heated  exhaust  ges,  enhances  the  turbulent  mixing,  and  thus  Increases  the  spreading 
rate  of  the  mixing  layers.  Interactions  of  the  mixing  layers  with  shocks  and  expansion  waves  are  affected. 
The  Interaction  of  the  supersonic  exhaust  plume  with  the  external  flow  downstream  of  the  expansion  romp 
could  result  In  the  formation  ot  an  oblige  *r»ock  wave.  The  Influence  of  the  exhaust  temperature  upon  the 
spreading  rate  of  turbulent  mixing  layer  could  alter  the  amount  of  turning  required  by  the  exhaust  flow  at 
the  trailing  edge  of  the  expansion  r  mp.  If  the  mount  of  turning  Is  great  or  the  exhaust  flow  Mach  nimber 
1$  low.  an  oblique  shock  structure  imtv  not  be  possible,  giving  rise  to  the  formation  of  a  normal  shock  on 
the  expansion  rmp  as  rhown  In  Figure  4. 

Relamlnar1  zetlon  may  occur  In  the  Internal  boundary  layers  which  undergo  an  extremely  strong  and 
extensive  acceleration  through  the  no/.zle  throat  and  expansion  romp.  The  sudden  change  In  the  flow  field  as 
the  exhaust  temperature  Is  decreases  shown  In  Figure  3,  suggests  that  a  change  has  occurred  In  the  upstream 
Internal  flow  conditions.  Such  a  behavior  could  be  due  to  boundary  layer  relamlnarlzatlon.  Slight 
perturbations  In  the  expansion  rom|  boundary  layer  produced  by  changes  In  the  exhaust  temperature  may  be 
substantially  amplified  by  downrtrem  shock/boundary-layer  Interactions. 

Since  detailed  experimental  measurements  (particularly  total  pressure  and  total  temperature  profile 
surveys)  have  not  been  txken,  changes  in  flow  conditions  (other  than  average  nozzle  total  temperature) 
upstream  of  the  nozzle  thoat  could  be  the  cause  of  the  changes  in  the  nozzle  flow  field  between  heated  and 
unheated  exhaust  flows.  Secondary  flows  and  total  pressure  and  total  temperature  cross  stream 
nonuni  fortuities  probably  occur  downstream  of  the  fl«ne  holder,  shown  In  Figure  1,  particularly  when 
combustion  Is  present  for  the  heated  exhaust  cases.  Ihe  substantial  Influence  wh.  h  upstrear,  conditions 
have  on  developing  Jet  plunes  has  been  shown  In  Reference  3. 

The  effects  of  changing  exhaust  total  temperature  as  well  as  detailed  information  on  the  fluid  dynamic 
mechanisms  which  are  Involved  can  be  studied  by  solving  the  governing  mathematical  equations  of  the  flow. 


and  validated,  full  scale  and  model  scale  flow  simulations  can 
be  obtained  In  a  relatively  short  period  of  time  for  many  different  nozzle  flow  conditions.  Such  analyses 
yield  detailed  Information  (e.g.,  temperature,  velocity,  pressure,  density,  Mach  nunber)  at  all  locations 
In  the  flow  field.  It  Is  usually  not  feasible  to  obtain  this  Information  experimentally  In  wind  tunnel 
tests,  yet  It  Is  Invaluable  to  the  nozzle  designer  for  understanding  the  nozzle  flow  field. 

A  need  exists  for  an  analysis  procedure  capable  of  accurately  simulating  the  flows  (both  Internal  and 
external)  of  nozzles  for  understanding  wind  tunnel  test  data  and  supplementing  nozzle  design  parametric 
testing.  An  analysis  procedure  has  been  developed  and  is  presented  for  analyzing  two- 
dlmensional/axlsynmetrlc '  nozzle  and  afterbody  flows  (References  3,  4,  and  5).  Using  an  explicit 
time-dependent  method  approximate  steady  state  solutions  to  the  Navler-Stokes  equations  (together  with 
conservation  equations  for  mass  and  energy  and  zonal  turbulence  models)  are  obtained.  Several  efflclercy- 
improvlng  techniques  are  contained  In  the  procedure  Including  body-fitted  generalized  mesh,  wall  functions, 
mesh  fitting  o4  mixing  layers,  multiple  coupled  computational  regions,  and  vectorized  execution  on  the  CRAY 
I  computer. 

The  objective  of  the  present  work  was  to  simulate  the  SERN  flow  field  with  the  2-D  nozzle  analysis  to 
understand  at  least  qualitatively  the  exhaust  temperature  effect.  Many  possible  factors  have  been  identi¬ 
fied  which  could  contribute  to  this  effect.  In  the  work  described  herein  the  first  steps  toward  this 
objective  were  taken  by  considering  the  effects  of  temperature-dependent  specific  heat  capacities  and  the 
effect  of  exhaust  temperatures  on  the  mixing  layer  spreading  rates  (Including  the  Interaction  of  the 
external  flow  with  the  exhaust  jet  downstream  of  the  expansion  ramp). 

ANALYSIS 

The  unsteady  ensemble- averaged  two-dimensional  Navler-Stokes  equations,  conservation  of  energy 
equation,  and  conservation  of  mass  equation  can  be  written  for  turbulent  flow  of  an  Idual  gas  with 
temperature-dependent  properties  In  integral  form  for  a  fluid  volume  V  bounded  by  the  surface  S  as 
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The  Cartesian  vector  U  and  the  second  order  Cartesian  tensor  ft  are  defined  as 
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Cloiure  of  the  equations  1*  obtained  by  Use  of  an  eddy  viscosity  turbulence  model.  The  Reynolds  stress 
terms  are  approximated  by  the  product  of  an  eddy  viscosity  and  a  mean  flow  velocity  gradient.  The  Reynolds 
heat  flux  Is  computed  by  the  product  of  the  eddy  viscosity,  a  specific  heat  capacity,  and  a  mean  flow 
temperature  gradient  divided  by  the  turbulent  Prandtl  nunber.  A  two-layer  mixing  length  model  is  used  for 
computing  the  boundary  layers  on  the  nozzle  surfaces  (Reference  7),  where  In  the  Inner  layer  the  eddy 
viscosity  Is  computed  as 

"t-  •  (!) 

where  r|  Is  the  distance  normal  to  the  wall.  In  the  outer  layer  the  eddy  viscosity  Is  computed  as 

“f  o(o.o9i)2|a  ,  (3) 


where  the  boundary  layer  thickness  must  be  estimated  locally.  At  points  within  the  boundary  layer  both 
Inner  and  outer  values  of  are  computed  and  the  minimum  value  used. 

In  the  mixing  layer,  the  eddy  viscosity  Is  approximated  by  the  mixing  length  formula  (Reference  19, 
pages  549-550) 

Wt  -  O.O17pL0  liul  •  (4) 


where  L  Is  the  thickness  of  the  mixing  layer,  au  Is  the  difference  between  the  tangential  velocities  across 
the  layer,  and  0  Is  a  coefficient  defined  as 
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U1  ■  u2 
U1  +  u2 


(5) 


In  the  above  expression,  ui  Is  tho  tangential  velocity  above  the  mixing  layer  and  u?  Is  the  tangential 
velocity  below  the  layer.  The  mixing  layer  thickness  Is  assumed  to  vary  linearly  with  distance  from  the 
trailing  edge  of  the  upper  cowl  at  x0.  Starting  with  an  Initial  thickness  of  L0  equal  to  the  combined  Inner 
and  outer  boundary  layer  thicknesses,  the  mixing  layer  thickness  L  was  computed  as 


L  ■  0.12(x  -  xQ)  +  L0  .  (6) 

The  laminar  viscosity  Is  computed  from  Sutherland's  viscosity  relation 

(kg/w-sec)  ■  lMxHT6  (jjjj  (^p+V)  *  (?) 

where  T  Is  in  units  of  degrees  Kelvin  and  S  «  110°K. 

The  equation  of  state  relation  for  an  Ideal  gas  Is 


P  -  PRT  (8) 


R  Is  the  gas  constant  which  Is  nearly  constant  (287.  J/Kg-°K)  over  a  range  of  temperatures  from  200°K  to 
2500  K  and  fuel-to-alr  ratios  of  0.06  and  less. 

The  extreme  range  In  fluid  temperatures  present  In  nozzle  flown  with  heated  and  unheated  exhaust 
requires  that  the  properties  of  the  gas,  namely  the  specific  heat  capacity,  be  computed  as  a  function  of 
temperature.  Equilibrium  Cy  data  for  air  with  products  of  combustion  of  (CH?)n  taken  from  Reference  8  was 
fit  In  a  piecewise  fashion  with  linear  and  quadratic  polynomials.  The  ratio  or  specific  heat  capacities, 

Is  computed  as 

k  *  r  *  i  •  u°) 

V 

The  temperature  Is  computed  from  the  specific  internal  energy  using  the  mean  specific  heat  capacity. 

T  '  e/Cv  *  To  •  m> 


where  Is  defined  as 

rv  '  //  Cv  «  '  <T-V  •  <«> 

0 

The  analytic  expressions  for  the  specific  heat  capacity  were  integrated  from  a  reference  temperature 
of  T  (■  0^<)  to  obtain  curve  fits  for  the  mean  specific  heat  capacities.  The  curve  fits  recroduce  the  Cv 
data  to  better  than  0.2  percent  accuracy  over  the  range  of  temperature  from  200°R  (111T>K)  to  2600°R 
(1444°*). 


governlrtS  equations  are  solved  using  the  explicit  predictor-corrector  finite  difference  algorithm 
of  MacCormack  (References  3,  11,  12,  13,  14,  15,  and  16)  In  conservation  law  form  for  a  nonorthogonal  body- 
fitted  computation  mesh.  Steady  state  solutions  are  obtained  as  asynptotic  limits  to  this  time-dependent 
method.  The  forms  of  the  difference  equations  and  their  use  in  the  method  are  given  In  Reference  3. 

Resolution  of  turbulent  boundary  layers  requires  a  very  finely  spaced  computational  mesh  near  the 
solid  boundaries.  However,  the  CFL  stability  condition  for  explicit  schemes  demands  an  exceedingly  small 
time  step  size  which  drives  the  computation  time  prohibitively  large  for  practical  nozzle  design 
calculations.  To  partially  alleviate  this  difficulty  in  the  present  analysis  wall  functions  as  described 
by  Launder  and  Soaldlng  (Reference  9}  are  used  to  obtain  the  wall  shear  stresses  and  convective  fluxes  in 
the  mesh  cells  bordering  solid  boundaries.  This  allows  the  boundary  layer  to  be  adequately  resolved  with 
significantly  fewer  (and  larger)  mesh  cells,  thereby  allowing  larger  stable  computational  step  sizes,  and 
thus  lower  computational  costs. 

In  the  application  of  the  wall  functions  It  Is  assumed  that  a  constant  shear  stress  region  exists  In 
the  boundary  layer  In  which  the  compressible  law-of-the-wall  (Reference  10)  given  below  Is  valid. 


(13) 

The  shear  velocity,  us. 

Is  defined  as 

us  -  VVr» 

(14) 

and  u*  is  defined  as 

u*  *  arcs1n  ip^u/Ug)  , 

(15) 

where 

*  *  (^r)  Me2/  (l  +  Me2^  ) 

Given  the  tangential  velocity  at  a  point  In  the  boundary  layer  logrithmlc  region  (the  center  of  the 
cell  bordering  the  wall),  Equation  13  Is  solved  for  the  wall  shear  stress.  The  mass  flowing  tangentially 
through  the  cell  Is  calculated  by  Integrating  Equation  13  along  the  vertical  edge  of  the  cell. 

In  regions  of  low  velocity  and  particularly  regions  where  there  exist  large  second  derivatives  In  the 
conservative  field  variables,  the  algorithm  requires  additional  smoothing  to  prevent  nunerlcal  Instability. 
An  explicit  smoother  Is  used  In  the  present  analysis  similar  to  the  fourth-order  pressure  term  Introduced  by 
MacCormack  (Reference  15).  In  addition  a  linear  diffusion  term  was  added  to  each  equation  to  damp  large 
transients  created  early  In  the  computation  by  the  Initial  conditions. 

Up  to  three  fluid  streams  can  be  analyzed  simultaneously  for  which  up  to  three  mesh  regions  are 
generated-one  per  fluid  stream.  In  the  computational  logic  space  each  region  Is  rectangular  and  has  a 
separate  I-J  Indexing  scheme  as  shown  In  Figure  5.  I-mesh  lines  are  generated  as  vertical  and  parallel 
lines  to  the  ^-coordinate  axl'  and  J-mesh  lines  are  generated  to  fit  the  nozzle  surfaces.  In  the 
calculations  to  be  described,  the  exhaust  flow  and  external  flows  are  computed  in  separate,  but  fully 
coupled,  computational  regions.  This  technique  of  subdividing  the  flow  field  Into  several  coupled 
computational  regions  conserves  computer  storage,  eases  mesh  generation,  and  allows  alignment  of  (,he  mesh 
lines  with  flow  streamlines. 

Fitting  a  computational  mesh  to  flow  field  discontinuities  (e. g. ,  shocks  and  slip  surfaces)  has  been 
shown  to  reduce  the  generation  of  computational  noise  (References  16  and  17).  Fitting  can  also  be  used  to 
position  fine  mesh  for  resolving  thin  mixing  layers  between  fluid  streams.  During  the  calculation  the  y- 
coordlnates  of  cell  vertices  on  mesh  lines  between  mesh  regions  are  continually  and  automatically  moved 
according  to  the  transport  equation 

-K  ■  s  <  ;  -  3  -D  i.  <«) 


where  Y  Is  the  y-coordlnate  of  the  mesh  cell  vertices,  u  and  v  are  simple  averages  of  local  cell  centered 

av 

velocity  components,  and  0  Is  a  damping  coefficient,  With  upwind  differencing  for  forward 
differencing  for  ,  and  0-0.1  the  scheme  Is  stable  A  similar  technique  was  used  in  Reference  18  to 
compute  the  movement  of  a  free  surface  of  an  incompressible  liquid. 

In  the  present  analysis,  at  steady  state,  the  mesh  Is  aligned  with  the  dividing  streamlines  between  the 
fluid  streams.  The  other  J-mesh  lines  are  periodically  adjusted  to  conform  to  the  fitted  mesh  lines  to 
avoid  large  differences  In  neighboring  cell  volunes. 

RESULTS  AND  DISCUSSION 

The  two-dimensional  analysis  procedure  was  used  to  simulate  the  SERN  flow  field  for  the  16  cases  listed 
In  Table  1  covering  a  range  of  NPR's  from  3  to  6,  NTT's  of  278°K  and  1U1°K,  and  freestream  Mach  manbers  of 
1.2  and  1.4,  The  objective  of  these  calculations  was  to  determine  If  the  two-dimensional  analysis,  which 
Included  temperature-dependent  specific  he.'t  capacities  and  Influence  of  exhaust  temperature  on  the  mixing 
layer  spreading  rates,  could  simulate  the  experimentally  observed  "exhaust  temperature  effect,"  and  If  so, 
Identify  the  dominant  mechanisms  causing  the  m  feet.  By  Inspection  of  Figure  1,  showing  the  geometry  of  the 


SERN,  It  Is  evident  that  the  flow  Is  three-dimensional.  Therefore,  the  results  from  the  present  calcula¬ 
tions  could  not  Indicate  more  than  qualitative  trends  and  the  characteristics  of  the  mechanisms  responsible 
for  the  change  In  the  flow  field  as  the  exhaust  total  temperature  Is  changed. 

The  16  flow  fields  were  computed  on  the  Inner  computational  domain  shown  In  Figure  6.  This  domain 
contains  the  exhaust  flow  stream  and  one  external  stream.  The  downstream  boundary  of  the  domain  Is  located 
a  short  dlstar.ce  downstream  of  the  expansion  ramp  trailing  edge  where  It  was  assumed  that  the  flow  was 
totally  supersonic.  This  assumption  was  a  result  of  a  nunber  of  preliminary  calculations  (at  NPR  *  5,  Mw 
*  1.2  m,  and  unheated  exhaust)  In  which  the  outflow  boundary  was  located  far  downstream  (at  x  *  3.2  m).  The 
flow  was  always  found  to  be  supersonic  along  the  vertical  line  that  Is  presently  the  outflow  boundary  of  the 
Inner  computational  domain  (at  x  ■  0.6m).  The  portion  of  the  lower  boundary  of  the  inner  domain,  which 
extends  downstream  of  the  trailing  edge  of  this  expansion  ramp,  was  assuned  to  be  parallel  with  the  nozzle 
axis  and  on  which  a  free-sllp  boundary  condition  was  applied.  This  last  assumption  was  checked  by 
calculations  and  Is  discussed  later  in  the  text. 

The  freestream  static  pressure,  static  temperature,  and  velocity  were  prescribed  on  the  external 
Inflow  boundary  at  x  *  -0.2  m,  which  is  slightly  upstream  of  the  beginning  of  the  boattall  curvature.  The 
boundary  layer  profile  at  the  external  Inflow  boundary  was  computed  using  the  one-seventh  power  law 
solution  for  a  turbulent  boundary  layer  on  a  flat  plate  with  zero  pressure  gradient  (Reference  19,  page 
598).  For  the  freestream  Mach  numbers  of  1.2  and  1.4  the  boundary  layer  was  estimated  to  be  41  mm  thick. 
The  Internal  nozzle  inflow  boundary  was  located  at  x  *  -0.1  m  where  the  nozzle  total  pressure,  total 
temperature  and  flow  angle  were  specified.  Using  the  one-seventh  power  law  solution  as  before,  the 
boundary- layer  thicknesses  at  this  location  were  estimated  to  be  8.9  mm  for  the  cases  with  unheated  exhaust 
and  12.7  mm  for  the  cases  with  heated  exhaust.  The  prescribed  flow  angle  along  this  boundary  was  obtained 
by  linear  interpolation  between  the  slopes  of  the  upper  and  lower  surfaces.  In  the  heated  cases  (NTT  ■ 
1111°K)  the  fuel-to-air  mass  ratio  was  0.022.  Since  detailed  measurements  of  total  pressure  and  total 
temperature  profiles  were  not  available  for  specifying  upstream  flow  conditions  at  the  Internal  nozzle 
Inflow  boundary,  uniform  profiles  of  these  quantities  were  prescribed. 

Placement  of  the  computational  mesh  is  Important  to  the  accuracy  of  the  resulting  numerical  solution. 
A  problem  nearly  always  exists  In  determining  how  much  mesh  Is  necessary  for  adequate  resolution  of  all 
length  scales  of  a  particular  problem.  Because  of  a  lack  of  practical  methods  to  estimate  absolute 
truncation  errors,  curfsrtly  the  only  available  technique  to  assess  the  errors  Is  to  compute  the  flow  field 
using  a  series  of  computational  grids  of  Increasing  mesh  density. 

The  nozzle  flow  field  for  case  No.  1  was  computed  several  times  using  computational  meshes  consisting 
of  from  323  to  3316  cells  for  the  Inner  domain.  The  resulting  CP  distributions  on  the  expansion  ramp  are 
plotted  In  Figure  7.  As  the  mesh  density  Increases  the  CP  distribution  seems  to  approach  an  asymptotic 
limit.  Limited  core  size  on  a  Cyber  175  computer  prevented  further  mesh  refinement  even  though  a  definite 
asymptotic  limit  was  nut  reached.  Little  difference  was  found  In  the  computed  solution  between  the  mesh  of 
3316  cells  and  that  of  3173  cells,  yet  the  former  mesh  with  twice  the  mesh  density  near  the  exit  plane  of  the 
nozzle  required  twice  the  computational  time.  Therefore,  the  latter  computational  mesh  was  selected  for 
subsequent  computations  of  the  nozzle  flow  fields.  Approximately  two  hours  of  CPU  computation  time  was 
required  per  calculation  on  a  Cyber  175  using  the  selected  mesh.  The  selected  computational  mesh  Is 
displayed  In  Figures  8  and  9  at  steady  state  for  cases  No.  1  (NPR  ■  3)  and  No.  4  (NPR  ■  6),  respectively, 
from  Table  1.  Note  the  differences  In  mesh  alignment  reflecting  the  significant  difference  In  plane 
expansion  between  the  two  cases.  The  mesh  Is  expanded  exponentially  upstream,  downstream,  and  away  from  the 
nozzle  surface.  At  steady  state  the  mesh  aligned  with  the  dividing  streamline  between  the  Internal  and 
external  flows  which  served  to  position  fine  mesh  In  regions  of  large  gradients  to  Improve  resolution  and 
reduce  computational  noise. 

Initial  conditions  for  the  first  of  these  calculations  were  uniform  flow  through  the  domain.  These 
crude  Initial  conditions  caused  large  transients  In  the  Initial  part  of  the  calculation  which  required  a 
substantial  amount  of  damping  to  avoid  numerical  Instability.  The  Initially  heavy  damping  using  the  linear 
diffusion  terms  accelerated  convergence  and  were  turned  off  later  In  the  calculation.  The  Initial 
conditions  for  subsequent  calculations  were  obtained  from  results  of  the  first  calculation  or  some  other 
calculation  previously  completed.  It  was  estimated  that  this  saved  approximately  ten  percent  In 
computational  costs. 

The  results  of  these  calculations  are  shown  In  Figures  10  through  13.  The  computed  flow  fields  for 
cases  No.  9  and  No.  13  are  representative  of  all  the  calculations  and  are  displayed  In  Flgutes  10  and  11  by 
Mach  nunber  contour  plots.  These  cases  are  for  the  heated  and  unheated  exhaust  at  NPR  -  3  and  Na  ■  1.4.  As 
In  all  shock  capturing  numerical  techniques  the  shocks  are  smoothed  due  to  the  action  of  numerical  and 
artificial  diffusion.  Shocks  appear  In  the  contour  plots  as  steep  gradient  regions  where  contours  of  Mach 
numbers  are  closely  spaced.  Mixing  layers  are  clearly  shown  In  the  Mach  nunber  plots  by  closely  spaced 
contours.  Mixing  rate  In  the  heated  exhaust  case  of  Figure  11  Is  seen  to  be  greater  then  In  the  unheated 
case  of  Figure  10,  because  the  velocity  difference  across  the  layer  Is  much  greater  in  the  former  case.  In 
the  present  mixing  layer  turbulence  model  no  account  was  given  for  the  Increase  In  turbulence  level 
contributed  by  the  boundary  layer  wake,  so  In  the  unheated  cases  where  the  velu>c1ty  difference  across  the 
layer  was  small,  the  mixing  rate  Is  slightly  underpredicted. 

The  contour  plots  Indicate  that  partial  cancellation  occurs  In  the  Prandtl-Meyer  expansion  fan  orig¬ 
inating  at  the  cowl  trailing  edge  due  to  the  compression  turning  of  the  supersonic  Jet  on  the  external 
expansion  ramp.  The  plots  also  show  little  reflection  from  the  mixing  layi  of  the  expansion  fan  or 
compression  waves.  The  flow  field  downstream  of  the  expansion  fan  under  the  mixing  layer  Is  thus  relatively 
uniform  up  to  the  compression  wave  created  by  the  turning  on  the  expansion  ramp  surface  at  about  x  ■  0.35  m. 

No  significant  changes  occurred  in  the  computed  flow  field  when  the  exhaust  total  temperature  was 
changed  from  277.  to  1111.  'w.  This  Indicates  that  the  experimentally  observed  exr.aust  temperature  effects 
are  not  directly  attributable  solely  to  the  temperature  dependence  of  either  the  ratio  of  specific  heat 
capacities  or  the  spreading  rate  of  the  mixing  layers.  In  the  computed  flow  field  of  case  No.  5  with  heated 
exhaust,  a  normal  shock  formed  In  the  exhaust  jet  In  the  position  of  the  shock  on  the  expansion  ramp 


Illustrated  In  Figure  3.  The  subsonic  flow  downstream  nf  the  normal  shock  extended  to  the  outflow  boundary 
at  x  *  0.6  m.  The  supersonic  boundary  conditions  were  Inappropriate  for  subsonic  outflow  and  thus 
invalidated  the  results  of  this  particular  calculation.  However,  it  is  interesting  to  note  that  the  CP 
distribution  on  the  external  expansion  ranp  computed  for  this  case  was  more  similar  to  the  measured  CP 
distribution  than  any  of  the  other  15  cases  computed. 

The  computed  distributions  of  CP  on  the  expansion  ramp  surface  and  upper  boattail  surface  are  plotted 
in  Figures  12  and  13  for  all  of  the  cases  for  M^fl.4.  Similar  results  were  obtained  for  M^l . 2 .  The 
behavior  of  the  calculated  CP  distribution  on  the  expansion  ramp  Is  similar  to  the  measured  CP  distribution 
reported  in  Reference  20  and  shown  in  Figure  14,  in  that  the  CP  distribution  between  tho  nozzle  exit  plane 
(x  *  0.23622  m)  and  the  shock  increases  in  level  as  the  NPR  increases.  However,  in  the  computed  flow  fields 
(except  case  No.  5)  a  weak  oblique  shock  wave  was  positioned  on  the  expansion  ramp  where  a  normal  shock 
appeared  to  be  located  in  the  experimental  data.  The  computed  oblique  shock  wave  did  not  move  with  changes 
in  NPR,  Moo,  or  NTT,  as  did  the  normal  shock  wave  in  the  measured  data,  but  was  apparently  generated  by  the 
curvature  of  the  expansion  ramp.  The  calculated  boattail  CP  distributions  display  trends  with  changes  in 
NPR  and  exhaust  temperature  similar  to  those  found  experimentally  in  Figure  15  {Reference  20).  The  boattail 
shock  moves  forward  as  the  NPR  and  the  exhaust  temperature  are  increased.  Again  there  are  significant 
differences  between  computed  and  measured  boattail  CP  distributions. 

The  salient  feature  of  the  computed  flow  fields  is  the  absence  of  the  normal  shock  on  the  expansion 
ramp  which  was  evident  In  the  SEP.U  experimental  data.  Since  the  exhaust  temperature  effect  Is  dependent 
upon  the  presence  of  this  normal  shock,  the  effect  was  not  predicted.  The  presence  of  the  normal  shock 
could  be  caused  by  the  Interaction  of  the  external  stream  with  the  exhaust  jet  downstream  of  the  expansion 
ramp.  The  computed  results  for  case  No.  5  suggested  that  the  formation  of  the  normal  shock  might  result 
from  such  interaction.  To  Investigate  this  interaction,  the  flow  field  was  recomputed  for  case  No.  5  on  the 
larger  computational  domain  shown  in  Figure  6.  In  this  calculation  the  external  flow  below  the  nozzle  (as 
shown  in  Figure  6)  was  added  to  the  computational  domain  and  the  outflow  boundary  was  shifted  downstream  to 
x  =  1.4  in.  The  computational  mesh  for  this  calculation  is  shown  in  Figure  16.  The  portion  of  this  mesh  that 
overlays  the  inner  computational  domain  coincides  with  the  previous  mesh.  In  this  calculation  two  mixing 
layers  were  computed  end  the  mesh  automatically  adjusted  so  that  at  steady  state  it  was  aligned  with  the  two 
dividing  streamlines  between  the  three  streams.  This  calculation  required  550K  (octal)  words  of  incore 
storage  which  exceeded  the  maximum  random  access  memory  available  on  the  Cyber  175  computer  used  for  the 
preceedlng  calculations.  A  CRAY  I  computer,  having  ample  in-core  storage  for  this  calcuation,  was  recently 
acquired  by  The  Boeing  Company  and  was  made  operational  in  time  for  this  calcuation  to  be  performed.  A 
substantial  speedup  in  computational  time  was  also  realized.  After  removing  IF  statements  from  the  Fortran 
DO-loops,  computational  time  decreased  by  a  factor  of  16  compared  to  the  Cyber  175.  The  computed  Mach 
number  contours  for  this  case  are  shown  in  Figure  17.  This  time  however  a  normal  shock  did  not  occur  in  the 
exhaust  flow  on  the  expansion  ramp. 

The  reasons  why  the  normal  shock  occured  in  the  SERN  experimental  data  and  not  in  the  computed  flow  are 
not  well  understood.  As  mentioned  in  the  introduction  there  are  a  number  of  factors  which  could  contribute 
to  the  "exhaust  temperature  effect"  and  also  to  the  absence  of  this  normal  shock  which  were  not  studied  in 
the  present  work.  At  present  the  two  factors  believed  to  be  most  responsible  are  the  three-dimensional 
effects  and  the  effects  of  upstream  internal  nozzle  conditions.  It  is  recommended  that  a  numerical 
investigation  be  performed  using  the  present  analysis  procedure  in  which  the  upstream  internal  flow 
conditions  (boundary  conditions)  are  distorted  and  the  effects  on  the  nozzle  flow  field  studied. 

In  an  investigation  of  a  nonaxlsynnetrlc  wedge  plug  nozzle  reported  in  Reference  6,  a  two-dimensional 
flow  analysis  procedure  similar  to  the  present  procedure  was  inadequate  in  computing  wedge  surface  static 
pressures  for  NPR  above  about  3.  Surface  oil  flows  suggested  that  three-dimensiona'l  effects  in  the  flow 
field  became  substantial  above  this  NPR.  The  flow  field  of  the  SERN  also  has  a  three-dimensional  character 
as  indicated  in  Figure  4.  A  two-dimensional  analysis  procedure  cannot  accurately  simulate  this  flow  field 
effect. 


Had  more  detailed  experimental  measurements  been  cullected  during  the  testing  of  the  SERN,  this 
"exhaust  temperature  effect"  may  have  been  easier  to  examine  and  an  understanding  about  the  phenomena 
easier  to  reach.  The  work  presented  in  Reference  3  demonstrated  the  significant  effect  that  upstream 
conditions  inside  the  nozzle  con  have  on  the  external  flow  field.  The  important  measurements  of  the 
upstream  total  pressure  and  total  temperature  profiles  entering  the  converging  section  of  the  nozzle  and 
measurements  of  the  external  boundary  layer  are  absent  from  the  SERN  data.  Without  sufficient  detailed  data 
It  is  extremely  difficult  to  define  and  quantity  the  effects  of  the  exhaust  flow  total  temperature,  let 
alone  attempt  to  understand  it.  This  shortcoming  of  the  SERN  experimental  data  Is  a  typical  problem 
encountered  in  efforts  to  validate  computer  flow  analysis  procedure  by  comparisons  to  experimental  data. 
If  test  data  on  the  flow  characteristics  of  nozzles/ afterbodies  (or  other  aircraft  components)  Is  to  be  used 
for  code  validation,  the  test  plan  should  be  coordinated  and  consistent  with  the  validation  needs  of  the 
code  developer. 

CONCLUSIONS 

A  viable  analytical  procedure  has  been  developed  and  used  for  the  computation  of  compressible  viscous 
two-dimensional  nczzle  flow  fields  with  temperature-dependent  specific  heat  capacities.  Several  flow  field 
computations  were  presented  covering  a  range  of  NFRs  from  3  to  6  for  freestream  Mach  numbers  of  1.2  and  1.4 
and  exhaust  total  temperatures  of  277°K  and  1 1 1 1 °K  which  have  demonstrated  Its  capabilities. 

Comparisons  were  made  of  the  computed  trends  in  the  SERN  surface  CP  distributions  with  changes  In 
exhaust  total  temperature  to  those  measured  in  experiment.  The  present  two-dimensional  analysis,  which 
Included  temperature  dependent  specific  heat  capacities,  effect  of  exhaust  temperature  on  the  mixing  layers 
spreading  rates,  and  the  Interaction  of  the  exhaust  jet  with  the  extenal  flow,  did  not  predict  the  presence 
of  a  normal  shock  on  t.he  expansion  ramp  that  was  evident  In  the  SERN  experimental  data.  The  exhaust 
temperature  effect,  being  directly  dependent  upon  the  presence  of  the  normal  shock,  was  therefore  not 
predicted.  Several  possible  reasons  have  been  discussed  why  the  shock  did  not  appear  In  the  computed  flow 
fields  and  follow-on  work  has  been  suggested. 
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me  Importance  of  Having  detailed  flow  field  measurements.  Including  the  Internal  and  external 
upstream  flow  conditions,  for  understanding  the  experimental  test  results  and  for  flow  analysis  validation 
was  Illustrated  In  the  present  work. 
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Figure  1.  Single  Expansion  Ramp  Nozzle  Geometry 
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Figure  4.  Schematic  Diagram  of  SERN  Flow  Fiald 
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Figure  5.  Multiple  Region  Computational  Logic  Space 
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SUMMARY 

The  reported  effects  of  a  change  in  Reynolds  number  or  boundary  layer  thickness  on  the  afterbody  drag 
of  axisymraetric  bodies  and  military  type  aircraft  are  reviewed  with  the  aim  of  assessing  their  significance. 

Neglecting  the  effect  of  Reynolds  number  on  the  calibration  of  some  tunnels  had  resulted  in  a 
misleading  indication  of  a  significant  increase  in  aft  rbody  pressure  drag  with  Reynolds  number. 

It  is  concluded  that  a  better  understanding  of  the  reported  trends,  after  allowing  for  calibration 
errors  and  installation  effects  where  appropriate,  is  obtained  if  the  significance  of  different  Mach  number 
regimes  and  of  hot.ttail  steepness  combinations  is  recognised. 

At  subsonic  Mach  numbers  and  in  the  absence  of  flow  separations,  significant  but  compensating  pressure 
changes  are  found  such  that  there  is  little  effect  on  the  afterbody  pressure  drag  of  complete  afterbodies. 

In  the  presence  of  flow  separations,  the  effects  of  Reynolds  number  tend  to  be  email  when  the  location 
of  the  flow  separation  is  fixed  as  a  result  of  a  sudden  change  in  the  boattail  contour,  but  on  afterbodies 
with  more  continuous  contours,  the  location  of  the  point  of  separation  can  be  affected;  conflicting  factors 
are  then  involved  and  the  afterbody  drag  ciu  increase  or  decrease  by  modest  amounts,  or  remain  unaffected  by 
Reynolds  number  changes. 

Significant  i  creeses  in  drag  for  incteases  in  Reynolds  number  have  been  consistently  reported  for 
high  subsonic  Mach  nuiub«.rs  above  t’.:“  drag  rise. 

SYMBOLS 

A  Area 

Ag  Nozzle  exit  area 

AjQ,AJuax  Maximum  body  cross-sectional  area 
CA?  Afterbody  axial  force  coefficient 

by  pressure  integration 
CDA  Aftarbouy  drag  (friction  +  pressure) 

coefficient 

cdap  Pressure  drag  coefficient  build  up  - 

/C_  d  (A/A,„ax)  * 

Cd^j  Afterbody  pressure  diag  coefficient 

Friction  drag  coefficient 
Copy  Forebody  pressure  drag  coefficient 

Cdjjp  Nozzle  pressure  drag  coefficient 

Cp0  Aircraft  zero  lift  drag  coefficient 

Cpp  Complete  body  pressure  drag  coefficient 

*Additional  subscript  W  denotes  wing  reference  area, 
otherwise  body  maximum  cross-section  as  reference 
area. 

C_  Pressure  coefficient 

Cp  Pressure  coefficient  at  sonic  conditions 

Cp_  Pressure  coefficient  at  a  Reynolds  number 

.  Ken  of  Ron  (n  -  1,2,3  etc) 

Cp  Mean  pressure  coefficient  on  wall  or  model 

d  Body  diameter 

dj  Jet  diameter 

L  Body  length 

l  Afterbody  length 


I .  INTRODUCTION 

Concern  about  the  ability  to  predict  full  scale  afterbody  drag  from  wind  tunr.el  tests  was  aroused 
by  the  magnitude  and  variety  of  the  effects  of  Reynolds  number  observed  in  the  past.  An  example  of  such 
conflicting  effects  (Fig  1)  w.,s  noted  by  Schnell  (Ref  1).  Some  test  programmes  led  to  the  conclusion, 
which  could  be  supported  by  a  plausible  explanation  in  terms  of  visccs  effects,  that  afterbody  drag 
initially  rises  and  then  falls  as  Reynolds  number  increases.  Fig  2,  tnus  making  full  scale  drag  prediction 
uncertain. 


M  Free  stream  Mach  number 

Me  Mach  number  from  plenum  pressure 

NPR  Nozzle  pressure  ratio  •  PJ/P 

P  Free  stream  static  pressure 

PJ  Jet  total  pressure 

PS9  Nozzle  exit  static  pressure 

P0  Stagnation  pressure 

R  Radius 

Rc  Radius  of  curvature  of  a  circular  arc  body 

of  same  ai  oa  ratio  and  boattail  angle 
Re  Reynolds  number  based  on  length 

SL  Sea  level 

T0  Stagnation  temperature 

W/T  Wind  tunnel 

x  Axial  position 

xg  Axial  position  of  separation 

a  Incidence 

6  Terminal  boatta.ii  angle 

Be  Chordal  boattail  angle 

i*  Boundary  layer  displacement  thickness 

6  Boundary  layer  momentum  thickness 

8W  Wall  angle 
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FIGURE  2  REYNOLDS  NUMBER  EFFECT 

ON  PRESSURE  DRAG  (REF  2) 


FIGURE  I  REYNOLDS  NUMBER  PARADOX  (REF  I) 

The  adequ  ot  conventional  drag  accounting  procedural  in  which  afterbody  pressure  drag  is  assumed  to 
be  independent  of  Reynolds  number  whilst  the  change  in  friction  drag  is  calculated  from  boundary  layer  theory 
was  being  questioned.  Even  the  validity  of  ascribing  some  of  the  drag  variations  observed  during  tunnel 
tests  to  the  change  in  Reynolds  number  was  challenged. 


These  problems  coincided  with  the  increased  significance  of  afterbody  drag  due  to  the  trend  for 
selection  of  engine  cycles  which  require  increased  airflow  and  hence  the  likelihood  of  magnified 
installation  effects.  The  problems  are  particularly  acute  for  military  type  aircraft  with  variable  area 
nozzles  installed  in  the  fuselage  and  especially  with  the  steep  external  profiles  which  can  result  from  the 
reduced  nozzle  area  associated  with  cruise  at  high  subsonic  speeds.  The  situation  has  led  to  much  recent 
activity  adding  to  the  available  data. 


A  survey  (Ref  3)  of  some  of  the  scattered  information  was  made  with  the  aim  of  identifying  any  pattern  that 
emerged  with  regard  to  the  effect  of  Reynolds  number  on  afterbody  drag.  The  conclusions  that  were  drawn 
are  presented  here  and  illustrated  by  examples  from  the  available  data.  Mainly  conventional  military  type 
aircraft  which  are  characterised  by  fuselage  engine  installations  with  jets  emerging  at  the  rear  are 
considered  here;  caution  should  he  exercised  in  drawing  conclusions  with  regard  to  configurations  which  are 
radically  different. 


2.  AFTERBODY  DRAG,  FLOW  FIELD  AND  TEST  RANGE 

The  skin  friction  drag  can  normally  be  estimated  adequately  provided  there  are  no  separations  and  the 
position  of  transition  is  known.  The  variation  of  ckin  friction  drag  with  Reynolds  numbor  follows  well 
known  laws  and  the  reduced  friction  drag  component  at  full  scale  conditions  can  be  estimated. 


The  afterbody  pressure  drag,  however,  is  the  result  of  lack  of  balance  of  the  much  larger  rearward 
acting  forces  resulting  from  the  suctions  on  the  initial  part,  of  the  boatL  iling  and  the  thrust  forces 
generated  by  the  pressure  recovery  on  the  rear  of  the  boattail.  In  the  absence  of  forebody  interactions  on 
an  afterbody  terminating  in  a  cylindrical  sting  or  jet,  potential  flow  theory  indicates  a  balance  of 
pressure  forces  resulting  in  zero  pressure  drag.  In  real  flow  on  conventional  configurations,  the  boundary 
layer  accumulated  on  the  relatively  long  front  fuselage  significantly  displaces  the  effective  contour  of 
the  afterbody  and  gives  rise  to  a  pressure  or  form  drag.  A  change  in  Reynolds  number  affects  the  development 
of  the  boundary  layer;  on  the  forebody  a  change  in  Reynolds  number  has  generally  a  small  effect  on  pressures 
but  on  the  afterbody  whose  reducing  circumference  tends  to  reinforce  the  effective  growth  of  the  accumulated 
boundary  layer,  there  can  be  larger  changes  in  the  pressures  which  may  lead  to  significant  effects  on  the 
pressure  drag. 


A  sketch  of  a  typical 
flow  field  surrounding  an 
afterbody  is  shown  in  Fig  3 
and  illustrates  further 
possibilities  for  so  called 
viscous/invi scid  interactions, 
ia  interactions  between  the 
boundary  layer  and  external 
flow:  on  steep  afterbodies, 
in  addition  to  the 
displacement  effects  of  the 
boundary  layer,  separations 
may  be  present  which  reduce 
the  pressure  recovery  on  the 
rear  of  the  boattail  and 
thus  have  a  significant  effect 
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FIGURE  3 


AFTERBODY  FLOW  FIELD 


on  drag.  At  high  Mach  numbers,  further  possibilities  for  strong  viscous/ 
inviscid  interactions  arise  because  of  the  presence  of  shocks  whose  strength  snd  location  can  be  affected 
by  the  displacement  effects  of  the  boundary  layer  and  by  the  possibility  of  shock  induced  separations. 

The  complex  flow  field  is  furl  her  influenced  by  the  exhaust  plume  and  entrainment  effects.  These 
interactions  are  aunmariaed  on  the  diagram  below: 
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In  cha  literature,  afterbody  drag  ia  varioualy  related  to  unit  Reynold*  nuaber  or  a  characteriatic 
Reynold*  nuaber  baaed  on  length  or  diaaater.  Unit  Reynold*  maeber  ia  not  a  uaeful  paraiaeter  where  change 
in  acale  ia  involved  either  in  nodal  teat*  or  coapariaon  with  full  acal*.  Reynold*  nuaber  baaed  on  a 
characteriatic  length  ia  only  applicable  to  a  coanon  geoaetry,  and  not  where,  for  inatanca,  a  change  in 
forebody  length  i*  involved.  Neither  are  unit  nor  characteriatic  Reynold*  makers  convenient  paraaatara 
where  viacoua  interaction*  ara  inveatigated  through  direct  change*  of  the  boundary  layer.  It  ia  arguable 
that  a  aore  univeraally  uaeful  paraaater  ia  the  ratio  of  body  diaawiter  to  boundary  layer  diaplacenent  or 
aoaentua  thicknaaa  at  the  atart  of  tha  boat  i  ail. 

The  aaxinua  Reynolds  mother  available  presently  in  transonic  wind  tunnels  is  an  order  ssuller  than 
for  full  scale  flight  resulting  in  about  50Z  proportionately  thicker  boundary  layer*  for  aodtl  tests.  For 
0.05  to  0.1  scale  aiodala  of  typical  fighter  aircraft,  tha  boundary  layer  diaplacenent  thicknaaa  to  body 
diaaater  ratio  i*  typically  O.OI2-O.OI5  full  scale  and  0.017-0.021  aodal  scale.  Pig  4.  The  body  fineness 
ratio  (is  langth/diaaater)  and  the  ratio  of  wing  area  to  maxiaua  trosa-sectional  area  of  afterbody  both 
rang*  typically  from  8-12.  Unleaa  otherwise  noted,  Reynold*  nue  *r  here  ia  baaed  on  aodel  length  and 
afterbody  drag  coefficient*  are  referred  to  the  afterbody  crosa-aectional  area  and  ara  thus  about  10  fiaas 
those  referred  to  wing  area. 


FIGURE  4  TYPICAL  WIND  TUNNEL  VEST  AND  FULL  SCALE  RANGE  OF 

REYNOLDS  NUMBER  AND  BOUNDARY  LAYER  THICKNESS 
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REYNOLDS  NUMBER  EFFECT  ON  AFTERBODY  DRAG  (REF  4) 


3.1.  Effect  of  Tunnel  Calibration 
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FIGURE  6 


CHANGE  IN  PRE"  U1RE  DISTRIBUTION  DUE  TO  REYNOLDS  NUMBER 
M  -  0.8  (REF  5)  _  _  _ 


0-01  Or 


Aulehla  and  Baaigk  (Ref  4)  in  a  papar  presented  in  1974  (Ref  5  contain*  additional  data),  draw 
attention  to  tha  aenaitivity  of  afterbody  drag  derived  from  part  body  ttata  to  poaaibl*  error*  aaaociated 
with  tunnel  tasting. 

Some  afterbody  pressure  drag  ■aasuraawnts  in  a  variety  of  tunnels.  Pig  5,  showed  an  unexpected 
increase  in  afterbody  pressure  drag  with  Raynolda  n unbar  which  aade  extrapolation  to  full  scale  uncertain. 
Combining  pressure  and  friction  drag  (profile  drag)  reduced  the  increase  but  dv.d  not  eliminate  it. 

A  ,  .....  CYLINDER 

Aulahla  and  Besigk  „  ...  , 

analysed  in  detail  pressure  _  —  -  - 

measurements  on  axi symmetric  _ _ _ _ _ _rV,-c~x- 

bodias  (Fig  6)  in  the  Gottingen 
tunnel.  The  pressure  changes, 

Fig  6,  can  be  considered  as 
consisting  of  co**>ensating 

increases  of  expansions  and  . 

racoagiressions  relative  to  a  ‘  j 

datum  change  in  pressure  which  I  |  / 

affects  the  whole  body.  The  ,C,*Rej ‘5^»e,1  W 

effect  on  tha  drag  c‘  the  complete  A  0  *  I  /  I  f 

afterbody  was  slight,  but  the  Chin?*  In  dad*  J  eocou  J ? 

magnitude  r  .  the  change  in  letsum  u  n  ■  pac\,  0  sMflflR.dZp 

afterbody  pressura  drag  apparent  I  -0-01211 

for  the  Ctittingen  tests  shown  in  -0,02 - +■ - - 

Fig  5  corresponded  mainly  to  the  /  \  Tji  R*i»  4>10* 

change  in  thin  datum.  A  comparison  /  L  / 

of  the  changes  in  the  mean  of  the  (Cp/  -Cp^l y*  n$y1ip  K 

pressura  coefficients  on  the  model  -0,01  J - 1 - * - lLb__J 

and  on  the  tunnel  wall,  Fig  7,  0  °'J  0>*  °>*  *"•  °<* 

showed  them  to  be  similar.  This  FIGURE  6  CHANGE  IN  PRE"  UIRE  DISTRIBUTION  DUE  TO  REYNOLDS  NUMBER 
was  some  of  the  circumstantial  M  ••  0.8  (REP  5) 

evidence  which  led  the  authors  to  ACd*CO  -CflL 

suggest  that  the  afterbody  drag  variation  with  Reynolds  _ _  ^Sen  ^*w*2 

number  of  the  type  observed  for  the  Gottingen  end  AEDC-16T  0-0 10|  ^Tl  7"  .  I  I 

invastigations  might  be  due  to  a  systematic  error  in  static  _  A  ,  =  ^  ,  ! 

pressure,  and  furthennorc,  that  tha  variation  of  the  averaged  f^Cp  ,  |±J  J_  ^ 

tunnel  working  section  wall  pressures  was  a  sensitive  "  V  IAr  ItRSOOY  3 

indicator  of  tha  magnitude  of  this  arror.  The  vasults  shown  \  |  |  | 

in  Fig  5  were  based  on  tunnel  calibrations  performed  at  a  ^  A,  V'MODEL  SURFACE 

fixed  Reynolds  number  which  are  normally  adequate  for  sx>et  0-005 - -f.  t - 7 - F - 

types  of  tests  such  as  drag  mtssuramsnts  on  complete  bodies.  I  I 

The  authors  concluded  that  for  testing  techniques  which  are  T T  W^LL 

very  sensitive  to  email  deviations  in  free  stream  static  - - — 

prassura  such  as  psrt-uodsl  tasting,  or  for  transonic  tasting 
with  unstable  shock  locations  which  art  sensitive  to  Mach 

number  change,  calibrations  at  a  nominal  Raynolda  number  stay  Q  —  ■  (jmuMjym  — 

no  longer  be  adequate. 

Following  the  4GARD  Nozzle  Afterbody  (NAB)  teate,  - 

(Raf  7)  additional  calibrations  over  a  range  of  Reynolds  ^ 

number  were  performed  in  the  AEDC-I6T  in  1975,  (Ref  8).  The 

calibrations  were  within  the  normally  accepted  accuracy  but  a  O.nnftl _ _ _ _ _ 

systematic  variation  was  in  fact  found.  Fig  8,  which  can  be  ‘u  5  IQ  Rf.10r*  15 

significant  in  tares  of  tha 

effects  on  afterbody  drag  FIGURE  7  COMPARISON  OF  CHANGES  IN  MEAN  PRES 

measurements.  Tha  calibration  COEFFICIENTS  ON  MODEL  AND  TUNNEL  WALL  (REF 

is  shown  as  tha  difference  0'M*  <T 

between  tha  Mach  numbers  **  lAverag*  Centre  Line  Mach  Number  rs,, 

derived  from  working  eection  Me  =  Equivalent  Plenum  chamber  Mich  mjrnbsr  00io - ^F-oj4.  1 - 

centre  line  static  pressure  ^J*~ — rai,* 

and  the  pleniss  pressure.  001  a. _ _ _ I—" I _ _ _  GO** - 1 - 

Interpreting  Fig  8  results,  a _ ■  I  n^r.T 

it  can  be  noted  that  the  p  _  _  B  |  _ 

planum  pressure  is  higher  then  2  „  0,0,1 

the  free  stream  static  pressure  m-Mc  _ _ N-Me 

and  furthermore,  at  subsonic  60'S - rpG~ j ;  —  a=»—  Tf~* -  0.009 - 

Mach  numbers,  axcapt  for  a  Asr/j  — 

'bucket'  at  low  Raynolda  02m  ■  :r"'T OOW - j-  t  -1 11 

number,  this  pressure  - *  _ _  L-'-'' 

diffsranca  incraasas  with  _  _  _ _ 

Reynolds  number.  (Jackson,  00,0  -  • 

Ref  8,  notes  that  an  adequate 

explanation  for  the  'bucket'  0000*  ■  ■  * — ~~ — ,  ~  “ — rr — ..  -04)04“  1  „  A  , 

st  the  low  Reynold*  number  has  a»xid*/FT  RsloO*/FT 

not  yet  been  found). 
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FIGURE  7  COMPARISON  OF  CHANGES  IN  MEAN  PRESSURE 
COEFFICIENTS  ON  MODEL  AND  TUNNEL  WALL  (REF  6) 
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FIGURE  8  AEDC-I6T  MACH  NUMBER  CALIBRATION  FOR  VARIOUS  REYNOLDS  NUMBERS 
WALL  POROSITY  61  (REF  8) 
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FIGURE  9  TUNNEL  WALL  PERFORATION  DETAILS  IK  AEDC-I6T  AND 
GbTTlNGEN  I  METRE  TRANSONIC  TUNNELS  (REF  6) 
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□  REYNOLDS  NUMBER  CALIBRATION 


FIGURE  10  EFFECT  OF  TUNNEL  CALIBRATION  ON  INTEGRATED 
PRESSURE  DRAG  FOR  AGAKD  NAB  (REF  8) 


An  explanation  for  the  general  trend  in  changes  of  tunnel  calibration  va«  put  forward  by  Aulehla, 
(Ref  6).  He  auggeited  that  it  is  a  result  of  the  forward  inclineu  perforations  acting  as  flush  inlrts, 
whose  recovery  increases  as  the  wall  boundary  layer  becomes  thinner  as  the  Reynolds  number  is  raised-  Both 
the  AEDC-I6T  and  the  Im  x  Im  Gdttingen  transonic  tunnels  have  similar  working  section  walls:  the  perforations 
in  both  cases  era  circular  holes  inclined  forward  by  60°  from  the  perpendicular,  Fig  9. 


The  resulting  reduction  in  the  pressure  drag  of  a  typical  afterbody  (nett/maximum  projected  area 
ratio  «  0.8)  due  to  the  change  in  the  tunnel  calibration  between  Reynolds  numbers  of  2  x  10°  and  5  x  10® 
is  listed  below. 


M  0.6  0.8  0.9  1.0  1.2 

ACDAp  0.0048  0.0024  0.0016  0.0008  0.0008 

The  table  shows  that  the  consequence  of  not  using  a  calibration  corresponding  to  the  actual  test 
Reynolds  number  may  be  significant  at  N  ■  0.6  but  reduces  rapidly  with  increasing  Mach  number. 


T 


Jack* oo  (laf  8>  show*  a  comparison  of  afterbody  pressure  drag.  Fit  10,  of  an  AGARD  noasla 
afterbody  based  on  the  originally  standard  AEDC-I6T  calibration  at  1000  PSF  stagnation  pressure  with  that 
obtained  by  using  the  correct  Reynold*  number  calibration.  The  data  show  that  the  correction  at  M  »  0.6 
reduced  the  overall  afterbody  pressure  drag  variation,  but  that  at  the  higher  Mach  numbers  the  difference 
1s  marginal  and  significant  increase  of  drag  with  Reynolds  number  still  remained  at  M  a  0.95. 


Similar  result*  were  obtained  by  Spratley  et  al 
(Ref  9)  from  pressure  swasuremants  on  axisymetric  sting 
mounted  bodies  without  jet  representation.  The  area 
distribution  of  the  bodies  was  typical  of  high  performance 
military  aircraft.  The  results.  Pig  II,  indicate  that 
taking  account  of  the  variation  of  the  tunnel  calit  ation 
with  Reynold*  number  at  M  »  0.6  has  virtually  removed  any 
observable  variation  of  fore-,  aft-  and  complete-body  drag: 
where**  assuming  that  a  calibration  at  a  single  Reynolds 
number  appliaa  throughout  the  range  had  indicated  a 
reduction  in  the  pressure  drag  of  the  forebody  of  0.018 
and  an  increase  in  afterbody  pressure  drag  of  0.014.  At 
M  ■  0.9,  the  afterbody  pressure  drag  variation  baaed  on 
the  tunnel  calibration  at  the  correct  Reynold*  number 
was  negligible  for  the  contoured  afterbody  and  there 
was  an  increase  of  only  about  0.004  for  t  15°  boattail. 

The  amount  of  Mach  number  deviation  required  to  eliminate 
these  residual  Reynolds  number  effects  at  Mach  number  of 
0.9  was  still  within  the  range  of  measuresMnt  uncertainty. 
However,  the  deviation  required  at  H  •  1.2  was  too  large 
to  eliminate  the  observed  drag  increase  of  about  0.01 
which  the  authors  suspect  to  be  due  to  the  presence  of 
a  significant  viscoua/inviscid  interaction. 

The  failure  to  account  for  the  variation  of  the 
tunnel  calibration  with  Reynolds  number  is  thus  a  likely 
explanation  for  the  increase  of  pressure  drag  shown  in 
Fig  5  only  for  some  of  the  testa  at  Mach  numbers  below 
0.9.  Other  investigations  mentioned  in  later  suctions 
of  this  report,  eg  Ref  10,  show  that  at  Mach  numbars 
high  enough  for  shock-induced  separations  to  be  present 
or  at  Mach  numbers  close  to  or  above  the  drag-rise  value, 
genuine  increases  in  pressure  drag  are  likely  to  occur 
and  this  may  wall  be  a  contribution  to  the  variation 
shown  by  curve  2  in  Fig  5  for  instance. 
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FIGURE  I  I  EFFECT  OF  TUNNEL  CALIBRATION  ON 
PRESSURE  CRAG  COEFFICIENTS  FOR 
CONTOURED  BOATTAIL  CONFIGURATION 
M  -  0.60  (REF  9) 


The  NASA  data,  ahown  in  curves  4  and  5  of  Fig  5,  were  obtained  in  the  8't  x  6ft  supersonic 
wind  tunnel  on  different  scale  models.  The  data  for  the  lower  Reynolds  number  is  from  a  sting  mounted, 

5Z  scale  model  and  for  the  higher  Reynolds  number  from  a  2 'it  scale,  floor  mounted  half  model.  Thu 
differences  in  technique  may  well  be  th*  main  cause  of  the  observed  differences  in  drag;  a  view  which  is 
supported  by  the  differences  in  drag  observed  on  Identical  boattail*  tested  in  different  facilities 
during  th*  AGARD-NAB  programme  (Refs  11,12)  and  which  it  considered  further  in  later  sections  of  this  report. 


3.2.  Recent  Axisymmetric  Configurations  and  AGARD-NAB  Tests 

To  investigate  further  the  conflicting  effects  of  Reynolds  number  reported  in  earlier 
investigations,  an  experimental  study  by  Blah*  et  *1  (Ref  10)  of  the  affect  of  boundary  layer  thickness 
and,  to  a  limited  degree,  of  boundary  layer  profile  on  th*  flow  over  sting-supported  axisymnatric  boattail 
afterbodies  without  Jet  representation  was  conducted  in  the  NASA  Lewis  Research  Center's  8ft  x  6ft  wind 
tunnel.  Th*  boundary  layer  thickness  was  varied  by  changing  model  length  and  by  using  a  series  of  slotted 
rings,  Th*  range  of  boundary  layer  displacement  thickness  explorod  was  from  about  0.01  to  0.05  body 
diamatars.  This  investigation  is  particularly  informative  because  of  the  w > d*  range  of  diagnostic 
techniques  employed;  surface  statics  to  obtain  pressure  distributions,  movable  probes  and  fixed  rakes  t(. 
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FIGURE  12  A.XISYMMETRIC  BQATTAIL  MODEL  DRAG  TESTS  (REF  10) 


obtain  boundary  layer  flow 
profile#  and  fluorescent  mini¬ 
tufts  to  establish  regions  of 
separated  flow.  The  results  of 
thin  NASA  investigation  are 
examined  here  in  some  detail  as 
they  exemplify  many  of  the  trends 
which  appear  to  be  common  to  much 
of  the  data  examined  during  this 
survey . 

Details  of  the  models 
are  shown  in  Fig  12a.  Four 
round  shouldered  and  one  sharp 
shouldered  model  were  tested.  In 
the  designation  used,  the  first 
two  digits  represent  the  ratio  of 
the  radius  of  the  shoulder  to 
that  of  a  full  circular  arc;  the 
last  two  digits  denote  the 
terminal  boattall  angle. 

The  effect  of  boundary 
layer  thickness  on  the  variation 
of  drug  with  Mach  number  for  one 
of  the  round  shouldered  bodies  is 
shown  in  Fig  12b,  The  main 
effect  of  increasing  boundary 
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FIGURE  14  EFFECT  OF  BOUNDARY  LAYER  DISPLACEMENT  THICKNESS 

ON  BOATTAIL  DRAG  (REF  10) 


probably  areas  of  Intermittent  separation.  In  the  presence  of  the  thinner  boundary  layer  the  limits 
marked  by  the  dashed  lines  were  somewhat  extended,  but  the  areas  of  'flow  reversal'  and  continuous 
separations  marked  by  solid  lines  were  significantly  increased  and  the  recompression  on  the  aft 
boattail  reduced.  There  was  also  a  marked  increase  in  the  suctions  indicating  areas  of  supersonic  flow 
at  the  shoulder  whereas,  for  the  thickest  boundary  layer,  the  suctions  were  of  a  similar  level  to  those 
observed  at  M  ■  0.6.  This,of  course  is  in  accord  with  the  drag  variation  of  Fig  12  which  shovs  that  the 
drag  rise  has  been  postponed  to  just  beyond  M  »  0.9  for  the  thicker  boundary  layer. 

Fig  14  shows  the  effect  of  boundary  layer  thickness  at  M  -  0.6  and  M  «  0.9  for  all  the  range 
of  boattails  tested.  At  M  ■  0.6  there  is  little  effect  of  boundary  layer  changes  on  afterbody  drag 
except  for  the  2524  boattail.  Two  curves  are  snown  for  this  boattail,  the  upper  for  varying  boundary 
layer  displacement  thickness  without  and  the  lower  with  distortion  rings  present.  The  tuft  pictures, 
r'ig  15,  show  that  on  this  body  extensive  areas  of  separation  snd  flow  reversal  were  present  at  M  »  0.6 
and,  in  particular,  that  the  areas  of  permanent  flow  reversal  were  reduced  by  the  presence  of  the 
distortion  rings;  the  corresponding  pressure  diutribution  shows  that  the  drag  reducL' is  mainly  due 
to  the  improved  pressur  .ecovery  at  the  rear  of  the  boattail. 


At  M  -  0  *  tha 
drag  of  each  of  the  oodles 
tested  correlated  against 
boundary  layer  thickness 
irrespective  of  whether 
this  was  varied  hv  changes 
in  body  length  or  through 
the  addition  of  distortion 
rings,  Fig  14.  rhare  is  a 
significant  increase  in 
pressure  drag  as  boundary 
layer  thickness  is  reduced, 
the  pressure  drag  changing 
more  rapidly  for  thin 
boundary  layers  and 
rending  to  level  out  for 
thicker  boundary  layers. 

In  such  a  case,  tests  in 
wind  tunnels  over  a 
limited,  low  Reynolds 
number  range  would 
significantly  under¬ 
estimate  the  change  in 
drag  between  test  and 
full  scale  Reynolds  numbers.  &”/d  «  0.04 

SOLID  line-reversed  flow 

All  the  DASHED  LINE-HIGHLV  TURSULENT  FLOW 

boattails  tested  exhibited 

some  flow  separation  at  FIGURE  15  FLOW  VISUALISATION  AND  PRESSURES  ON  2524  BOATTAIL  (REF  10) 

M  ■  0.9  and  the  drag 


changes  are  the  result  of 
changes  in  the  over¬ 
expansion  at  the  shoulder 

and  changes  in  the  separated  region  on  the  rear  of  the  boattail. 

The  geometries  tested  included  a  case  where  the 
change  in  boundary  layer  thickness  affected  not  the  extent 
but  the  nature  of  the  separation.  This  occurred  on  the 
conical  0016  boattail  where  the  sharp  corner  fixed  the 
separation  point,  Fig  16.  For  the  thickest  boundary  layer  , 

the  boattail  flow  was  very  turbulent  and  as  the  boundary  layer  jj 
became  thinner  the  turbulence  intensity  increased  and  £ 

'permanent  flow  reversal'  eventually  occurred  over  the  entire  t 
boattail.  Downstream  of  the  shoulders,  the  pressures  jj 

decreased  significantly  as  the  boundary  layer  became  thinner  j 

and  resulted  in  the  large  drag  increase  observed. 

Comparisons  of  the  boundary  layer  effects  on  the 
6S24  boattai.'  with  tests  in  different  facilities  of  the 
similar  ACAKD  15°  boattail  (Ref  12)  are  shown  in  Fig  14b. 

The  ACARD  data  were  obtained  in  the  presence  of  a  flowing  jet 
and  boundary  layer  thickness  variation  both  by  changing  model 
length  and  by  blowlrj.  Fig  14c  shows  a  comparison  of  the 
pressure  drag  determined  experimentally  and  analytically. 

The  analytic  calculations  were  based  on  the  'viscid-inviscid'  ' 
interaction  procedure  of  Chow  et  al  (Ref  13)  which  does  not 
take  into  account  the  presence  of  flow  separation.  Although 
for  the  '‘xperimental  and  analytic  comparisons  shown  in 
Figs  14b, c  tho  drag  levels  are  different,  the  variation  of  drag  t 
essentially  in  agreement.  At  M  -  0.6  both  experiment  and  analys: 
thickness  has  little  effect  on  drag.  At  M  *  0.9  the  data  from  Ri 
analysis  (Ref  13)  show  a  similar  trend  for  drag  to  increase  as  tl 
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FIGURE  16  PRESSURE  DISTRIBUTION  ON  TFE 
0016  BOATTAIL  (REF  tO) 


with  boundary  layer  thickness  is 
sis  indicate  that  boundary  layer 
Ref  10,  the  AGARD  tests  (Ref  12)  and 
the  boundary  layer  thickness  is  reduced. 


The  range  of  the  change  in  boundary  layer  thickness  investigated  in  this  study  exceeded  the 
50Z  change  normally  expected  between  full  scale  condition  and  model  tests  in  a  large  tunnel.  The  largest 
change  in  drag  at  M  •  0.9  that  was  indicated  for  a  realistic  range  is  about  0.025  equivalent  to  25  drug 
counts. 


An  extensive  programme  to  improve  nozzle  testing  techniques  at  transonic  speeds  was  exacuted 
under  the  auspices  of  the  AGARD  Propulsion  and  Energetics  Panel  (Refs  11,12,14).  The  progranme 
involved  pressure  measurements  in  different  facilities  on  a  standardised  range  of  axisymetric  nozzle- 
afterbody  shapes  ('AGARD-NAB' ) .  The  range,  Fig  17^  consisted  of  a  10°  boattail,  chosen  to  be  frae  from 
flow  separations  at  subcritical  Mach  numbers,  a  15  boattail  on  which  at  some  Mach  -lumbers  shock-induced 
separations  were  present  and  a  25°  boattail  with  roundad  shoulders  which  had  separated  flow  at  all  Mach 
numbers.  The  effects  of  variations  of  Reynolds  number  and  boundary  layer  thickness  at  Mach  numbers  from 
0.8  to  0.95  formed  part  of  the  investigation  and  were  reviewed  by  Zonars,  Loughrey  and  Bowera  (Raf  12). 

The  pressure  drag  for  some  of  the  tests  listed  in  Ref  10  is  shown  replotted  in  Fig  17  in  terms  of  eithar 
quoted  or  estimated  values  of  the  ratio  of  boundary  layer  displacement  thickness  at  tiie  start  of  the 
boattail  to  body  diameter  ratio.  Plotted  in  Fig  17  are  results  of  tests  for  a  range  of  Reynolds  number 
obtained  b>  changing  tunnel  stagnation  pressure,  eg  AEDC-I6T  and  ARL-CFF  as  well  as  testa  for  which  the 
boundary  layer  displacement  thickness  was  reduced  by  blowing,  eg  RR.  The  AEDC-I6T  snd  the  RR  testa  were 
with  a  flowing  jet  represented  whereas  for  the  ARL-CFF  tests  the  jet  was  simulated  by  a  cylindrical  sting. 


A  recant 

calibration  of  tha  AEDC-I6T 
tunnel  at  various  Reynolds 
numbers  (Refs  8,9) 
referred  to  earlier, 
indicated  that  these  data 
reported  in  Ref  12  are 
subject  to  marginally 
significant  errors  at 
M  ■  0.8,  but  that  at 
M  -  0.9  and  0.95  these 
errors  are  small. 
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It  is  clear 
from  the  derived  data 
that  differences  in  the 
boundary  layer  thickness 
are  not  the  only  reason 
for  differences  in  the 
level  of  afterbody 
pressure  drag  obtained 
from  tr  its  in  different 
facili  .res,  and  an 
examination  of  these 
formed  the  main  subject 
of  the  AGARD  NAB 
programme.  However, 
tests  in  a  single 
facility  should  give  a 
true  indication  of  the 
effects  of  Reynolds 
number  or  boundary 
layer  properties, 
provided  possible  flow 
velocity  and  direction 
changes  are  carefully 
allowed  for. 

The  range  of 
the  ratio  of  boundary 
layer  displacement 
thickness  fjj  body 
diameter,  6  /d, 
investigated  in  each  of 
the  facilities  was  of 
the  order  of  the  change 
from  model  to  full  scale, 
say  6*  MODEL/ 5*  FULL 
SCALE  ■  1.5  and  the 
ranges  of  absolute 
values  of  6  /d  for  the 
ARL-CFF  and  the  RR  tests 
with  blown  boundary  layer 
extended  to  likely  full 
seals  values. 
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FIGURE  17  SUMMARY  OF  VARIATION  OF  PRESSURE  DRAG  WITH  BOUNDARY  LAYER  THICKNESS 

AGARD  BOATTATLS  10°, 15°, 25°  (REF  12) 


At  M  «  0.8  for  the  10°  and  15°  bosttail,  drag  changes  did  not  exceed  0.005  which  is  of  the  order 
of  the  precision  of  the  experimental  data.  The  pressure  distributions  (not  reproduced  in  Fig  17)  in  common 
with  those  from  other  investigations  showed  that  quite  large  increases,  | ACp |  “  0.05,  occurred  in  the 
suctions  at  the  boattail  shoulders  and  in  the  pressure  recoveries  st  the  rear  for  reductions  in  boundary 
layer  thickneas  or  increase  in  Reynolds  number  and  that  these  changes  in  the  pressures  have  a  compensating 
effect  on  drag. 

At  M  •  0.95,  increasing  the  Reynolds  number  or  decreasing  boundary  layer  thickness  over  a  range 
that  encompasses  tunnel  and  full  scale  values,  resulted  in  an  increase  in  the  afterbody  pressure  drag  by 
abcut  0.02  equivalent  to  say,  20  airc-.aft  drag  counts  for  the  15°  and  25°  boattail  configurations.  The 
corresponding  pressure  distributions  (not  shown  in  Fig  17)  were  characterised  by  only  small  changes  in  the 
expansion  region  near  the  shoulder,  the  increase  in  drag  being  principally  due  to  the  reduced  recc npression 
in  an  apparently  separated  flow  aft  of  the  shock.  The  results  for  the  10°  boattail  show  a  muen  lowr  drag 
variation. 


Ac  M  «  0.9,  the  effect  of  Reynolds  number  on  the  drag  of  the  steeper  boattails  Is  in  a  similar 
direction  but  less  severe  than  at  M  ■  0.95.  The  drag  changes  were  principally  due  to  changes  in  the 
expansion  st  tha  shoulder  with  only  a  small  change  in  recompression  region  at  the  rear. 

It  has  been  noted  elsewhere  in  this  rs.  art  that  the  changes  with  Mach  number  of  the  effect  of 
Reynolds  number  on  drag  found  during  the  AGARD-NAB  tests  is  in  general  agreement  with  those  of  other 
investigations . 

For  the  25°  boattail  at  M  ■  0.8  different  drag  trends  were  obtained  from  the  three  investigations 
shown;  these  tests  differ  in  being  either  with  or  without  a  flowing  jet,  and  for  the  RR  tests  involved 
substantial  changes  in  boundary  layer  shape  factors.  Each  of  these  factors  may  be  significant  in  the 
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FIGURE  18 


TYPICAL  EFFECTS  OF  REYNOLDS  NUMBER  ON 
BOATTAIL  DRAG  BUILD  UP 
M  -  0.60  (REF  18) 
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Vwi4raa’rot  "t  loir  eepariticme .  "f or  instance,  tha  drag  of  a  aiailarly  ataap  boattail  (Ref  to)  wai  found  to 
ba  sensitive  to  boundary  layer  profile. 

Lately,  the  unique  capabilities  of  a  cryogenic  tunnel  to  teat  an  individual  model  over  a  wide 
Reynolds  number  range  in  one  facility  has  been  utilised  to  teat  boattaila,  aimilar  to  those  of  the  earlier 
testa,  in  iaolation  (Ref  15),  and  installed  under  a  wing-body  combination  (Refa  16,17).  The  results  of 
both  the  isolated  and  installed  tests,  in  spite  of  the  presence  of  significant  installation  effects,  showed 
little  change  in  boattail  drag  with  Reynolds  number  at  Mach  numbers  ranging  from  0.6-0. 9.  The  characteristic 
Reynolds  number  range  in  these  tests  for  a  body  of  a  fineness  ratio  of  8  was  about  2  to  SO  x  10°  and  drag 
coefficient  (based  on  body  area)  changes  were  less  than  0.00S.  Tests  (Ref  18)  on  axisymmetric  boattails 
in  the  0.3  metre  Transonic  Cryogenic  Tunnel  (0.3m  TCT)  illustrate  the  typical  sensitivity  to  scale  effects 
of  local  pressure  distributions  and  hence  drag  build  'ip  and  the  compensating  effect  on  overall  drag  at  low 
Mach  numbers  (Fig  18).  ^ 

D.f 

Some  indication  of  the  effect  of  + 

changes  in  the  boundary  layer  thickness  on  Hi)  bdccciidc  nocirec  OR^*  5.55  x  Hr 

pressures  and  drag  of  axisvmmetric  boattails  .  10 r-  u  ur  CEi  u 

with  an  annular  base  surrounding  the  jet  can  □  rrs  *■  , 

be  obtained  from  tests  reported  by  Crane  _  d  0  S  OR^  *42. 72 .>  10" 

(Ref  19).  The  boundary  layer  was  thinned  by  '  T  0  U 

reducing  the  length  of  the  front  shaft  support  I  g|  JpS 

and  by  suction.  At  M  ■  0.8,  changing  from  lACga1®  ~ 
long  to  short  shaft  reduced  the  boundary  layer  '  L 

momentum  thickness  from  0.0‘15  to  0.010  body  .01  -  U 

diameters  and  increased  the  suction  at  the  NyV 

start  of  the  boattail  by  (-AC_)  ■  0.04  but 
had  little  effect  on  the  base-pressure , 

Fig  19.  The  effect  was  an  increase  in  the 

boattail  and  hence  also  in  the  complete  O— 1 Ooi— _ J - 1 - 1 - 1 - 1 - 1,1  I _ I 

afterbody  (boattail  and  bane)  drag  O  *5  .0  -5  .6  .7  .8  .9  1.0 

coefficient  of  the  order  of  0.01.  A  further  X/dm 

i:  <>  ™  ;™s!,r,3R  °H 

th.  pr.s.ur#  co co very  on  th,  r.„t  of  th.  Jftl. ! 

afterbody  by  about  AC„  ■  0.C4  and  increased  M 

the  extent  of  the  suctions  on  the  OOfli  i 

boattail  without  an  increase  in  the  level  « 

of  the  suction  peak.  These  changes  made  a  s. 

compensating  contribution  to  boattail  drag 

alone  but  the  overall  drag  decreased  due  AFTERB0W«BASE*BGAT  WL  T  “ - 

to  the  higher  base  thrust.  Flow  - ^ ^ 

visualisation  confirmed  that  at  M  *  0.8  "  \  <1.76^  ' - M3d  olid 

the  external  flow  was  attached  over  the  <102  _ , - — JT 

entire  boattail.  In  conclusion,  it 

should  be  noted  that  although  the  JL  ■ 

boundary  layer  thickness  was  varied  over _ ^-'p0C?5°Uc — vL, 

a  range  which  probably  exceeds  that  0  ~ 55S  555  55(1  d/d  0-30* 

typical  between  modal  tests  and  full 

scale  flight,  the  overall  preaaure  drag  BASE  . 

coefficient  variation  did  not  exceed  -0X)2  - - -  8  « boundary  layer  monertum  llidnsss 

about  0,01  (based  on  body  area)  but  an  d  sbody  diameter 

extrapolation  of  the  results  with  the  SHORT  SHORT  LONQ 

thicker  boundary  layer  would  have  been  SHAFT  SHAFT  SHAFT 

quite  misleading. 

Some  word  of  caution  with  a)  Preeeure  drag  coefficient 

regard  to  drawing  firm  conclusions  from  bQS* 

comparisons  of  the  tests  with  different 

shaft  lengths:  the  changes  involved  q  g  - - - - - - 

different  axial  locations  in  the  tunnel 

and  therefore  may  have  been  subject  to  Cp  ' 

errors  due  to  pressure  gradients,  or  “ 

since  pressures  were  measured  along  a  q  _ _ 

top  generator  only,  due  to  changes  in 
flow  direction  (Ref  6). 

Tha  flow  over  a  bluff  base  ^  ^  tj  |  —  |  ■  ^ _ 

ia  naturally  separated,  ane  like  other  —  , — - ^ 

separated  flows,  may  be  sensitive  to  the 

shape  of  the  boundary  layer  profile  and  i 

this  may  also  be  a  contributory  factor  -0’4  _ L_ — 1 _ _  -  - - - — — -J 

in  the  irregular  variation  of  afterbody  0  02  04  v  <5  03  10  12  X/d  T4 

drag  with  boundary  layer  thickness  shown 

by  the  results  of  Ref  19.  Reid  and  Kurn  b)  Pressure  distribution 
(Kef  20)  investigated  the  effect  of 

boundary  layer  thickness  on  the  pressure  FIGURE  19  EFFECT  OF  BOUNDARY  LAYER  THICKNESS  ON  A  PARABOLIC, 
drag  of  a  range  of  circular  arc  AXISYMMETRIC  AFTERBODY  WITH  BASE  (REF  19) 

afterbodies,  Fig  20,  with  and  without  M  »  0.8  PJ/P  »  3 

bases,  at  a  Mach  number  of  0.8.  The 

steepness  of  the  bodies  varied  such  that  both  fully  attached  flow  and  varying  degrees  of  separation  were 
represented.  Although  reducing  the  boundary  thickness  moved  the  separation  point  significantly  downstream 
the  drag  increase  from  the  steeper  effective  profile  at  th?  s^art  of  the  boattail  was  almost  completely 
balanced  by  the  increased  pressures  on  the  rear  such  that  there  was  little  or  possibly  only  a  marginal 
increase  in  drag. 
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FIGURE  19 


EFFECT  OF  BOUNDARY  LAYER  THICKNESS  ON  A  PARABOLIC, 
AXISYMMETRIC  AFTERBODY  WITH  BASE  (REF  19) 

M  *  0.8  PJ/P  -  3 
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FIGURE  20  EFFECT  OF  BOUNDARY  LAYER  THICKNESS  ON  SEPARATION  AND  AFTERBODY  DRAG  (REF  20) 


3.3.  NASA  -  F- 106  Data 


Measurements  of  the  installed  boattail  pressure  drag  over  a  wide  range  of  Reynolds  number  have 
been  made  by  NASA  on  an  extensive  range  of  boattails  mounted  behind  underwing  nacelles  on  an  F-106  type 
delta  aircraft  during  tunnel  and  flight  tests. 


R:  radiu*  of  baoioS  ahouldor 


Examples  (Ref  2)  of  the 
measured  pressure  drag  at 
M  -  O.b  and  0.9  from 
these  tests  (Refs  21-23) 
plotted  against  the 
characteristic  Reynolds 
number,  Fig  21,  showed 
an  unusvcl  end  large  drag 
variation,  which  implied 
that  it  would  be 
impossible  to  extrapolate 
to  flight  Reynolds 
numbers  the  boattail 
drag  data  obtained  from 
wind  tunnel  tests,  and 
is  the  source  from 
which  the  type  of  drag 
variation  shown  in  Fig  2 
was  derived. 

The  magnitude 
of  the  drag  increase 
shown  at  the  lower  range 
of  Reynolds  numbers  is 
not  in  general  agreement 
with  the  axisymmetric 
data,  particularly  from 
later  investigations 
described  in  the  previous 
section,  which  tend  to 
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FIGURE  21  REYNOLDS  NUMBER  EFFECT  ON  PRESSURE  DRAG  OF  CIRCULAR  ARC  BOATTAILS 

(REF  2) 
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•how  littl*  If  any  change  in  praaiure  drag  at  low  subsonic  Mach  numbers.  The  data,  as  shown  in  Fig  21,  are 
in  fact  from  wind  tunnel  tests  with  different  scale  models  and  from  flight  tests  over  a  Reynolds  number 
range  which  did  not  overlap.  At  the  lowest  Reynolds  number  the  results  are  from  a  5X  scale  sting  mounted 
full  span  model  with  closed  inlets  and  solid  jet  simulator  and  next  up  the  scale  from  a  22Z  floor  mounted 
half  span  model  tented  both  with  a  turbine  powered  and  also  with  a  solid  plume  simulator.  Xn  general,  the 
drag  at  the  lowest  Reynolds  number  of  the  flight  tests  shows  a  further  substantial  increase  in  relation  to 
the  tunnel  tests.  It  is  most  likely  that  the  difference  in  drag  between  the  data  from  different  models  and 
flight  test  is  not  entirely  due  to  the  difference  in  Reynolds  number  but  is  caused  by  the  differences  in 
test  technique.  It  was  noted  previously  that  significant  differences  in  relation  to  Reynolds  number  effects 
were,  for  instance,  also  found  between  measurements  in  different  facilities  during  the  AGARD  nozzle  afterbody 
investigations  (Refs  11,12). 

Flights  were  made  at  different  altitudes  in  coordinated  turns  to  obtain  data  over  a  significant 
range  of  Reynolds  number  at  constant  incidence.  The  flight  test  results  consistently  indicate  a  reduction 
in  boattail  drag  with  increase  ir.  Reynolds  number,  although  the  exact  rate  is  uncertain  due  to  the  scatter 
of  the  data.  The  presence  of  sep ir  tions  during  flight  tests  and  changes  in  their  extent  were  indicated  by 
wool  tufts.  That  the  observed  mo  e.  .nt  of  the  separation  point  would  affect  the  drag  on  a  19  boattail  in 
the  observed  manner  has  a1 so  been  orified  analytically  (Ref  26). 


In  some  instances,  the  position  of  the  separation  point  varied  intermittently.  The  presentation 
of  the  paper  by  Wilcox  and  Chamberlin  (Ref  2)  at  the  previous  AGARD  propulsion  symposium  in  Rome,  was 
accompanied  by  a  cind  film  obtained  during  flight  tests  which  showed  the  existence  of  an  intermittent 
separation  on  the  extended  boattail  with  0.25  shoulder  radius  ratio,  R/Rc,  and  24°  terminal  boattail  which 
exhibited  a  significant  riation  of  drag  over  the  flight  test  range  of  Reynolds  number.  In  this  instance, 
the  pressures  recorded  by  the  instrumentation  system  were  intermediate  between  the  attached  and  separated 
case.  Even  though  the  limits  of  the  extent  if  the  separation  might  not  change  under  these  circumstances, 
a  change  with  Reynolds  number  in  the  degree  of  intermittc.ncy  may  result  in  change  of  measured  drag. 

Earlier  reports  (Refs  27,28)  from  flight  tests  with  similar  (and  some  probably  identical)  boattails  on  the 
F-106  aircraft  noted  a  similar  reduction  in  drag  with  increase  in  Reynolds  number,  and  in  this  case  the 
circumferential  extent  of  separations  was  reduced,  Fig  22. 
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REYNOLDS  NUMBER  EFFECT  ON  BOATTAIL  DRAG  FROM  FLIGHT  TEST  (REF  27) 


During  flight  tests,  although  incidence  and  Mach  number  were  kept  constant,  some  variation  in 

elevon  angle  is  apparent  in  the  results  presented  in  Refs  21,23,26  and  it  is  not  clear  whether  this  may 

have  had  an  influence  on  the  boattail  drag. 

Anoth  i  possible  con  ibution  to  the  observed  drag  variation  arises  from  the  presence  of  a 

significant  and  favourable  intsiference  effect  on  the  nozzles  close  to  the  wing  trailing  edge  which  is 

apparent  from  the  higher  drag  of  the  '2524  extended'  configuration  where  the  2524  boattail  was  locate.,  half 
a  nuzzle  diumeter  further  downstream  of  the  wing  trailing  edge,  Fig  21.  In  this  rianse,  the  F-106  boa*., ail 
data  may  exhibit  the  'part  body'  sensitivity  to  Reynolds  lumber  highlighted  by  Aulehla  and  Besigk  (Ref  4). 
However,  the  results  of  flight  tests  for  a  contoured  boattail  (Ref  21)  which  showed  little  movement  of  the 
point  of  separation  showed  only  j  slight  decrees,  in  drag  at  both  M  »  0.7  and  0.9.  Very  little  change  ii 
pressure  drag  at  Mach  numbers  bi  -  9  was  also  observed  during  tests  (Refs  16,17)  on  smooth  boattails 

installed  under  a  wing-body  combine  ion,  which  were  tested  in  a  cryogenic  tunnel  over  a  wide  range  of 
Reynolds  number  which  encompassed  the  F-106  flight  and  tunnel  comparisons. 


It  seems  therefore  safe  i‘o  conclude 
that  the  changes  in  drag  observed  during  the 
F-106  tests,  such  as  curves  4  and  5,  Fig  5  and 
Fig  22,  are  due  to  interference  and  installation 
effects  and  for  the  flight  results  were  due  to 
changes  in  flow  separation  which  may  not  have 
been  entirely  due  to  Reynolds  number  effects. 


FIGURE  23  EFFECT  OF  REYNOLDS  NUMBER  ON  AFTERBODY  PRESSURE 
DISTRIBUTION  (REF  29)  (B-J0°,  M-0.9,  NPR»3) 
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3.4.  Analytical.  R«  suits  -  Subsonic 


,  The  trends  for  the  suctions  on  the  front  of  the  boattail  and  the  pressure  recoveries  on  the  rear 

to  increase  with  Reynolds  numbers  for  gentle  boattails  at  subsonic  Mach  numbers,  are  also  generally  predicted 
by  those  analytical  methods  (Ref  29)  in  which  the  inviscid  free  stream  flow  is  calculated  about  the  effective 
boattail  consisting  of  the  geometric  boattail  with  the  boundary  layer  displacement  thickness  added,  Fig  23. 
This  confirms  that  the  observed  changes  of  pressure  distribution  with  Reynolds  number  are  essentially  due  to 
the  change  in  boundary  layer  displacement  thickness  modifying  the  effective  contour  of  the  afterbody. 


Presz  et  al 

(Ref  30)  have  recently 
formulated  a  viscous  flow 
calculation  that 
incorporates  an  improved 
analytical  model  which 
includes  the  effects  of 
skin  friction,  axial 
pressure  gradient  and 
nozzle  jet  entrainment  on 
the  separated  reverse  flow 
region.  The  separation 
point  prediction  described 
by  Presz  (Ref  31)  is  used. 
The  combined  analysis  was 
found  to  predict  both  the 
magnitude  of  the  after¬ 
body  pressures  and  pressure 
drag  and  also  their 
variation  with  Reynolds 
number.  A  comparison  of 
the  predicted  and 
experimental  values  of 
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FIGURE  24 


Drag  variation  with  Reynolds 
number. 


COMPARISON  OF  MEASUREMENTS  AND  PREDICTION  (REF  30) 
CIRCULAR  ARC  -  CONICAL  BOATTAIL,  M  -  0.6 


pressure  distribution  and  the  variation  of  afterbody  pressure  drag  with  Reynolds  number  for  a  circular  arc 
conical  afterbody  tested  in  the  NASA  Langley's  1/3  metre  cryogenic  tunnel  (Ref  15)  is  shown  in  Fig  24.  The 
analytic  prediction  and  the  experimental  data  both  show  a  reduction  in  afterbody  pressure  drag  jith  increase 


in  Reynolds  number  at  M  *  0.6  for  this  sting— mounted  boattail  on  which  a  flow  separation  is  present.  The 
predicted  reduction  is  almost  twice  the  experimental  value,  which  is  no  more  than  0.005  of  Cdad. 

3.5.  Analytical  Results  -  Supersonic 


Holst  (Ref  32)  exploited  a  numerical  technique  to  produce  results  over  a  wide  range  of  Reynolds 
number  at  a  Much  number  of  1.3.  A  time-dependent,  finite  difference  method  was  employed  to  solve  the 
compressible  Ni vier-Stokes  equations  for  turbulent,  separating  flows  on  axisymmetric  boattails  with  jet 
plume  simulators  and  comparisons  were  made  with  the  experimental  data  of  Reubush  (Ref  33).  Fig  25  shows 
the  pressure  coefficient 

0*2, 

i  *s  a 


distributions  calculated  for  a 
range  of  Reynolds  number  for  a 
configure! ion  with  a  relatively 
steep  boattail  on  which  a  flow 
separation  is  present.  The 
calculated  results  show  good 
agreement  for  high  Reynolds 
number  with  the  experimental 
data  except  for  slight 
differences  in  the  pressure 
plateau  region,  Fig  25a  An 
increase  in  Reynolds  number 
results  in  a  steepening  of 
the  pressure  rise  due  to  the 
shock  wave  and  produces  two 
opposing  effects  on  afterbody 
drag:  firstly,  the  expansion 
ahead  of  the  separation  and 
secondly,  the  pressure  in  the 
separated  region  are  both  increased. 
The  calc  rated  change  in  the 
pressure  distribution  is  also  much 
larger  for  a  Reynolds  number 
increase  from  '9  x  10*  to  19  x 
than  for  a  further  increase  to 
19  x  I06. 
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FIGURE  25  REYNOLDS  NUMBER  EFFECT  ON  AN  AR.ISYMMETRIC  AFTERBOf ,  B 
WITH  CYLINDRICAL  P.'TF  SIMULATOR,  K  -  1.3  (RE l  32) 
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The  variation  of  the 
calculated  boattail  pressttre  drag 
coefficient  Cjy^p  for  a  range  of 
boattail  angles,  also  from  Ref  32, 
is  shown  in  Fig  26a  for  Reynold- 
number b  of  1.9  x  10^,  19  x  10^  ami 
19  j:  I06.  The  nut  lerical  results 
at  Re  of  19  x  10°  fall  below  the 
experimental  values  by  about  6  to 
i  It  even  though  the  trend  seems  to 
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FIGURE  26  CALCULATED  EFFECT  OF  REYNOLDS  NUMBER  FROM  REF  M 
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M  corract;  better  agreement  in  drag  level  wss  obtained  attuning  a  different  value  of  eddy  vitcoaitv 
relaxation  parameter  to  that  employed  for  the  hulk  of  the  calculation*.  The  good  agreement  of  the 

the  anal vHa^r,0n  2f  ^“8  with  boattail  angle  with  the  experimental  result  increases  the  confidence  in 
the  anaiyticaliy  predicted  Reynolds  number  variation.  Tor  all  the  cases  considered,  the  calculations 

Reynolds  °f • the  seParation  P°int  accompanied  by  a  email  increase  in  CDap  with  increasing 

Reynolds  number,  this  increase  in  pressure  drag  is  about  0.015  for  all  except  the  extreme  cLes  considered. 

A  small  increase  in  the  boattail  pressure  drag  with  increasing  Reynolds  number  at  low  supersonic  Mach 
numbers  is  in  agreement  with  the  experimental  data  for  the  AGARD-NAB  (Ref  34),  eg  Fig  10. 

3-6.  Fuselage  Installations 

•  Data  °n  t’£he5  !:han  a^ayraaetric  configurations  is  relatively  scarce,  and  resulta  from  some  recent 
additions  are  presented  in  this  section. 

Afterbody  pressuredrag  measurements  (Ref  35)  on  0.11  scale, a  ingle-engine  aircraft  model  (F- 16) 

Tm  *  n828!  of  characteristic  Reynolds  number  of  12  x  lO*5  to  28  x  106  showed  a  measurable  reduction  in  drag 
,  n0',?*  the  e““lle8t  noz*ic  area  setting  only,  for  larger  nozzle  settings  and  at  Mach  numbers  of  0.9 
test.  ™  «  nh«  axp?liBe‘!t“1  data  nor  prediction  indicated  any  significant  Reynolds  number  effects.  Further 
tests  on  a  0.25  scale  model  are  planned  which  vill  permit  an  overlap  of  the  Reynolds  range  with  full  scale. 

■?“*  howin8  the  effect  of  Reynolds  number  variation  on  the  afterbody  drag  of  a  twir.-nozzle  fighter 
(Yr-17)  model  have  been  present'd  by  Price  (Refs  37,38)  and  Fanning  and  Glidewell  (Ref  39).  Ref  38  shows 
afterbody  drag  with 

nozzle  pressure  ratio  [*  l ■  fd-9 “  ^ 

variations  at  M  -  0,6,  j  ^_-n . . --■} - 

0.9  and  1.2;  the  j  J  j 

afterbody  drag  from  i  )  r  , 

force  measurements  j  ~ V  t - -  /  / 

(friction  +  pressure),  P~"  _i_jD  ^ 

which  includes  the  j  \  'T\\  — 

drag  of  the  tailplane,  I  )  j  « 

has  bean  renlotted  In  !  —  — iJ  — * - - WlMv  -U.B.wt.BT 

Fig  27  against  I  -  METRXBREAK  U-I.nri. »  (ESTIMATED) 

Reynolds  number.  The  U~S0IN(APPROX.) - J 

Reynolds  number  I  ! 

variation  was  from  METRIC  BREAK 

6  x  10“  to  35  x  10^.  a  .Sketch  of  model, 

The  effect  of  Reynolds  12*  HALF-ANGLE  CONE 

number  was  explored  /  CRUISE  NOZZLE  CONTOUF 

on  two  configurations,  _ _  _  / 

a  cruise  nozzle  and  a  ’  JiS*  HALF -ANGIE  CONE  "  HALF-ANGLE  COS 

'separated'  cruise  _ _ _ ‘‘^nV 

nozzle.  The  latter  \  N‘\ 

nozzle  has  a  steep  “ 

terminal  contour  and 

wae  designed  as  a  high  —  - _ _ _  _____  . . . . . 

drag  nozzle  CRUISE  SEPARATED  CRUISE 

specifically  to  0-0X4,.  PRECISION0*^  - - - - — - - 

evaluate  Reynolds  _  „  _ . — - 

number  effects  on  - - 1 

separated  boattail  ^ — ~  ' 

regions.  At  subsonic  o-Oltf* -  M  =  12 

speed  the  drag 

decrerses  with  .  _ji  j  y' 

increa.-ing  Reynolds  +  *!?_  , 

number;  this  decrease,  O.OIOr  1°  =  **1  00i0r 

however,  is  similar  r.^  Cww  —  — - _ 

to  the  variation  of  • — "  ~  111  ~ 

friction  drag  ~ 

estimated  from  the  „  ofl-  .. 

date  of  Refs  37,38,  00°*  M  =  0-9  0  009L 

Any  deduced  changes  O.OIt*  0012  r 

in  press!”  drag  with  Com#  °DAW 

Reynoldi  umber  ore 

within  <  jout  ACg  ■■  of  ■*_.  "  — — _ 

±0.0005  .iwd  within  th~  0.010: — - - - *  J  0.0*0  ■  - - - ♦ - 

precision  of  the  data.  ^ 

Similar  results  at  — - — *  M  =  0-6 

M  ■  0.9  are  indicated 
by  the  data  in  Ref  37 

for  configurations  VARIATION  OP  FRICTION  DRAG  Ac OF  VARIATION  OP  FRICTION  ORAG(EST) MATEO) 

without  tails  and  in  0001  r-  (ESTHAATE0)  000lr 
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FIGURE  27  CLOSELY  SPACED  TWIN  JET  CONFIGURATION  (REFS  37,38) 
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'  At  M  «  1.2  til*  drat  introssid  with  increasing  Kaynold*  number  indicating  the  probability  of  an 
even  larger  increase  of  possibly  -  0.03  in  ibe  preeeure  drag  baaed  on  body  croes-aectional  area. 

(Uing  to  body  area  ratio  »  16.9).  There  ia  alao  a  tendency,  although  within  the  preciaion  of  the  data,  for 
the  jet-on  drag  variations  to  be  less  then  those  jet-eft. 

The  difference  in  the  variation  in  drag  between  the  cruise  and  the  'separated'  cruise  nozzle  was 
also  generally  within  the  preciaion  of  the  data.  However,  he  steepness  of  the  boattailing  of  the  cruise 
nozzle  was  such  that  some  separations  may  have  been  present  &  en  on  this  configuration.  These  tests  were 
conducted  in  the  A£DC-I6T  wind  tunnel  and  although  details  of  t>e  calibration  used  are  not  specified,  the 
data  are  probably  subject  to  the  small  corrections  (Refs  8,9),  Fig  10,  resulting  from  not  taking  the  change 
in  tunnel  calibration  with  Reynolds  number  into  account. 

FOR  SKETCH  OF  MOOEl  SEE  FIG.27a 
Fanning  and  A10JAB  *  MAXIMUM  CROSS-SECTIONAL  A* LA 


Fanning  and  A1 

Glidewell  (Ref  39)  report 
the  results  of  later  tests  PS 
with  pressure  plotted 
afterbodies  on  a  model  M 

which  is  similar  to  that 
shovn  in  Fig  27a.  The 
latest  tunnel  calibration 
of  the  AEDC-I6T  tunnel 
which  accounts  for  changes  o.OOtO- 
in  the  working  section  c 
static  pressure  with  *** 

Reynolds  number,  was  used 
for  data  reduction.  The  oqox 
axial  force  coefficient 
nase 1  on  wing  area  and 
obtained  from  the 
integiation  of  pressure 
is  shown  in  Figs  28a, b  00000 

for  a  Much  number  of  0.9. 

The  data  were  obtained  0.00*0 

without  boundary  layer 
transition  fixing. 

Fig  28a  shows  the  reeults 
grouped  together  for  each  0.001 
of  the  three  nozzle 
settings  employed  in  the 
tests  and  Fig  28b  for  4 
pressure  ratios.  The  O-OOOC 

curves  show  that  after¬ 
body  axial  force  0-G5.U 

component  derived  from 
pressure  for  a  given  C*FW 

nozzle  size  and  jet 
pressure  tends  to 
increase  as  Reynolds  0  002 

number  increases  and 
that  both  the  effect  of 
nozzle  size  (cr  closure 
ratio)  and  jet  pressure  0.00' 

are  Reynolds  number 
dependent.  The  Reynolds 
number  dependence  of 
nozzle  closure  effects  0000 

is  lowe 8 1  for  under¬ 
expanded  jets  and  Reynolds 
number  effects  on  after¬ 
body  drag  tend  to  be 
greatest  jet-off  for  all 
three  nozzle  settings 
investigated.  The 
authors  also  note  that  fXGUi 

nozzle  closure  and  jet  *  1  '' 

pressure  effects  at 
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PRESSURE,  INTEGRATION.  CLOSELY  SPACED  TWIN  JET  CONFIGURATION  (REF  39) 


characteristic  Reynolds  numbers  based  on  body  lengths  of  7  to  15  x  10  at  which  many  jet  effect  test*  have 
been  conducted,  are  not  representative  of  those  occurring  at  higher  Reynolds  numbers.  However,  the 
magnitude  of  any  of  the  effects  over  the  range  of  Reynolds  numbers  investigated  was  generally  less  than 
ACp  ■  0.001  based  on  wing  area  or  less  than  about  0.015  on  body  cross-sectional  area.  The  pressure 
distributions  in  Ref  38  also  suggest  that  at  M  ■  0.9  some  area*  of  supersonic  flow  are  likely  to  be  present 
on  this  model,  and  under  these  conditions  some  increase  in  pressure  drag  with  Reynolds  number  vould  be 
expected. 

To  summarise,  the  subsonic  results  for  this  twin  jet  installation  show  little  or  only  small 
increases  in  afterbody  drag  with  increasing  Reynolds  number  end  they  occur  msinly  in  the  presence  of  flov 
separations  and  local  supersonic  regions  and  possibly  are  subject  to  installstion  interference  which  My 
create  effective  part-body  effects. 

An  interesting  comparison  of  the  extent  of  the  flov  separations  observed  full  scale  with  trends 
indicated  during  model  tests  investigating  the  effects  of  thinning  the  boundary  layer  is  available  for  the 
convergent-divergent  iris  nozzle  on  ari  F-I4  aircraft  (Ref  1). 
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indication  during  model  teats  of  the  O  «**»  *wlm  gwneatar  '  f 

effect  of  Reynolds  number  on  the  nozzle 

drag,  the  boundary  layer  was  energised  yO  &  26 

by  Mans  of  an  array  of  vortex  /  •*  «  1 1 
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patterns  on  a  1/12  scale  model  at  a  8  ’  'Ss.  *****  II  a  *  Lrfr^~'^‘Nstl 

Reynolds  number  based  on  nacelle  length  *  “o.  II  *  »  ■  *” 

of  4  x  10^  and  in  flight  at  a  range  of  1  n  \ 

40-60  x  10^  were  also  obtained.  In  _0.jL  %gL  Jl  '  (  "t  >  a  ~~5 

spite  of  the  large  differ«nce  in  the 
Reynolds  number  range,  the  flow 

separation  was  still  present  on  the  full  FIGURE  29  INFLUENCE  OF  ARTIFICIAL  INCREASE  IN  EFFECTIVE 
scale  aircraft.  The  flow  pattern  in  REYNOLDS  NUMBER  (REF  I) 

flight  was  essentially  similar  with  the 

extent  of  separation  possibly  slightly  aft  of  the  2/3  cruise  nozzle  length  indicated  during  the  wind  tunnel 
t'ists. 
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FIGURE  29 


INFLUENCE  OF  ARTIFICIAL  INCREASE  IN  EFFECTIVE 
REYNOLDS  NUMBER  (REF  I) 


The  affect  of  thickening  tha  boundary  layer  artificially  on  an  F-14  type  mcdel  with  similar 
nozzles  has  also  been  reported  (Ref  40),  Fig  30.  The  boundary  layer  was  thickened  in  tvo  stages  by  means 
<*i  a  fence  consisting  of  3  and  7  wires  respectively,  spaced  on  supports  surrounding  the  model  j  ist 


downstream  of  the  inlets.  The 
forces  and  pressures  on  the 
nozzles  alone  wer«  Matured 
ami  in  the  pressure  of  the 
thickest  boundary  layer  the 
nozzle  drag  ci  offi  :ient  based 
on  win;  was  about  0.001 

lower  at  Nath  numbers  of  0.7 
and  O.t  than  with  the  thinner 
boundary  layer  without  fences. 
The  lower  drag  with  the  fencet 
was  due  to  decreased  suctions 
on  the  forward  part  of  the 
nozzles,  whereas  the  pressures 
near  the  trailing  edge  were 
little  affected.  However, 
flow  separations  were  reported 
by  Schnell  (Ref  I)  on  a 
similar  model  end  so  arc 
likely  to  have  been  present 
in  this  case  as  well  and  are 
c  probable  reason  for  the 
relatively  low  pressure 
recovery  at  the  trailing  edge 
of  the  nozzles.  In  the 


absunce  of  the  coi^iensating 
effect  of  changes  of  the 
..  icsaure  recovery  on  the  rear 
hl  the  body,  pressure  drag 
declassed  as  a  result  of  the 
lower  auctions  in  the  presence 
of  the  «.,ch  chickened  boundary 
layer.  It  is  worth  noting 
that  enet.’ising  and  hence 
effectivet/  thinning  the 
boundary  layer  by  means  of 
vortex  generators  (Ref  1 )  had 
also  resulted  in  a  reduction 
in  drag  through  quite  a 
different  effect:  the 
suppression  of  flow 
separations.  These  F-14 
experiments  not  only  show  the 
highly  non-axisynzaetric 
nature  of  the  boundary  layer 
on  twin  jet  installations, 

Fig  30,  and  therefore  that 
effects  may  not  necessarily 
be  similar  to  tliooe  found  on 
axisymmetric  configurations, 
but  also  the  difficulties  in 
interpreting  the  results  of 
boundary  layer  modification 
testa  to  arrive  at  full  scale 
drag  levels. 


c )  Nozzle  pnmure  drag  coefficient 

FIGURE  30  EFFECT  OF  BOUNDARY  LAYER  MODIFICATION  ON  NOZZLE  PRESSURES 

AND  DRAG  (REF  40) 
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3.7,  iitglii  Installation 

Nacelle  or  pod  installations  in  general  differ  from  fuselage  installations  in  sever  .1  respects: 

-  the  maximum  body  cross-section  in  relation  to  nozzle  exit  area  is  smaller 

-  they  are  generally  shorter  with  increased  likelihood  of  strong  forebody  and  afterbody  interaction 

-  they  may  be  immersed  in  the  interference  flow  field  from  major  components  of  the  aircraft  such  as 
wing  or  fuselage. 

The  data  shown  in  Fig  3  of  Ref  34  (not  reproduced  here)  are  an  example  of  the  increased 
sensitivity  of  part-body  drag  to  a  change  in  Reynolds  number.  In  this  case  the  pressure  drag  of  a  15° 

AGARD  axisymmetric  nozzle  afterbody,  excluding  that  on  the  rearmost  0.3  diameter,  exhibited  a  noticeable 
increase  with  Reynolds  number  even  at  moderate  subsonic  Mach  numbers,  whereas  the  pressure  drag  of  the 
complete  body.  Fig  5  of  Ref  34,  which  includes  changes  in  the  pressure  recovery  at  the  rear  in  full,  shows 
only  minor  variations  in  general.  Similar  part-body  effects  may  be  expected  on  nacelle  afterbodies. 

Pressure  drag  trends  similar  to  those  observed  or  complete  axisymmetric  afterbodies  were  observed 
on  the  aft  nacelle  of  a  0.06  scale  model  of  the  B-l  aircraft  during  variation  of  Reynolds  number  in  the 
AEDC-I6T  wind  tunnel  (Refs  34,41).  A  pressure  map  presented  in  Ref  41  shows  that  the  suctions  forward  and 
the  pressure  recoveries  at  the  rear  increased  in  a  substantial  but  compensating  manner.  The  effect  on 
pressure  drag  (Ref  34)  at  M  *  0.8  was  relatively  small  but  larger  increases  with  Reynolds  number  were 
observed  at  higher  subsonic  Mach  numbers  and  at  low  supersonic  Mach  numbers.  The  variation  of  aft  nacelle 
drag  with  Reynolds  number  at  the  higher  Mach  numbers  meant  that  the  confidence  with  which  the  results  could 
be  extrapolated  to  flight  Reynolds  numbers  was  greatly  reduced.  Some  zones  of  flow  separation  were 
identified  by  flow  visualisation  during  the  tunnel  tests  and  it  was  intended  to  monitor  these  during,  the 
planned  flight  tests.  The  author.,  note  that  it  is  the  change  in  separation  regions  which  may  often  be  a 
primary  contribution  to  any  lack  of  correlation  between  tunnel  and  flight  data. 

The  data  presented  by  Richey  et  al  (Ref  42)  for  the  B-l  aircraft  configurations  inc  .oes  one  of 
the  few  available  comparisons  of  flight  and  wind  tunnel  results.  Comparisons  of  the  B-l  airlift  aft-nacelle 
pressure  differences  and  forces  derived  from  pressure  measurement  at  matched  conditions  from  flight  and  from 
wind  tunnel  tests  at  Mach  numbern  from  0.75  to  1.2  are  presented.  At  Mach  numbers  below  the  nacelle  irag 
divergence  Mach  number  there  were  small  regions  where  pressure  coefficient  differences  between  flight  and 
wind  tunnel  exceeded  0.05  but  in  general  they  were  less  than  0.01.  These  differences  tended  to  compensate 
resulting  in  drag  level  differences  which,  over  a  wide  range  of  conditions,  varied  within  6  drag  counts  or 
181  of  nacelle  drag.  At  higher  Mach  numbers,  particularly  supersonic,  a  more  consistent  bias  towards  higher 
pressures  and  hence  lower  drag  on  the  full  scale  aircraft  became  evident.  For  the  example  shown  in  Ref  42, 
the  drag  difference  was  14  drag  counts  or  201  of  flight  nacelle  drag.  The  trend  for  full  scale  sit  craft 
pressure  drag  to  be  lower  is  counter  to  the  Reynolds  number  effects  observed  during  tunnel  tests  (Ref  34). 

It  suggests  that  the  differences  between  tunnel  and  flight  results  may  not  be  solely  due  to  Reynolds  number 
but  may  contain  other  effects  such  as  support  interference  and  intake  flow  effects,  and  vury  possibly  part- 
body  effects  had  also  become  important  in  this  case. 

4.  DISCUSSION  AMD  CONCLUSIONS 


Some  of  the  widely  varying  afterbody  pressure  drag  trends  with  Reynolds  number  that  caused  concern 
some  years  ago  can  row  be  partly  resolved. 

Some  false  indications  of  increasing  afterbody  drag  for  increasing  Reynolds  number  at  low  subsonic 
Mach  numbers  were  the  result  of  neglecting  Reynolds  number  effects  on  wind  tunnel  calibration.  Other 
confusing  indications  can  be  obtained  by  neglecting  differences  in  test  techniques,  considering  incomplete 
boattails  and  through  not  fully  appreciating  the  importance  of  different  Mach  number/boattail  steepness 
regimes  which  emerge  as  the  most  significant  factors.  For  this  reason,  conclusions  with  regard  to  the 
effect  of  Reynolds  number  are  considered  here  separately  for  various  Mach  number  ranges  and  severity  of 
boattailing. 

4.1.  Subsonic-Gentle  Boattails 


At  subsonic  speeds  below  the  critical  Mach  number,  for  gentle  boattails  on  which  extensive  flow 
separations  are  absent,  experimental  and  theoretical  results  are  in  agreement  in  showing  that  an  increase 
in  Reynolds  number  or  the  direct  reduction  of  the  boundary  layer  thickness  results  in  significant  changes 
in  the  pressure  distribution;  both  the  suctions  at  the  start  of  the  boattail  and  the  recovery  at  the  rear 
are  increased  typically  by  about  j  ACp  |  ■  0.05.  The  pressure  changes  are,  however,  compensating  to  a  large 
degree,  such  that  any  pressure  drag  coefficient  (CD*p)  variation  that  may  occur  is  generally  within  the 
accuracy  of  the  results,  ie  generally  within  0.005  based  on  body  crcss-sectional  area. 

Analysis  suggests  that  these  pressure  changes  are  the  direct  result  of  the  change  in  the  effective 
contour  of  the  boattail  due  to  changes  in  the  displacement  thickness  of  the  boundary  layer. 

The  analytic  data  and  moBt  of  the  experimental  data  is  for  isolated  boattails,  but  similar 
insensitivity  of  afterbody  drag  to  Reynolds  number  variation  has  been  reported  for  some  installed  smooth 
boattails • 


Although  the  drag  of  the  complete  afterbody  may  not  be  sensitive  to  changec  in  Reynolds  number, 
the  pressure  changes  are  such  that  significant  change  in  part-body  drag  can  occur.  For  instance,  the  drag 
of  a  nozzle  alone  may  well  show  a  decrease  in  pressure  drag  whereas  the  rest  of  the  boattail  may  exhibit  a 
corresponding  increase.  Fortunately,  the  practice  of  considering  nozzle  drag  separately  is  becoming  less 
prevalent . 


Neglecting  the  effect  of  Reynolds  number  on  the  calibration  of  some  tunnels  had  resulted  in  the 
erroneous  indication  of  an  increase  in  afterbody  pressure  drag  for  some  experimental  results  in  this  regime. 


rm 


Sub«onlc.  St«ip  Bo4tt«il»  wlth  flow  Sapsration 

On  boattails  of  sufficient  steepness  for  flow  separation  to  be  present,  there  are  opposing  trends 
at  work.  On  the  one  hand,  the  thinner  boundary  layers,  which  are  present  at  high  Reynolds  numbers  or  are 
the  results  of  a  simulation  technique,  can  negotiate  ateeper  pressure  gradients  without  separating.  On  the 
other  hand,  the  effective  steepness  of  the  boattail  and  hence  also  the  pressure  gradient,  is  increased. 
Which  of  these  trends  is  dominant  probably  affects  the  extent  of  flow  separation.  In  gener-.l,  it  has  been 
found  that  afterbody  drag  at  subsonic  and  transonic  speeds  changes  in  proportion  to  the  magnitude  of  the 
boattail  projected  area  affected  by  separation  (Ref  43).  However,  drag  changes  which  may  be  expected  to 
result  from  a  change  in  the  extent  of  separation,  which  affects  the  final  pressure  recovery,  resulting  from 
a  change  in  the  boundary  layer  thickness,  may  be  compensated  by  the  change  in  suctions  on  the  front  of  the 
boattail  resulting  from  the  effective  change  in  the  contour  (Ref  20).  These  considerations  are  consistent 
with  the  variety  of  drag  trends  that  have  been  reported  for  these  conditions,  both  small  increases  and 
decreases  as  well  as  no  variation  have  been  noted. 


On  balance,  on  smooth  but  steeply  contoured  boattaila  with  'free'  separations,  both  experimental 
data  (Refs  15,21)  and  analytic  data  (Ref  30)  tend  to  indicate  a  small  reduction  in  drag  for  increase  in 
Reynolds  number  or  for  thinner  boundary  layers. 

On  afterbodies  where  the  separation  is  triggered  by  a  rapid  change  or  discontinuity  in  the  contour 
such  that  the  extent  of  separation  does  not  change  with  Reynolds  number,  there  is  generally  also  little 
change  in  drag.  Examples  of  such  results  that  may  be  cited  are  those  reported  for  configurations  with 
annular  bases  (Refs  19,20);  for  a  separated  cruise  nozzle  in  a  twin  jet  (YF-17  type)  installation  (Ref  38); 
contoured  nozzle  installation  in  the  F-106  (Ref  21)  and  the  F-14  (Ref  1)  and  for  conical  boattails  (Ref  10). 

There  is  also  some  indication  that  the  boundary  layer  shape  factor  may  be  a  significant  parameter 
under  these  circumstances;  for  instance,  on  the  2524  boattail  of  Ref  10,  distortion  of  the  boundary  layer 
changed  the  level  of  drag.  Such  a  dependence  on  the  boundary  layer  profile  may  well  be  the  reason  for  the 
different  drag  trends  obtained  from  different  techniques  for  the  25°  AGARD-NAB  by  Zonars  (Ref  12).  Such 
changes  in  drag  may  not  necessarily  be  associated  solely  with  a  change  in  the  extent  but  possibly  with  the 
unsteady  nature  of  the  separation  also. 

Direct  modification  of  the  boundary  layer  in  tunnel  testa  to  simulate  Reynolds  number  changes  can 
be  quite  misleading  with  regard  to  the  drag  trends  in  the  presence  of  separations,  particularly  if  the 
boundary  layer  modification  is  unrepresentative  of  that  occurring  naturally;  it  is  possible  to  induce 
changes  which  in  all  likelihood  may  not  happen  between  model  and  full  scale  situations. 

The  large  drag  reductions  observed  for  increases  in  Reynolds  number  during  flight  tests  of 
underwing  installations  of  steep  boattails  (eg  Fig  22),  were  associated  with  extensive  reductions  in  the 
extent  of  the  separations. 

Analytic  methods,  which  are  currently  available  for  axisymmetric  cases  only,  generally  rely  on 
empirical  separation  criteria  which  do  not  as  yet  account  for  Reynolds  number  effects. 


?  I 


4.3.  HiRh  Subsonic  Mach  Numbers 

Close  to  or  above  the  drag-rise  Mach  number  of  the  efterbody,  consistent  and  significant  trends 
are  indicated  by  experimental  data  and  also  by  theory. 


The  main  effect  of  increasing  Reynolds  number  or  reducing  boundary  layer  thickness  is  to  reduce 
the  drag-rise  Mach  number.  This  effect  is  the  result  of  increased  suctions  at  the  start  of  the  boattail 
which  occur  in  the  absence  of  the  ameliorating  effect  due  to  the  presence  of  the  boundary  layer  on  the 
effective  steepness  of  the  boattail  contour.  Below  the  drag-rise  Mach  number,  boundary  layer  thickness  has 
little  effect  on  drag  but  once  the  boundary  layer  thickness  is  reduced  beyond  the  vilue  at  which  the  drag- 
rise  Mach  number  is  exceeded,  further  thinning  of  the  boundary  layer  results  in  significant  increase  in 
afte'body  pressure  drag  due  to  the  increase  in  wave  drag.  Thus,  the  variation  of  boattail  drag  with 
increasing  Reynolds  number  changes  from  being  negligible  over  the  entire  Reynolds  number  range  at  low  Mach 
numbers,  to  being  negligible  at  low  and  significant  at  high  Reynolds  number  when  the  Mach  number  is 
intermediate.,  to  a  continuous  increase  at  higher  Mach  number.  The  rate  of  change  of  drag  tends  to  be 
greatest  in  the  presence  of  thin  boundary  layers,  particularly,  of  course,  at  the  intermediate  Mach  numbers, 
and  hence,  assessment  of  drag  trends  based  on  a  limited  Reynolds  number  range  in  the  wind  tunnel  does  not 
give  an  adequate  indication  of  the  full  scale  value  under  these  conditions.  The  variation  of  drag  is  least 
for  gentle  contourn. 

The  interaction  of  the  shock  with  the  boundary  layer  usually  results  in  the  eventual  separation  of 
the  latter  which  affects  the  pressure  recovery  on  the  rear  of  the  boattail  and  hence  the  drag.  Again,  the 
appearance  and  the  extent  of  shock-induced  separations  is  subject  to  conflicting  factors  such  as  shock 
strength  and  the  ability  of  the  boundary  layer  to  withstand  the  pressure  rise;  some  experimental  results 
for  axisymmetric  boattails  (Ref  10)  show  a  larger  extent  of  separation  with  a  thin  boundary  layer.  These 
conflicting  factors  probably  mean  that  the  changes  in  flow  separation  are  quite  minor  in  some  cases.  Some 
analytic  data  (Ref  13)  give  reasonable  agreement  of  wave  drag  change  due  to  boundary  layer  thickness  effects, 
but  the  separation  criteria  are  probably  less  reliable.  The  drag  in  this  regime  is,  however,  very  sensitive 
to  Mach  number  variation  (Ref  6),  and  as  a  consequence,  neglecting  Reynolds  number  effects  on  the  tunnel 
calibration  may  result  in  significant  errors. 

4.4.  Low  Supersonic  Mach  Numbers 

At  moderate  supersonic  Mach  numbers  viscous  effects  may  affect  the  location  of  the  shock  near  the 
rear  of  the  boattail  and  this  in  turn  has  an  effect  on  drag,  but  once  again  the  location  of  any  resulting 
separation  is  subject  to  conflicting  factors.  In  general,  experimental  data  show  a  moderate  rise  in  drag 
with  increases  in  Reynolds  number,  for  example  Ref  37  for  axisymmetric  boattails  and  Refs  37  and  3B  for 
closely  spcced  twins.  Analytically  computed  data  (Ref  32)  are  in  agreement  in  showing  that  the  general 
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level  of  auction  inereeeee  end  the  eeparutlon  point  aovee  eft  at  higher  Reynolds  mabiri . 


4.5.  Effect  of  Jet 


Some  result*  suggest  that  the  variation  of  afterbody  drag  with  Reynolds  number  may  be  less  jet-on 
than  jet-off  or  with  solid  jet  plume  simulators,  but  the  evidence  is  not  sufficiently  extensive  to  confirm 
this  as  a  general  trend. 

4.6.  Concluding  Remarks 

Other  than  near  the  drag-rise  and  supersonic  Mach  numbers,  real  Reynolds  number  effects  were 
found  to  be  of  limited  magnitude;  the  assumption  that  trends  established  over  a  small  range  of  Reynolds 
number  in  wind  tunnels  persist  to  full  scale  conditions  appears  to  be  generally  unjustified.  Support 
interference  and  the  presence  of  faired  inlets  or  unrealistic  transition  can  make  the  drag  variation 
observed  in  the  wind  tunnel  unrepresentative.  Boundary  layer  transition  may  be  affected  by  wind  tunnel 
turbulence  or  edge  tones  from  porous  walls  or  fixed  in  an  unrepresentative  manner  and  may  lead  to 
uncertainties  in  the  computed  skin  friction.  The  impossibility  of  perfect  simulation  in  wind  tunnel 
tests  obscures  the  comparisons  from  different  facilities  and  flight,  also  the  accuracy  of  afterbody  drag 
measurements  in  the  past  is  insufficient  to  identify  clearly  the  limits  of  the  Reynolds  number  effects. 
Because  of  uncertainty  in  the  drag  breakdown  of  complete  aircraft,  afterbody  drag  comparisona  batween  wind 
tunnel  and  flight  are  probably  best  obtained  from  detailed  boundary  layer  and  pressure  measurements  on  the 
afterbody  and  these  are  rarely  available. 

The  conclusions  drawn  in  the  earlier  sections  are  largely  based  on  axisymmetric  data  which  may 
have  limited  applicability  for  real  configurations.  On  real  non-axisymmetric  installations,  separations 
are  usually  present  and  under  these  conditions,  Reynolds  number  effects  appear  to  be  variable  and  are 
difficult  to  predict  to  the  high  accuracy  desired  for  defining  performance.  An  instance  where  such 
specific  information  would  be  of  particular  importance  is  when  the  effect  on  performance  of  nozzle  length, 
with  its  strong  impact  on  nozzle  weight,  is  being  balanced  against  boattail  angle  and  its  effect  on  drag. 
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RESUME 

L'un  d*»  objectifs primordiaux  des  chasseurs  modernes  est  la  wanoeuvrabilitd  ;  cellc-ci  ndceasite  une 
Atude  approfondie  da  la  compatibility  avion-moteur .  La  motoriste  dcit  done,  lora  mime  de  la  miae  au  point  du 
compresseur,  <  valuer  pour  1 'ensemble  du  domains  de  vol  la  perte  da  urge  au  pompage  entrainde  par  la  diatoraion 
da  manche. 

Un  diapoaitif,  conatitud  d'un  pavilion  diaaymdtrique  ou  mSute  aimplement  d'un  tube  biaeautd ,  deatind  k 
raproduire  au  banc  compresseur  lea  groaaea  atructurea  tourbillonnaires  rencontrdea  en  vol  A  grande  incidence, 
a  dtd  taatd  an  aoufflarie  k  l'ONERA  puia  expdrimentd  au  banc  compresseur  du  centre  d'eaaaia  de  la  SNECMA  i 
Villarocha , 

Lea  esuais  an  aoufflarie  (dchalla  1/4)  ont  permis  une  conparaiaon  daa  dcoulementa  au  niveau  de  l'antrde  du 
conpreaaaur  dana  une  priae  d'air  cylindrique  en  incidence  (0  40“)  1  H  ■  0,6  avec  ceux  obtenue  au  point 

fixe  dana  lea  diveraee  veraiona  du  diapoaitif  enviaagd, 

A  la  auite  de  cea  eaaaia ,  la  SNECMA  a  Hgalement  effectud  au  banc  compreaaeur  une  caraetdriaation  Ho  l'dcou- 
lement  ddlivrd  par  la  manche  taillde  en  biaeau  k  30*  alimentant  un  fan  (dchelle  1)  monodtage  tranneoniqua . 

Lea  valaura  obtenue a  au  banc  aont  confrontdaa  aux  rdaultata  naquette  en  vue  de  valider  le  diapoaitif, en 
tenant  compte  dea  correctiona  d'dchelle  pour  la  bande  paaaanta  et  le  tetnpa  d'acquiaition. 


SUMMARY 

Increaaed  manoeuvrability  requirementa  for  modern  fighter  aircraft  involve  an  extenaive  inlet-engine 
compatibility  analyaia. 

Therefore,  during  the  early  atagea  of  compreaaor  development,  the  engine  deaigner  must  estimate  the  aurge 
margin  loaa  reaulting  from  inlet  dynamic  diatortion  over  the  complete  flight  envelope. 

A  bell-mouth  with  varying  lip  thickness  and  a  level-edged  duct  have  been  deaigned  to  simulate  the  large 
vorticea  generated  in  an  inlet  at  high  angle  of  attack  in  a  compreaaor  test  facility  ;  the  simulator  has  been 
teated  in  a  wind  tunnel  at  ONERA  and  validated  in  a  compreaaor  teat  facility  at  SNECMA'a  Villaroche  test 
center. 

The  flow  at  the  inlet/engine  interface  plane  has  been  characterized  in  the  wind  tunnel  both  for  a  1/4 
scale  cylindrical  duct  at  a  Mach  number  of  0.6  and  angles  of  attack  up  to  40  degrees  and  for  different  versions 
of  the  simulator  in  static  conditions. 

Thereafter,  a  30  degree  level  edged  duct  has  been  teated  at  SNECMA  with  a  full  scale  transonic  fan  a  ,ge . 
Scaling  rules  for  acquisition  time  and  frequency  are  used  to  compare  the  measurement  in  front  of  the  fan 
with  tlie  results  obtained  in  the  aubacale  wind  tunnel  oadel. 


Etude  aiiactula  avac  la  touiien  iimnoitn  da  to.  DRET  poun  la  pantia  aiiait  an  touHlaxia. 


Pour  accroltre  leur  manoeuvrability,  lea  avion*  militaire*  de»  nouvellea  gdndrations  dsvront  dvoluer  A  daa 
incidence*  de  plus  on  plua  dlevdes.  Ces  avion*  aont  congus  avec  de*  prise*  d'air  optimisdcs  pour  le*  vols 
•upersonique*  dont  le*  bord*  d'attaque  aont  minces.  A  grande  incidence,  un  ddcollement  important  est  crd< 

A  l'intdrieur  de  la  manche ,  au  niveau  du  bord  d'attaque  d'intrado*,  et  de*  tourbillon*  *ont  ainsi  crdds  uAs 
1'enCrde  (fig.  la).  Tout  au  long  du  diffuseur  une  certaine  homogdnd isution  s'effectue,  mais  calle-ci  ne  peut 
Atre  parfaite  au  niveau  du  plan  d'entrde  compresseur  situ*  A  quelque*  diamAtres  seulament  de  l'entrde  d'air. 
II  en  rdsulte  de*  condition*  d'alimentation  qui  peuvent  perturber  le  fonctionnemant  du  moteur.  Un  travail  de 
qualification,  dan*  le  plan  d'entrde  compresseur,  de  l'dcoulement  ddlivrd  par  de  telle*  prise*  d'air  en  inci¬ 
dence  est  done  ndeessaire.  II  peut  Atre  rdalisd  en  soufflerie  dans  un  premier  temps,  puio  poursuivi  en  vol. 

Par  ailleurs,  1 'adrodynamicien  doit  fournir  un  moyen,  *i  possible  peu  coQteux,  de  simulation  de  cet  dcoulement 
pour  la  mise  au  point  des  moteur*,  lors  des  essais  au  banc.  Gn  effet,  le*  moyen*  de  simulation  au  point  fixe 
de*  distorsions  dan*  le  plan  compresseur,  actuellement  utilises  dan*  le*  bancs  de*  motorists* ,  ne  permettent 
pas  de  reprdsenter  les  effete  instationnaires  de  faqon  satisfaisante  ;  ils  son.  'ndvalement  constitute  d'un 
grillage  A  permdabilitd  variable  qui  ne  erde  qu'une  distort:  n  moyenne  ,  la  tai/  te  de*  mailles  limite  le* 
effet*  instationnaires  A  une  turbulence  asses  homogAne  et  de  faible  intensitd.  Les  autre*  dispositif*  utili- 
•ds,  bien  qu'ils  reproduisent  plus  fidAlement  1 ' alimentation  du  moteur  pour  de*  conditions  rdelles  d'un  vol 
A  grande  incidence,  ndeessitent  des  installation*  complexes  et  fort  ondreuses. 

Un  moyen  de  simulation  simple  est  proposd  ;  il  consiste  en  une  prise  d'air  non  axis/mdtrique  :  tube  biseautd, 
ainsi  qua  l'a  proposd  M.  Lasareff,  ou  aysnt  in  rayon  de  bord  d'attaque  dvolutif,  ddnommds  respectivement 
"biseau"  ou  "bourrelet"  par  la  suite  (fig.  lb).  Avec  de  tels  dispositifs  pour  des  fonctionnement*  au  point 
fixe,  un  ddcollement  plus  ou  moins  important  apparait  dans  la  manche  comme  e'eat  le  cas  nour  las  prises 
d'air  placde*  en  incidence. 

Le*  premier*  rdsultat*  obtenus  A  l'ONERA  et  A  la  SNECMA  avec  ces  moyen*  Ha  simulation  font  l'objet  du  prdsant 
document.  En  particulier  les  cartographies  de  l'dcoulement  pu  niveau  du  plan  d'entrde  compresseur  obtenue* 
en  soufflerie  dans  one  prise  d'air  schdmatique  en  incidence  seront  compardes  avec  celles  obtenue*  dan*  diver¬ 
se*  prise*  d'air  non  axisymdtriques  en  fonctionnement  au  point  fixe.  Pour  terminer,  une  dtude  de  l'dcoulement 
en  divers  plans  d'un  compresseur  transaonique  monodtage  de  recherche  alimentd  par  un  "biseau"  confirm  la 
faisabilitd  de  la  simulation  recherchde,  y  compris  en  ce  qui  concernc  1 ' instationnaire . 


2  -  VISUALISATIONS  AU  TUNNEL  HVVKCVVNAMIQUE  - 


La  qualification  en  soufflerie  de  l'dcoulement  dans  le  plan  entrde  compreiBeur,  pour  les  prises  d'air  en  inci¬ 
dence,  a  dtd  rdaliade  avec  une  entrde  d'air  schdmatique  constitude  d'un  tube  cylindrique  de  4  ou  8  diamAtres 
de  longueur,  dont  le  bord  d'attaque  est  aiguisd. 


Pour  effectuer  des  essais  au  tunnel  hydrodynamique ,  une  prise  d'air,  d'un  diamAtre  de  longueur  seulement,  a 
dtd  utilrsde  compte  tenu  des  dimensions  de  1 ' installation .  La  figure  2  prdeente  cette  prise  d'air  placde  A 
40“  d'incidence.  La  visualisation  [1]  par  bulles  d'air  delair/es  dans  le  plan  mddian  est  effectude  pour  un 
coefficient  de  ddbit  (  )  de  1.  Cette  photographic  met  en  dvidence  le  point  d'arrflt  placd  A  l'intrados 

de  la  prise  d'air  qui  induit  un  contournement  du  bord  d'attaque  aigu  d'oil  un  ddcollement  important  A  l'intd- 
rieur  de  la  manche  j  un  second  ddcollement  est  dgaleraent  mis  en  dvidence  A  l'extrados  de  la  manche. 

L'dcoulement  interne  prdsentd  sur  cette  photogiaphie  peut  Stre  compard  A  celui  obtenu  avec  une  prise  d'air 
biseautde  fonctionnant  au  point  fixe.  La  seconde  vuc  prdsentde  sur  la  figure  2  montre  une  telle  prise  d'air 
alimentde  avec  un  coefficient  de  ddbit  trAs  important  Am/A4-  IS,  car  le  point  fixe  Aw/A*  »  oo 
ne  peut  dtre  rdalisd  dans  l'espace  confind  du  tunnel  hydrodynamique. 

Deux  ddcolleraents  apparaissent  dans  cette  configuration  ; 

-  un  petit  A  l'extrdmitd  amont  du  biseau  qui  se  rdsorbe  rapidement, 

-  un  de  grande  taille.A  1'intdrieur  de  la  manche,  comparable  A  celui  de  la  prise  d'air  en  incidence. 

3  -  ESSAIS  EN  SOUFFLERIE  - 

3.1  -  Mot /enA  rt'eAdiuA  - 

Tous  les  essais,  y  compris  ceux  au  point  fixe,  ont  dtd  erfectuds  dans  la  grande  soufflerie  transaonique  du 
centre  de  Modane-Avrieux  de  l'ONERA  [2] .  LeB  conditions  gdndratrices  correspondent  "jx  conditions  ambiantes 
(  p(,  =:  0,9  bar,  Ti.cr  290  K)  . 

La  prise  d'air  "lindrique,  A  l'dchelle  1/4  environ  d'une  manche  d'avion  militaire,  a  dtd  essayde  essentiel- 
lement  pour  un  urmbre  de  Mach  amont  de  0,6  et  pour  diverses  incidences  comprises  entre  0  et  40°. 

Le  montage  d'essais  est  schdmatisd  sur  la  figure  3.  II  comprend  d'amont  en  aval  : 

-  la  prise  d'air  dont  les  variantes  seront  prdcisdes  ultdrieurement , 

-  une  allonge  cylindnque  permettant  des  mesureB  A  4  ou  8  diamAtres  du  plan  d'entrde, 

-  un  peigne  rotatif  au  niveau  du  plan  compresseur, 

-  un  obturateur  rdglable  A  distance, 

-  des  joints  souples  permettant  la  rotation  de  la  partie  amont  grflec  A  une  tourelle  intdgrde  au  plancher  de 
la  veine, 

-  une  trompe  A  air  comprimd  aBsurant  l'extraction  du  ddbit. 
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t'aaada  la  laioquattaeat  fix<  ft  1,4  a  du  plan  char  ;  la  oiaa  an  incidence  da  la  prisa  d'air, obtenue  grtce 
4  la  touralle,  eat  an  fait  une  nice  an  ddrapage  dana  la  aouffleria.  La  figure  4  montre  1 ' installation  an 
vaine. 

Let  diffdrentes  forme »  d'entrde  d'air  essaydes  tont  regroupdes  aur  la  figure  5.  Pour  lea  aaaaia  en  incidance 
la  priaa  d'air  "droite"  a  dtd  utUiade  ;  c'eat  un  cylindre  da  184  ram  de  diamitre ,  ldgdrement  biseautd  au 
bord  d'attaque  de  4  ou  8  diamdtres  aelon  l'allonge  installd*. 

Troia  tub;)*  biseautd*  ont  dtd  esaayda  au  point  fixe  :  lea  inclinaiaona  du  plan  d'entrde  dtant  reapective- 
roent  de  30,  45  et  60°.  Comrae  pour  la  prise  d'air  droite,  !e  bord  d'attaque  eat  mince.  La  position  du  plan 
de  meaure  (4  ou  8D)  eat.  repdrde  par  rapport  au  milieu  du  ttiaeau. 

La  dernidre  configuration  eaaayde  au  point  fixe,  appelde  "Bourrelet"  eot  conatitude  par  un  pavilion  dont 
le  rayon  de  bord  d'attaque  dvolue  rdgulidremen t  de  b/k  4  0  cuivmt  la  position  angulaire  autour  de  l'axe 
de  la  manche . 

La  qualification  de  l'dcoulement  dans  le  plan  entrde  compreaaeur  eat  obtenue  grlce  4  un  peigne  tournant 
dquipd  de  36  priaea  de  preaaion  d'arrdt  rdpartiea  en  dquiaurfaco.  Cea  preaaiona  aont  meaurdea  avec  dea 
capteurs  "Kulite"  intdgrda  en  extrdmitd  de  cheque  priae.  Ca  peigne  et  le  ayatdne  d 'acquiaition  aaaocid  aont 
ddcrits  dana  la  rdfdrence  [3]. 


La  majoritd  de  1 'exploitation  prdsentde  ci-deasoua  rdaultu  d'acquiaitiona  numdriquea  effectudea  4  1  650  tiz 
pendant  environ  1  aeconde  pour  lea  diverse*  configurations. 

3.2  -  CowaAaiion  s  pkUz  d’cuA  eit  in<u.de.nce.  -  point  iUxc  - 

Lea  rdaultata  obtenua  en  aouffleria  dana  1*  priae  d'air  en  incidence  et  pour  lea  deux  types  de  simulation 
vont  ftre  prdsentda  en  paralldle. 

3.2.1  -  §  6  _  mot/e  ' 


Lea  priaea  du  peigne  dtant  rdpartiea  en  "dquiaurface" ,  l'efficacitd  eat  obtenue  par  une  moyenne  arithmdtique 
dans  l'eapace  den  rapports  de  preaaiona  d'arrdt  locales  4  la  preaaion  gdndratrice.  La  figure  6  prdaente 
Involution  de  cette  efficacitd  moyennde  dans  le  temps  (aur  1  aeconde),  en  fonction  de  l'incidence  pour  la 
priae  d'air  droite,  avec  un  nombre  de  Mach  amont  Mo  de  0,6  et  un  nombre  de  Mach  interne,  au  niveau  du  plan 
de  Bondage  M2  voiain  de  0,6  dgalement.  A  incidence  nulle,  l'efficacitd  eat  procht  de  1,  la  priae  d'air  ne 
perturbe  quasiment  paa  1 'dcoulement ,  aeulea  lea  couches  limites  internes  accroiasent  l'entropie.  Lora  de  la 
raise  en  incidence,  le  ddcolleraent  interne  apparuft  et  fait  chuter  l'efficacitd  moyenne,  Pour  le  plan 

X/D  -  8,  la  perte  d'efficacitd  eat  ldgdrement  plus  forte  qu'4  X/t>  ■  4,  compte  tenu  du  frottement  qui 
s'exerce  aur  lea  parois  ;  toutefois,  l'esaentiel  de  la  perte  eat  dQ  au  ddcolleraent  situd  4  l'entrde  de  la 
raanche. 


Sur  cettes  m£me  figure,  aont  prdsentdes  lea  efficacitda  obtenuea  avec  la  prise  d'air  biaeautde  4  30°  et  le 
bourrelet  pour  dea  fonctionnementa  point  fixe  ;  le  nombre  de  Mach  interne  M2  eat  dgalement  vuiain  de  0,6. 

Coratne  pcdcddemntent ,  on  retrouve  la  perte  due  au  frottement  entre  les  plans  X  •  4D  et  8D. 

L'esaentiel  est  de  constate-r  que  l'efficacitd  ainsi  obtenue  avec  le  bourrelet  eat  dgale  4  celle  raesurde  dans 
la  prise  d'air  droite  4  environ  22°  4  Mo  •  0,6.  Pour  le  biseau  de  30°,  on  trouve  une  incidence  dquivalente 
de  35°. 

3.2.2  -  CgAtU_ita.tiqnnqlw_iie._^i;6ilqn_d[aAAeX  - 

La  figure  7  regroupe  dee  cartographies  d'iaobarea  moyennea  dans  le  temps,  obtenuea  dans  le  plan  de  meaure 
situd  4  4  diarafetres  del'entrde.  Sur  la  partie  gauche,  on  peut  voir  Involution  de  la  carte  de  preaaion  d'arrdt 
en  fonction  de  l'incidence  pour  la  prise  d'air  droite.  Lora  de  la  mise  en  incidence,  le  ddcolleraent  ae  forme 
dana  la  partie  infdrieure  de  la  manche  et  provoque  dea  pertes  de  pression  d'arrdt  en  aval.  On  constate 
qu'4  20°  la  partie  aupdrieure  n'eat  que  partiellament  affectde  ;  ce  qui  n'eat  plus  le  caa  lorsque  l'incidence 
atteint  40° . 

Sur  la  partie  droite  de  la  figure,  lea  cartographies  obtenuea  au  point  fixe  avec  le  biseau  et  le  bourrelet 
aont  prdsentdes.  On  peut  vdrifier  que  le  rdseau  d'iaobarea  stationnaires  relevd  dana  la  priae  d'air  en 
bourrelet  est  proche  de  celui  dtabli  avec  la  prise  d'air  droite  4  20°  d'incidence  4  Mach  ■  0,6.  Pour  le 

biseau  coupd  4  30°,  on  retrouve  des  niveaux  intermddiairea  4  ceux  obtenua  dans  la  prise  d'air  droite  placde 

4  30°  et  4  40°,  de  plus  la  forme  gdndrale  est  conservde. 

Les  mdrats  remarques  peuvent  dtre  exprimdes  4  partir  de  la  figure  8  qui  est  relative  au  plan  X/D  -  8. 

La  comparaison  des  figures  7  et  8  montre  1' influence  de  la  longueur  de  la  manche  sur  le*  cartes  de  preaaion 
d'arrdt  moyenne  ;  une  homogdndisation  importante  se  ddveloppe  dans  ce  tronqon  de  la  manche  placd  en  aval  du 
recollement .  Pour  obtenir  une  bonne  simulation,  il  sera  ndeessaire  de  conserver  la  longueur  globale  de  la 
manche . 

II  faut  noter  que  les  cartes  stationnaires  de  pression  d'arrdt  soiu  ,  a  la  precision  des  meaures  pr4a,  gdnd- 
ralement  aymdtriques ,  ce  qui  n'eat  pas  le  caa  des  cartes  instantandea  qui  de  plus  dvoluent  de  faqon  aldatoire 
en  fonction  du  temps  4  configuration  donnde.  Ainsi  la  comparaison  directs  entre  lea  raoyens  de  simulatioi  au 
point  fixe  et  une  priae  d'air  en  incidence  ne  peut  se  faire,  du  point  de  vue  des  cartes  de  pression  d'arrdt, 
que  sur  les  valeurs  moyennes  dans  le  temps. 


3.2.3-  Cot(iicLt)iii_dt_dUtqii6iqn  - 

Chaque  raotoriate  utilise  tea  propres  coefficient*  de  distortion  ;  la  prAaente  Atude  a  tenu  compte  des  prin- 
cipaux  coefficients  .  La  rAfArence  [4],  par  exemple,  rappelle  leur  definition. 

L'exploitation  suivante  rAaulte  d'acquiaitiona  numAriques  1  1  630  He  dea  preaaiona  d'arrAt  inatantandea 
dans  le  plan  compreaseur,  pendant  1  aeconde.  Ainsi,  A  cheque  instant  il  eat  possible  de  calculer  divers 
coefficients  de  distortion  puia  d'en  extraire  la  valeur  moyenne,  les  valeurs  maximale  et  minimale  et  mSrne 
l'Acart  type  sur  la  pAriode  d 'enregis trement . 

La  figure  9  montre  1 'evolution  de  cea  valeurs  caractAristiques  d'un  certain  coefficient  de  distortion 
(1DC  moyen)  en  fonction  de  l'incidence  de  la  prise  d'air  A  Mach  0,6. 

Pour  lea  faibles  incidences  (  &.  <  10°)  la  distortion  est  trAs  limitAe,  mais  au-delA,  elle  Avolue  trAs 
rnpidement  ;  la  valeur  moyenne  est  multiplies  par  10  environ  lorsque  l'incidence  passe  de  0  A  40°.  Il  en 
est  de  m£me  de  la  valeur  maximale,  alors  que  les  minima  Avoluent  trAs  lentement. 

Comme  pour  1'efficacitA  moyenne  (fig.  6),  les  niveaux  de  distortions  obtenus  au  point  fixe  ont  Ate  places 
aur  cea  courbea.  On  constate  que  pour  le  bourrelet,  les  points  se  positionncnt  dans  une  fenAtre  comprise 
entre  20  et  23’  et  pour  le  biseau  de  30°  dans  la  plage  30.40°. 

Il  est  certain  que  la  simulation  d'une  incidence  precise  est  delicate,  mais  elle  rAaulte  en  grande  partie 
de  1 ' imprecision  du  calcul  des  coefficients  de  distorsion  inatantanAe  avec  un  nombre  limitA  de  prises  (36)  ; 
la  reference  [5]  indique  des  erreurs  possibles  de  plus  de  20  %. 

Si  l'on  considAre  d'autres  coefficients  de  distorsion  (  H  ,  KJ)*,  K  6  ,  DCtO.IDC.  ...)  lea  fenfitres 
ainsi  obtenuen  Avoluent  lAgArement  ;  on  peut  toutefois,  en  effectuant  une  moyenne  des  incidences,  milieu 
de  ces  fenStres ,pour  les  divers  coefficients  conaidArAs,  atsez  bien  prAciser  les  incidences  d'une  entrAe 
d'air  droite  qui  sont  simulAes  par  les  deux  dispositifs  d'cBsais  au  point  fixe  considArAs. 


-  le  biseau  30° 

-  le  bourrelet 


Ces  valeurs  sont  A  rapprocher  de  33°  et  22°  obtenues  en  comparant  les  efficacitAs  globales. 

3.2.4  -  F&ictuciti.on4_d<L_pA.eAi.ign  - 

La  figure  10  donne  les  valeurs  den  fluctuations  de  pression  (Acart  type  exprimA  en  %  de  la  preBsion  gAnAra- 
trice  Pc  )  en  fonction  de  la  position  angulaire  dans  la  prise  d'air.  Ces  rAsultatB  ont  AtA  obtenus  A  partir 
d'enregistremcnts  analogiqves  A  grande  bande  passante,  des  presBionB  mesurAes  au  niveau  des  capteurs  placAs 
sur  la  3Ame  couronne  (  r/p,  »  0,62)  du  peigne. 

Pour  la  prise  d'air  droite,  A  incidence  nulle,  les  fluctuations  de  pression  dans  la  bande  25  Hz,  10  kHz  sont 
trAs  faibles  (  "v  0,2  X  de  la  pression  gAnAratrice) ,  elles  correspondent  au  niveau  de  bruit  moyen  de  la 
soufflerie. 

Lorsque  l'incidence  croft,  une  Avolution  rapide  apparaft.  A  faible  incidence  (10-20°),  les  fluctuations  s '  inten- 
sifient  surtout  c6tA  intrados  de  la  manche  (en  aval  du  dAcollement) .  Pour  les  incidences  plus  fortes,  le 
niveau  global  s'AlAve  et  de  plus  les  maxima  se  dAplacent  alors  de  l'aucre  cfltA  de  la  manche. 

Dans  le  rAseau  de  courbes  de  la  figure  10  correspondant  A  diverses  incidences  de  la  prise  d'air  droite  A 
Mo  a  0,6,  il  est  possible  de  placer  les  courbes  obtenues  au  point  fixe  avec  la  prise  d'air  biseautAe  A 
30°  et  avec  le  bourrelet.  Comme  prAcAdemment ,  on  constate  que  le  biseau  30°  simule  une  incidence  voisine  de 
35°  et  le  bourrelet  une  incidence  lAgArement  supArieure  A  20°. 

Ce  rAsultat  est  intAressant  car  il  prouve  que  la  simulation  est  valable  Agalement  du  point  de  vue  instation- 
naire  j  les  fluctuations  dans  le  plan  compref.seur  sont  bien  situAes  et  avec  des  niveaux  corrects. 

3.2.5  -  lM^ehce.du_nomb4.e_rfe_Madt_^tt^eAr_.  - 

Tout  ce  qui  prAcAde  a  AtA  obtenu  avec  un  nombre  de  Mach  dans  le  plan  encrAe  compresseur  constant  et  voisin 
de  0,6.  Si  l'on  modifie  le  dAbit  l'Acoulement  interne  est  roodifiA.  En  particulier  si  on  l'augmente,  l'effi- 
cacitA  interne  va  chuter  et  la  distorsion  va  croftre  compte  tenu  du  fait  que  le  contournement  de  bord 
d'attaque  s'effectue  A  pluB  grande  vitesse.  11  faut  comparer  cet  effet  sur  la  prise  d'air  en  incidence  et  sur 
les  moyens  de  simulationau  point  fixe. 

La  figure  11  prAsente  en  fonction  du  nombre  de  Mach  interne  M2,  les  Avolutions  d'un  coefficient  de  distor¬ 
sion  (  KDt  )  cn  valeurs  moyenne  ,  maximale  et  minimale,  pour  la  priie  d'air  biseautAe  A  30°  et  pour  la 
prise  d'air  droite  A  Mo  “  0,6  pour  des  incidences  de  30°  et  40°. 

Si  l'on  con.-idAre  les  valeurs  moyennes ,  on  constate  que  le  biseau  (  *  30°)  simule  toujours  la  prise 

d'air  tr:i-  .  vers  35°  si  le  nombre  de  Mach  interne  est  couservA.  Cette  conslusion  peut  Agalement  s '  appliquc-r 
pour  le«  ''cieurs  minimales,  mais  plus  difficiiement  pour  les  valeurs  maximales. 


3. i-S'^nj&MCi_dr,  .tAjdicgugi^deimb-iiiaux  - 

AprEg  avoir  wontrE  qu'un  bisecu  utilise  au  point  fixe  pouvait  servir  pour  simular  ie  fonctionnement  d'une 
prise  d'air  f  :hEmatique  cylindrique  en  incidence,  il  faut  connaftre  1 'influence  de  la  dEcoupe  de  biseau  sur 
l'Ecoulement  interne  qui  s'Etablit  afin  de  pouvoir  aimuler,  dans  une  Etape  ultErieure ,  n'importe  quelle  prise 
d'air  d' avion, 


Des  visualisations  au  cugnel  hydrodynamique  montrent  que  l'importante  du  dEcollement  interne  est  peu  affecte 
par  la  dEcoupe  du  biseau  dana  la  plage  EtudiEe  (  '-f  ■  30  E  60°). 

Les  essais  en  soufflerie  confirment  cette  information  qualitative  ;  la  planche  12  prEsente  les  Evolutions 
d'un  coefficient  de  distorsion  (IDC  raoyen  par  exemple)  en  fonction  du  nombre  de  Mach  interne  ;  on  peut 
constater  la  trfis  faible  influence  de  la  dEcoupe  du  biseau.  II  faut  noter  en  particulier  que  les  Ecarts 
entre  les  courbcs  prEsentEes  sont  peu  significatifs  compte  tenu  de  1' imprEcision  des  mesurcs  effectuEes 
sur  un  temps  limitE. 

En  considErant  1'efficacitE  moyenne  qui  est  calculEe  de  faqon  beaucoup  plus  prEcise,  on  constate  que  I'angle 
du  biseau  a  une  lEgEre  influence  E  nombre  de  Mach  M2  donnE  :  plus  la  dEcoupe  est  inclinEe  par  rapport  S 
1 'axe  du  tube  {  <-f>  dEcroissant)  plus  1'efficacitE  moyenne  chute  ;  toutefois  cette  influence  est  limitEe. 

En  effet,  pour  un  nombre  de  Mach  interne  voisin  de  0,6  qui  a  EtE  considErE  pour  la  majoritE  des  essais  et 
en  particulier  avec  la  prise  d'air  droite  en  incidence  1  Ho  ■  0,6  une  modification  de  30  &  60°  de  la  dEcoupe 
du  biseau  conduit  &  une  plage  d'incidences  simulEes  trEs  rEduite  (32  E  35°  environ), 

Au  contraire,  le  fait  de  remplacer  un  biseau  par  un  bourrelet  modifie  considErablement  l'incidence  simulEe  ; 
si  I'angle  du  biseau  n'a  que  peu  d'influence,  le  raynn  de  bord  d'attaque  lui  par  contre  est  dEterminant. 

Pour  trouver  des  formes  lie  prise  d'air  non  axisymEtrique ,  fonctionnant  au  point  fixe  et  permettant  de  simu- 
ler  une  prise  d'air  quelconque  d'un  avion  placE  E  grande  incidence,  il  faudra  done  jouer  non  seulement  sur 
la  forme  de  la  dEcoupe  n.ais  aussi  et  aurtout  sur  la  valeur  des  rayons  de  bord  d'attaque. 

4  -  ESSA1  VU  BISEAU  (  •  10°)  AU  BMC  COMPRESSEUR  - 

4. 1  -  Moi/em  d'euaii  - 

Les  essais  one  EtE  effectuEo  au  banc  compresseur  de  la  SNECMA  E  Villaroche.  Le  montage  se  compooe  d'un 
compresseur  monoEtage  transsonique  de  recherche  dont  le  pavilion  d 'admission  habituel  est  remplacE  par  une 
manche  du  type  biseau  taillE  E  3o° .  L'ensemble  de  800  mm  de  diamEtre  est  placE  dans  la  chambre  de  tranquil- 
lisation  (fig,  13).  La  distance  manche  d'admission  -  compresseur  est  Egalement  de  4  diamEtres, 

L' instrumentation  de  la  machine  comprend  : 

-  8  peignes  de  type  sabre  placEs  E  1'amont  du  compresseur,  chaque  peigne  Etant  EquipE  de  5  prises  de 
pression  d'arrEt  J  la  valeur  stationnaire  est  relevEe  en  extrEmitE  du  tube  d 'amortissement  grace  E  un  capteur 
commutE  par  ucanivalve,  la  compooante  dynamique  est  mesurEe  par  des  capteurs  de  type  Kulite  placEs  en  extrE¬ 
mitE  des  prises  pitot,  la  membrane  sensible  affleurant  la  paroi  interne  du  tube.  De  plus,  une  Bonde  de 
tcmpErature  Equipe  chaque  peigne, 

-  8  peignes  de  8  prises  corabinEe3  "pression  d'arrEt  -  tempErature"  en  sortie  du  compresseur. 

-  4  sondes  directionnelles  stationnaires  utilisEes  pour  les  Bondages  en  pression  d'arrEt  et  en  direction 
(inclinaison  par  rapport  E  des  plans  radiaux)  dans  les  plans  notEs  1,  3  et  4  sur  la  figure  13, 

-  DeB  prises  de  pression  statique  pariEtales  dans  les  diverB  plans  de  mesure. 

Le  condi tionnement  et  1 'acquisition  des  mesures  dynamiques  ont  EtE  rEalisEs  grace  E  une  chafne  numErique 
capable  d'enregistrer  en  continu  sur  un  disque  de  calculateur,  32  voies  EchantillonnEes  E  2  kHz  pendant 
25  secondes.  Les  signaux  Etant  filtrEo  dans  la  bande  0,2  Hz  -  630  Hz,  1 'Echanti llonnage  est  rEalisE  de 
manlEre  simultanEe  sur  toutes  les  voies  grace  E  des  Echsntillonneurs-bloqueurs ,  AprEs  un  transfert  du  disque 
sur  une  bande  1  600  BPI,  les  informations  recueillies  sont  traitEes  en  temps  diffErE  sur  ordinateur. 


De  plus,  pendant  les  essais,  des  iauges  collEes  sur  les  aubea  et  les  peignes  Babre  ont  permis  la  surveillance 
des  niveaux  de  contrainto  rencontrEs.  Un  capteur  d'accElEration  Etait  Egalement  placE  E  1 'extrEmitE  de  la 
manche  afin  d'en  aurveilier  les  dEplacements . 

La  caractEriaation  de  l'Ecoulement  a  EtE  effectuEe  jusqu'E  90  Z  du  rEgime  nominal  pour  plusieurs  points  du 
champ  compresseur  ;  1'isovitesBe  nominale  n'a  pu  fitre  explorEe  E  cause  des  sollicitations  aErodynamiques 
jugEes  dangereuses  pour  l'ensemble  manche-compresseur.  L'essai  rEalisE  comprend  une  Etude  de  la  dynamique 
de  l'Ecoulement  dans  le  plan  entrEe  compresseur  (2)  en  considErant  notamment  les  coefficients  de  distorsion 
uBuele,  la  qualification  du  plan  (1)  situE  dans  la  manche  en  pression  d'arrEt  et  direction  et  enfin  des 
mesures  dans  le  compresBeur  proprement  dit  (plans  3  et  4), 

4.2  -  Ecoutemcnt  au  niveau  du  plan  entn.(.e-c.ompfieneuA  - 

Bien  que  les  conditions  d 'alimentation  de  la  manche  en  biseau  du  banc  compresseur  nc  soient  pas  celles  de 
l'atmosph  -e  illimitEe,  E  cause  du  confinement  relatif  E  la  prEsence  de  la  cuve  de  tranquillisation,  le 
dEcollement  interne  subsiste  ;  ce  confinement  est  d'ailleurB  comparable  E  celui  rencontrE  lors  des  essais 
au  tunnel  hydrodynamique  (fig,  2). 

Comme  lors  des  essais  en  soufflerie,  le  dEcollement  provoque  une  perte  de  pression  d'arrEt  qui  se  traduit 
par  une  alimentation  hEtErogEne  du  compresseur.  La  figure  14  montre  la  cartographie  de.'  pressions  d'arrEt 
obtenue  E  partir  des  informations fournies  par  les  capteurs  stationnaires  pour  un  nombre  de  Mach  moyen  dans 


mMM*. h 


I*  manche  voiain  da  0,43,  Cette  carte  eat  It  comparer  4  celle  obtenue  avec  le  talar,  bleeau  an  aoufflerie 

ob  le  dibit  interne  est  assurd  par  un  extracteur  (fig,  7)  ;  une  rone  de  ,'alble  presaicn  a'eat  formde  en 
aval  du  ddcollement  qui  dans  le  banc  compresaeur  ae  situe  en  haut  de  l '  installation,  contrairement  aux 
eaaaia  en  aoufflerie  oil  ie  biaeau  est  retournd  ;  ceci  cxplique  1' inversion  des  cartographies  prdsentdes.  Lea 
niveaux  de  preasion  obtenue  sont  trfea  voiains  ainai  que  la  fortne  gdndrale  de  la  carte  ;  on  vdrifie  dgalement 
la  parfaite  symdtrie  de  l'dcoulement  moyen  dans  ce  plan. 

Par  contre  en  inatationnaire  aucune  symdtrie  instantande  n'eat  miae  en  dvidence  contrite  on  peut  le  voir  aur 
la  figure  15  obtenue  pour  le  mdrae  fonctionnement  du  moteur  4  partir  des  prea8ions  intationnaires  filtrdes  4 
la  frdquence  de  rotation  de  la  machine. 

La  planche  16  prdsente  lea  dvolutiona  en  fonction  du  tempa  de  trois  coefficients  de  diatorsion  (1DC,  1DR  et 
K  $  )  pour  ur.e  frdquence  de  coupure  correspondant  au  quadruple  de  la  frdquence  de  rotation  du  moteur  (en 
haut)  puis  4  la  frdquence  de  rotation  du  moteur  (en  baa).  Ces  courbes  montrent  l'aapect  inatationnaire  et  de 
plus  aldatoire  de  l'dcoulement  interne  abordant  la  machine. 

L'intensitd  du  ddcollement  variant  avec  le  nombre  de  Mach  interne,  le  profil  de  preasion  d'arrCt  devant  le 
plan  compresaeur  dvolue  ;  la  figure  17  traduit  ces  constatationa  sous  forme  de  coefficients  de  diatorsion 
stationnairea  et  maximaux.  L1  influence  du  rdgime  de  rotation  apparait  mineure  par  rapport  4  Involution  avec 
le  nombre  de  Mach  ;  IDCmax  et  IDR  max  croiasent  fortement  avec  le  nombre  de  Mach  alors  que  le  coefficient 
K.  0  diminue  car  la  preasion  dynamique  de  l'dcoulement  intervient  au  ddnominateur  de  son  expression. 

Un  coefficient  de  proportionnalitd  pouvant  atteindre  3  entre  lea  valeurs  maximales  et  stationnairea  ddmontre 
qu'il  eat  indispensable  de  mesurer  lea  valeurs  instatiof naires  maximales  de  la  preasion  d'crrfit  si  l'on  veut 
rdellement  quantifiet  l'hdtdrogdnditd  de  l'dcoulement  alimentant  le  moteur. 

4.3  -  EcoiUmmt  dani  la  manche  - 

J,e8  Bondages  rdaliads  plus  en  amont  duns  la  mar.che  (plan  1)  illustrent  la  nature  du  phdnomfene.  Lea  cartogra¬ 
phies  de  preasion  d' arrdt  et  d'angle  azimutal  (fig.  18)  montrent  que  le  contournement  du  bord  "aupdrieur"  du 
biaeau  provoque  un  ddcollement  qui  tend  4  dtre  combi d  par  des  dcoulemenf*  circonidrentiela  engendrant  un 
champ  d'incidenr  s  dont  lea  maxima  (-  19"  et  +  28°)  at  trouvent  prdcisdmont  4  la  limite  le  la  zone  ddcollde. 

La  carte  de  turbulence  du  plan  2  qui  a  dtd  dtablle  avec  une  bande  pasaante  dqaivalente  4  la  vitesae  de 
rotation  de  la  machine  aouligne  dgalement  que  la  zone  la  plus  turbulente  est  la  zone  frontifere. 

Lea  cartographies  de  preasion  d'arrdt  indiquent  clairemert  une  diminution  de  la  diatorsion  atationnaire  entre 
les  plana  1  et  2  :  le  coefficient  de  diatorsion  H  pusse,  par  exemple,  de  0,241  4  0,145. 

La  rongucur  de  la  manche  apparait  bien  comme  un  paramdtre  fondamental  de  la  simulation. 

4.4  -  Eaodtammt  dam  in  zompknMduA  - 

La  figure  18  synthdtiae  les  rdsultats  obtenus  pour  un  nombre  de  Mach  moyen  dans  la  manche  de  0,43  et  un  rdgi¬ 
me  de  rotation  dgal  4  90  %  du  rdgime  nominal.  Le  profil  de  diatorsion  atationnaire  de  preasion  d'arrlt  est 
modifid  4  la  traversde  du  compresseur  (roue  mobile  et  redregseur)  [  1  'homogdndieatioi;  de  l'dcoulement 
a'op&re  d'ailleurs  d'autant  mieux  que  le  point  de  fonctionnement  est  plus  dloignd  du  pompage  bien  que  les 
effets  radiaux  prennent  de  1 ' importance . 

En  sortie,  les  dcoulement  circonfdrentiels  ont  fortement  diminud  ;  il  s'ejt  erdde  une  diatorsion  thermique 
azimutale  qui  ne  coincide  d'aillnurs  pas  avec  la  diatorsion  de  preasion.  Une  certains  ayradtrie  persiute  pour 
chacune  de  ces  cartographies  avec  une  rotation  de  l'axe  de  plusieurs  degrda  dans  In  sons  de  rotation  de  la 
machine . 

L' instrumentation  classique  utilisde  permet  done  d'effectuer  lea  dtudes  qui  sont  habituellement  faites  aur  des 
compresseurs  alitnentds  par  nr.  ecoulement  atationnaire  hdtdrogdne.  En  particulier  la  figure  19  reprdsente  lea 
points  de  fonctionnement  dans  l'hypothdae  de  huit  compreaueura  en  parall&le  fonctionnant  aur  cinq  nappes  de 
courant  diffdrentes.  Le  rapport  de  compression  eat  calculd  4  partir  des  points  homologues  amont  et  aval 
situds  sur  une  iodine  ligne  de  courant  dans  le  cadre  de  l'hypothdae  prdeddente  ;  le  ddbit  est  ddternind  4 
partir  des  conditions  amont  du  point  considdrd. 

4.5  -  CompaAalAon  ave. c  VzAicU.  en  - 


Les  mesures  au  banc  compresaeur  et  en  soufflerie  prdsentent  quelquea  diffdrences  qui  peuvent  avoir  une  influ¬ 
ence  sur  les  conclusions  4  tirer  de  la  comparaison  des  eaaaia. 

Hormia  l'dchelle  qui  oblige  4  corriger  la  bande  pasaante,  le  plan  de  mesures  4  X/D  *  4  n'est  pas  placd  au 
mdme  rapport  de  moyeu,  le  nombre  et  le  p.isitic.nnement  des  prises  sont  diffdrenta.  En  outre  les  nombrea  de 
Mach  internes  considdrds  en  soufflerie  sont  supdrieurs  aux  nombres  de  Mach  obtenus  av  banc  compresaeur. 

Malgrd  cea  restrictions,  lea  valeurs  de  divers  coefficients  de  diatorsiona  portda  planche  20  pour  les  points 
dchelle  '  et  pour  le  point  dchelle  1/4  calculd  dans  des  conditions  proches  de  l'essai  au  banc  ae  comparent 
favorablepent  tant  en  atationnaire  qu'en  inatationnaire.  On  notera  cependant  que  les  coefficient!.'  obtenue 
Bur  la  maquitte  aont  ldgdrement  infdrieura  aux  coefficients  obtenus  au  banc  compresseur. 

5  -  CONCLUSION  - 


Le  plan  compresseui  d'une  prise  d'air  schdmatique  de  forme  cylindrique  a  dtd  qualifid  en  preasion  d'arrdt 
instationnaire  ;  les  paramdtres  dtudids  ont  dtd  l'incidence,  le  nombre  de  Mach  interne  et  la  position  du  plan 
de  sondage. 


Une  qualification  dquivalente  a  dtd  rdalisde  en  soufflerie  puis  au  banc  compresseur  dans  des  prises  d'air  non 
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axisydiltriqu*ii' fonetia  nant  au  point  fixe.  La  comparaison  des  rdsultats  montre  qu’il  eat  possible  da  aimuler 
au  banc  ce  qui  $u  paaae  au  niveau  plan  compresseur  d'une  prise  d'air  cylindrique  en  incidence  pour  ce  qui 
eat  de  : 

■  l’efficacitd  moyenne 

-  la  carte  moyenne  de  preaaion  d'arrdt 

-  1' amplitude  dea  distoralona 

-  la  localisation  et  le  niveau  des  flucti  at  .mb  de  preaaion. 

Lea  visualisations  au  tunnel  hydrodynamiqic  confirment  1‘ identity  de  nature  del  dcoulements  internes. 

Dans  lea  simulations  envisagdes,  deux  paramdtras  aont  &  conaerver  :  la  longueur  de  la  manche  et  le  nombre 
de  Mach  moyen  dans  le  plan  compresseur. 

Si  le  pavillun  dissymdtriquo ,  ddnommd  Bourrelet,  permet  la  simulation  d'une  incidence  moddrde  (  **  20°),  lea 
biaeaux  aaaurent  une  plage  d'incidenca  plus  dlevde  (30  -  33°)  maia  limitde,  mdme  en  modifiant  l'angle  de 
la  ddcoupe, 

Afin  de  pouvoir  aimuler  une  prise  d'air  donnde  A  incidence  quelconque,  il  aera  ndcessaire  de  ddfinir  une 
prise  d'air  non  axiaymd trique  en  jouant  sur  1 ' inclinaiion  du  plan  d'entrde  et  aurtout  au’*  la  valeur  dea 
rayons  de  bord  d'attaque  dans  le  plan  d'entrde. 

Cette  definition  pourra  avoir  lieu  sur  maquette  avant  de  recevoir  une  application  au  banc  partial  ou  au 
banc  complet.  • 

Le  motoriste  disposers  alors  d'un  moyen  souple  et  dconomique  de  simulation  de  l'dcoulement  dans  une 
prise  d'air  rdello  en  incidence  et  done  devaluation  de  la  sensibilitd  du  compresseur  i  la  distorsion. 
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INTRODUCTION 


L'augmentation  du  domaine  de  voi  des  avions  de  combat  conduit  a  des  points  de  fonctionnement 
correspondent  a  une  bien  plus  grande  variation  des  caracteristiques  aerodynamiques  instatlonnalres  a  1'entree  du 
reacteur,  que  par  le  passe.  Pour  evaluer  si  cette  augmentation  du  domaine  de  fonctionnement  sera  effectlvement 
acceptable  pour  ies  compresseurs  et  reacteurs  du  futur,  il  faut  d'abord  acquerlr  une  connaissance  suffisante  des 
ecoulements.  Une  telle  connaissance  passe  par  la  mesure  d'un  nombre  suffisant  de  caracteristiques  instationnaires 
de  I'ecoulement.  Mals,  d'autre  part,  on  dolt  limiter  ies  points  de  mcsures  a  un  niveau  acceptable  tant  au  point  de 
vue  du  prix  que  de  la  possibility  de  traltement  lnstantanc  ou  differe.  C'est  une  chalne  de  mesures  tenant  compte 
de  ce  compromls  necessaire  que  nous  decrivons  dans  cet  expose  apres  en  avoir  donne  ies  clauses  techniques  et  ies 
capacites  de  traitement  retenues. 

Ce  travail  resulte  d'une  collaboration  triangulaire,  entre  avionneur,  motorlste  et  organlsme  de 
recherche,  dont  le  but  est  de  rendre  complementaires  ies  recherches  des  uns  et  des  autres,  permettant  ainsl  une 
economic  de  moyen  et  une  homogeneity  des  methodes  choisies  pour  i'analyse  et  {'interpretation  des  resultats.  II  a 
ete  finance,  dans  ce  but,  par  le  Miriistere  de  la  Deft.  se. 


EVOLUTION  DES  PROBLEMES  DE  DEFINITION  DE  L'ECOULEMENT  A  L'ENTREE  DU  REACTEUR 


1.1  •  Les  problernes  de  compatibility  entre  I'ecoulement  fournl  par  ies  manches  a  air  des  avions  et  I'ecoulement 

acceptable  per  un  turboreacteur  ont  ete  longtemps  Ignores  par  suite  de  trois  effets  favorables  existant 
simultanement  ou  partiellement  sur  les  avions  milltaires  anciens  t 

-  utilisation  de  compresseurs  dont  les  caracteristiques  aerodynamiques  etaient  tres  eloignees  du 
maximum  possible  avant  decrochage  des  pales  j 

-  utilisation  de  manches  d'amenee  d'air  tres  longues  avec  des  dimensions  elevees  des  sections  de  passage 
conduisant  a  une  tres  bonne  homogeneisation  de  i'ecoulement  a  des  vitesses  assez  faibles  j 

-  conditions  de  voi  limitees  a  '  s  angles  d'incidence  et  de  derapage  moderes,  le  plus  souvent  pour  evlter  a 
i'avlon  le  voisinage  de  zones  de  decrochage  mal  contrftlees  ou  conduisant  a  un  risque  important 
d'engagement  en  vrille  mal  recuperable. 

Les  Avions  Marcel  Dassault-Breguet  Aviation  ont  toujours  vise  a  obtenlr  un  fonctionnement  normal 
des  avions  mUitalres  aux  grandes  incidences,  de  fa;on  a  ne  pas  imposer  de  limitation  d'emploi  aux  pllotes,  y 
compris  en  regime  de  vrille,  i'avion  etant  etudie  pour  8tre  recuperable  (ref.  1)  j  aussi  la  SNECMA  a-t-elle, 
de  son  c6te,  maintenu  egalement  les  moteurs  equipant  ces  avions  dans  un  reglage  et  une  definition  de 
qualite  equivalente.  Cependant  l'augmentation  importante  des  performances  des  avions  recent*  permise  par 
ies  gains  sur  la  motorisaticn,  les  commandes  de  voi  et  l'aerodynamique  a  grande  incidence  conduit 
maintenant  a  faire  voler  normalement  a  des  incidences  superieures  a  30*  et  a  des  vitesses  aerodynamiques 
pouvant  itre  nulles  (MIRAGE  2000).  L'utilisation  de  manches  a  air  tres  longues  n'est  pas  toujours  possible 
ou  peut  fttre  tres  coQteuse  en  polds  j  enfin  les  moteurs  eux-mSmes  ne  peuvent  augmenter  leur  rapport 
poussee/poids  sans  une  recherche  de  la  performance,  en  particulier  sur  les  compresseurs  }  ceux-ci,  plus 
charges,  done  plus  pres  de  leurs  limites  non  seulement  localement  mais  sur  ('ensemble  des  elements, 
peuvent  avoir  des  fonctionnements  extremes  avec  aubages  partiellement  ou  totalement  decolles. 

1.2  -  Nous  ailons  passer  en  revue  rapidement  les  elements  devant  caracteriser  I'ecoulement  aerodynamique. 


1.2.1  -  il  importe  de  caracteriser  I'ecoulement  d'abord  du  point  de  vue  de  son  Interaction  avec  le  compresseur. 
Spatialemcnt,  ceci  revient  a  connaftre  cet  ecoulement  devant  le  moteur  a  un  temps  donne  en  fonctlon  de 
ses  coordcnnees  radiates  et  circonferentielies  i  c'est  la  carte  d'entreo  d'air.  Mais  ii  faut  aussi  connaltre 
('interaction  entre  etages  caracterisee  par  la  succession  en  fonction  du  temps  de  la  carte  et  I'espacement 
resultant  relatif  a  la  distance  inter-etages  pour  theoriquement  ne  rien  laisser  echapper  de  I'interaction 
entre  eMges.  En  fait,  les  essals  montrent  que  les  fluctuations  a  haute  frequence,  relativement  au  temps  de 
passage  inter-aube,  ne  sont  pas  caracteristiques  des  decollements  globaux,  de  m£me  que  les  fluctuations 
spatiales,  trop  petites  par  rapport  a  une  fraction  de  circonference,  sont  amortles  par  le  fonctionnement  en 
grille  (faube  de  l'etage  (ref.  2). 
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1.2.2  -  ^augmentation  des  nombres  de  Mach  i  1'entrie  du  compreueur  a  conduit  It  urte  diminution  du  taux  de 
diffusion  dans  l'entree  d'ak  .ntre  la  section  de  col  et  I'entree  compresseur,  mais  il  n'a  pas  ete  toujours 
possible  de  maintenir  des  architectures  d'avion  avec  manches  tres  longues  par  suite  de  leur  coQt  eleve  dans 
le  bilan  de  masse  de  1'avion.  De  tvi>:e  faqon  l'interaction  de  1'aspiration  des  aubes  el  de  leur  champ  local  sur 
1'ecoulement  reste  toujours  faible  dans  la  pratique  au  contralre  des  manches  ultra-courtes  de  nacelles 
d'avion  civil.  Aussi  peut-on  caracteriser  valablement  1'ecoulement  dans  la  manche  en  1'absence  de  reacteur, 
ce  qui  simplifie  les  essal s.  Les  manches  sont  le  siege  de  phenom&nes  instationnaires  qui  sont  caracterisables 
a  deux  niveaux  differents  : 


soit  par  des  fluctuations  d'une  frontiere  nette  entre  zones  de  haute  pression  et  zones  de  basse  pression  et 
dont  la  frequence  peut  etre  accrochee  sur  des  temps  de  propagation  de  perturbations  bases  sur  la 


longueur  du  tuvau  j 


-  soit  par  des  fluctuations  turbulentes  de  la  vitesse  en  grandeur  et  direction  dont  les  frequences  les  plus 
basses  dependent  directement  des  tallies  des  grosses  structures  de  la  turbulence,  elles-m6mes 
directement  limitees  par  le  diametre  movcn  local  de  la  manche  a  air.  Ces  deux  types  de  fluctuations  sont 
crees  et  entretenus  essentlellement  a  l'exterieur  ou  sur  les  levres  de  ['entree  d'air,  mais  il  n'est  pas  exclu 
que  des  retrelnts  ou  des  courbures  excessives  de  la  manche  les  creent  ;  les  decollements  correspondants 
sont  alors  d'autant  plus  inacceptables  qu'lls  sont  au  voisinage  de  I'entree  du  reacteur,  car  ils  ne  peuvent 
Stre  amortis  par  une  longueur  de  manche  suffisante. 


1.2.3  -  Les  causes  de  perturbations  creees  a  l'entree  d'air  et  dans  son  voisinage  dependent  essentiellement  des 
conditions  de  vol  de  1'avion  et  de  ses  performances  exprimees  en  nombre  de  Mach,  et  incidence  et  derapage 
pratiques  : 

a)  Pour  les  faibles  nombres  de  Mach,  1'ecoulement  devient  identique  a  l'ecculement  au  point  fixe  et  peut 
fttre  caracterlse  par  celui-ci,  sous  reserve  des  aspirations  des  couches  limites  indultes  par  1'aspiration 
sur  les  parols  voisines  (ces  aspirations  peuvent  conduire  a  des  ecoulements  tourbillonnaires  en  trombc 
importants). 

b)  Pour  les  grands  nombres  de  Mach  supersoniques,  les  problemes  majeurs  de  distorsion  a  l'entree  moteur 
sont  crees  par  les  irregularites  du  champ  aerodynamique  et  les  intensltes  lnegales  des  chocs  amont.  On 
peut  caracteriser  la  carte  a  I'entree  moteur  par  trols  types  de  zones  s 

-  les  zones  ou  le  rendement  est  proche  du  niveau  moyen  souhalte  et  ne  depend  que  des  dlstorsions  du 
champ  amont  cree  par  les  dispositlfs  de  recompression  isentroplque  ou  par  chocs  obliques  retenus  j 

-  les  zones  ou  le  rendement  est  proche  du  rendement  du  choc  droit,  au  pire  associeesa  des  zones  en 
survltesse  par  rapport  a  1'ecoulement  amont  | 

-  les  zones  ou  le  rendement  depend  non  seulement  du  rendement  de  chocs  mais  aussi  des  pertes  de 
charges  turbulentes  creees,  soit  par  des  Interactions  chocs  -  couches  limites  de  paroi,  soit  par  des 
decollements  locaux. 

Les  dlstorsions  sont  alnsl  maxlmales  pour  des  ecoulements  amont  a  Mach  eleve  et  a 
fonctlonnement  non  uniforme,  la  non  uniformite  resultant  de  chocs  droits  ou  obliques  n'ayant,  blen 
entendu,  pas  de  raison  d'etre  stationnaire  en  general.  Excepte  pour  les  zones  fortement  turbulentes 
creees  par  des  decollements  proches  des  parols  du  conduit,  1'ecoulement  est  tres  bien  caracterlse  par  les 
pertes  de  presslons  d'arrSt  qui  sont  un  reflet  des  pertes  d'entropie  amont  par  suite  de  la  tres  faible 
diffusion  de  cellcs-ci  en  1'absence  de  limites  turbulentes  caracteristlques.  Comme  ces  variations  de 
rendement  peuvent  fitre  tres  elevees  a  Mach  2  et  ont  provoque  les  premiers  problemes  importants  de 
distorsion  Inacceptables  par  les  compresseurs,  comme  eiles  sont  mesurees  simplement  par  des  prises  de 
presslons  d'arrSt  Instationnaires,  les  cartes  correspondantes  sont  bien  connues  et  exploltees 
actuellement.  Elies  peuvent  cependant  ne  pas  rendre  compte  de  rotations  d'ensemble  ou  des  turbulences 
locales  creees  dans  les  retrelnts  ou  les  angles. 

c)  Pour  les  nombres  de  Mach  Intermediates  ou  les  pertes  de  charge  par  augmentation  d'entropie  dans  les 
chocs  sont  faibles,  le  phenomene  preponderant  est,  au  contraire  des  cas  precedents,  la  fluctuation  du 
vecteur  vitesse  j  elle  est  creee  par  les  gros  tourbilions  des  structures  turbulentes  qui  ont  pris  naissance 
en  geneial  aux  levres  des  entrees  d'air  ou  dans  leur  voisinage  apres  un  decollement.  La  fluctuation 
maximale  de  perte  de  pression  d'arrSt  relevee  par  un  pitot  atteint  alors  la  variation  entre  la  pression 
d'arr&t  de  1'ecoulement  externe,  e'est-a-dire  la  pression  d'arrSt  avion  et  une  pression  un  peu  inferleure  a 
la  pression  statique  a  I'entree  moteur  dans  le  cas  d'ecoulements  de  retour  a  l'entree  compresseur,  elle 
depend  done  fortement  du  nombre  cle  Mach  avion.  Il  y  a  une  combinaison  d'lncidoce  et  derapage 
maximum,  de  debit  maximum  du  moteur  et  de  nombre  de  Mach  de  1'avion  vers  les  plus  hautes  altitudes 
en  transsonlque  qui  donnera  les  decollements  les  plus  importants  associes  aux  fluctuations  meximales  de 
vitesse  et  de  pression  et,  souvent,  a  des  debuts  de  pertes  entroplques  notables.  C'est  la  zone  du  domalne 
de  vol  qui  risque  d'etre  la  plus  critique  et  qui  se  caracterlse  davantage  par  une  fluctuation  de  la 
direction  de  la  vitesse  que  par  une  fluctuation  de  son  intensite.  Elle  est  assez  mal  mesuree  par  une  prise 
de  pitot  et  demanderalt  plut&t  une  prise  d'incidence  locale  j  en  particular  tous  les  tourbilions  d'axes 
collneaires  a  l'axe  dt  la  manche  sont  seulement  mesurables  en  incidence  locale. 


Dans  ces  ecoulements  turbulents,  il  est  important  cependant  de  distlnguer  deux  gammes  de 
dimensions  ou  de  frequences  d'interit  tres  differents  s  les  frequences  correspondent  aux  plus  grosses 
structures  turbulentes  de  la  tallle  de  la  manche  a  air  (et  maiheureusement  avec  les  vitesses  actuelles 


d'entree  des  compresseurs  de  frequence  proche  da  la  rotation  moteur)  et  les  frequences  beaucoup  plus 
elevees  de  la  turbulence  interne  dont  1'intensite  infiuera  assez  directement  1'extlnctlon  des  grosses 
structures.  Les  premieres  sont  les  seules  interessantes  pour  le  fonctlonnement  du  reacteur,  les  secondes 
peuvent  fttre  mesurees  surtout  pour  aider  a  la  comprehension  des  dissipations  Internes  a  la  manche,  eiles 
donnent  aussi  le  niveau  global  de  turbulence  a  I'entree  du  reacteur  (figure  2). 
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1.3  -  Historiquement,  les  mesures  de  compatibility  manche-reacteur  ont  conduit  a  caracteriser  les  cartes  de 
pressions  d'arrftt  stationnalres  en  supersonique  et  a  noter  ainsi  leurs  distorsions  maxlmaies.  etant  entendu 
que  les  fonr.tionnements  anormaux  tres  instationnaires  de  manche  (avec  buzz,  pompages  divers,  etc...) 
devaient  d'abord  Stre  elimines.  Ensuite,  on  a  caracterise  ces  cartes  dans  tout  le  domaine  de  vol  tie  l'avion 
et  on  les  a  reliees  aux  ennuis  rencontres  allleurs  qu'en  supersonique.  Lit  tres  mauvaise  correlation  obtenue  a 
conduit  a  la  rnesure  des  cartes  instationnaires  de  pression  d'arrftt  qui  ont  permis  tic  diminuer  cette 
incoherence  generale.  Cependant  ^augmentation  du  prix  de  1'lnstallation  et  du  coQt  du  depouillement 
associe  limite  la  generalisation  de  cette  technique  qui  est,  de  toute  fagon,  assez  incomplete.  Nous 
presenterons,  dans  ia  suite,  trois  voles  pour  economiser  sur  ces  coQts  eleves  en  ies  rendant  plus  homogenes 
et  plus  efficaces,  tant  au  niveau  des  essais  prelimlnaires  en  soufflerie  que  des  essais  au  banc  et  essais  en 
vol.  C’est  sans  psrdre  de  vue  une  telle  recherche  d'economie  quo  doit  Stre  trouve  la  place  de  mesures  plus 
correctes  de  l'ecoulement  instntionnalre  turbulent  decrit  en  (1.2.2)  ci-dessus  a  l'aide  de  mesures  locales 
d'lncidence  et  de  pression  d'arrfit  cotiplees. 

En  resume,  il  nous  faut  icquerir  plus  economlquement  une  information  plus  complete  sur 
l'ecoulement. 


2.  METHODES  O'ACQUISITION  ET  D'ANALYSE 

2.1  -  Partant  d'une  definition  sufflsamment  serree  des  carte:  instationnaires,  on  peut  d'abord  essayer  de  reduire 
la  quantlte  d'informations  a  traiter  en  utillsant  des  parametres  de  correlations  statlstlques  portant  sur  un 
pretraiteinent  des  donnees.  Deux  voles  d'economie  sont  possibles  :  on  peut,  soit  adrnettre  une  correlation 
d'ensemble  spatiale  ou  temporelle  de  J'ecoulement  en  piusieurs  points  dedult  d'un  ruodele  a  priori,  soit 
adrnettre  une  telle  correlation  en  la  deduisant  de  mesures  d'ensemble  dans  l'ecoulement.  La  premiere  voie  a 
etc  exploree  par  Mellck  et  conduit  a  des  resultats  lnteressants  pour  leur  economic  de  inoyen,  elle  est 
decrlte  en  detail  dans  les  references  (ref.  3  et  ref.  4).  Elle  presente  l'avantage  d'une  Dov  ibillte  de  contrflle 
statistlque  de  sa  validite,  done  d'une  evaluation  de  son  erreur  statistlque  probadi  .nuis  elle  conduit  a 
masquer  les  cartes  instantanees  sous  le  moule  probabllistc.  choisi.  On  doit  pnuvoir  i'inclure  systematique- 
ment  comrne  complement  instationnalre  a  partir  d'une  evaluation  en  qudques  points  des  composantes 
instationnaires  et  d'une  carte  detalllee  globale  stationnalre.  Comrne  le  resultat  no  depend  pas  de  fayon 
exageree  de  la  ioi  de  probability  lnconnue  des  fluctuations  de  l'ecoulement,  et  en  se  limitant  a  une 
precision  rnoyenne  (20  %)  sur  les  composantes  instationnaires,  notre  experience  nous  conduit  a  la 
recommander  de  toute  fayon.  Adrnettre  une  correlation  deduite  des  essais,  necessite  un  traitement  en  deux 
temps.  On  peut  encore  se  contenter  d'ajuster  les  coefficients  des  fonctions  de  Melick,  qui  ont  une  certaine 
valeur  theorique  a  des  mesures  experimentales  voisines. 


2.2  -  On  peut  egalement  adrnettre  que  les  mesures  doivent  permettre  de  caracteriser  les  points  critiques  de 

fonctlonnement  pour  le  compresseur,  mais  11  faut  alors  faire  une  salsie  pendant  un  court  intervalle  de 
temps  de  i'ensemble  de  l'ecoulement.  S'il  etait  possible  de  connattre  a  priori  le  critere  instationnaire  le  plus 
reallste  pour  le  moteur,  alors  la  mesure  de  celui-ci  devrait  permettre  de  ne  retenir,  pour  exploitation 
detaiHee  que  les  extrema  de  ce  critere.  Une  evaluation  approximative  de  l'extremun  peut  Itre  faite  a 
partir  d'une  detection  en  amor.t  du  plan  d'entree  d'air  de  coefficients  extremes,  soit  type  Mellck,  soit  plus 
counplets  portant  sur  l'incidence  locale  et  la  pression  d'arrfit.  Alors  cette  indication  devrait  permettre  un 
enregistrement  limite  de  la  carte  globale  avec  des  informations  portant  sur  les  correlations  spatiaies  et 
temporelles  et  sur  les  turbulences  moyennes  locales. 

2.3  -  On  donne,  dans  la  4eme  partie,  ci-dessous  le  Cahier  des  Charges  qui  a  ete  retenu  pour  la  definition  du 

systeme  d'acquisition  et  d'analyse  general  independamment  de  tout  processus  d'allegement  du  traitement 
(methode  statistique  de  ioi  fixee  a  priori)  ou  du  nombre  des  donnees  stockees  (choix  a  partir  d'indicateurs 
amont  Has  zones  de  temps  ou  i'on  gardera  t-t  traitera  les  donnees  experimentales  recueillies).  Mais  la 
quantite  des  donnees  a  acquerir  et  a  traiter  est  tres  elevee. 
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On  va  done  d&rrlre  d-dessous  en  detail  un  processus  cfalligement  du  traitement  et  du  stockage 
dont  le  but  sera  de  permettre,  pour  le  cas  de  l'essal  en  soufflerie  ou  les  contraintes  sont  les  plus  difficiles  h 
satisfaire  (a  cause  de  la  proportionnalite  a  1'echelle  des  frequences  maximales  a  prendre  en  compte). 
d'asscrer  un  suivi  des  essais  en  direct  et  un  depouiliement  allege  des  mesures.  Son  but  est  double  i 

-  guider  l'ingenieur  d'essais  pour  rechercher  les  configurations  interessantes , 

-  preciser  les  zones  a  depoulller  sur  la  bande  magnetioue  nurnerique  ou  analogique  enregistrant 
la  totalite  des  points  de  mesure. 

MOYEN  ALLEGE  DE  TRAITEMENT  ET  D'ACQUISITION  FOUR  ESSAIS  EN  SOUFFLERIE 

3.1  -  Si  on  retient  la  taille  maximale  acceptable  de  maquettes  dans  les  grandes  soufflerie  de  Modane  de 

l'ONERA,  on  est  conduit  a  des  echelles  de  maquette  proche  du  l/5eme,  soit  des  frequences  maximales 
d'echantillonnage  necessaires  5  fois  plus  elevees  qu'en  vol  ou  au  banc.  Comme  un  nombre  de  points  de 
mesure  eleve  est  requls  (ref.  5)  pour  caracteriser  une  rnanche  en  fonction  des  quatre  parametres  t  nombre 
ae  Mach  amont,  nombre  de  Mach  a  i'entree  du  compresseur,  incidence  et  derapage,  et  ceci  pour  plusieurs 
configurations,  il  est  tres  important  de  disposer  de  moyens  alleges  devaluation  instantanee  de  la  qualite  de 
l'ecoulement  pour  que  l'ingenieur  d'essai  puisse  guider  ic  pi  ngremme  d'essai  au  mieux.  On  designe 
habitueilement  une  telle  installation  sous  le  terme  de  surveillance  en  temps  reel  de  i'escai  ou  "quick-look". 

3.2  -  Les  criteres  pour  la  definition  d'un  bon  "quick-look"  sont  : 

-  reduction  maximale  du  temps  d'essai  (done  du  coGt), 

-  limitation  maximale  de  ^intervention  humalne, 

-  possibility  d'utiliser  la  suutlon  de  secours  existante  au  niveau  des  chalnes  d'acquisltion  de 
Modane  pour  un  depouiliement  local, 

-  possibility  de  simplification  de  la  methode  compte  tenu  de  l'experlence  qui  sera  progressive- 
rrient  acquise. 

On  ne  depoulilera  en  tempo  reel  (ou  quasi-ree.l)  que  les  zones  interessantes  ou  la  distorsion  est  )a 
plus  elevee.  II  est  done  necessaire  d'avoir  un  detecteur  de  ces  instants.  Sachant  que  les  fortes  distorsior.i 
dans  le  plan  compresseur  sont  obtenues  lorsque  de  grosses  perturbations  passent,  on  cherchera  f.  detected 
ces  grosses  bouffees  en  amont  de  ce  plan,  Pour  ceci,  des  sondes  seront  placees  a  environ  un  diametre  cr 
amont  du  plar  compresseur.  Un  crltere  simple,  base  sur  les  Indications  fournles  par  ces  sondes,  declencherc 
1'acqulsition  puis  le  traitement  de  l'ensembie  des  pressions  du  pelgne  pendant  le  passage  dc  la  perturbation 
a  leur  niveau. 
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FIGURE  3 


3.3  -  indice  de  detection  % 


II  doit  Stre  simple,  car  son  calcul  dolt  Stre  nettemenl  inferleur  au  temps  de  propagation  de 
l'ecoulement  entre  les  detecteurs  et  le  plan  compresseur  (s/  2  ms  si  X  =  2  D). 

Une  exploitation  effectuee  a  1'ONERA  montre  qu'une  pression  d'arrdt  (avec  ses  maxis  ou  ses 
minis)  est  un  mauvais  indice  j  par  contre,  le  maximum  de  difference  entre  deux  pressions  d'arrSt  obtenues 
en  des  points  diametralement  opposes,  dans  le  plan  de  symetrie,  prevoit  environ  les  2/3  des  pics  des  divers 
coefficients  de  distorsion.  II  faut  noter  cependant  que  tous  les  coefficients  de  distorsion  envisages  (K,  KD, 
IDC,  IDR . )  ne  donnent  pas  des  extremums  aux  mSmes  instants. 

Ainsi,  pour  detector  le  maximum  de  pics  de  dlstorsions,  cn  envisage  i'utilisation  d : 
4  a  6  detecteurs  ;  6  etant  un  maximum  pour  deux  raisons  : 

-  nombre  d'informations  a  tralter  en  temps  reel , 

-  creation  de  siilages  perturbant  l'ecoulement  dans  le  plan  de  mesure. 

L'indice  de  detection  actuellement  propose  est  I  ,  =  Pmax  -  Pmin  sur  les  "n"  detecteurs 

installes. 

3.4  -  Critere  de  detection 

L'indice  de  detection  est  calcule  en  temps  reel,  avee  un  programme  en  assembleur,  avec  une 
frequence  d'acquisition  voisine  de  16  KHz. 
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On  w  fixe  un  inter  v»lle  de  temps  "to"  pendent  lequel  on  recherche  le  maximum  de  l'indice  de 
detection  qui  servira  de  ler  seuil  de  detection. 

S  =  Max  (1^) 
t  =  o  a  t  =  t 

o 

Un  deial  d'attente  "to"  d'environ  0,1  s  est  envisage  actuellement. 

Pour  ne  tenir  compte  que  des  perturbations  d'une  certaine  importance  par  leur  duree,  on 
utilisera  un  indice  moyenne  sur  plusieurs  acquisitions  (trois  par  exemple). 

II  faut  noter  que  cette  moyenne  n'est  pas  equlvalente  a  la  division  par  trois  de  la  frequence 
d'acquisition  des  detecteurs. 

Un  tel  calcul  (6  detecteurs  et  n  =  3)  s'effectue  actuellement  uu  nleux  en  utillsant  une 
programmation  en  assembleur  en  environ  200  j*s  ;  valeur  a  comparer  avec  les  2  ms  necessaires  a  i'ecoulement 
pour  parcourir  la  distance  "deiecteurs-plan  de  mesure". 

Alnsi,  a  partlr  de  l'instant  t  =  t,,  ou  un  premier  seuii  S„  est  def ini,  i'acqulsltion  sera  declenchee 

lorsque  : 

1^  sera  superleur  a  S0 
A  cet  instant,  quaere  actions  debuteront  i 

a)  topage  de  la  bande  magnetique,  pour  retrouver  ulterleurement  les  zones  a  traiter. 

b)  apres  un  eventuel  "temps  de  retard"  t  ,  destine  a  limiter  le  volume  des  informations  i,  traiter,  on  stuckera 
sur  la  memoire  tampon  les  informations  recuelllles  sur  le  ptigne  i 

-  jZ  Volos  (ey+rtoslnn  nosslhl^  a  All) 

-  acquisition  :  16  KHz 

-  duree  d'acquisition  3  ms,  soit  environ  i  50  prelevements  par  vole  correspondent  a  un 
historique  portant  sur  50  valcurs  des  55  voles  (duree  maximale  possible  16  ms). 

c)  calcul  d'un  nouveau  seuil  de  detection  Si  :  ii  sera  obtenu  en  recherchnnt  le  maximum  de  I.  qui  suit  le 
declenchement  du  point  de  traltement. 

d)  interdiction  de  lancer  un  nouveau  point  d'acquisition  avant  un  "feu  vert"  qui  sera  precise  ulterleurement, 
fonction  du  traiternent  effectue  en  temps  reel. 


3.5  -  Tests  de  choix  du  point  de  mesure 

Lorsque  le  "feu  vert."  sera  donne  au  systeme  de  detection,  )e  declencliemfc'it  sulvant  sera 
effectif  lorsque 

1^  deviendra  superleur  ou  egal  a  5 j ,  ex  ainsl  de  suite. 

L'essal  sera  consldere  comme  termine  lorsqu'il  n'y  aura  pas  eu  de  detection  pendant  un  temps 
predeflnl  (tm  voisln  de  10s);  cela  slgniflera  que  pendant  ce  temps  tm,  aucune  perturbation  plus  forte  quo 
la  dernlere  detectee  r'est  apparue  (probleme  pose  au  paragraphic  1). 

Il  faut  noter  que  s.  aucune  perturbation  superieure  au  seuil  n'est  apparue  pendant  le  temps  to, 
il  n'y  a  pas  de  declenchement,  II  faut  cependant  conscrver  la  valeur,  par  exemple  a  t  =  0,  pour  verifier 
au'il  n'y  a  pas  d'erreur  sur  le  niveau  du  seuil  en  precisant  la  configuration  etudiee  (n“  de  point),, 

Si  ccci  se  produit  regulierement,  cela  slgnlfle  que  le  to  est  trop  grand. 

Par  ailleurs,  pour  avoir  le  traiternent  de  plusieurs  points  (et  d'au  moins  un  dans  le  dernier 
cas),  on  relancera  d'office  un  nouveau  cycle  avec  remise  a  t  =  0  (S  -=  0). 

3.6  -  Traiternent  du  point  de  mesure 

Les  informations  acquhes  sur  la  memoire  tampon  sont  transferees  sur  le  disque  du  HP  21C0 
de  la  chaine  d'acquisition.  Le  traiternent  demande  conslste  a  caiculer  pour  les  50  points  enregl.jtrcs  ies 
principaux  coefficients  de  distorsion  (K  ,  KD,  IDG,  et  IRD)  et  de  fournlr  sur  une  imprlrnante  les  valcurs 
maximales  de  ces  indices  pour  1'acquisitlon  effectuee. 

Un  tel  calcul  a  ete  effectue  par  i'ONERA  sur  un  HP  21  MXF  avec  36  presslons  pour  les 
4  indices  definis  ci-dessus  en  220  ms. 
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4.  CAHIER  DES  CHARGES  DU  MOYEN  GENERAL  DE  TRAITEMENT 


4.1  -  Compatibility 


Las  organismes  de  recherches,  les  avionneurs  et  les  rnotoristes  utilisant  des  methodes 
slmlJalres  d'analyse  de  l'ecouiement,  les  echanges  d'informatlons  entre  les  differcnts  partanaires  doivent 
fitre  organises  de  faqon  a  ce  que  chacun  d'eux  puisse  directement  obtenir  les  renseignements  indispensables 
a  la  realisation  de  ses  objectlfs  propres. 

Cette  demande  implique  une  compatibility  aussi  poussee  que  possible  entre  les  materiels  et 
logiclels,  tie  fa$on  a  garantir  que  Sexploitation  d'une  mcsure  d'interfit  general  sera  immediate  et  jdentique 
unez  I'un  ou  Sautre  des  participants. 

Cette  compatibilite  ne  dolt  evidemment  pas  freiner  les  programmes  propres  de  recherche  des 

Societes. 


4,;'  -  Acquisition  des  donnaes 

L'acquisition  des  donnoes  dans  le  cadre  de  Set  jde  des  heterogeneiteo  de  l'ecouiement  devra 
respecter  les  diverse*  recommandations  contenues  dans  les  nombreux  documents  exlstants  qui  couvrent 
i'acquls  des  mesures  precedemment  effectuees  (ref.  6  et  7). 


Le  plan  de  mesure  des  pressions  d'arrfit  resulte  d'une  definition  commune  unique  ;  11  sera  situe 
le  plus  pros  possible  de  Sentreo  du  compresseur  sans  toutefois  affecter  slgniftcatlvement  les  performances 
et  la  stabilito  de  la  turbornachine,  ce  qui  auralt  pour  effet  de  fausser  les  conclusions  des  etudes  de 
compatibilite  entree  d'alr- moteur. 

On  rappelle  que  les  etudes  reallsees  ont  montrii  qu'il  etalt  Important  pour  decriie  avec 
sufflsamment  de  pulsion  les  heterogeneltes  circonferenti»'''es  d’utlliser  au  minimum  hult  pelgnes 
clrconfiSrentlellement  equlrupartls.  La  comparalson  maquetve-  banc-vol  se  fera  alors  dans  une  position 
identique  du  pclgne  par  rapport  a  la  manche. 

Les  dlstorsions  radlales  seront  enreglstrees  par  cinq  prises  de  presslon  d'arrfit  par  peigne 
dlsposees  sur  des  cqulsurfaces.  Des  mesures  complementalrus  de  l'anglc  d'lncldence  seront  reparties  sur 
chacun  des  pelgnes,  alnsl  que  des  mesures  de  temperature  totaie. 

Des  gains  sur  le  temps  de  traltement  sont  possibles  avec  un  depoulllement  partlel  sur  ordlnateur 
local,  car  on  petit  admettre  I'une  des  rfiductlons  suivantes  i 

-  limitation  du  nombre  de  points  traltes  (<v50), 

*  reduction  du  nombre  de  coefficients  de  distortion  calcules  dans  le  plan  de  mesure 

pendant  2  ms, 

Integration  de  l'hlstolre  de  l'ecouiement  Interne  sur  Moins  de  3  diametres  de  la  prise  d'air. 


4.3  “  Mesures  complcmentalres 

Outre  les  voles  Instatlonnalres  destinees  aux  mesures  dans  le  plan  amont  compresseur,  plusieurs 
voles  statlonnalres  ou  instatlonnalres  sont  necessaires  pour  enregistrer  des  parametres  supplementalres  qui 
sont  spcclflques  a  chaque  type  d'essai  (banc,  voi,  souffierle)  i 

-  le  niveau  de  turbulence  des  dlverscs  pressions  statiques,  des  Incidences . des  references  souffierle, 

vol. 

-  les  pressions  statiques  entre  ctages,  la  temperature  totaie  a  l'entree  du  moteur,  certains  pnrametres  de 
regulation,  i'lnstatlonnarlte  reslduelle  en  sortie  du  compresseur,  .....  dans  ie  cas  de  mesure  au  banc 
partlel  ou  au  banc  moteur. 

-  quelques-uns  des  parametres  moteurs  cites  precedemment,  ainsi  que  des  Informations  sur  ies  parametres 
aetodynumlques  de  I'avlon  (Incidence,  derapage,  nombre  de  Mach)  et  de  la  manche  dans  le  cas  de  mesures 
so*-  avion. 

Une  base  de  temps  dolt  egalement  fitre  systematiquement  enregistree  lors  de  chaque  essai. 

Far  rapport  aux  voles  de  mesure  des  pressions  d'arrfit  seules,  on  peut  evaluer,  dans  chaque  cas, 
a  une  vlngtalne  le  nombre  de  voles  affcctees  a  ces  divers  usages  i  la  specification  sera  qu'au  total  64  voles 
Instatlonnalres  puissent  fitre  enreglstrees  sans  dephasage  inacccptabie  entre  voles. 


4.4  -  Bande  passante 

La  bande  passante  utile  des  phenomenes  dynamiques  se  determine  par  l'influence  relative  qu'elie 
a  sur  le  ionctlonnement  du  moteur  .  ainsi,  les  distorslons  de  I'ecoubment  amont  a  ires  haute  frequence 
(superieure  a  4  fois  la  vltesse  de  .  .nation  de  la  mac  dne)  alfcctent  peu  la  stability  du  compresseur. 


La  correlation  coefficient  de  dlstorsion-perte  de  marge  dc  oompage  la  meilleure  s'obtient  pour 
une  bande  passante  variable  sulvant  les  comp-  ’sseurs  (nombre  d'aubes,  corde  de  la  roue  mobile  ...)  qui 
reste  cependant  proche  de  la  vitesse  de  ro..,.  on  de  ia  machine.  La  figure  (4)  montre  la  variation  du 
coefficient  IDC  max  avec  la  bande  passante.  On  constate  que  revolution  autour  de  la  frequence 
correspondent  a  la  vltesse  de  rotation  de  la  machine  est  importante  j  ies  resultats  dependront  du  choix  de 
ia  bande  passant'  utile. 
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FIGURE  « 


Rappelons  qu'il  faut  egaiement.  tenir  compte  du  facteur  d'echeile  pour  corriger  les  bandes 
passantes  entre  les  essais  sur  maquette  et  les  essais  a  l'echelle  1. 


C'est  ainsi  que,  si  on  consldere  que  la  vitesse  de  rotation  maximum  d*un  fan  est  de  230  Hz  (soit 
15  000  t/mn),  la  bande  passante  utile  ne  depassera  pas  1  000  Hz  a  l'echelle  moteur  ;  dans  le  cas  d'une 
maquette  a  l'echelle  1/4,  la  bande  passante  utile  sera  alors  de  4  000  Hz.  SI  I'acquisition  est  numerique  ,  un 
taux  d'echantillonnage  egal  a  quatre  fois  la  bande  passante  est  suffisant  pour  eviter  le  repliement  spectral 
et  les  autres  erreurs  dues  a  la  memorisation. 


Cette  bande  passante  peut  evidemment  Stre  differente  suivant  le  type  de  mesure  effectue, 
notamment  lors  de  l'etude  des  regimes  transitoires  ou  instables. 


4.5  -  Temps  et  volume  total  d'acquiv.tion 

Le  temps  d'acquisition  doit  fitre  sufflsamment  long  pour  que  le  calcul  des  coefficients  de 
distorsion  instantanes  donne  un  maximum  representatif  et  assez  court  pour  eviter  d'accumuler  des 
informations  superflues.  A  tltre  indicatif,  on  donne  sur  la  fig.  5  un  exemple  caracteristique  de  coefficients 
de  distorsion  calcules  sur  une  manche  a  air.  On  voit  que  les  dates  des  maxima  sont  extrSmemcnt  variables 
suivant  le  coefficient  d'i  distorsion  ou  mime  suivant  la  bande  passante  conslderee.  On  admet,  avec  la 
plupart  des  auteurs,  que  30  secondes  a  l'echelle  moteur  sont  suffisantes  dans  la  plupart  des  cas  pour 
caracterlser  ur.  point  de  fonctionnement.  Une  telle  longueur  d'acrnisition  ne  pourra  Stre  obtenue  en 
configuration  de  vol  stabilise  que  pour  nornbre  iimite  de  points  du  domaine  de  vol  ;  pour  les  autres,  on 
1'obtiendra  par  repetition  des  essais  (figure  5). 

Enfin,  le  nornbre  d'essais  peut  itre  tres  variable  selon  les  difflcultes  rencontrees  au  cours  du 
developpement  de  1'appareil,  et  requiert  un  suivi  en  temps  reel  minimum  pour  orienter  les  mesures  dans  le:- 
zones  importantes  a  et udier. 

Nous  donnons  (fig.  5)  un  exemple  de  sensibilite  a  ces  parametres,  du  resultat  du  calcul  du 
coefficient  OC60  qul  montre  que  le  resultat  est  fonction  directe  de  la  bande  passante  et  du  temps  de 
ca'oil.  La  fig.  6  donne  donne  un  exemple  de  depouillement  et  de  calcul  continu  des  parametres  instantanes. 
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FIGURE  5 


Les  considerations  precedences  necessitent  que  le  s/steme  soit  capable  d'acquerir  au 
minimum  64  X  1  000  X  4  =  256  000  informations  numeriquis  da  ter  s  par  seconds  a  l'echelle  moteur  ;  en 
soufflerie,  le  nornbre  d'informations  par  seconde  est  muluplie  par  l'echelle  de  la  maquette,  le  nornbre 
global  d'informations  restant  identique  et  proche  de  7  millions  pour  une  configuration  (pour  30  secondes 
d'essais  echelle  grandeur). 

11  est  enfin  souhaitable  que  plusieurs  dizaines  de  cas  puissent  fttre  enregistres  avant 
changement  de  support  materiel. 


COEFFICIENTS  DE  DISTORSION 


1 '  JCte  rtrtfdi^in«tie«is  -  devriUent  ’)>«rme«tre  de  reconstituer  un  champ  complet  experimental  de 
vitesses  extremes,  analogue  au  champ  theorique  qui  est  trace  sur  la  figure  ci-dessous  et  qui  est  le  resultat 
a  temps  donne  d'un  calcul  instatlonnairc  des  equations  de  Navler  Stokes. 


FIGURE  7 


4.6  -  Precision  des  mesures 

4.6.1  -  La  determination  de  la  perte  de  marge  induite  par  une  heterogenelte  amont  si  elle  depend  de  la 
precision  de  la  methodologle  (coefficient  utilise,  bande  passante,  ...)  requiert  une  bonne  precision  sur  la 
mesure  de  la  grandeur  physique. 

L'objectif  fixe  est  d'effectuer  une  mesure  avec  une  precision  theorique  d'envlron  5  %  pour  la 
partie  instationnaire,  la  precision  absolue  globale  resultante  etant,  blen  entendu,  moins  bonne  ;  cette 
precision  caracterlsera  la  fidelite  des  essais. 

Seront  dlstinguees,  deux  grandes  sources  possibles  d'imprecision  : 

1)  la  precision  des  capteurs  et  la  derive  de  sensibilite  des  capteurs  ei  de  gain  des  ampilflcateurs, 

2)  le  non  synchronisme  entre  voies,  la  dlstorslon  d'amplltude  et  le  flltrage. 


4.6.2  -  On  dispose  actuellement  de  capteurs  instationnalres  ayant  le  niveau  de  precision  requis  mals  il  faut 
leur  assurer  un  environnement  adequat.  Les  capteurs  serorit  proteges  afin  d'evlter  un  '  ndommagement 
rapide  en  atmosphere  polluee,  sans  toutefois  limiter  la  bande  passante  utile,  un  traitement  special  des 
problemes  thermiques  est  necessaire  pour  evlter  une  derive  thermique  excessive  specialement  en  vol  et  en 
soufflerie  (Ref.  8). 


Par  suite  de  1'impossibllite  d'assurer  un  fonctlonnement  sans  defaut  de  l'ensemblc  des 
capteurs  on  assurera  le  remplacement  des  capteurs  deficients  par  une  moyenne  evaluee  sur  les  capteurs 
voisins 

-  la  partie  stationnaire  sera,  si  necessaire,  calculee  grSce  aux  n  (n  =  3  ou  4)  prises  stauonnaires  P^ss 

adjacentes :  „  . 

Pt„  m  R.  •  distance  entre  la  prise  consideree  et  la  prise  deterioree 

ill  0« 

-  la  partie  instationnaire  sera  de  mftrrie  calculee  gr&ce  aux  n  prises  instationnalres  adjacentes  : 

n  i 

— ~~f  ^W,t  Rj  s  distance  entre  la  prise  cc^sideree  et  la  prise  deterioree 

t*i  "oT 

De  plus,  un  contrfile  par  une  valeur  test  devra  6tre  systematiquement  effectuee  avant  et 

apres  essais. 


4.6.3  -  Le  non  synchronisme  entre  voies  est  une  source  d'trrcur  qui  provlent,  soit  d'un  decalage  statique  ou 
dynamique  entre  pistes  dans  le  cas  d'un  systeme  d'enregistremenr  analoglque,  soit  de  la  non  synchronisation 
de  l'echantiilonnage  en  cas  de  numerisation.  'Jn  echantillonneu>-  bloqueur  par  voie  peut  8tre  indispensable 
pour  assurer  la  synchronisation  de  l'echantiilonnage,  compte  tenu  de  la  large  bande  passante  demandee. 

La  distorsion  d'amplitude  est  fixee  par  les  normes  IRIG  d'enregistrement  magnetique  et 
augmente  lorsqu'on  s'ecarte  de  la  plage  lineaire  de  fonctionnement.  L'erreur  due  au  bruit  de  fond  resulte 
d'un  compromis  avec  l'erreur  de  distorsion  d'amplitude.  En  e.ffet,  pour  eviter  d'ecrftter  le  signal,  il  convient 
d'enregistrer  plusieurs  decibels  en  dessous  de  la  pleine  echelle,  ce  qui  a  pour  consequence  de  dimlnuer  la 
dynamiquo  utile,  .'erreur  peut  alors  atteindre  plusieurs  pour  cent.  Dans  un  systeme  du  type  PCM,  la 
dynamique  est  definie  par  le  nombre  de  bits  de  la  conversion  analogique-numei-iqoe  (soit  60  dB  pour  10  bits) 
ce  qui,  avec  une  marge  de  6  dB,  conduit  a  une  erreur  de  0,2  %  pour  ce  type  d'enregistrement. 
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Le  type  de  fiitrage  -  qu*U  solt  analogique  ou  numerique  -  Mt  igalement  une  source 


Reppelons  que  I'erreur  imputable  a  la  distorsion  de  phase  est  due  au  fait  cue  la  fonction  de 
transfert  d*un  quadripole  est  complexe  et  modifie,  a  la  fois,  Pampiitude  et  la  phase  du  signal  qui  le 
traverse  j  elle  se  produit  en  trois  points  de  la  chatne  t 

-  l'enregistreur  analogique  si  ce  type  d'enreglstreur  est  utilise, 

-  le  filtre  anti-repliement  avant  conversion  analogique  digital  s'il  s'agit  d*un  filtre  classlque, 

-  le  fiitrage  numerique  lors  du  traitement  si  on  utilise  un  filtre  recursif. 

Les  filtres  passe-bas  simuies  lors  du  traitement  numerique  peuvent  egalement  Otre  source 
d'lmprecision  provenant  du  type  de  filtre  utilise  ou  de  la  precision  souhaitle  qui  se  fait  au  detriment  du 
temps  de  calcul.  Le  tableau  1  presente  un  exemple  de  la  reponse  de  divers  types  de  filtres  du  point  de  vue 
du  temps  de  calcul,  du  d£phasage  et  de  la  valeur  maximum  d*un  coefficient  de  distorsion  K  inst. 


TABLEAU  1 


TYPE  DE  FILTRE 

DATE  OU  MAXI. 

TEMPS  RZLATIF  DE 
CALCUL. 

VALEUR  RELATIVE  DE 

KXNST 

FILTRACE  ANALOCtqVS  T  -  630  Mt  41  dB/.ct. 

T 

100 

MULTIPLICATION  SPECTRALE  HANN  TUXEY 

Dlfinitlon  Ipactrala  i  A  (f)  •  1  |f|<f 

l  A  <f)  -  U  (UcowKf-ft  >  U  f*f2 
(  A  (f)  •  6* jf  |  f 2  OfPTT) 

fl  *  156  HZ  48  dB/oct.  Dami-longuaur  ■  30  Ichantillona 

fl  *  156  HZ  60  dB/oct  Dami-longuaur  «  30  Ichantillona 

f 1  -  156  HZ  60  dB/oct.  Dami-longuaur  *  60  Ichantillona 

fl  «  156  HZ  60  dB/oct.  Dami-longuaur  “  20  Ichantillona 

I 

T 

T 

T 

162 

162 

278 

12) 

89. 9 

69.7 

B9.8 

19.  t 

MULTIPLICATION  SPECTRALE  BARTLETT 

Dliinition  Jp.ctr.l.  A(f>,  ■  1  f  (1 

A(f>  -  1  (3*4  co.TT/f-fl  \  «  2  Ml 

T  IfTTrJ  \TRT; 

1 1  t  n 

Alt)  •  0  J  f  1  *  12 

11  "  156  HZ  46  dB/oct  D«ai-lon|u.ur  ■  30  dch.ntillon. 

T 

161 

B7.I 

LISSACE  SPECTRAL  CLASPiqUE. 

Sur  3  point!  poid.  (1/3.  1/5,  1/5,  1/3,  1/5). 

21  •  156  HZ  4B  dB/oct.  D«ai-lon|u.ur  •  30  Ich.ntillon.. 

T 

ISS 

B3.I 

LISSACE  SPECTRAL  IIAHH  TWIT 

Paid.  (1/4.  1/2,  1/4). 

fl  •  156  HZ  48  dB/oct.  Dcai-lontu.ur  •  30  dch.ntiUan.' 

T 

138 

83.  S 

FILTRE  RECURSIF  BUTTER  WORTH 
l  •  154  HZ  «  pSl.i 

T  ♦  4 

100 

66.0 

Le  type  de  fiitrage  choisi  -  multiplication  spectrale  ou  lissage  spectral  -  peut  avoir  une 
grande  Importance  sur  le  resuitat,  aiors  que  la  longueur  du  filtre,  ou  mOme  sa  pente,  ont  molns  d'lnfluence 
sur  les  resultats.  Le  filtre  recursif  Butterworth  8  poles  est  particulieremert  performant  au  niveau  du  temps 
de  calcul  ;  cependant,  11  necesslte  une  programmation  en  quadruple  precision  pour  assurer  la  stabillte 
numerique  et  (ntroduit  un  dephasage  important,  11  est  cependant  impossible  de  fixer  des  norrnes,  compte 
tenu  des  chatnes  existantes  en  soufflerie  ou  en  vol. 

Enfin,  poi"-  faclllter  la  recherche,  le  stockage,  l'exploitatlon  et  1'lnterpretation  de  ces 
informations,  une  structure  de  donnees  commune  pour  tous  les  utilisateurs  sera  definie. 


5.  SOLUTIONS  PROPOSEES 

5.1  -  Pour  la  realisation  generale  de  la  chatne  de  mesure,  on  se  referera  aux  planches  jointes  decrivant  le 

dispositlf  d'acquisition  et  d'analyse  mis  en  place.  II  peut  se  developper  en  : 

-  dispositlf  de  detection  rapide 

-  disposif  de  saisie  au  banc  et  en  soufflerie 

-  dispositlf  de  saisie  en  vol 

5.2  -  Essais  en  soufflerie 

Le  dispositlf  de  detection  rapide  retenu  travaille  en  liaison  avec  Tordinateur  CII  IRIS  80  du 
Centre  de  Modane. 


rr^rrr 


La  succession  dei  sequences  et  tests  est  la  sulvante  t 


-  une  perturbation  est  detectee  j 

-  apresun  eventuel  temps  de  retard,  les  valeurs  numeriques  caractirisant  50  cartes  ins.antanees  sont 
stockees  en  memoirt  tampon  j 

-  I'ensemble  est  transmls  sur  le  disque  Hu  2100  dr  la  soufflerie  j 

-  le  disque  est  aussitdt  vide  sur  1'IRIS  80  qui  peut  commencer  le  traitement  j 

-  le  disque  etant  vide,  11  donne  le  "feu  vert"  pour  une  detection  sulvante. 

Alnsi  toute  l'acquisition,  jusqu'a  convergence  du  systeme  peut  se  faire  tres  rapidement,  11  n'y  a 
pas  d  avtente  pour  le  traitement  entre  deux  acquisitions  H'une  mftne  configuration. 


-  ORGANISATION  Dli  LA  CHAINE  - 
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En  parallel*,  MRIS  80  travallle  ef  sort  successlvement,  sur  une  imprimante  Logabax,  les 
coefficients  de  distorsion  maximaux  caicules  pour  chaque  detection. 

Cette  methode  permet  de  reduire  les  temps  d'essai  mais,  bien  sOr,  en  travaillant  en  temps 

quasi-eel. 

L'adjonction  dans  le  systeme  de  surveillance  de  l'essai,  de  I'ordinateur  central,  pose  le  probleme 
de  sa  disponlbilite.  Dans  le  cas  contraire,  l'essai  pourralt  s'effectuer  avec  le  systeme  de  secours 
habituellement  mis  en  place  a  Modane  qul  consiste  4  riduire  le  traitement  (10  ptans  au  lieu  de  50  par 
exemple  a  traiter  de  suite)  et  a  l'effectuer  sur  le  HP  2108  (les  autres  plans  seront  tnutefois  sur  le  disque  du 
2100  et  done  transferables  en  temps  differe  sur  1'IRIS  80). 

Toute  acquisition  d'une  serle  de  plans  de  mesure  sera  sulvis  d'une  sortie  precisant  les 
coefficients  de  distorsion  maximaux  sans  se  limiter  a  la  seule  sortie  de  la  derniere  acquisition  qul 
correspond  au  maximum  de  1'lndice  de  detection  rencontre  pendant  l'essai.  En  effet,  les  divers  coefficients 
de  distorsion  n'etant  pas  maximum  au  mime  instant,  iis  ne  seront  done  pas  necessairement  tous  au 
maximum,  lors  de  la  derniere  acquisition. 


5.3  -  Essals  au  banc 

A  partlr  des  specifications  generales  exposees  precedemment,  un  systeme  compiet  d'acqulsltion 
et  de  traitement  a  ete  definl,  ce  systeme  est  capable  de  mesures  en  soufflerie,  au  banc  et  en  vol. 

L'option  choisie  est  celle  d'un  enregistrement  et  d'un  traitement  entierement  numeriques,  gr4ce 
aux  materiels  performants  actuellement  dlsponlbles  sur  le  marche. 

Les  grands  prlnclpes  du  fonctionnement  general  de  la  chalne,  dans  le  cadre  du  banc  moteur 
(figure  9),  sont  exposes  cl-apres  i 


Dans  le  eat  tfenregUtrement  avec  caJcul  an  tempt  rial,  le  calculates  peut  positionner  des 
marqueurs  sur  une  des  pistes  pour  selectionner  les  moments  interessants  en  vue  d'un  depoullleme.it 
ulterieur. 

•  Systeme  de  calcul  temps  reel  et  de  depouillement 

C'est  le  mfime  systeme  qui  est  utilise  pour  le  calcul  temps  reel  et  le  depouillement. 

II  comprend  un  array-processor  qui  assure  la  reevaluation  des  capteurs  defectu.ux,  le  filtrage 
numerique  des  signaux,  si  necessaire,  et  le  calcul  de  coefficients  simples  en  temps  reel.  La  recherche  et 
le  marquage  des  instants  ou  ces  coefficients  depassent  un  seuil  specific  est  effectue  par  le  calculateur. 

En  temps  differe,  le  systeme  est  capable  d'effectuer  tous  les  calculs  numeriques  sur  l'enregis- 
trement  complet. 

Un  certain  nombre  de  peripheriques  -  traceurs  rapides,  console  et  clavier,  disque,  ....  -  sont 
interfaces  au  calculateur.  Une  liaison  avec  le  banc  d'essais  et  une  structure  de  donnees  centrale  est 
egalement  prevue. 


5.4  -  Essais  en  voi 

Le  dlsposltif  retenu  utilisant  le  m£me  type  d'acquisltion  qu'au  banc  est  trop  volumlneux  et  lourd 
pour  fitre  lnstalle  dans  un  avion  de  combat  de  la  taille  du  MIRAGE  2000.  Aussi  pour  les  mesures  de 
distorsion  sur  cet  avion,  on  fait  appel  dans  un  premier  temps  a  un  enreglstrement  anaiogique  FM  multiplexe 
ou  la  synchronisation  parfaite  requise  entre  les  differentes  pistes  est  obtenue  par  une  base  de  temps  IRIG 
sur  chaque  tfite.  Cette  methode  a  fait  ses  preuves  par  le  passe  et  elle  ne  souleve  aucune  dlfflculte 
fondamentale  sur  le  plan  technologique. 


CONCLUSION 

A  partir  des  besoins  devaluation  du  champ  aerodynamique  a  I'entree  du  compresseur  des 
reacteurs  et  de  ce  qui  est  realisable  avec  les  moyens  d'acquisltion  et  de  traitement  actuel,  on  a  presente  les 
specifications  et  les  details  de  realisation  d'un  ensemble  de  mesures.  Les  caracteristlques  aerodynamiques 
instationnalres  a  I'entree  du  compresseur  pourront  ainsi  dtre  mesurees  avec  une  flabilite  suffisante,  tant  dans  les 
essais  au  banc  que  dans  les  essais  en  soufflerie  et  en  vol.  L'interpretation  des  resultats  devrait  permettre  des 
progres  dans  1'evaluation  de  la  compatibility  entree  d'air  -  reacteur  par  le  choix  de  crlteres  de  senslbilite 
instationnalres  et,  par  consequent,  permettre  une  meilleute  adaptation  du  rnoteur  et  des  cellules  aux  conditions 
plus  severes  de  fonctionnement  propres  aux  nouveaux  avlons  militaires. 


REMERC1EMENTS 

Les  auteurs  tlennent  a  remercler  les  dlfferents  personnels  de  1'ONERA  et  M.  CZINCZENHEIM 
(AMD-BA)  pour  leurs  recommandations  et  leur  aide  dans  la  mlse  au  point  du  systeme  d'acquisltion  analogique 
actuellement  en  usage  pour  tous  les  essais  d'entree  d'air  Industrlels  a  j'ONERA  a  Modane  et  leurs  conseils  et 
recommandations  pour  la  nouvelle  chalne  en  cours  de  realisation  qui  est  docrlte  dans  ce  papier. 

-  Pour  la  definition  de  la  chatne  des  essais  en  vol  AMD-BA  i  MM.  COSTARD  et  PATUREAU 

-  Pour  le  depouillement  des  essais  :  le  Departement  d'Aerodynamique  Experimentale  des 
AMD-BA  et  le  personnel  specialise  des  Grands  Moyens  d'Essais  de  1'ONERA. 

-  Pour  la  definition  des  clauses  techniques  s  M.  EYRAUD  et  AUZOLLE  de  la  5NECMA. 
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A  SYNTHESIS  METHOD  FOR  ESTIMATING  MAXIMUM  INSTANTANEOUS  INLET  DISTORTION 
BASED  ON  MEASURED  INLET  STEADY  STATE  AND  RMS  PRESSURES 

By  Donald  Borg 
Aerodynamics  Department 
Volvo  Flyamotor  AB 
S— 461  81,  Trolihtitton,  Sweden 


SUMMARY 

The  requirement  for  maximum  instantaneous  inlet  distortion  measurement  has  increased  the  costand 
work  involved  in  test  and  data  reduction  in, -snsely.  Therefore,  for  screening  purposes,  there  is  a 
need  for  a  method  to  estimate  maximu.,  insti>  tanoous  distortion  based  on  time  averaged  values  such 
as  steady  state  and  RMS  inlet  rake  presiux  '  using  small  scale  models  and  relatively  sparse 
instrumentation.  A  synthesis  method  bas«d  on  steady  state  and  RMS  pressure  measurements  has  been 
developed  using  a  simple  mathematical  computer  model  which  estimates  the  maximum  value  of  an  engine 
distortion  index.  The  estimated  values  obtained  with  the  computer  model  have  been  correlated  with 
actual  measured  maximum  instantaneous  distortion  values  from  several  different  tests  and  the  results 
indicate  that  the  method  is  useful  in  an  inlet-airframe-engine  configuration  development  program. 

The  method  is  not  proposed  to  eliminate  time  correlated  multi  channel  instantaneous  distortion 
measurements,  it  is  primarily  intended  as  a  tool  for  screening  configurations  before  final  selection 
and  commitment  to  more  expensive  testing.  The  synthesis  method  has  oito  been  complemented  with 
extreme  value  analysis  of  the  computer  generated  distortion  data  in  order  to  evaluate  the  likely 
increase  in  maximum  distortion  index  with  increased  time  of  observation. 
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LIST  OF  SYMBOLS 
weighting  term  applied  to  Kra2 
0°  =  60;  90;  120;  120  GG  (Rolls  Royce) 
cut-off  frequency 
gas  generator 

circumferential  and  radial  index  (G.E.) 
circumferential  distortion  index  (P  &  W) 
weighted  sum  of  Kq  and  (P  &  W) 

core  flow  circumferential  index  (P  &  W) 
radial  distortion  index  (P  &  W) 
radial  distortion  index  (P  4  W) 

root  mean  square  total  pressure  fluctuation  at  a  probe  around  a  steady  state  value 

average  of  several  probe  root  mean  square  values 

compressor  face  steady  state  average  pressure 

average  steady  state  dynamic  pressure  at  compressor  face 

corrected  engine  weight  flow 

standard  deviation 

angle  of  attack 


INTRODUCTION 

In  the  late  1960:s  it  became  apparent  that  all  inlet  testing  would  hove  to  bo  carried  out  with 
dynamic  probe  instrumentation  in  the  future  in  order  to  properly  account  for  the  effects  of  inlet 
distortion  on  the  engine  stability  margin.  This  is  shown  for  instance  in  ref  1.  The  result  of  this 
was  an  immense  increase  in  cost  and  work  involved  in  screening  the  data  with  analogue  computers 
and  then  followed  by  digital  data  reduction  of  massive  amounts  of  data.  Dynamic  testing  is  here 
understood  to  mean  measurement  of  maximum  instantaneous  inlet  distortion  using  multichannel  time 
correlated  time  variant  pressure  data.  This  has  been  described  in  ref  2  for  example.  The  measurement 
of  maximum  instantaneous  inlet  distortion  also  increased  the  required  minimum  size  of  the  wind  tunnel 
inlet  models  to  *1/6  th  scale  from  1/20  to  1/10  th  scale  generally  used  in  the  early  development 
phase  of  a  project.  This  was  due  to  the  sheer  physical  size  of  the  multichannel  dynamic  probe  rake 
required  for  the  time  correlated  data.  This  in  turn  eliminated  several  smaller  types  of  wind  tunnels 
for  inlet  work  and  several  facilities  also  did  not  have  the  dynamic  data  reduction  equipment  and 
computer  power  required  for  analogue  and/or  digital  data  reduction  of  the  inlet  data. 


SMALL  SCALE  DYNAMIC  INLET  TEST 

In  1972  a  dynamic  inlet  distortion  test  was  carried  out  on  a  1/10  th  scale  inlet  model  of  a  combat 
aircraft,  ref  3.  Due  to  cost  restraints  the  model  used  was  an  existing  inlet  steady  state  test 
model  which  had  been  used  in  a  multitude  of  tests  previous! , .  The  email  scale  limited  the  dynamic 
probe  ai ray  to  12  in  addition  to  16  steady  state  probes  arranged  as  shown  in  a  half  face  compressor 
inlet  configuration  in  figure  1. 

The  test  conditions  were  the  following: 

Angle  of  attack  0  to  25  deg. 

Mach  number  0  to  0.8. 

Inlet-engine  mass  flow  varied  from  30  %  to  110  of 
design  flow. 

Due  to  cost  restraints  only  40  %  of  the  inlet  test  conditions 
were  digitally  reduced  and  screened  for  maximum  instantaneous 
distortion  values  with  a  properly  scaled  engine  response 
cut-off  filter,  (1600  Hz),  while  APRMS  and  steady  state  probe 
data  were  measured  at  all  the  test  conditions.  The  maximum 
instantaneous  distortion  data  points  were  picked  from  a 
distortion  sample  of  500  values  of  the  screened  index  used. 

This  number  was  again  related  to  the  cost  of  data  reduction. 

Data  at  a  few  test  conditions  were  evaluated  with  up  to 
2000  samples  but  these  did  not  show  significant  increases  in 
maximum  distortion  values. 

Dynamic  distortion  data  were  urgently  needed  for  the  RM8B 
engine  computer  simulator,  but  It  was  clear  that  the 
wind  tunnel  data  could  not  be  used  directly  without  some 
special  treatment  due  to  the  sparse  probe  instrumentation  used 
in  the  test. 

Large  amounts  of  steady  state  distortion  data  were  available 
from  a  multitude  of  previous  tests  with  closely  spaced 
instrumentation  (up  to  72  probes).  There  was  therofore  a 
great  need  for  a  synthesis  method  that  could  put  together 
all  the  data  available  and  estimate  the  maximum  instantaneous 
distortion  at  all  tho  flight  conditions  required  for  the 
installed  engine  simulator. 


COMPUTER  MODEL  FOR  DISTORTION  SYNTHESIS 

The  computer  model  uses  a  steady  state  distortion  pattern  together  with  local  RMS-pressure 
fluctuations  and  a  fixed  APD-distribution  at  a  number  of  probe  locations  or  rake  geometry. 

The  information  is  combined  to  an  artificial  instantaneous  distortion  pattern  using  a  computer 
with  a  random  number  generator  and  a  chosen  distortion  index  is  evaluated.  The  process  is  repeated 
a  large  number  of  times  and  the  generated  pattern  producing  the  maximum  distortion  index  is 
retained.  The  method  is  a  close  analogy  to  the  evaluation  of  maximum  instantaneous  distortion  in  a 
test.  The  method  was  applied  to  the  1/10  th  scale  model  data. 

Analysis  of  the  inlet  model  test  data  showed  that  only  0.1  %  of  the  probe  AP:s  exeeded  t  3  0  in 
amplitude.  Also  APD:s  (Amplitude  Power  Density)  in  the  form  of  histograms  showed  that  the  pressure 
data  were  relatively  close  in  form  to  a  normal  Gaussian  probability  pressure  distribution  as  shown 
in  figure  2. 

PSD  (Power  Spectral  Density)  analysis  of  probe  pressures  showed  that  the  energy  was  distributed 
relatively  evenly  over  all  frequencies  'ith  no  concentration  to  any  specific  frequencies,  ref  3. 

A  check  on  averago  vortex  size  according  to  a  method  outlined  in  ref  4  showed  that  the  average 
vortex  size  in  the  inlet  duct  was  5  %  of  the  duct  diameter  based  on  the  measured  PSD:s.  It  could 
therefore  be  assumed  that  with  the  spacing  used  in  the  model  rake  the  pressure  correlation  between 
probes  would  generally  be  weak. 

After  trying  several  different  approaches  to  the  computer  pressure  generation  as  described  in 
detail  in  ref  5,  the  method  shown  in  figure  3  yielded  the  best  results  when  correlated  with 
measured  maximum  instantaneous  distortion. 

The  normally  distributed  random  numbers  are  actually  generated  by  adding  12  independent  random 
numbers  which  are  uniformly  distributed  over  the  interval  (0;1).  Such  a  random  number  generator 
is  often  available  in  a  computer  system  yielding  fast  results.  By  adding  12  such  numbers  we  get  a 
random  number  which  is  approximately  normally  distributed  according  to  the  central  limit  theorem 
of  mathematical  statistics.  A  linear  transformation  can  then  be  applied  to  yield  a  number  with 
the  desired  mean  value  and  standard  deviation. 

The  input  to  the  computer  consists  of  the  measured  probe  steady  state  and  APrms  pressure  values 
with  the  APrms  values  measured  with  a  suitable  cut-off  filter.  The  computer  then  generates  a 
random  pressure  at  each  probe  and  calculates  a  chosen  distortion  index  value  for  the  rake  geometry 
used.  This  is  repeated  until  a  sufficient  number  of  distortion  samples  have  been  generated  and  the 
maximum  value  is  retained  with  its  corresponding  pressure  distribution. 
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COMPARISON  OF  COMPUTER  GENERATED  MAXIMUM  DISTORTION  WITH  l/lO  th  SCALE 
MEASURED  INSTANTANEOUS  VALUES 

The  values  of  maximum  Kq  circumferential  index  and  Kr  radial  index  obtained  from  the  computer 
(500  samples)  were  compared  with  the  maximum  instantaneous  measured  values  (500  samples)  obtained 
from  the  1/10  th  scale  model  inlet  test.  Results  are  shown  in  figures  4,  5  and  6  with  K§  in 
figures  4  and  5  for  two  different  inlet  configurations  and  Kr  in  figure  6.  These  results  are 
typical  for  the  49  inlet  test  conditions  that  were  digitally  reduced  to  obtain  instantaneous 
distortion  data,  see  ref  5.  As  can  be  seen  the  circumferential  index  is  on  ths  average  somewhat 
underestimated  while  the  radial  index  is  overestimated. 


Hi  MAX  INST.  Kei-IAX  INST. 

Fig.  4  Comparison  of  max.  inst.  and  Fig.  5  Comparison  of  max.  inst.  and 

max.  synth.  distortion  max.  synth.  distortion 


Figure  7  shows  the  effect  of  using  an  average  of  APrms  ot  all  probe  stations  in  the  computer  and 
then  comparing  these  values  with  max  instantaneous  values.  This  wos  a  check  on  how  sensitive  the 
distortion  values  are  to  local  turbulence  values  rather  then  the  average  intensity  of  the 
turbulence.  As  can  be  aeen  in  figure  7  there  was  no  drastic  change  in  correlation  when  compared  to 
figure  4.  Therefore  there  seemed  to  be  a  possibility  of  using  a  reduced  amount  of  dynamic  probes 
if  these  reflect  an  average  of  the  turbulence  intensity  ond  then  applying  these  values  to  a  more 
closely  spaced  steady  state  rake  configuration  in  the  computer  model. 
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The  sc  results  were  considered  sufficiently 
encouraging  to  go  ahead  and  use  the  method 
to  generate  distortion  vaJues  for  the  RM8B 
computer  simulator  using  steady  state 
information  from  inlet  models  with  dense 
compressor  face  rakes  and  APrhs  values 
from  the  1/10  th  scale  dynamic  inlet  test. 

At  this  stage  it  could  be  argued  that  the 
correlation  achieved  was  due  to  the  sparse 
rake  configuration  and  that  the  method 
would  not  be  successful  with  more  closely 
spaced  instrumentation  due  to  increased 
correlation  between  probes.  It  therefore 
remained  to  verify  the  method  with  maximum 
instantaneous  distortion  data  obtained  in 
tests  with  closely  spaced  rakes  («  48  probes) 
and  these  data  would  have  to  be  obtained 
fro'-  sources  outside  VFA. 
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max,  synth.  distortion 


TEST  OF  THE  DISTORTION  SYNTHESIZING  METHOD 
ON  DATA  MEASURED  WITH  CLOSELY  SPACED 
INSTRUMENTATION 


RAKE  CONFIGURATION  FOR  P8.W  HARTFORD 
TEST  CASES  WITH  CLOSELY 
SPACED  INSTRUMENTATION 


With  the  kind  cooperation  of  P  &  W  and 
Rolls  Royce  it  has  been  possible  at  different 
occasions  to  obtain  data  for  further  verification 
with  closely  spaced  rake  configurations. 

I.  Four  test  cases  were  obtained  through 
P  &  W  Hartford.  The  results  of  the 
application  of  the  synthesis  method  to 
these  data  is  reported  in  detail  in 
ref  6.  The  data  of  the  four  test  cases 
were  taken  from  a  test  described  in 
ref  7. 

Figure  8  shows  the  rake  configuration 
used  in  the  test  and  the  table  summarizes 
relevant  details  and  data  about  the  test 
cases  used. 
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Fig.  9  Comparison  of  max.  inst.  and 
max.  synth.  distortion 


The  input  data  to  the  synthesis  computer  program  were  given  in  the  form  of  steady  3tate  pressures 
and  APrms  pressures  at  each  probe. 

A  comparison  of  Kg  is  shown  in  figure  9.  The  synthesized  data  were  evaluated  with  500  and  1000 
samples.  It  has  not  been  possible  to  trace  the  sample  size  of  the  instantaneous  data.  Figure  9 
shows  that  there  is  a  significant  improvement  when  going  to  1000  samples  and  that  the  correlation 
is  well  within  t  20  %  with  a  trend  towards  underestimate  of  maximum  instantaneous  values  for  the 
few  cases  shown.  These  results  are  very  similar  to  the  results  obtained  from  :ha  1/10  th  scale 
model  inlet  test  and  gave  an  indication  that  the  synthesis  method  did  not  deteriorate  when  data 
with  closely  spaced  instrumentation  were  used. 

Figure  10  shows  the  result  of  using  full  face  average  APRMS  at  oil  probe  stations  and  this 
apparently  increases  the  underestimate  when  compared  to  figure  9  where  local  APRMS  values  were 
used.  Figure  11  shows  K@  splitter  coreflow  calculations  and  in  this  case  the  correlation  is  more 
cantered. 


Ke  max  synth 
AVO.  RMS 


SPUTTER  *9  MAX  SYNTH. 


Fig,  10  Comporison  of  max.  inst.  and 
max.  synth.  diatortion 


Fig.  II  Comparison  of  max.  inst.  jnd 
mox.  synth.  distortion 


II.  Data  of  nine  test  cases  were  obtained  from  Rolls  Royce  representing  maximum  instantaneous 

test  data  from  1000  samples  (1  second  of  digitized  data)  ref  8.  Figure  12  indicates  the  rake 
geometry  used.  The  nine  test  cases  are  summarized  in  the  table  below. 

ROLLS  ROYCE  DISTORTION  DATA  CASES 


RAKE  CONFIGURATION  FOR  ROLLS  ROYCE 
TEST  CASES  WITH  CLOSELY 
SPACEO  INSTRUMENTATION 


40  STEADY  STATE  AND 
40  HIGH  RESPONSE  PROBES 

Fig.  12 


CASE 

1 

2 

3 

4 

5 

6 

7 

8 

9 

iPRM5 

*T2 

0.012 

0.010 

0.014 

0.010 

0.011 

0.012 

0.016 

-  .  J 

0.021 

0.020 

V- 

7.395 

7.863 

7.800 

8.187 

7.985 

7,895 

7.722 

9.219 

10.726 

STEADY  STATE  DISTORTION 


°Cpo 

0.331 

0. 104 

0.349 

0.119 

0.188 

0.310 

0.403 

0.421 

0,412 

DC90 

0.297 

0.089 

0.317 

0.103 

0.165 

0.282 

0.371 

0.381 

0.376 

°C120 

0.253 

0.080 

0.278 

0,0?0 

0.143 

0.242 

0.328 

0.339 

0.336 

°C120  00 

0.250 

0.042 

0.268 

0.057 

0,109 

0.228 

0.340 

0.291 

0.255 

t  AX  INST.  DISTORTION 


°c60 

0.464 

0.272 

0.484 

0.250 

0.301 

0.-129 

0.549 

0.629 

0,658 

°C90 

0.404 

0.234 

0.484 

0.219 

0.266 

0.382 

0.502 

0.569 

0.586 

°C1  20 

0.332 

0.190 

0 . 4  i  7 

0.182 

0.221 

0.319 

0.441 

0.614 

0.540 

°C120  00 

0.367 

0.206 

0.390 

0.172 

0.231 

0.321 

0.463 

0  583 

0.496 

MAX  SYNTH.  DISTORTION 


°c60 

0.450 

0.204 

0.487 

0.234 

0.288 

0.442 

0.524 

0.603 

0,574 

°C90 

0.392 

0.177 

0.436 

0.188 

0.239 

0,370 

0.478 

0,535 

0,516 

°C|20 

0.325 

0.163 

0.375 

0.167 

0.205 

0.321 

0.412 

0.468 

0,468 

Dcl  20  GG 

_ 1 

0.393 

0.125 

0.379 

0.131 

0.191 

0.352 

0.461 

0.46B 

0.456 

Figures  12  through  16  show  tho  correlation  obtained  with  500  and  1000  samples  with  a  worthwhile 
improvement  when  using  luGO  samples.  The  evaluated  index  values  are  Deg  with  0°  s  60;  90;  120  and 
120  gas  generator  (3  Inner  rings).  The  results  are  extremely  encouraging  and  the  general  trend 
is  again  towards  some  underestimate.  In  reference  8  some  additional  inlet  data  are  treated  by 
Rolls  Royce  where  also  the  results  of  the  effect  of  reduced  APRM5  probe  information  shows  very 
encouraging  results. 
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°C90  MAX  SYNTH. 


Fig.  13  Comparison  of  max.  inst.  and 
max.  synth.  distortion 


Fig.  14  Comparison  of  max.  inst.  and 
max.  synth.  distortion 
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Fig.  15  Comparison  of  max.  inst.  and 
max.  synth.  distortion 


Fig.  16  Comparison  of  max.  inst.  and 
mux.  synth.  distortion 


Four  tost  cases  wara  obtained  from  P  4  W  Florida.  The  application  of  tha  synthesis  method  to 
these  data  has  been  treated  in  detail  in  ref  9.  The  table  bnlow  summarizes  relevant  details 
und  data  of  these  test  cases.  These  data  have  their  origin  in  tests  later  reported  in  ref  10  and 
11.  The  sample  size  ueed  to  pick  the  maximum  instantaneous  values  is  presently  not  known  to 
the  author  but  it  is  probably  greater  than  1000.  As  can  be  seen  from  the  table  cases  1  and  2 
are  very  high  APRMS  cases  while  cases  2  and  3  are  more  normal  inlet  operating  conditions. 

Thu  raka  configurations  used  are  shown  in  figure  17. 


HAKE  CONFIGURATION  FOR  PAW  FLORIOA 
TEST  CASES  WITH  CLOSELY 
SPACED  INSTRUMENTATION 

TEST  OASES  I  AND  2 


48  STEADY  STATE  AND 
48  HIOH  RESPONSE  PROBES 

TEST  CASES  3  AND  4 


PAW  DISTORTION  DATA  CASES 
Ka2  SCREEN 


CASE 

1 

2 

3 

4 

^RMS 

PT2 

0.107 

0.081 

O.OI2 

0.022 

7.04 

6.27 

6.31 

6.08 

STEADY  STATE  DISTORTION 


Ke 

0.735 

0.695 

0.076 

0.178 

KRA2 

0.138 

0.110 

0.474 

0.484 

*A2 

0.905 

0.846 

1 .072 

0.908 

KC2 

0.663 

0.563 

0.042 

"0J68~ 

MAX  INST.  DISTORTION 


Ke 

1 .224 

i .  272 

K«A2 

0.293 

0.465 

*A2 

1.585 

1.929 

kc2 

1.167 

1 .  150 

MAX  SYNTH.  DISTORTION 


K9 

7.179 

1.136 

K*A2 

0.378 

0.278 

<*2 

1.644 

1.528 

*c2 

1,117 

1.020 

KC2  SCREEN  KCz;MAX  SYNTH.  DISK 
l<C2  1.301  ''344  0.142  < 


40  STEADY  STATE  AND 
40  HIOH  RESPONSE  PROBES 

Fig.  17  A,  17  D 
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Figure  18  shows  the  results  of  KA9  correlation  and  also  includes  a  e nape risen  of  the  distortion 
components  that  constitute  the  value  of  KA2  namely  the  circumferential  index  Kg  and  the  radial 
index  KRa2>  The  data  were  screened  for  max  value  of  K^2  ond  the  synthesized  data  is  based  on 
1000  samples.  Figure  18  shows  that  cases  1;  3  and  4  arc  well  predicted  in  KA2  while  case  2  is  20  % 
underestimated.  Looking  at  the  component  values  one  can  expect  that  getting  a  good  estimate  of  the 
individual  terms  is  rather  remote  when  screening  on  the  sum  and  the  plot  shows  that  case  1  ond  2 
radial  terms  KRA2  are  off  in  either  direction.  Extreme  value  analysis  of  a  1000  sample  synthesized 
values  shows  that  the  case  2  point  has  a  likely  increase  to  values  indicated  by  the  flagged  triangle 
in  figure  18,  if  the  sample  size  is  increased  to  very  large  values. 

Figure  19  shows  the  results  of  correlation  of  «C2  screened  on  KA2  and  these  results  are  extremely 
satisfying.  If  the  synthesized  data  are  screened  for  maximum  Kro  instead  much  higher  values  of 
Kq  are  obtained  as  indicated  in  the  table  of  the  test  cases.  The  test  cases  were  also  compared 
using  the  &C60  index  and  the  results  are  shown  in  figure  20.  Although  the  P  4  W  data  were  screened 
on  K^2  the  results  are  not  very  different  with  the  synthesized  points  screened  on  Ocao*  Case  2  was 
also  run  with  2000  samples  and  showed  a  definite  improvement.  Figure  21  shows  the  effect  of  using 
the  rake  ring  3  APpj^s  values  (8  probes)  radially  constant  and  it  shows  virtually  no  effect  on 
calculated  values  in  figure  20.  A  midspan  ring  APp^s  information  only,  apparently  yields  very  good 
results  as  shown  also  in  ref  8  on  inlet  data  not  included  in  this  paper. 
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Fig.  18  Comparison  of  max.  inst.  and 
max.  synth.  distortion 
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Fig.  20  Comparison  of  max.  inst.  and 
max.  synth.  distortion 


HIGH  COMPRESSOR  DISTORTION  FACTOR. 
VALUES  SCREENED  ON  FAN  FACTOR  XA2 


KC2  MAX  INST. 

Fig.  19  Comparison  of  max.  inst.  and 
max.  synth.  distortion 


PC60  SYNTH.  (ALL  RMS  PROBES  4S  AND  40) 
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Fig.  21  Comparison  of  mox. synth.  distortion 
with  complete  and  reduced 
instrumentation 


•  EXTREME  VALUE  ANALYSIS 

Ref  12  describes  o  method  of  extreme  value  analysi*  of  inlet  date  whereby  it  ie  possible  to  predict 
the  likely  increase  in  an  inlet  distortion  index  with  time  (or  sample  sire)  by  using  a  relatively 
limited  sample  size  or  time  period  of  data.  Actually  1000  samples  is  the  minimum  recommended  with 
20  extremes  and  50  independent  samples  for  each  extreme.  Extreme  value  analysis  has  been  incorporated 
in  the  synthesis  program  and  is  applied  to  the  generated  distortion  values.  Test  of  the  prediction 
when  comparing  synthesized  and  measured  values  is  limited  due  to  lack  of  instantaneous  measured 
complete  data  samples.  A  comparison  has  been  made  between  measured  and  synthesized  data  for  data 
point  29/3  from  the  1/1 0  th  scale  test,  and  the  results  ore  shown  in  figure  22.  The  index  K$  is 
plotted  versus  a  log  time  scale  and  includes  synthesized  values  and  measured  data  values  for  sample 
sizes  of  500;  1G00  and  1500.  With  sample  size  500  the  faired  curves  (3-rd  asymptote)  show  different 
trends. 

This  is  also  the  case  with  1000  samples  where  the  tost  data  include  3  higher  distortion  values  at 
the  end  of  the  sample  while  the  synthesized  values  itill  include  only  one  high  value  and  this  results 
in  different  extrapolated  trends  with  time. 

With  1500  samples  the  synthesized  data  have  picked  up  an  additional  high  value  point  while  the  test 
data  have  not  picked  up  any  higher  value  from  the  increased  sample  size. 

This  now  results  in  quite  similar  trends  of  expected  distortion  volues  with  time  or  increased 
sample  size.  One  can  then  conclude  that  for  this  particular  dota  point  extrapolation  to  larger 
sample  sizes  requires  at  least  1500  samples  of  teut  data.  The  1/10  th  scale  data  which  was  run 
with  500  samples  for  each  data  point  therefore  probably  does  not  lend  it  itself  to  extreme  value 
analysis  with  the  purpose  of  extracting  a  probable  increase  in  distortion  value  witn  increased 
sample  size.  Work  is  needed  here  to  define  the  minimum  sample  size  needed  with  test  data  and 
synthesized  dota  in  order  to  be  able  to  extrapolate  a  distortion  index  to  larger  sample  sizes  or 
time  periods  with  reasonable  accuracy  and  sti.11  keep  the  cost  down. 

If  extreme  value  analysis  had  been  employed  in  ref  3  (not  available  at  that  time)  to  analyze  the 
minimum  sample  size  required  for  extrapolation  rather  than  checking  the  increase  in  singular 
maximum  values  with  sample  size  which  led  to  the  value  500  samples  it  would  probably  have  been 
found  that  this  value  was  too  small.  This  does  not  affect  the  synthesis  work  as  we  were  ther 
comparing  equal  sample  sizes  of  test  data  and  synthesized  data. 


Fig.  22  C  Extrema  value  anolysis, 
1500  sumples 


Figure  23  shows  a  comparison  o;  3-rd  asymptote  valus  ot  ths  snd  of  500  samples  (no  sxtrapolation) 
for  13  data  points  from  ths  1/10  th  seals  inlst  tost  using  synthssizsd  distortion  and  actual 
msasursd  distortion  values.  Tho  corrslation  improvss  somswhat  and  thsrs  is  loss  undsrsstimats  of 
ths  synthssizsd  values  when  comparing  ths  3-rd  asymptote  plot  with  ths  plot  of  singular  maximum 
values.  Ths  maximum  dynamic  distortion  value  from  an  inlst  should  probably  be  defined  as  a  3-rd 
asymptote  valus  with  d  band  based  on  c  certain  minimum  sample  size  that  yields  reasonable 
extrapolation  possibilities. 


In  this  way  one  obtains  a  weighted  value  rather  than  a  value  onsed  on  a  singular  maximum 
instantaneous  value. 


3  RD  ASYMPTOTE  VALUE 
OF  K#  MAX  SYNTH. 
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3  RD  ASYMPTOTE  VALUE 
OF  Kg  MAX  INST. 

Fig.  23  A  Comparison  of  3-rd  asymptote 
max.  inst.  and  max.  synth. 
dis  tortion 
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Fig.  23  B  Comparison  of  max.  inst.  and 
max.  synth.  distortion 


AVERAGE  APRMS  FROM  REDUCED  NO  OF  PROBES 

Midspan  ring  average  APr^c  values  have  been  compared  to  tho  averaae  of  all  instrumentation  for 
tile  tests  evaluated  in  this  paper.  This  is  based  on  the  good  correlation  of  results  obtained  when 
using  only  midspan  data.  Figure  24  summarizes  these  comparisons  and  it  indicates  that  a  rather 
good  estimate  of  average  turbulence  is  achieved  when  using  only  20  to  30  %  of  full  instrumentation. 

If  a  rotating  rake  is  used  in  a  small  scale  model  test  the  required  number  of  installed  dynamic 
prubes  is  further  reduced. 
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Fig.  24  A  Comparison  of  average  APrms 
with  complete  end  reduced 
instrumentation 
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Fig.  24  B  Comparison  of  average  APRMS 
with  complete  and  reduced 
instrumentation 
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Fig.  24  C  Comparison  of  average  APrMS 
with  complete  and  reduced 
instrumentation 


Fig.  24  D  Comparison  of  average 

with  complete  and  reduced 
instrumentation 


TEST  AND  DATA  REDUCTION  PROCEDURE 


Wind  tunnal  inlet  tot  Model. 
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WIND  TUNNEL  INLET  TEST  AND 
COMPUTER  PROGRAM  DATA 
REDUCTION  PROCEDURE 

Figure  25  shows  schematically  how 
a  small  scale  inlet  test  procedure 
is  presently  carried  out  and  it 
also  indicates  the  capabilities  of 
the  computer  program.  The  program 
is  presently  capable  of  handling 
the  distortion  indices  used  by 
PAW;  Rolls  Royce  and  G.E.  The 
computer  program  also  Los  the 
capability  to  transform  pressure 
data  from  inlet  rake 
configurations  to  engine  rig  rake 
configurations  before  calculating 
a  particular  index  value.  This  has 
been  incorporated  because  the  modal 
rakes  are  not  always  similor  to 
the  rake  used  in  the  engine 
distortion  sensitivity  tests  and 
distortion  indices  are  sensitive 
to  the  rake  configuration  used  in 
the  engine  distortion  tests. 

Compressor  face  plots  can  be  made 
of  the  steady  state  and  maximum 
synthesized  values.  Some 
comparisons  of  maximum 
instantaneous  pressure  patterns 
with  synthesized  patterns  are 
included  in  ref  9. 
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CONCLUDING  REMARKS 


A  method  ha*  been  pretented  tSat  estimate*  maximum  instantaneous  distortion  and  it  has  been 
applied  to  small  scale  inlet  me  del  testing,.  (10  %  to  5  %  models). 

The  main  reason  for  this  work  hat  been  the  high  cost  of  measuring  time  correlated  instantaneous 
distortion  and  the  work  load  and  cost  involved  in  analyzing  such  data.  Also  the  large  size  inlet 
models  required  due  to  the  sheer  physical  size  of  the  dynamic  rake  instrumentation  are  not 
compatible  with  the  transonic/supersonic  wind  tunnels  presently  available  in  Sweden. 

The  method  does  not  require  very  costly  data  reduction  equipment  oi  instrumentation  and  is  only 
slightly  more  costly  than  a  regular  steady  state  inlet  test.  The  method  is  not  proposed  as  a 
substitute  for  maximum  instantaneous  inlet  distortion  testing  but  rather  as  a  complement  in  the 
early  development  phase  of  an  inlet-engine-aircraf t  program  when  screening  a  multitude  of 
configurations. 

The  method  has  show'-  that  it  is  possible  to  estimate  values  of  maximum  instantaneous  distortion 
using  a  sample  size  of  a  1000  to  well  within  t  20  %.  Extreme  value  analysis  can  be  used  to 
further  define  the  likely  increase  in  index  value  with  greater  sample  sizes. 

The  method  should  be  used  with  caution  when  studying  very  low  inlet  mass  flow  points  where  it  has 
been  shown  to  underestimate  in  the  subsonic  Mach  range,  rnf  8  and  also  not  be  used  on  buzz 
conditions  in  the  supersonic  range.  This  is  due  to  the  assumption  of  no  correlation  between  probes 
in  the  computer  model. 
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Summary 

Two  methods  of  measuring  inlet  drag  in  transonic  flow  are  described.  In  the 
first  method,  a  flow-through  nacelle  is  tested  in  a  transonic  wind  tunnel.  Capture 
ratio  is  varied  by  installing  individual  annular  blockers  in  the  nacelle.  Corrections 
for  the  drag  force  exerted  by  the  captured  streamtube  are  determined  from  blow-through 
tests  in  a  static  test  stand.  In  the  second  method,  drag  is  determined  directly  in  a 
single  test  using  a  special  rig  which  has  a  variable-loss  throttle.  The  thrust  exiting 
the  control  surface  is  determined  by  a  choked  ASME  nozzle.  A  comparison  is  made  of 
the  advantages  and  disadvantages  of  the  two  methods. 

Resume 


Deux  mdthodes  pour  mesurer  la  trainee  des  prises  d'air  en  regime  transonique  sont 
prdsenteds.  Pour  la  premiere,  nous  employons  une  nacelle  A  flux  direct  (flow-through) , 
installde  dans  une  soufflerie  transonique.  Le  taux  de  capture  est  changd  par  1' instal¬ 
lation  de  bloqueurs  annulaires  individuels  h  la  prise  d'air.  Une  installation  statique 
A  flux  souffled  (blow-through)  permet  le  calcul  des  corrections  pour  tenir  compte  de  la 
force  de  trainee  producte  par  la  capture  des  filets  de  courant.  Pour  la  seconde 
mdthode,  nous  mesurons  directement  la  trainee  par  un  essai  singulaire  dans  une 
installation  spdciale  employment  un  volet  A  perte  variable.  La  poussde  a  la  surface  de 
controle  aval  est  obtenue  par  une  tuyere  ASME  sonique.  Une  comparaison  des  advantages 
et  disadvantages  des  deux  mbthodes  est  presentie. 


I.  Introduction 


Practical  considerations,  such  as  the  desire  to  work  with  larger  size  models  and 
reduction  of  complexity  and  cost,  often  lead  to  the  conclusion  that  an  isolated  inlet 
test  is  a  logical  first  step  in  an  inlet  development  program.  For  instance,  the 
transonic  spillage  drag  of  nearly  sharp-edged  swept  inlets  is  probably  more  sensitive 
to  inlet  lip  radius  than  it  is  to  flow  interference  between  the  inlet  and  the  aircraft. 
Inlets  for  wing-mounted  turbofan  engines  are  usually  far  enough  ahead  of  the  wing  that 
the  only  important  aircraft  flowfield  effect  is  an  upwash  of  a  few  degrees.  This  is 
generally  compensated  by  drooping  the  front  portion  of  the  inlet  so  that  the  highlight 
is  perpendicular  to  the  local  flow  diiection.  Development  testing  for  cruise  per¬ 
formance  can  either  be  conducted  at  an  angle  of  attack  equal  to  the  upwash  angle  or  by 
testing  a  .similar  inlet  without  droop  at  0°  angle  of  attack. 


Aerodynamic  bookkeeping  systems  for  aircraft  performance  define  inlet  drag  as  the 
axial  force  component  on  that  portion  of  the  inlet  which  is  in  contact  with  external 
flow.  It  is  not  practical  to  try  and  measure  this  force  directly  by  using  a  model 
which  is  split  at  the  stagnation  line  since  this  dividing  line  between  internal  and 
external  flow  surfaces  changes  with  inlet  capture  ratio.  It  thus  becomes  necessary  to 
devise  a  means  of  determining  the  forces  on  the  structure  in  contact  with  the  internal 
flow  to  apply  corrections  to  the  measured  axial  force  on  the  model.  In  the  first 
method  to  be  described,  this  force  is  determined  by  blowing  air  through  the  inlet 
model  (Ref.  1). 

II.  Determining  Spillage  Drag  from  Flow-Through  and  Blow-Through  Tests 

oF~a  Nacelle  Model 

Tests  were  first  conducted  using  an  isolated  flow-through  nacelle.  The  nacelle 
consisted  of  an  inlet  forebody  which  was  an  undrooped  model  of  a  high  bypass  turbofan 
inlet,  the  fan  exhaust  cowl  and  a  pylon.  The  model  was  connected  to  a  three  component 
(drag,  lift  and  pitching  moment)  balance  by  a  strut  which  was  covered  by  a  grounded 
windscreen.  Grit  strips  were  placed  aft  nf  the  highlight  on  both  the  inner  and  outer 
surfaces.  Wedges  were  placed  between  the  pylon  and  the  balance  strut  to  provide  vari¬ 
ations  in  angle  of  attack.  The  model  is  shown  installed  in  the  FluiDyne  5.5  ft.  (1.68  m) 
transonic  wind  tunnel  in  Figures  1  and  2.  Four  annular  blockers  were  available  to 
provide  variation  in  capture  ratio.  The  outboard  surface  of  the  blockers  was  designed 
to  simulate  the  shape  of  inboard  surface  of  the  fan  nozzle  and  the  core  cowl.  The 
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inboard  surface  of  the  blockers  was  a  circular  cylinder.  Total  and  wall  static  pressure 
were  measured  at  an  internal  reference  station  which  contained  three  total  pressure 
rakes  at  0°,  90°,  and  180°. 

Separate  model  assemblies  were  made  with  each  of  the  four  blockers  and  tested 
over  a  range  of  Mach  numbers  up  to  0.85.  The  axial  balance  force  was  equal  to  the  sum 
of  the  external  drag  of  the  nacelle  and  pylon  and  the  internal  drag  caused  by  the 
forces  exerted  cn  the  model  by  the  captured  airflow. 

The  magnitude  of  the  internal  drag  was  determined  in  a  separate  test  in  which  air 
was  blown  through  the  model  (blow-through  tests) .  The  inlet  forebody  was  removed  and 
replaced  by  an  axisymmetric  duct  which  had  the  internal  shape  of  the  inlet  forebody 
almost  to  the  highlight  and  a  smooth  contraction  forward  of  this  point  (Figs.  3  and 
4) .  In  such  an  arrangement,  the  inlet  geometry  in  the  region  of  the  stagnation  line 
is  purposely  not  simulated.  In  the  flow-through  nacelle,  an  internal  boundary  layer 
is  initiated  in  this  region  in  a  highly  favorable  pressure  gradient  so  that  it  grows 
relatively  slowly.  If  this  shape  and  the  shape  of  the  captured  streamtube  were  simu¬ 
lated  in  the  blow-through  model,  the  boundary  layer  on  the  duct  ahead  of  the  stagnation 
line  would  separate  because  of  the  adverse  pressure  gradient  caused  by  the  abrupt 
change  in  wall  slope.  This  would  result  in  a  boundary  layer  thickness  further  aft 
which  is  greater  than  desired.  Since  it  is  desired  to  have  a  boundary  layer  thickness 
at  the  beginning  of  the  adverse  pressure  gradient  which  is  as  similar  as  possible  to 
that  occurring  in  the  flow-through  nacelle,  a  contraction  was  used. 

This  blow-through  nacelle  was  mounted  on  a  nozzle  static  test  stand  with  a  per¬ 
forated  plate  (which  was  operated  choked)  and  screens  to  create  uniform  flow  upstream 
of  the  contraction.  A  rake  ahead  of  the  contraction  verified  that  flow  nonuniformity 
was  so  small  (+  0.4%)  that  the  resulting  Mach  number  variations  inside  the  nacelle 
would  generally  be  less  than  0.5%. 

Flow  was  introduced  to  the  model  through  a  choked  long  radius  ASME  nozzle  which 
was  isolated  from  the  measured  structure  by  a  sealed  gap  of  a  few  thousandths  of  an 
inch.  The  effective  area  of  the  seal  was  calibrated  by  applying  static  pressure  in 
the  anticipated  operating  range  and  dividing  by  the  axial  balance  force.  Before  the 
model  was  installed,  a  4.5  inch  choked  ASME  nozzle  was  installed  in  place  of  the  model 
to  check  for  system  bias  in  thrust  and  mass  flow  (Figure  5).  Biases  of  +  0.10%  of 
gross  thrust  and  mass  flow  are  typically  achieved  for  systems  of  this  size.  The  model 
and  contraction  were  then  installed  on  the  test  stand  and  the  mass  flow,  which  was 
being  metered  by  the  upstream  2.5  inch  ASME  nozzle,  was  varied  over  a  range  which 
covered  the  range  of  reference  station  Mach  number  (or  corrected  weight  flow 
w/9~  j  observed  in  the  wind  tunnel  test. 

The  internal  drag  was  calculated  as  the  difference  between  the  measured  exhaust 
thrust  and  the  ideal  exhaust  thrust.  Ideal  exhaust  thrust  was  calculated  by  multiply¬ 
ing  the  known  mass  flow  by  the  velocity  resulting  from  isentropic  expansion  from  the 
pressure  at  the  rake  ahead  of  the  contraction  to  ambient  pressure.  A  small  correction 
to  internal  drag  was  made  which  was  equal  to  the  drag  on  this  rake  plus  the  drag  on 
the  contraction.  This  correction  was  less  than  10%  of  the  internal  drag.  The  blow- 
through  tests  were  conducted  at  an  ambient  static  pressure  equal  to  the  wind  tunnel 
total  pressure  (one  atmosphere) .  The  Reynolds  number  was  thus  higher  in  the  blow- 
through  tests.  This  was  corrected  for  by  using  the  Prandtl  skin  friction  coefficient 
equation: 


Cf  =  0.455  (log1Q  Re) 


-2.58 


It  was  noted  that  the  ratio  Pj/Pamb  at  which  the  corrected  weight  flow  at  the 
reference  station  rake  was  equal  to  that  in  the  wind  tunnel  tests  was  lower  than  the 
corresponding  total  pressure  to  static  pressure  ratio  in  the  wind  tunnel.  (This  is 
attributed  to  a  reduction  in  discharge  coefficient  caused  by  the  external  flow  of  the 
wind  tunnel,  as  will  be  discussed  later.)  When  the  corrected  mass  flow  in  the  blow- 
through  model  correctly  corresponds  to  that  in  the  flow-through  tests,  it  is  to  be 
expected  that  the  skin  friction  and  diffusion  loss  are  being  properly  modeled  in  the 
blow-through  tests.  This  was  confirmed  when  the  wind  tunnel  data  were  corrected  by 
the  internal  drag  coefficients  obtained  from  the  blow-through  tests.  At  design  capture 
ratio  and  Mach  number,  the  nacelle  external  drag  was  quite  close  to  a  calculated  skin 
friction  drag.  As  the  capture  ratio  was  reduced,  acceleration  of  the  spilled  flow 
around  the  inlet  outer  lip  resulted  in  locally  supersonic  flow,  shock  waves,  and 
separation.  This  spillage  drag  was  calculated  as  the  difference  between  nacelle 
external  drag  at  reduced  internal  flow  and  the  nacelle  drag  at  design  flow  rate  and 
Mach  number.  It  was  found,  as  expected,  that  the  spillage  drag  coefficient  for  a 
given  capture  ratio  increased  as  the  Mach  number  increased.  The  spillage  drag  coeffi¬ 
cients  could,  for  instance,  be  used  to  correct  the  drag  coefficient  of  a  force  and 
moment  aircraft  model  operated  at  design  capture  ratio. 

The  flow-through  model  was  then  tested  over  a  range  of  angle  of  attacks  of  +  2° 
to  -  4°  to  determine  lift  forces.  Since  the  blow-through  model  tests  were  not  con¬ 
ducted  at  angle  of  attack,  it  is  not  certain  how  valid  the  internal  drag  coefficients 


obtained  from  those  tests  are  when  applied  as  corrections  to  the  flow-through  data  at 
angle  of  attack.  However,  the  total  and  static  pressure  data  at  the  internal  reference 
station  indicated  that  the  internal  mass  flow  rate  was  not  significantly  altered  over 
this  range  of  angle  of  attack.  From  this  it  can  be  hypothesized  that  the  internal 
drag  coefficients  would  not  be  changed  very  much  over  this  range  of  angle  of  attack. 

It  is  speculated  that  the  exhaust  suppression  by  the  external  flow  could  be 
reduced  (and  perhaps  eliminated)  in  future  tests  by  designing  the  annular  blocker  to 
have  a  cylindrical  trailing  edge  (Fig.  6) .  Other  blown  nacelle  model  tests  of  high 
bypass  turbofan  exhaust  system  conducted  in  the  same  wind  tunnel  show  that,  at  low 
pressure  ratios,  conical  coro  nozzles  are  much  more  strongly  suppressed  by  the  effects 
of  free  stream  flow  than  are  fan  nozzles.  The  use  of  such  a  blocker  shape  would  not 
compromise  the  test  technique  and  would  result  in  improved  simulation  of  the  internal 
flow  in  the  blow-through  tests.  It  is  further  speculated  that  if  such  a  concept  were 
adopted  for  test  programs  using  turbine  powered  simulators  (TPS) ,  static  calibrations 
of  the  TPS  would  be  move  accurately  applicable  to  tests  conducted  with  the  TPS  mounted 
on  a  wing  or  fuselage  model.  The  primary  purpose  of  such  a  test  is  to  determine  the 
aerodynamic  interactions  between  the  TPS  and  the  wing  or  fuselage.  This  aerodynamic 
interaction  should  not  be  materially  affected  by  adding  a  short  cylindrical  extension 
to  the  core  cowl  of  the  TPS. 


III.  Direct  Measurement  of  inlet  Drag 


a  Variable  Loss  Throttle 


Another  method  which  we  have  used  to  measure  inlet  drag  is  conceptually  described 
in  Reference  2.  This  technique,  shown  schematically  in  Figure  7,  requires  only  one 
type  of  test  to  determine  the  external  drag  of  the  inlet. 


The  forces  on  the  structure  shown  crosshatched  in  Figure  7  are  grounded  through  a 
one-component  (axial)  force  balance.  A  model  of  th '  inlot  is  mounted  on  a  diffusing 
duct  at  the  and  of  which  is  a  variable-loss  throttle.  The  throttle  consists  of  two 
perforated  plates  having  identical  hole  patterns.  The  variable  porosity  resulting 
from  translating  one  plate  with  respect  to  the  other  results  in  precisely  controllable 
variation  of  inlet  captured  flow. 


The  perforated  plates  are  operated  above  choking  pressure  ratio.  There  are  more 
than  600  holes  in  each  plate  so  that  the  flow  leaving  the  throttle  rapidly  becomes 
uniform,  and  this  process  is  assisted  by  three  screens  (Fig.  8).  This  uniform  flow  Jo 
then  accelerated  through  a  choked  long-radius  ASME  nozzle  before  discharging  from  the 
structure  which  was  supported  by  the  force  balance. 


The  control  surface  for  calculating  inlet  drag  passes  througn  the  exit  plane  of 
the  ASME  nozzle.  The  momentum  flux  passing  through  this  part  of  the  control  surface 
can  be  calculated  with  an  accuracy  close  to  0.1%  since  the  thrust  coefficient  of  an 
ASME  nozzle  is  known  to  a  very  high  accuracy.  This  procedure,  involving  the  use  of 
nearly  one-dimensional  flow  properties,  may  be  contrasted  to  the  accuracy  problems 
encountered  in  more  conventional  approaches  where  the  momentum  flux  leaving  the  control 
boundaries  must  be  integrated  from  measured  total  and  static  pressure  distributions  in 
the  distorted  flow  at  the  end  of  the  inlet  diffuser. 


As  shown  in  the  appendix  of  Reference  2,  the  grounding  force,  H,  accounts  directly 
for  all  of  the  forces  exerted  by  the  captured  flow.  The  inlet  drag  can  be  calculated 
directly  ass 

Dj  -  -  VJ  +  An  <pn  -  pg)  +  A4  <po  -  pj  +  As  <p8  -  Pe>  -  H 

In  this  equation,  A  is  the  effective  seal  area  determined  from  the  same  type  of 
calibration  tests  dlscribed  in  the  preceding  section.  Captured  mass  flow,  m  ,  is 
calculated  using  the  choked  A3ME  nozzle,  of  which  the  discharge  coefficient  is  known 
to  a  high  accuracy. 

.'he  level  of  bias  for  this  test  rig  were  determined  by  testing  a  circular  sharp 
edge  inlet  in  the  FluiDyne  5.5  ft.  (1.68  m)  transonic  wind  tunnel  (Fig.  9).  The  inlet 
had  a  diameter  of  5  inches  and  the  external  split  line  was  five  inches  aft  of  the 
leading  edge.  The  results  are  shown  in  Figure  10,  where  the  inlet  drag  coefficient 
(drag  divided  by  freestreain  dynamic  pressure  and  external  inlet  area)  is  compared  to 
the  analytical  prediction  of  Crosthwait  (Ref.  3)  .  (An  external  skin  friction  correction 
of  0.012  was  applied.)  The  agreement  is  very  good,  and  these  data,  taken  as  a  whole, 
indicate  a  rig  bias  of  0.0014.  As  expected,  the  measured  drag  was  essentially  zero  at 
unity  capture  ratio. 

This  procedure  is  somewhat  analogous  to  checking  out  the  static  test  stand  (used 
in  the  blow-through  tests  described  in  the  preceding  section)  with  a  choked  ASME 
nozzle.  In  each  case  we  can  predict  the  force  balance  reading  in  advance  of  the  test. 

If  sufficiently  close  agreement  is  not  obtained,  the  instrumentation  may  be  recalibrated 
Often  the  data  taken  in  the  checkout  tests  reveals  another  problem  to  be  corrected. 

It  may  be  misalignments  or  grounding  between  metric  and  non-metric  components  near  a 
split  line,  or  errors  in  the  seal  calibration. 


This  rig  has  bean  used  to  test  a  swept  inlet  with  a  slightly  rounded  leading  edge 
(Ref.  4) .  Tests  were  conducted  both  in  the  FluiDyne  transonic  wind  tunnel  (Fig.  11) 
and  in  the  NASA  Ames  Research  Center  6  ft.  suporsonic  wind  tunnel.  Four  different 
compression  ramp  settings  were  tested  at  capture  ratios  between  0.4  and  the  maximum 
achievable  when  the  inlet  throat  was  choked.  Drag  coefficients  for  one  of  the  throat 
settings  are  shown  in  Figure  12  and  follow  trends  that  are  to  be  expected.  There  were 
121  static  pressure  taps  on  the  internal  and  external  surfaces  of  the  inlet.  Engine 
face  flow  distortion  was  measured  with  a  rake  containing  100  total  pressure  probes. 
Configuration  details  and  data  at  three  other  ramp  settings  can  be  found  in  Reference 
4. 

Fig.  13  shows  how  a  model  of  an  inlet  for  a  high  bypass  turbofan  would  be  installed 
on  this  rig.  The  split  line  is  located  at  the  fan  cowl  trailing  edge.  The  windscreen 
can  be  designed  to  simulate  the  exhaust  plume  shape. 

IV.  Comparison  of  the  Two  Methods 

The  second  method  has  the  advantage,  in  terms  of  cost,  of  requiring  only  a  single 
test  to  measure  inlet  drag.  It  is  also  more  accurate  because  there  is  an  addition  of 
errors  accompanying  the  first  method  since  two  tests  are  required.  A  further  advantage 
of  the  second  method  is  that  bias  can  be  independently  assessed  directly.  Finally, 
the  capture  ratio  can  be  accurately  set  at  any  desired  value  in  the  second  method  by 
the  variable  loss  throttle.  In  the  first  method,  only  discrete  values  of  capture 
ratio  are  available. 

One  disadvantage  of  the  second  method  is  that  the  model  size  must  be  smaller  than 
was  used  in  the  first  method  because  of  rig  flow  limitations.  The  maximum  captured 
streamtube  is  limited  to  23  in.  (148  cni  )  at  Mach  0.8.  Another  disadvantage  is  that 
this  rig  cannot  measure  vertical  forces.  Also,  there  is  a  splitline  between  the  aft 
aft  end  of  the  inlet  and  the  windscreen  in  the  second  method  which  is  more  difficult 
to  keep  aligned  than  the  splitline  of  the  windscreen  in  the  wind  tunnel  test  of  the 
first  method. 

V.  Effects  of  Rig  Bias  and  Scatter  on  Cruise  Performance  Prediction 

Rig  bias  (systematic  error)  and  scatter  (nonrepeatability)  in  inlet  drag  or 
nozzle  thrust  coefficient  both  contribute  to  errors  in  performance  prediction.  A  bias 
error  propogates  unchanged.  The  effects  of  scatter  error  can  be  reduced  by  repeating 
the  tests,  and  the  reduction  will  be  proportional  to  1//  n~  where  n  is  the  number  of 
tests.  An  examination  of  these  effects  can  be  performed  by  statistical  analysis  using 
large  sample  theory  and  adjusting  the  required  number  of  repeat  tests  upward  by  two  to 
roughly  account  for  the  fact  that  in  reality  we  normally  can  collect  only  a  small 
sample  of  data.  (An  accurate  analysis  would  use  Student's  t  distribution.) 

Inlet  drag  coefficient  is  the  ratio  of  inlet  drag,  D-,  to  the  multiple  of  free 
stream  dynamic  pressure,  qM,  and  the  maximum  cross  sectional  area  of  the  inlet,  Amax 

CD  -  _A_ 

1  *JSnax 

After  making  the  assumption  that,  at  cruise,  fq  “  3  FN  and  Amax  “  2AC  where  Ffi  and  F^ 

are  cruise  gross  thrust  and  cruise  net  thrust,  it  is  easy  to  show  that  Dj  =  2CD  F^. 

We  can  next  calculate  what  error  in  CD  (ACD  )  corresponds  to  an  error  of  0.005IFtJ. 

This  is  equal  to  0.005  of  total  aircraft  dra<5  so  that  0.005  F.,  is  equal  to  1  1/2  drag 
counts. 


0.005  Fn  =  2ACD  Fn,  therefore,  ACD  =  0.0025. 

ACD  will  be  a  function  of  bias  error,  B,  standard  error  of  estimate,  s,  and  the 
numier  of  testa,  n.  At  the  90%  confidence  level,  we  can  write 


ACn  -  0.0025  =  B  +  1,€-5-  - 

Di  /TT 

The  data  from  the  pitot  inlet  (Fig.  10)  had  B  =  0.0014  and  s  =  0.0012.  Solving  this 
equation  gives  n  =  3.24  and  we  can  conclude  that  we  need  5  or  6  tests  to  reduce  the 
scatter  error  to  the  point  that  the  error  in  measured  CD  will  cause  less  than  1  1/2 

counts  error  in  predicting  total  aircraft  drag.  The  standard  error  of  estimate  for  the 
inlet  drag  coefficient  in  the  first  test  method  over  the  test  range  0.70  M  <_  0.85 
was  slightly  lower,  s  =  0.0011,  but  we  have  no  way  to  know  bias  and  thus  cannot  con¬ 
duct  such  an  analysis. 

Another  commonly  used  method  of  measuring  inlet  drag  is  to  make  a  momentum  defect 
survey  at  the  trailing  edge  of  a  model  of  the  inlet  (Ref.  5).  It  would  be  useful  to 
have  available  some  data  on  the  repeatability  of  such  tests.  One  author  (Ref.  6)  has 
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,  »^in  •  t  ho  <3  ^  o®  ■ '  'not  satisfactorily  provide  an  absolute  datum  drag 

level.  This  method  would  be  less  attractive  when  nonaxisymmetric  flows,  such  as  would 
be  caused  by  a  pylon,  are  to  be  measured.  A  discussion  of  the  nonrepeatability 
encountered  in  a  different  test  technique,  the  'earthed'  throttle  technique,  is  in¬ 
cluded  in  Ref.  7. 

It  is  an  interesting  fact  that  this  accuracy  of  drag  prediction  is  almost  identi¬ 
cal  to  the  accuracy  with  which  we  can  predict  engine  thrust  from  model  tests  of  high 
bypass  engine  exhaust  nozzle  models.  Bias  is  determined  by  testing  an  ASME  nozzle. 

For  static  tests  (no  external  flow)  at  cruise  conditions  and  with  models  large  enough 
to  have  flow  rates  of  about  30  lbs  (14  kg)  per  second,  we  typically  achieve  a  bias  of 
0.0010  and  a  standard  error  of  estimate  of  0.0007  for  the  gross  thrust  coefficient, 
although  these  levels  are  sometimes  exceeded.  Thus, 


0.005  Fn 
0.001667 


results  in  n 
accuracy. 


0. 001667F- 


B  + 


*  ACtFg  and 
1.65  s 
/"n 


3  and  we  would  estimate  five  tests  as  being  required  to  achieve  this 


For  transonic  isolated  blown  nacelle  tests  and  static  calibration  of  turbine 
powered  simulators,  the  necessity  to  measure  a  slightly  variable  ambient  pressure  adds 
some  nonrepeatability  and  we  typically  find  D  “  0.0010  and  s  -  0.0010.  This  results 
in  n  ■  6  and  we  would  recommend  8  tests  to  achieve  this  accuracy.  It  seems  pertinent 
to  point  out  that  if  a  reasonable  number  of  repeat  tests  are  made,  bias  errors  will 
contribute  more  inaccuracy  to  performance  prediction  than  nonrepeatability.  For  this 
reason,  we  have  always  attempted  to  use  some  means  of  measuring  rig  bias  for  both 
inlet  and  exhaust  nozzle  model  tests.  Reduction  of  nonrepeatability  errors  is  also 
important  in  order  to  economize  on  the  number  of  repeat  tests  required  to  achieve  a 
given  accuracy.  We  have  a  goal  of  reducing  these  bic.a  and  nonrepeatability  errors  by 
1/3. 
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FIG.  4  ISOLATED  NACELLE  MODEL  ON  NOZZLE  STATIC  TEST  STAND 
FOR  BLOW-THROUGH  TESTS 


V 


NUT  CAPTURE  RATIO,  AoMI 
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FIQ.  11  8 WEPT  INLET  MODEL  MOUNTED  ON  VARIABLE- 

LOSS  THROTTLE  DRAG  RIQ  FIQ,  12  MEASURED  DRAQ  OOEPPIOIENT  (REF, 4) 
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V/Z'ZZh  STRUCTURE  GROUNDED  THROUGH  FORCE  BALANCE 


FIG,  13 

INSTALLATION  OF  HIGH  BYPASS  TURBOFAN  INLET  MODEL  ON  INLET  DRAQ  RIO 
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abstract 

operative  program  was  established  botwoen  the  Canadian  Fo*  et.  m d  the  National  Research 
i  oil  of  Canada  to  investigate  compressor  stall  problems  wit n  CV-j  aircraft,  powered  by 
two  JB5-CAN-15  engines. 

Analytic  and  tort  coll  investigations  identified  one  major  cause  for  compressor  stalls  as 
improper  operation  f  the  engines 1  control  system  under  low  temperature  conditions.  Sub¬ 
sequent  '“light  o.  iiig  demonstrated  this  oontrol  systom  malfunction  to  be  the  result  of 
engine  ‘'ullatlon  effects,  which  produced  an  erroneous  aompreasor  inlet  temperature  signal 
to  the  main  fuel  control  unit.  The  flight  testing  determined  the  degree  of  signal  error  for 
ttovri ul  flight  conditions,  such  aa  level  flight,  high  angles  of  attack,  aircraft  stalls,  and 
..capons  delivery  profiles. 

Temperature  errors  were  greater  at  high  angles  of  attack  where  sevoro  compressor  inli*t  dis¬ 
tortion  wr  ad  act  cumulatively  in  reducing  the  stall  margin  under  this  flight  condition. 

Some  corrective  meusurea  for  reducing  the  errors  are  described. 
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In  service,  the  Canadian  version  of  the  F~5  aircraft,  the  CF-5,  shown  in  Figure  1,  had 
proven  to  be  very  susceptible  to  compressor  stalls  during  low  inlet  total  temperature 
conditions  arid  air  combat  manoeuvering.  The  Canadian  Forces,  in  an  effort  to  define  and 
rectify  the  problem,  initiated  a  co-operative  program  with  the  National  Researcn  Council 
of  Canada  (NRCC).  The  program  consisted  of  analytic  and  ground  level  test  cell  investi¬ 
gations,  culminating  in  instrumented  flight  tests  at  the  Canadian  Forces  Aerospace 
Engineering  Test  Establishment  (AETE),  CFB  Cold  Lake,  Alberta. 

This  paper  outlines  an  engineering  investigative  program  to  correct  a  situation  in  which 
all  the  classical  or  standard  Installation  effects  in  terms  of  pressure  recovery,  inlet 
distortion,  spillage,  etc.,  had  been  determined  during  the  aircraft  development,  yet  upon 
entering  service,  a  major  stall  inducing  factor  attributable  to  the  engine  installation 
was  still  present.  This  Tactor  was  the  improper  input  to  the  engine  control  system  of 
compressor  Inlet  temperature  (CIT  or  T2),  a  critical  engine  control  parameter.  This  paper 
illustrates  an  example  of  a  subtip  installation  error  which  can  go  undetected,  or  un¬ 
appreciated,  but  yet  can  have  serious  consequences  on  operational  capability. 

2.  AIRCRAFT  AND  ENGINE ,  WITH  CONTROL  SYSTEM 


2 . 1  CF-5  Aircraft 

The  CF-5  is  a  twin-engined  fighter  aircraft  with  the  engines  located  in  aide  by 
aide  bays  buried  in  the  aft  fuselage.  The  aircraft  ia  a  modified  version  of  the 
Northrop  F-5  A/B  aircraft,  produced  under  licence  by  Canadair.  The  air  induction 
system  consists  of  two  side  mounted  intakes  plus  pilot  selectable  auxiliary  inlet 
doors  to  improve  pressure  recovery  and  engine  inlet  conditions  at  high  power  set¬ 
tings  during  take  off  and  low  speed  flights  (sec-  Figure  2). 

2 . 2  J85-CAN-15  Engine 

The  CF-'j  in  powered  by  two  ,)85-OAN-15  Oeneral  Electric  afterburning  turbojets. 

The  J85-CAN-15  (Figure*  l)  In  a  single  spool  afterburning  turbojet  engine  consist¬ 
ing,  of  an  eight  stage  compressor,  annular  combustor,  a  'wo  stage  turbine  and  u 
fully  modulated  exhaust  nokkle,  decides  the  variable  exhaust  no/sslo,  tho  engine 
contains  two  other  elements  of  variable  geometry;  namely  variable  inlet  guide 
vanes  (HIV's)  and  inter-stage  bleed  valves.  These  last  two  items  are  meohanloal- 
ly  linked  and  vary  us  a  function  of  compressor  rotor  speed  and  compressor  inlot 
total  temperature. 

2 . 1  Engine  Control  tlyulum 

The  engine  Is  so;it,ro 1. 1 <>d  by  n  hybrid  system,  consisting  of  a  main  fuel  control 
unit'.  (MF(MI)  and  an  afterburner  fuel  control  unit  (AliFOII),  both  of  which  tire 
h.v dromeohunl sa  I ,  and  an  electronic  iiovr/le  control.  The  MFCtJ  determines  bleed 
valve  and  HIV  position  and  schedules  main  fuel  flow  whloh  ultimately  controls 
engine  upend.  The  AHFdiJ  schedules  afterburner  fuel  flow  and  tho  exhaust  nozklo 
control  varies  nog«ln  area  according  to  a  mechanical  schedule  inflow  a  threshold 
exhaust-  gau  temperature  (EOT),  above  which  tho  nossule  Is  positioned  to  keep  EOT 
constant.  Hesl.rlcl.lng  the  discussion  to  tin  hydromeehan t cal  MFOU,  its  Input 
parameters  are  the  following! 

-  compressor  do  livery  pressure,  from  a  pressure  tap  on  the 
compressor  case, 

-  engine  rotational  speed  (N),  an  engine  ineshanlsai  Input, 

-  throttle  i > r  "ower  lever  angle  (PI, A),  a  pilot  input.,  and 

-  compressor  Inlet  total  temporal  are , 

r ,  t  gjjijj  iii>  hist  a, !  _la 1  Ion 

The  engine  hints  I  I  at  I  tin  in  the  i.'F-ij,  snowing  the  relative  locution  of  the  Ml'dlJ 
for  both  port,  and  starboard  engines,  is  Illustrated  In  Figure  H ,  The  MFC'I)  Is 
located  on  the  lower  starboard  iihlo  of  each  engine,  which  places  It  near  the 
renter  line  of  the  aircraft  for  tic  port  engine  and  near  the  outer  skin  for  the 
•'.nrbourd  engine,  The  physical  layout,  of  the  engines  results  in  the  MFCli  of  the 
port  e'oMno  being  exposed  to  ‘..he  combined  heat,  flux  from  both  engines  near  the 
say  ill  i  tug  wall,  In  addition,  the  outboard  blend  valve  of  each  engine  has  Its 
air  duci.ed  overboard,  whereas  the  Inboard  blend  valves  merely  dump  the  warm  air 
Into  the  engine  hay,  As  a  rein,  fn"  Inboard  (port,  engine)  MFdll  Is  exposed  to 
i  warmer  envl  ronmonl  than  the  otn.or  (starboard  engine)  MFC!), 

•'  >  ■>  8TaiiperiiUtrr  Jioiisl  bli  ■"■,YSt  o'tl 

Hatlier  than  gutting  an  air  temperature  sensed  at  the  comp  ossor  inlet,  tho 
MI'Vd's  are  supplies  by  air  obtained  from  the  underiiiirfusH  of  the  aircraft,  Tho 
air  Is  eo|  looted  by  two  scoops,  one  fee  ouch  engine,  and  ducted  to  the  MFCltl ' o 
through  Ib-lnoh  Wugths  of  flexible  pipe,  Airflow  Is  Induced  through  this  duct 
by  an  ejector  at  the  MF('ll  which  Is  supplied  with  compressor  discharge  air,  Once 
at  the  MFiMj,  the  ale  passes  ovr  a  liquid  filled  hollows  which  provides  t.hu 
tompornPnre  Input  to  the  MFdl)  fuel  flow  schedules,  If  also  passes  over  an  olestrl- 
cal  i umperei urn  sensor  which  feeds  Into  the  nous | u  area  control  In  order  to  cutback 
HUT  i, hen  ('IT  lc  less  ‘ban 


COMPRESSOR  STALLS 

3 . 1  General  Compressor  Map 

The  prime  factors  leading  to  compressor  stalls  In  axial  compressors  have  been 
Identified  for  some  time  and  are  illustrated  in  Figure  5,  which  represents  a  com¬ 
pressor  map  for  a  simple,  single  shaft  gas  turbine  with  a  fixed  area  exhaust  nozzle. 
A  compressor  map  is  a  plot  of  compressor  pressure  ratio  as  a  function  of  corrected 
compressor  mass  flow,  W/3/6,  for  lines  of  constant  corrected  rotor  speed,  N//§. 
Compressor  operating  or  working  lines,  steady  state  and  transient,  lie  somewhere 
below  the  surge  line.  A  hypothetical  acceleration  line  from  a  low  power  setting 
(A)  to  a  higher  setting  (B)  has  been  sketched  in. 

In  simple  terms,  a  compressor  will  stall  if  the  stall  margin,  represented  as  the 
relative  distance  between  a  point  on  an  operating  line  and  the  surge  line,  is  re¬ 
duced  such  that  the  compressor  operating  line  intersects  the  surge  line.  This  can 
be  the  result  of  a  lowered  surge  line,  a  raised  operating  line,  or  a  combination 
of  the  twc .  Some  of  the  factors  affecting  the  positions  of  these  lines  are  included 
In  Figure  5  and  are  summarized  below: 


Factors  Lowering  Compressor 
Surge  Line 

Factors  Raising  Single  Spool 
Compressor  Operating  Line 

Reduced  Reynolds  numbers 

Inlet  flow  distortion 

Compressor  deterioration  by 
wear,  deposits,  corno-sion, 
or  foreign  object  damage 

Increased  tip  clearances 
Manufacturing  tolerances 

Engine  accelerations 

Reduced  exhaust  nozzle  area 

Increased  exhaust 
gas  temperature 

Engine  tolerances 

Fuel  control  tolerances 

In  uddition  to  the  above  factors,  at  high  or  low  corrected  speeds,  two  areas  exist 
where  stalls  can  occur.  They  are  usually  avoided  by  proper  functioning  cf  the 
engine's  control  tystem.  At  low  corrected  speeds,  u  stall  problem  essontlully 
results  from  different  flow  requirements  ut  the  front  and  beck  of  the  compressor, 
The  front  compressor  stages  require  n  higher  muss  flow  than  the  rear  stages  are 
capable  of  handling  and  the  front  stages  consequently  stall.  This  type  of  ntol  I 
has  been  overcome  by  engine  designs  incorporating  multiple  spools  and/or  variable 
TGV'u,  stators,  or  blood  valves.  At  tho  other  extreme,  a  high  corrected  speed 
stall  in  effect  represents  a  rotational  Much  number  limitation  for  tho  compressor. 
At  this  point,  the  compressor  Croat  stages  have  become  olmked  and  the  rear  stages 
are  either  stalled  or  near  stall.  Under  this  condition,  the  compressor  Is  general¬ 
ly  lenu  tolerant  to  other  stall  inducing  effects  such  ns  inlet  distortion,  engine 
transients,  and  compressor  deterioration.  Most  engines  incorporate  a  corrected 
speed  limit  (by  reducing  mechanical  speed',  beyond  which  the  engine  either  cannot 
operate,  or  else  does  so  with  much  ruduood  efficiency  and  stability  margin. 

Because  the  above  two  stall  phenomena  are  related  to  corrected  rotor  speed,  N//TJ, 
they  are  functions  of  both  engine  speed  and  01T.  It  is  thus  very  important  that 
the  temperature  input  to  the  fuel  control  be  a  true  representation  of  the  actual 
compressor  inlot  total  temperature.  Since  OTT  Is  a  total  'omporaturo .  lei  a 
function  of  ambient  static  temperature  and  flight  Mach  number,  the  flight  condi¬ 
tions  cun  have  an  Important  impact  on  compressor  stalls.  The  relationship 
between  certain  compressor  stall  factors  us  shown  In  Flguro  ;>  and  an  aircraft 
flight  envclopo  can  be  soon  In  Figure  (5.  Reynolds  number  effects  are  generally 
more  pronounced  at  Mghor  altitudes.  Inlet  distortion  becomes  more  pronounced 
as  aircraft  angle  of  attack  is  Increased  or  ns  flight  becomes  more  uncoordinated 
with  respect  to  bunt  and  yaw.  Inlet  distortion  Is  also  frequently  associated  wltdi 
rocket  or  gun  gas  Ingestion  resulting  from  weapons  firing.  Also  note  that  super¬ 
imposed  on  Figure  6  ire  lines  of  constant  (M'T  »  -;?(’> oc  for  standard  and  for  cool 
day  conditions.  As  will  bn  seen,  thiu  represents  a  orltianl  value  of  GIT  for 
JO'j-CAN-l'j  ooorutloii. 

j , 2  JOl'i-CAN-Ib  Compressor  Stull  Counter  Measures 

The  .Jfl'j-fiAN-l!)  control  system  provides  oountur  measures  against  both  low  and  high 
aorreutod  rotor  speed  stalls.  As  mentioned,  the  engine  contains  both  variable 
KIV's  arid  bleed  valves  to  avoid  low  speed  stalls.  To  avoid  high  speed  stalls  and 
preserve  stall  margin  under  low  (MT  ornditlura,  the  MFfill  is  designed  to  reduce 
maximum  engine  rotational  speed  when  GIT  is  less  than  -Pfi°C  to  keep  the  corrected 
compressor  speed  at  or  below  1  Glljt  (Figure  7),  In  addition,  the  nozzle  control 
system  also  varies  l,,ie  nozzle  area  l.o  reduce  HOT  as  a  function  of  (MT  at  tempera¬ 
tures  below  -2()nC  (Figure  11),  Those  two  control  measures  are  in  ferred  to  as  "T? 
Outback"  In  .lllh  engine  operation.  Unglue  stall  margin  will  be  reduced,  especially 
during  throttle  transients,  if  these  cutbacks  do  not,  occur, 


3.3  In-Service  Stall  Experience 


In  analyzing  an  ln-servlce  3tall  problem,  the  impo.  tant  point  to  note  Is  that 
while  all  the  factors  mentioned  previously  are  cumu  \..ive  in  reducing  the  stall 
margin,  not  all  will  necessarily  be  present  simultan _>ously  in  producing  a  stall. 
Thus,  in  order  to  properly  investigate  a  stall  problem,  the  individual  factors 
responsible  for  a  particular  type  of  stall  must  be  isolated.  At  first  glance,  it 
appeared  that  there  was  no  pattern  to  the  in-service  compressor  stales.  However, 
as  a  result  of  pilot  feedback  providing  such  information  as  airspeed,  altitude, 
attitude,  throttle  position,  etc.,  just  prior  to  stall,  a  base  of  three  years  of 
data  was  built  up  and  a  pattern  began  to  emerge  with  some  common  denominators 
appearing.  Figure  9  illustrates  that  compressor  stalls  generally  fell  into 
four  regions  of  the  aircraft  level  flight  envelope.  Each  region  has  identi¬ 
fiable  potential  compressor  stall  cause  factors: 

Region  A.  Low  speed  flight  at  medium  altitudes j stalls  typically  followed  throttle 
transients.  These  flight  conditions  are  experienced  in  certain  training  profiles 
and  air  ccnbat  manoeuvering  (ACM).  This  region  accounted  for  52$  of  all  reported 
compressor  stalls  and  of  these,  71$  occurred  with  a  CIT  below  -26°C.  The  stall 
inducing  factors  were  a  suspected  lack  of  T2  cutback,  coupled  with  inlet  distor¬ 
tion  associated  with  the  higher  angles  of  attack  and  aircraft  yaw  frequently  en¬ 
countered  during  ACM. 

Region  B.  Stalls  at  higher  altitudes,  often  occurring  during  throttle  transients, 
accounted  for  17$  cf  all  stalls.  Of  these,  1)1$  occurred  with  C.TT  below  -26°C. 

The  suspected  stall  cause  factors  were  lack  of  T'2  cutback,  decreased  3tall  margin 
due  to  Reynolds  number  effects,  and  possible  degraded  compressor  condition. 

Region  C.  Hugh  spend,  low  altitude  stalls  accounted  for  '.5$  of  all  stalls.  Under 
these  condio ions ,  Cl'T  is  high,  hence  corrected  engine  speed  is  low.  If  the  cor¬ 
rected  upeed  falls  sufficiently,  actuation  of  engine  variable  geometry  will  help 
to  preserve  stall  margin.  Rtalls  experienced  in  thiB  region  were  attributed  to 
improper  variable  geometry  operation  or  rigging,  and  inlet  temperature  and  pressure 
distortion  associated  with  weapons  delivery  profiles  and  gun  or  rocket  gas  inges¬ 
tion. 

Region  D.  Seven  percent  of  all  stalls  occurred  undir  ground  level  static  conditions 
during "afterburner  Initiation  at  very  low  temperatures .  The  cause  was  suspected 
to  be  a  lack  of  TV  wutback:  since  further  investigation  r1 ”olj  io  ,nd  any  engine  or 
control  mull' unction. 

Prom  the  uuovi,  it  can  be  summarized  that  tins  major  otfcll  induct nr  factors  were) 

-  Hoynoldn  number  offeotn, 

-  Inlet  distort  ion, 

-  low  ft TT  i, deration  (present  in  ovur  50$  of  all  titpllu)„  and 

-  engi  transient): . 

The  degree  of  mull  margin  reduction  resulting  from  Hoynaldn  number  of tV'.to  and 
inlet  distortion  are  related  to  the  hardware  (obmprouaor  md  engine  Intake  geometry 
or  design,),  dime  '‘or  all  pructit.al  purpo&wit  theuo  were  considered  fixed  and  honor 
a  solution  involving  mod),  flout  ions  or  altoeutiono  to  their  design  would  be  pedum* 
tiully  very  expensive,  offom  was  aonuontratod  on  the  factor  of  low  CVf  operation. 
Anotns'r  reason  for  concentrating  or.  fils  niipvot  was  that  pilot  comments  indicated 
that  the  HOT  t1.; id  engine  speed  outbacks  during  low  Cl'T  operation  wore  not  occurring . 
fU.ieo  OTT  Is  un  input  Into  transient  fuel  uchedules,  there  wn<>  also  a  potential 
impaou  on  the  loot  fuel  or  noted  -  engine  transients.  A  critical  anretminenb  of  the 
T.1  sensor  system  end  ita  environment  loo  to  the  obuplolon  that:  T?  outback  may  net. 
have  occurred  as  scheduled. 

It  wait  suspected  that  TP  outback  was  not  taking  place  properly,  and  hence  atoll 
margin  was  dugrsdod,  for  the  following  pour  ibis  reasons: 

-  the  total  fcemporaturr  of  sample  air  plaited  up  by  ths  scoops 
on  the  aircraft,  underside  was  not  pepi  enentabive  of  (II T, 

-  air  was  heated  in  the  duet  >.n  the  way  to  the  MKOU,  i.nd/or 

-  the  MJ'CU  became  heat  uor.kuj,  thus  affecting  tninpevriturv 
Monitor  operation, 

To  examine  those  liypoblieneii ,  flight  tns*,»  with  a  fully  instrumented  aircraft  were 
to, moled  out  at  the  duindlar  forces  Aoronpuof  Hng.1  .loorinK  and  Test  IXHtiibllrihinont 
(  lU'ITM) . 


‘I .  kj.  h'IHT  ’17,  g‘11  I’Kyf.fiAM 


The  caijoal  1  vun  of  the  flight  cent,  imegraiii  wnnu 

a,  i,c  detnrmt  no  the  netniil  'IV  cutbsek  fen  all  m-ann  of  the  Ok’-li  level  flight 
(•live  lope  where  01’.’  below  -r()°i;  would  lie  euon  , titered ,  and 

h,  tu  evaluate  the  o' IT  or  T..’  armstug  syulem  and  to  esleb  1 1  h  whether  any  eiToi'H 
e  a  t  .*  Cod  bel.wi  i"i  tie  t  an  penal  ui",  w'uiiieil  fit  the  MW/  and  Hie  true  CUT, 


The  parameters  measured, and  location  of  temperature  probes, are  given  In  Figure  10. 
Basically,  the  Instrumentation  provided  Information  on  aircraft  flight  parameters, 
port  and  starboard  engine  parameters,  and  several  temperatures  such  as  external 
total  air  temperatures,  compressor  Inlet  temperatures  and  these  Internal  to  the  T2 
sensing  systems.  The  signals  from  the  transducers  were  filtered,  amplified,  and 
recorded  on  a  digital  tape  unit  Installed  in  the  rear  seat  compartment  of  the  CF-5D 
(dual)  test  aircraft.  The  raw  data  were  converted  into  engineering  units  on  a 
ground  based  computer  system  at  AETE  and  forwarded  to  NRCC  for1  analysis. 


4.2  Test  Flight  Profiles 


The  flight  test  program  was  devised  to  concentrate  data  collection  on  those  flight 
envelope  areas  with  a  high  stall  frequency.  The  test  program  initiated  with 
flights  to  examine  T2  sensing  system  performance  under  steady  state  conditions, 
then  progressed  to  dynamic  system  testing  during  aircraft  transients  where  CIT 
would  be  changing,  and  terminated  in  complete  transient  testing,  such  as  in  weapons 
delivery  profiles  where  both  CIT  and  engine  parameters  vary. 


Steady  State  Testing.  To  obtain  stable  (i.e.  steady  state)  data,  flights  of 
constant  altitude  with  varying  airspeed  were  made.  After  arriving  at  a  suitable 
altitude,  the  test  engine  was  set  at  MILITARY  power.  The  airspeed  was  progress¬ 
ively  lowered  in  steps,  thus  decreasing  CIT,  by  varying  the  power  setting  of  the 
other,  non  test,  engine.  The  aircraft  remained  at  each  test  point  until  CIT  was 
considered  stable  (typically  2-3  minutes),  and  then  data  were  recorded  for 
approximately  5  seconds.  The  airspeed  was  progressively  reduced  until  the  aircraft 
reached  its  lower  level  (light  speed  limit.  At  that  time,  the  sequence  was  re¬ 
peated  with  the  other  engine  as  the  test  engine.  This  series  of  tests  was  done  at 
altitudes  varying  between  25,000  and  35,000  ft  and  airspeeds  between  150  KIAS  and 
Ml. 05,  resulting  in  CIT'a  between  0°C  and  ~47°C. 


Dynamic  Testing.  Dynamic  T?  system  response  was  obtained  by  continuously  record¬ 
ing  data  under  the  following  conditions: 


a.  throttle  transients  at  essentially  stable  flight  points; 

b.  high  aircraft  attitude  stulls, during  which  the  aircraft 
with  fixed  power  settings  was  allowed  to  climb  at  a  G0° 
nose  high  attitude, eventually  resulting  in  an  aircraft 
stall; 

c.  level  flight  aircraft  stalls,  in  which  tho  aircraft  was 
maintained  at  u  relatively  constant  altitude.  Tho 
aircraft  stall  was  induood  by  decreasing  power  settings 

of  the  non-test  engine  thus  reducing  airspeed  and  CIT;  and, 

d.  typical  low  level  weapons  delivery  profiles  whora  there 
uro  considerable  throttle  movements  plus  continually 
changing  temperatures,  spoeds,  altitudes,  and  engine 
conditions.  As  tho  tost  aircraft  was  a  dual  seat  CF-5D 
which  does  not  huvo  guns  fitted,  no  llvo  gun  fire  tests 
were  performed. 


4 . 3  Test  Results  and  Discussion 


a .  d Mt Jit  o_ Tost, s .  Representative  data  from  those  tests  lire  given  in 

I'Mguros  11  ami  12.  As  shown  in  Figures  11  u  and  b,  under  low  vulues  of  (MT 
tlm  outback  of  engine  speed  and  K(IT  did  not  occur  to  the  extent  required, 

Alao,  a  d.l  fl'orenci)  was  noted  between  the  relative  uucuraoy  of  engine  speed  and 
KtlT  control,  with  the  control  of  KOT  being  more  prootso.  The  reason  limy  lie 
in  tin  fact  that  engine  speed  in  controlled  by  the  hyilroinoclmnloftl  MFCIJ  in  an 
indirect  manner  through  fuel  flow  whorous  K(IT  is  directly  controlled  by  the 
electronic  no/.r.le  control.  Additionally,  there  was  a  dli'ferenoe  in  these  para¬ 
meters  between  the  port  and  starboard  engines, with  the  starbo  i’d  engine  being 
less  adversely  effected  than  the  port.  These  results  were  ro; eatable  between 
tost  flights  end  san  ho  explained  by  reference  to  Figure  *2,  which  shows  tho 
T2  sensing  system  performance  during  these  flights,  As  may  oo  seen,  under 
those  tout  conditions,  tho  air  temperature  at  the  suoop/duot  entrance  (T21  and 
T22)  was  reasonably  close  t,o  the  CIT.  However,  over  the  length  of  the  flexible 
duct,  by  tho  time  tho  air  reached  the  fuel  control,  the  temperature  had  risen 
as  much  as  ll°l!  (T23,  left  engine,  GIT  ■  -45°0).  The  temperature  rise  was  more 
pronounced  for  the  port  engine  system  and  is  considered  to  lie  due  to  higher 
port  engine  buy  temperatures  In  the  area  of  the  MFOli.  This  wss  verified  by 
measuring  the  MFCI)  esse  temperatures . 


The  temperature  rise  inside  the  dust  creates  an  error  In  the  'I'?  sensing  system 
such  that  the  temperature  input  to  the  MFOU  is  no  longer  representative  u(  the 
actual  CIT,  The  error  'increases  with  decreasing  CIT,  At  GlT’s  below  -2f>°C, 
the  required  '17  outback  is  delayed,  resulting  in  a  N//0  overspend  condition, 
with  a  consequently  degraded  stall  margin.  The  delayed  KOT  cutback  not  only 
results  In  an  ou.’.lrvt  operating  at  un  unnecessarily  high  temperature,  which  is 
undes t rub lo  for  unglue  durability  purposes,  hut  In  addition,  further  degrades 
stall  margin. 
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b.  High  Attitude  Stalls.  Figures  i3  a,  b,  and  c  illustrate  the  72  system  response 
to  a  high  at t i t ud e  aircraft  stall  under  a  reducing  CIT  environment.  IV  system 
errors  (T23  minus  "IT)  approach  18°C  and  11°C  for  the  port  ar.d  starboard 
engines  respectively  at  a  OXT  of  -2?° C).  These  errors  are  significantly 
greater  than  those  observed  undar  the  steady  state  conditions,  and  are  pri¬ 
marily  due  to  cr»  increased  discrepancy  between  CIT  and  the  temperature  of  the 
air  at  the  scoop  inlet  IT21).  This  is  thought  to  be  a  result  of  boundary 
layer  effects  in  proximity  to  the  scoops  as  the  aircraft  approaches  stall. 

c.  Level  Flight  Stalls.  Figure  l'1’  demonstrates  the  T2  system  response  during  a 
level  flight  aircraft  stall.  In  tnis  series  of  tests,  Decause  the  aircraft  was 
not  stalled  as  rapidly  as  in  the  previous  high  attitude  stall,  the  CIT  environ¬ 
ment  did  not  change  as  rapidly  in  this  manoeuvre.  Also,  the  scoop  inlet 
temperature  (T2l)  followed  CIT  more  closely  than  in  the  previous  stall  tests. 
However,  ohe  temperature  rise  the  TP  duct  reached  13°C,  exceeding  the  steady 
state  increase  of  10°C  at  the  CIT  value  of  -35°C. 

These  aircraft  stall  tests  have  demonstrated  that  external  temperature  dis¬ 
crepancies  exist  between  the  compressor  face  and  the  cooop  In  addition  to 
internal  system  temperature  rises  found  in  normal  steady  state  flight.  These 
external  discrepancies  are  probably  due  to  distorted  flow  and  boundary  layer 
effects  in  proximity  to  the  system  scoop.  The  slgnlf''  cance  of  the  increased 
errors  is  that  under  the  conditions  of  high  aircraft  angles  of  attack,  aircraft 
stalls,  and  during  stall  recoveries,  the  compressor  face  would  encounter  in¬ 
creased  inlet  flow  distortion.  The  flow  distortion  and  the  coincident  effects 
of  T2  system  errors  would  be  additive  to  significantly  reduce  compressor  stall 
margin  under  those  flight  conditions. 

d.  Weapons  Delivery  Profiles.  The  dynamic  conditions  experienced  during  a  typical 
weapons  delivery  are  illustrated  til  Figures  15  a,  b,  end  c  (only  one  engine's 
parameters  are  shown  since  they  are  essentially  the  same  for  both  engines). 

This  manoeuvre  topresents  a  different  situation  from  the  previous  ones,  in  that 
CTT  is  relatively  warm  due  to  the  higher  speeds  and  lower  al. titudos,  and  is 
increasing  Hue  both  to  the  altitude  decrease  and  speed  build  up.  As  shown  in 
Figure  15c,  the  initial  temperature  difference  in  the  TP  duct  decreased  with 
time  and  the  remaining  error  would  actually  reduce  the  possibility  of  compres¬ 
sor  stall.  Sir,- io  the  engine  operating  point  is  r.uw  In  a  low  N//I}  regime, 
engine  variable  geometry  would  bo  actuated  slightly  curlier  than  required  due 
to  the  error. 

5  •  t'PHHtWl'lVI1:  MUAHURKS 

The  test  program  has  thus  far  Identified  that  the  existing  :n?  sensing  system  provides  an 
Incorrect  01T  signal  to  the  engine  control  system,  rids  error  is  <•  major  contributing 
factor  to  a  loss  of  stall  margin  under  low  (,' IT  conditions  for  u,iu  (IF-5  aircraft. 

Developments  are  now  underway  by  the  Canadian  Forces  and  the  eigtno  manufacturer  to 
eU.mlr.ute  or  reduce  I. lie  errors.  Work  thus  far  has  progressed  in  two  ureaui 

a.  Bill o,cut:l on  of  the  electrics  I  temperature  Uwiisor  for  the  nosi'.  le  control 
f roin "iiTi'e "MFC!.)  to  an  cron  of  the  oii|.;,t no  bay  where  a  ropreiiinitabl ve 
value  of  CIT  may  be  obtained.  This  modification  has  boon  prototypad , 
and  is  presently  being  test  flown,  by  AK'I'K.  it,  slioulu  effectively 
remove  the  'I'll  error  .'effect it-#  HOT  cutback.  I’-’opor  griT  artlma.k  would 
recover  some  of  the  lost  stall  margin  under  low  CIT  conditions. 

b.  HJaslng  of  the  TP  bellows  ami  MFOll.  A  modi  float  Ion  to  the  MFCb  Is 
currently  under  dovol.o;  .iiei.l,  by  tlonorul  Kleetrlo  wldoh  will,  bias  the 
MFCU  to  take  Into  account  an  average  error  In  seniied  temporal. urn , 

Thts  would  produce  an  engine  speed  cutback  at  warmer  values  of 
sensed  CIT.  Diicli  s  mod  if  I  oaf  lot.  Is  not  as  straightforward  as  If  may 
appear,  since  the  act. nation  ol  variable  geometry  under  high  temper¬ 
ature  (low  N//fl)  solid  If  I  ons  must,  not  to  adversely  effected  by  s  bias 
developed  to  correct,  a  low  temperatce  error, 

Tilt)  Royal  Norwegian  Air  Force  lias  further  Investigated  l. ho  TP  toinnorsturi?  seising,  system  on 
the  F-5A/R  aircraft.  They  found  that  prolonged  engine  operation  nt  low  power  setting,  on 
the  ground  loads  to  high  sensing  error  ,  Dmler  these  conditions  engine  Imy  cooling  .Inflow 
Is  reduced,  thus  bay  temperatures  are  high  nnd,  In  addition,  airflow  through  thu  TP  seimlng 
duct  Is  lowered  due  to  reduced  aspirator  of  feat  i  vou.'tni ,  In  sin  vice,  these  uond  .  I,  t  onit  are 
encountered  frequently,  such  as  during,  «  taxi  or  hold  prior  I,.)  fake  off,  On  s  cold  day, 
below  -26 "c,  the  errors  would  lead  to  delayed  TP  uuiilmoU  and  reduced  stall  margin  an  dis¬ 
cussed  earlier  In  the  paper,  As  mentioned  previously,  compressur  stalls  have  often  horn 
encountered  In  cold  weather  on  afterburner  Initial,  on  foi  faliu  off.  .Subsequent  Invest  1- 
gsllon  determined  that  a  change  In  pilot,  technique  could  reduce  this  sensing  error,  The 
revised  procedure  requires  the  pi  let  to  panne  lit  it  higher  power  setting  (MILITARY)  for 
thirty  seconds  (thus  Increasing  airflow  through  the  engine  lay  mid  sensing  duct)  prior  to 
select, Ion  of  afterburner  for  take  off. 
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a.  Since  its  introduction  into  Canadian  Forces  service,  the  C'F-5  aircraft  has  been 
plagued  by  compressor  stalls  and  consequent  combustor  flameouts.  A  co-operative 
program  between  the  Canadian  Forces  and  the  National  Research  Council  of  Canada 
was  launched  to  investigate  the  problem. 

b.  It  was  found  that,  during  a  three  year  period,  over  half  the  reported  stalls 
occurred  at  compressor  inlet  total  temperatures  (CIT  or  T2)  below  -26°C,  an 
operating  regime  in  which  compressor  speed  and  exhaust  gas  temperature  (EOT) 
cutbacks  (termed  T2  cutback)  are  to  take  place. 

c.  An  extensive  flight  program  with  an  instrumented  CF-5D  airoraft  wa3  executed, 
which  showed  that  significantly  higher  CIT  input  signals  were  given  to  the 
main  fuel  control  unit  (MFCU)  and  the  exhaust  nozzle  controller.  These  erron¬ 
eous  temperature  signals  would  delay  the  scheduled  T2  cutbacks,  increasing  the 
chances  for  stalls  at  high  corrected  compressor  speeds. 

d.  Heat  transfer  from  the  engine  bay  environment  to  the  T2  sensing  system  air  duct 
was  identified  as  a  major  cause  for  the  higher  temperature  indication.  Asymmetric 
MFCU  locations  in  the  respective  engine  bays  caused  greater  rates  of  heat  transfer, 
and  henoe  indicated  T2  errors,  to  the  port  than  to  the  starboard  engine. 

e.  Left  hand  indicated  T2  errors  ranged  from  11°C  (CIT  *  -t5°C)  at  steady  state  level 
flight  to  13°C  (CIT  *  - 3 4°C >  during  a  level  attitude  aircraft  stall  and  to  l8°C 
(CIT  *  -27°C)  at  a  60°  nose  high  aircraft  stall.  Right  hand  engine  errors  were 
approximately  two-thirds  of  the  left  hand  ones. 

f.  In  the  oase  of  errors  during  airoraft  stalls,  the  T2  error  arising  from  the  engine 
bay  heat  transfer  was  compounded  by  an  erroneously  high  total  temperature  measure¬ 
ment  at  the  T2  system  inlet  scoop,  located  on  the  underside  of  the  airoraft.  In¬ 
creased  compressor  inlet  distortion  under  this  flight  condition  would  add  to  the 
delayed  T2  outback  in  pushing  the  engine  towards  stall. 

g.  Various  steps  have  been  considered  to  alleviate  the  faults  of  the  T2  sensing 
system.  The  most  notable  to  date  has  been  the  planned  relocation  of  the  sensor 
providing  the  temperature  input  to  the  nozzle  control  and  which  governs  the  EOT 
cutback. 
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SUMMARY 

Research  and  development  work  on  future  transport  aircraft  demand  a  reliable  assessment  of  engine  Interference 
In  order  to  fully  exploit  the  performance  potential  of  the  aircraft.  The  use  of  high  bypass-ratio  tu'bofons  result  in 
nacelles  of  substantial  dimensions  causing  complex  flow  phenomena  In  both  low-  and  high-speed  flight  conditions.  At 
low  speed  the  problem  is  further  complicated  by  angle  of  attack,  sideslip,  englne-out  conditions  and  slat/flap  Inter¬ 
ference.  The  determination  of  propulsion-system  Interference  drag  Is  one  of  the  major  tasks  In  all  analytical  and 
experimental  work.  It  is  also  one  area  with  the  largest  uncertainties  in  drag  prediction.  This  paper  concentrates 
mainly  on  the  different  experimental  methods  and  their  specific  roles  In  various  stages  of  research  and  development. 
The  main  problem  here  is  the  simulation  and  calibration  of  the  propulsion  system.  Different  methods  of  simulation  can 
be  applied.  Tho  main  types  arei  flow-tl.;ough  nacelles,  powered  nacelles  (blowing,  turbine  powered  simulators  "TPS", 
ejector  powered),  Inlet  models.  Turbine  powered  simulators  (TPS)  represent  the  most  advanced  simulation  of  the  high 
bypass-ratio  engine  In  model  scale.  However,  complicated  model  design,  accuracy  requirements  for  calibration  and 
operation  and  costly  wlndtunnel  test  procedures  limit  the  routine  usage  of  this  technique.  A  large  part  of  the  wind- 
tunnel  tests  still  have  to  rely  upon  flow-through  nacelles.  In  addition,  a  novel  flow-through  nacelle  with  a  variable 
plug,  already  developed  and  tested  by  VFW,  will  be  presented.  It  will  be  shown  thot  the  combination  of  flow-through 
nacelles  and  TPS  can  be  efficiently  used  In  the  wlndtunnel  investigation  of  propulsion-system  effects  for  transport 
aircraft.  Test  set-up,  calibration  methods  and  evaluation  procedures  are  presented  for  each  method. 
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fn 
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oC 

angle  of  attach 
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*1 

P 
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static  pressure 
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%a 
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t .  INTRODUCTION 

Modem  transport  aircraft  must  offer  improved  performance  characteristics  with  respect  to  energy  efficiency  and 
operating  costs.  The  dramatic  development  of  fuel  prices  make  fuel  consumption  the  main  factor  contributing  to  the 
build  up  of  operating  costs. 

Projected  fuel  prices  for  1987  and  the  Impact  on  operating  costs  for  a  typical  wlde-body  transport  aircraft  It 
shown  In  Fig.  1.1  taken  from  Ref,  8.  The  high  and  low  projections  of  fuel  price  result  in  fuel  costs  being  46  %  to 
70  %  of  the  overall  operating  costs. 

Thus  the  reduction  in  mission  fuel  burned  has  to  be  one  of  the  main  objectives  for  future  transport  aircraft. 

This  requires  the  application  of  advanced  technology.  With  respect  to  aerodynamics  and  propulsion  the  objectives  must 
be  to  Minimise  the  overall  drag  of  the  aircraft  and  reduce  fuel  consumption  of  the  engines. 
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Maximum  benefits  can  be  achieved  by  paying  careful  attention  to  the  nacelle/airframe  Integration  procets 
for  a  given  engine/airframe  combination  In  order  to  exploit  the  full  performance  potential. 


The  basic  elements  of  advanced  aerodynamics  and  propulsion  technology  shown  in  rig.  1.2  are: 

o  Advanced  wing  design  u.  mg  transonic  aerofoils  and  efficient  high  lift  devices.  Improved  supercritical 
wings  are  characterised  by  higher  aspect  ratios  and  increased  thickness. 

o  High  bypass-ratio  turbofan  engines  with  lower  specific  fuel  consumptions. 

Modem  high  bypass-ratio  turbofans  present  today's  state-of-the-art  in  propulsion  technology.  Compared  to  the 
first  generation  of  turbojets  they  have  a  40  %  lower  specific  fuel  consumption,  see  Fig.  1.3.  Furthe*  Improvements 
are  expected  to  bring  an  additional  reduction  of  12  %  -  15  %. 

One  of  the  main  problems  which  tend  to  offset  these  benefits  are  the  relatively  large  dimensions  of  these  engines, 
which  result  In  large  nacelles  close  to  modern  wing  profiles  of  greater  thickness.  Future  energy  efficient  engines  will 
tend  towards  even  higher  bypass  ratios  at  can  be  seen  from  Fig.  1 .4.  Larger  engine  dimensions  also  mean  higher  mass 
flows  in  and  out  of  the  nacelle. 


Installation  of  these  nacelles  must  therefore  take  account  of  interference  effects  due  to  closer  nacelle/wing 
spacing  and  larger  flow  rates  of  the  nactile  in  both  low  and  high  speed  conditions.  This  problem  it  of  special 
importance  In  the  case  of  the  twin-engine  transport  with  a  single  large  powerplant  under  each  wing.  A  typical  twin- 
engine  wide-body  transport  is  shown  in  Fig.  1.3.  Research  and  development  of  modem  transport  aircraft  must  pay 
particular  attention  this  problem  area  in  order  to  obtain  the  most  favourable  combination  of  englne/nacelle  and  air¬ 
frame  on  the  basis  of  reliable  theoretical  and  experimental  predictions. 

Nacelle/wing  integration  requires  the  handling  of  a  highly  complicated  three-dimensional  flow  field  comprising 

o  flow  aiound  a  swept  wing  with  fuselage 

o  Inlet  and  nozzle  flows 

o  pylon  between  wing  and  nacelle 

The  complex  nature  of  this  flow  field  makes  the  determination  of  propulsion  system  interference  drag  one  of 
the  main  uncertainties  in  the  prediction  of  overall  aircraft  drag. 

A  clear  definition  of  Installed  thrust  and  aircraft  drag  taking  account  of  jet-interference  and  inlet  spillage 
effects  Is  also  necessary  of  the  correct  breakdown  of  overall  aircraft  drag  and  In  oder  to  facilitate  ihe  correlation  of 

flight  test  and  model  data.  A  practical  thrust/drag  bookkeeping  procedure  also  facilitates  the  efficient  integration  of 

development  work  between  engine  and  airframe  manufacturer.  It  further  provides  the  possibility  of  identifying  specific 
areas  of  drag  uncertainty,  where  further  research  and  development  efforts  should  be  concentrated. 

Although  theoretical  methods  ore  advancing  In  this  area,  wlndtunnel  Investigations  using  different  methods  of 
engine  simulation  play  a  very  Important  role  In  the  Integration  of  engine  and  airframe. 

This  paper  will  be  mainly  concerned  with  the  different  experimental  methods  and  their  specific  application  at 
various  stages  of  the  research  and  development  work  to  be  done.  This  will  be  preceded  by  a  discussion  of  the  main 
aspects  of  nacelle/atrframe  interference  at  typical  high  and  low-speed  flight  conditions. 


2.  ENCINE/AIRFRAME  INTERFERENCE  EFFECTS 

2 . 1  Description  of  the  General  Problem 

Interaction  of  the  flow  fields  from  nacelle  and  pylon  influence  the  lift  and  drag  characteristics  of  the  complete 
configuration  as  compared  to  the  characteristics  of  the  wing  ond  fuselage  alone.  With  respect  to  drag  this  can  be 
expressed  as  an  Interference  Drag  Coefficient  A  C(>  for  a  given  flight  and  nacelle  flow  condition  and 
crlbed  In  Fig.  2.1. 
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In  the  cot*  of  drag  measurements  using  powered  simulator*  appropriate  corrections  for  simulator  net  thrust  must 
be  applied  to  the  above  equation. 

The  goal  for  the  design  of  an  efficient  transport  aircraft  is  to  minimise  the  interference  drag  ACq  by  design 
and  arrangement  of  nacelle  and  pylon  within  the  structural  and  functional  limitations  of  the  engine  installation,  It 
is  possible  to  even  achieve  a  favourable  Interference  drag. 

Experience  with  the  present  generation  of  wlde-body  transport  aircraft  and  windtunnel  investigations  show  thar 
the  interference  drag  problem  is  not  entirely  a  high-speed  problem  connected  with  premature  drog-rise  effects  with 
increasing  flight  Machnumbers .  Attention  must  also  be  paid  to  low-speed  interference  in.prder  to  achieve  the  best 
take-off  and  climb  performance. 

Correct  understanding  of  the  flow  conditions  at  the  Inlet  and  exhaust  of  the  nacelle,  pylon  and  swept  wing 
is  necossary  for  the  best  possible  representation  of  the  full-scale  aircraft  in  the  windto  jl.  This  Is  also  important  In 
the  analysis  of  flight  test  results,  where  interference  due  to  different  tnle*  and  nozzle  conditions  is  sometimes 
erroneously  looked  upon  as  data  scatter.  Flow  in  and  out  of  the  nacelle  is  defined  by  the  thermodynamic  cycle  of 
tho  engine.  Flow  around  the  nacelle  depends  upon  nacelle  shape  and  the  presence  of  other  airframe  components  near 
the  nacelle.  A  simplified  description  of  the  interference  flow  field  is  shown  in  Fig.  2.2. 

The  main  parameters  Influencing  the  englne/atrframe  interference  for  a  given  nacelle  and  pylon  geometry  are 
the  flow  conditions  at  the  inlet  and  nozzles,  which  vary  as  a  function  of  flight  condition  (Mochnumber,  temperature 
angle  of  attack)  and  engine  speed.  Fig.  2.3  indicates  the  range  of  flow  condition  depending  upon  flight  condition. 

It  must  be  realised  that  due  to  the  relatively  large  dimensions  of  the  engines  these  changes  In  flow  can  have 
considerable  effects  on  the  overall  lift  and  drag  characteristics  of  the  aircraft. 

Nacelle  shupe  plays  an  Important  role  In  the  Interference  problem.  One  of  the  main  factors  here  is  the 
nozzle  type.  This  has  tradlonally  been  the  responsablllty  of  the  engine  manufacturer,  who  in  most  cases  Is  mainly 
interested  ini 

o  Thrust  and  SFC  of  Isolated  (non-lnstalled)  powerplant  at  specific  points  of  the  mission  profile 

o  Thrust  reverser  design 

o  Maintainability  and  commonality  of  same  engine  In  different  aircraft 

o  Weight 

The  present  generation  of  high  bypass-ratio  engines  belongs  to  the  non-mixing  type  and  thus  has  sepuate 
nozzles  for  the  fan  and  primary  exhaust  systems.  Fig,  2.4  shows  the  different  types  of  nozzle  design.  It  has  been 
usual  practice  up  to  now  to  select  the  nozzle  combination  on  the  basis  of  isolated  nozzle  tests,  l.e.  without  influence 
of  the  wing.  This  may  be  quite  sufficient  for  preliminary  dnslgn  studies  and  initial  trade-offs  for  different  nozzle  types. 
In  final  configuration  work  however  the  effect  of  wing  and  pylon  must  be  considered. 

Optimisation  of  the  nozzle  system  using  this  tradlona!  method  leads  to  different  proposals  by  the  engine 
manufacturers.  Fig.  2.5  shows  nacelles  for  the  Airbus  A  300  from  General  Electric  and  Pratt  &  Whitney. 

Longduct  mixing  nacelles  are  also  being  proposed  for  future  commercial  transports.  Fig.  2.6  shows  proposals 
of  General  Electric  and  Pratt  &  Whitney. 

Closely  coupled  with  the  nacelle/airframe  interference  is  the  pylon.  Careful  consideration  of  this  component 
Is  necessary  due  to  the  following  aspectsi 

o  Fence  effect  of  pylon 


In  lummary,  th#  probltm  of  •ngfne/olrfromo  Jriterfortnco  mutt  toko  account  of  the  following  factors: 
c  Problems  fypicol  to  high-speed  and  low-speed 

o  Angle  of  attack/Sideslip 

o  Nozzle  shape 

o  Nozzle  flow  condition-/ 

o  Inlet  flow  conditions 

o  Mutual  interference  between  nacelle  and  wing 

In  order  to  achieve  the  maximum  benefits  from  the  combination  of  nacelle  and  airframe,  the  process  of  nozzle 
selection  for  future  aircraft  must  be  done  in  an  "Integrated  development  approach"  between  engine  and  airframe 
manufacturer.  This  method  must  consider  mutual  interference  effects,  i.e. 

o  nacelle  interference  on  wing  and  pylon  (change  in  wing  pressure  distribution) 

o  wing  interference  on  nacelle  (effect  on  nozzle  performance  including  modification  of  cowl  pressures) 

in  early  stages  of  aircraft  development  work. 


2.2  High  Speed  Interference 

Engine/airframe  interference  at  high-speed  flight  conditions  Is  characterised  by  modifications  in  the 
transonic  flow  fields  of  the  Isolated  components  with  respect  to 

o  Wing  upper  surface 

o  Wing  lower  surface  and  pylon 

o  Nacelle,  especially  core  cowl 

Fig.  2.8,  2.9  and  2.10  showing  measured  data  from  flight  test  and  windtunnel  models  explain  this  basic  flow 
phenomenon  which  Is  fundamental  for  all  work  on  nacelle/airframe  Interference  at  high  and  low  speed  flight  conditions. 
The  examples  shown  are  for  the  case  of  a  conventional  wing  profile.  Stronger  interference  effects  must  be  expected 
with  the  thicker  supercritical  wing  profiles  of  advanced  transport  aircraft. 

With  respect  to  thrust/drag  bookkeeping  the  following  conclusions  can  be  drawn: 

o  Nacelle  Interference  on  the  wing  Increases  wing  leading  edge  "suction",  which  manifests  Itself  in 
an  apparent  drag  reduction,  If  the  nacelle  forces  are  not  measured  In  the  model  test. 

o  Wing  Interference  on  the  nacelle  Is  mainly  on  the  core  cowl,  integration  of  pressures  over  this  surface, 
leads  to  an  Incremental  drag.  The  magnitude  of  this  incremental  drag  depends  upon  thn  core  cowl  shape, 

o  Viscous  effects  must  be  taxen  into  account  when  evaluating  model  pressures  and  forces  to  predict  full- 
scale  performance.  ■''Ifferences  In  the  boundary  layer  characteristics  especially  with  respect  to  the 
displacement  thickness  due  to  scaling  effects  can  lead  to  Inaccurate  predictions  for  full  scale. 

It  has  already  been  shown  that  the  pylon  plays  a  very  important  role  In  the  Interference  problem.  Pylon  shape 
can  Interfere  with  the  core  cowl  and  lead  to  unfavourable  pressure  distributions  resulting  In  flow  separation  on  the 
core  cowl.  Appropriate  shaping  of  the  pylon  with  respect  to  thickness  distribution  and  camber  can  provide  drag  re¬ 
duction  at  cruise.  All  considerations  with  respect  to  the  use  of  a  "Universal  Pylon"  for  left  and  right  wing  and  for 
different  engines  must  be  based  on  trade-off  investigations  to  assess  the  overall  "drag  penalty"  for  commonality.  This 
requires  model  tests  with  correct  Inlet  and  nozzle  flow  simulation. 

Besides  the  understanding  of  the  Interference  flow  phenomenon  described  above  It  Is  also  essential  to  know  the 
characteristics  of  nozzle  flow  at  cruise  conditions  In  order  to  make  the  correct  decisions  for  engine  simulation  techniques 
in  the  windtunnel.  For  the  high  bypass-ratio  engine  this  Is  mainly  the  fan  efflux.  As  can  be  seen  from  Fig.  2.3  this  is 
mainly  supersonic  flow  with  nozzle  exit  Mochnumbers  ranging  from  1.2  to  1,4.  The  flow  over  the  core  cowl  consists  of 
a  sequence  of  shock  and  expansion  wares  with  strong  viscous  Interactions  (Ref.  14). 

Turning  of  the  supersonic  flow  at  the  end  of  the  core  cowl,  where  It  meets  with  the  primary  stream  usually 
takes  place  with  a  shock  wove  Experience  shows  that  the  strength  and  position  of  the  shock  wave  under  the  wing  plays 
an  Important  role  In  the  nacello/alrfrjme  Interference  drag  problem,  Closely  connected  with  this  supersonic  flow  field 
Is  the  peak  Machnunber  on  the  pylon  whlck  can  be  related  to  Interference  drag  Increments  as  can  be  seen  from  Fig.  2,11 


Wlndtunnel  tMh  show  that  Interference  draq  changes  with  increasing  fan  nozzle  pressure  ratio  up  to  pressure 
ratios  of  about  2,2  for  a  typical  transporter  configuration.  At  fan  nozzle  pressure  ratios  higher  than  2.2  there  is 
hardly  any  change  in  interference  drag.  Thus,  it  is  only  necessary  to  simulate  nozzle  pressure  ratios  up  to  about  2.2 
in  model  tests.  For  tests  with  the  objective  or  determining  aerodynamic  ioadi  on  nacelle,  pylon  end  wing  It  may  still 
be  necessary  te  go  up  to  the  highest  possible  nozzle  pressure  ratios.  The  present  generation  of  turbine  powered 
simulators  cun  cover  the  full  range  of  engine  nozzle  pressures. 

In  addition  to  the  influence  of  fan  nozzle  pressure  ratio  on  interference  drag  the  effect  of  inlet  mass  flow 
must  also  be  considered.  It  is  not  sufficient  to  use  only  an  isolated  fan  cowl  with  true  representation  of  the 
inlet  to  determine  the  change  in  spillage  drag  due  to  changes  of  mass  flow  ratio  and  free-stream  Mschnumber.  A 
check  must  be  done  with  the  complete  configuration  of  nacelle,  pylon  and  wing  in  order  to  take  account  of  three- 
dimensional  effects,  especially  the  upflow  at  the  inlet  plane.  A  crossflow  component  of  this  flow  field  can  in 
certain  cases  make  the  outboard  sides  of  the  inlet  critical.  Since  spillage  drag  depends  upon  boundary  layer  develop¬ 
ment  and  flow  separation  the  effect  of  Reynolds- Number  must  be  taken  into  consideration  when  using  model  data. 

2 . 3  Low- Speed  Interference 

The  interference  problem  between  nacelle,  pylon  and  wing  at  low-speed  flight  is  characterised  by 
o  High  angles  of  attack  corresponding  to  take  off  and  landing 
o  Different  flat  and  flap  settings 
o  Sideslip 

o  Engine  power  settings  from  Windmill  to  Go-Around 

Fig.  2.12  identifies  the  parameters  involved  and  typical  problems  areas. 

The  main  objective  here  is  tho  determination  of  the  low-speed  drag  polar  for  symmetrical  and  asymmetrical 
flight  conditions.  In  the  case  of  a  twin-engined  transport  this  means: 

o  Symmetrical 

Both  engines  at  Go-Around  Power 

o  Asymmetrical 

One  engine  out  (windmilling),  one  engine  at  Go-Around 

The  basic  flow  phenomenon  with  respect  to  the  complexity  of  the  flow  field  between  wing,  pylon  and  nacelle 
ns  already  discussed  under  high-speed  interference  also  applies  here.  The  problem  is  additionally  complicated  by  the 
large  range  of  angle  of  attack  and  changes  in  wing  geometry  Jue  to  slat  and  flap. 

Flow  observations  from  flight  and  model  tests  show  that  the  highly  complex  flow  field  around  nacelle,  pylon 
and  wing  contains  substantial  cross-flow  components  and  engine  power  effects. 

The  low-speed  nacelle  inrerference  problem  Is  an  important  task  in  the  nacelle  integration  process.  Especially 
the  high  bypass-ratio  engine  with  the  trend  to  larger  dimensions  and  more  massflow  in  and  out  of  the  engine  has  a 
strong  effect  on  the  lift  and  drag  characteristics  of  the  wing  at  high— I ift  conditions. 

Recent  wlndtunnel  investigations  on  typical  wlde-body  transport  aircraft  configurations  show  that  jet-effects 
must  be  Included.  This  Is  a  very  Importan*  fact  for  the  decision  concerning  the  use  of  engine  simulating  techniques  in 
windtunnel  tests.  Viscous  Interaction  must  also  be  taken  Into  account  in  order  to  correct  for  scaling  effects.  This  Is 
similar  to  the  high-speed  case. 

Due  to  the  fact  that  the  nozzles  are  subcritlcal  In  the  low-speed  flight  regime  back-pressure  effects  can  in¬ 
fluence  the  thrust  and  discharge  coefficients  of  the  nozzles.  The  clarification  of  this  problem  Is  very  Important  in 
the  thrust/drag  bookkeeping  procedures  and  for  cooperation  with  the  engine  manufacturer, 

3.  THE  ROLE  OF  EXPERIMENTS  IN  NACELLE/AIRFRAME  INTEGRATION  DEVELOPMENT 


3.1  The  Need  for  Experiments 

The  complex  nature  of  the  flow  in  the  nacelle,  pylon,  wing  interference  drag  problem  of  modern  transport  air¬ 
craft  makes  this  one  of  the  difficult  areas  in  the  drag  synthesis  of  the  complete  aircraft,  Computational  methods  for 
the  three-dimensional  potential-flow  Including  |et-effects  are  presently  In  the  stages  of  development.  Methods  already 
available  are  three-dimensional  subsonic  potential-flow  programmes  and  empirical  area  ruling  methods  described  in 
Ref,  16  and  17.  Apart  from  this,  investigations  of  nacelle/airframe  interference  must  still  strongly  rely  on  experimental 
methods  In  the  wlndtunnel  and  In  flight  test.  Wlndtunnnl  testing  with  appropriate  simulation  of  the  propulsion  system 
constitutes  the  main  source  of  data  on  engine/airframe  interference  effects  both  in  development  work  for  aircraft  and 


In  the  Support  of  flight  teet  programme*  for  new  aircraft  and  product  improvements. 

Typical  nacelle  and  engines  tests  for  aircraft  development  work  ore  shown  in  Fig.  3.1.  Included 
in  these  methods  is  also  the  engine  calibration  procedure  normally  used  by  the  engine  manufacturer.  Correct  under¬ 
standing  of  engino  calibration  techniques  is  necessary  for  the  evaluation  of  wind-tunnel  and  flight-iest  results  and 
for  the  final  thrust/drog  bookkeeping  of  the  cor  plete  aircraft.  This  is  not  only  important  due  to  the  equivalence  of 
thrust  and  drag,  but  also  to  compare  calibration  techniques  of  simulators  used  in  the  windtunnel  with  those  used  by 
the  engine  manufacturer  for  the  real  engine. 

The  current  staterof-  the-art  of  sea  level  and  altitude  engine  test  facilities  represents  the  best  the  engine 
manufacturer  can  do  for  engine  development  work.  They  however  do  not  fully  represent  the  underwing  engine  installation 
due  to  the  lack  of  freestream  flow  around  the  nacelle  and  the  wing  effect.  Fig.  3.2  compares  a  typical  altitude 

test  facility  will  the  actual  engine  installation  unour  the  wing. 

Data  from  all  sources  of  experimental  testing  should  be  compatiable  in  order  to  "close  the  loop"  as  shown  in 
Fig.  3.3  in  a  combined  and  well  coordinated  effort  by  both  engine  and  airframe  manufacturer.  Ref.  18. 
describes  an  integrated  systems  approach  for  propulsion  system  testing  with  respect  to  performance. 

Among  the  experimental  methods  shown  in  Fig.  3.3  the  windtunnel  offers  the  highest  degree  of  flexibility. 

Modifications  can  be  incorporated  quickly  and  at  lower  cost.  In  order  to  achieve  reliable  test  results, adequate 

simulation  of  the  propulsion  system  inlet  and  nozzle  flows  Is  necessary.  Simulation  techniques,  calibration  and 
evaluation  are  discussed  in  4.  and  5. 


Engine  Calibration 


Calibration  methods  used  by  the  engine  manufacturer  are  shown  In  Fig.  3.3.  The  main  source  of  aerodynamic 
data  for  nacelle  integration  is  the  isolated  blown  nacelle  for  the  measurement  thrust  and  discharge  coefficients. 

These  tests  are  of  high  importance  because  the  results  are  used  not  only  for  real  engine  nozzle  calibration  but  also 
in  the  process  of  thrust  determination  of  model  simulators.  Testing  of  the  blown  nacelle  should  take  account  of  the  flowing! 


o  Freestream  suppression  effect 


o  Effects  of  real  installation,  e.g.  wing  and  pylon 


During  the  development  of  the  real  engine  corrections  for  full-scale  effects  can  be  obtained  in  order  to 
adjust  blown-nacelle  data  io  thereat  aircraft.  The  full-scale  nozzle  data  is  needed  for  the  calibration  of  flight  test 
engines  for  Inflight  thrust  calculation. 

One  of  the  most  important  tasks  for  validation  of  full-scale  performance  In  flight  test  Is  the  determination 
of  Inflight  thrust.  This  is  a  key  item  in  flight  test  programmes  for  new  aircraft  and  more  often  in  cases  where 
aerodynamic  or  engine  modifications  have  boen  applied  to  Improve  overall  performance.  In  flight  testing  the  problem 
of  accurate  drag  measurement  is  mainly  a  problem  of  thrust  determination, 


The  most  accurate  method  of  thrust  determination  makes  use  of  well  calibrated  engines  using  total  pressure 
rakes  in  the  nozzles  as  shown  In  Fig.  3.4  to  controll  the  flow  through  the  engine.  Thrust  and  mass  flow  are  based 
on  carefully  determined  nozzle  coefficients  derived  from  blown  nacelle  tests  (see  Fig.  3.1)  and  corrections  for  full- 
scale.  Best  accuracy  is  obtained  from  direct  engine  calibration  In  an  altitude  test  facility. 


Flight  testing  on  production  aircraft  has  to  make  use  of  the  instrumentation  available.  Different  thrust 
parameters  are  used  by  the  engine  manufacturers: 

o  Genera'  Electric 

Correct#.!  low  pressure  rotor  speed 

Tf_  ■  total  temperature  fan  entry  °K 


o  Pratt  &  Whitney 

Engine  pressure  ratio  EPR 
EPR  -  PT7/PT2 

PT7  »  total  pressure  in  primary  nozzle 
PT2  *  total  pressure  at  fan  entry 

Engine  calibration  techniques  based  on  nozzle  pressure  and  temperature  measurements  and  the  simple  GE 
method  using  Nicorr  are  also  applicable  to  Turbine  Powered  Simulators  (TPS)  for  windtunnel  work.  Due  to  the 
similarity  between  real  engine  and  TPS  use  of  this  new  technique  in  model  testing  con  improve  the  cooperation  betwoen 
engine  and  aiiframe  manufaturer  In  the  area  of  performance  with  benefit  for  the  overall  accuracy  of  thrust/drag 
determination  and  performance  development. 


SIMULATION  TECHNIQUES  IN  WIND  TUNNELS 


4. 1  Flow  Through  Nacelles 

This  It  the  cheapest  engine  simulation  for  wind  tunnel  models  of  transport  configurations  and  because  of  their 
cheapness  they  are  widely  used. 

Since  no  energy  is  added  to  the  internal  flow  of  such  a  nacelle,  the  simulation  of  the  jet  and  its  influence 
on  the  airframe  is  wrong  except  in  the  windmill  case. 

On  the  other  hand  the  intake  flow  can  be  matched  correctly  to  the  full-scale  condition  for  the  high  speed 
flight  region.  In  the  low  speed  flight  region  the  intake  flow  can  be  simulated  only  for  the  windmil1  and  flight  idle 


Different  flow  through  nacelle  schemes,  which  are  used  presently  in  transport  wind  tunnel  testing,  ore  shown 
in  Fig.  4.1. 


o  Triple  Body  Nacelle 

This  scheme  gives  a  perfect  optical  simulation  of  the  full-scale  engine.  Fan  cowl,  fan  nozzle,  gas  generator 
cowling  and  primary  nozzle  plug  are  simulated  correctly  to  scale.  With  this  scheme  the  intake  maw  flow  at 
a  given  free  stream  mach  number  is  fixed  by  the  nozzles  exit  areas.  The  mass  flow  can  be  reduced  by  in¬ 
stallation  of  screens  or  rimilar  drag  devices. 


o  Double  Body  Nacelle 

This  scheme  allows  a  higher  mass  flow  due  to  the  larger  primary  nozzle  exit  area.  Plugs  of  different  sizes 
may  be  used  in  the  primary  nozzle  to  adjust  the  inlet  mass  flow. 


Usefulness  of  the  double  and  triple  body  nacelle  design  is  controversial.  Since  the  nozzle  exit  flow  energy 
is  wrong,  it  seems  not  to  be  useful  to  correctly  scale  the  gas  generator  cowling  and  primary  nozzle.  Due  to  the 
wrong  jet  energy  the  simulation  of  aerodynamic  interference  of  the  engines  rear  part  is  wrong  anyway. 

On  the  other  hand  these  nacelle  designs  have  a  high  internal  diag,  which  is  difficult  to  evaluate  with  suffi¬ 
cient  accuracy.  This  is  even  r.iore  difficult  if  drag  screens  are  used  to  reduce  !nlef  massflow.  So  the  evaluation  of 
airframe  drag  by  subtraction  of  internal  drag  is  burdened  with  relatively  large  errors. 

o  Skirted  Nacelle 

In  this  design  the  intake  lip  and  fan  cowl  Is  correctly  scaled  downstream  to  the  fan  nozzle  exit.  From  this 
point  the  solid  surface  is  extended  further  downstream  as  to  simulate  the  boundary  of  the  fan  jet.  The  exit 
area  of  this  single  body  nacelle  is  matched  to  give  the  desired  intake  mass  flow. 

This  design  scheme  gives  a  low  total  drag  of  the  nacelle  which  simplifies  Internal  and  external  drag 
separation . 

A  serious  disadvantage  of  the  skirted  nacelle  is  the  external  flow  separation  behaviour  at  high  incidence. 
Separation  onset  on  the  fan  cowl  and  its  Interference  with  pylon,  slat  and  wing  is  heavily  influenced  by  the  ex¬ 
tended  fan  cowl  surface.  So  the  high  lift  results  of  a  wing  In  presence  of  such  a  nacelle  may  be  misleading. 


4.2  Powered  Nacelles 
4.2.1  Blown  Nacelles 

The  designation  "blown  nacelle"  is  used  for  nacelles  with  a  faired  intakt  and  a  jet  simulation  by  pressurized 
air  which  is  feed  Into  the  nacelle  from  external  sources.  Fig.  4,2  shows  three  different  possibilities  to  fed  pressur¬ 
ized  air  into  the  nacelle. 

If  the  air  Is  fed  to  the  nacelle  by  an  external  sting,  the  nacelle  is  nonmetric.  A  measurement  of  the  forces 
acting  on  the  nacelle  is  possible  only  by  a  separate  nacelle  balance  with  a  force  free  air  bridge.  The  necessary  gap 
between  pylon  and  nacelle  generates  additional  errors. 

Feeding  the  air  through  wing  and  pylon  is  limited  by  the  available  space. 

A  sophisticated  modification  of  the  blown  nacelle  uses  hydrogen  peroxide  to  simulate  the  hot  primary  nozzle 
jet,  see  Fig.  4.3.  This  technique  gives  true  simulation  of  the  primary  nozzle  mass  flow  and  temperature  but  the 
test  set-up  is  very  expensive  and  thrust  calibration  is  complicated.  With  regard  to  the  small  interference  effects  of 
the  primary  jet  in  the  case  of  most  transport  configurat'ons  this  large  expenditure  seems  not  to  be  worthwhile. 

The  general  disadvantage  of  blown  nacelles  is  the  nonexisting  intake  flow.  So  the  use  of  blown  nacolles  is 
based  on  the  assumption  that  direct  and  interference  effects  of  the  intake  flow  are  independent  from  the  nozzle  exit 
flow  effects. 


If  this  assumption  Is  true,  effects  of  Intake  and  nozzle  exit  flow  may  be  determined  by  different  test 
arrangements. 

In  the  case  of  military  airplanes  with  long  ducts  this  assumption  is  valid  and  corresponding  test  procedures 
are  successful.  In  the  case  of  wing  mounted  high  bypass  short  duct  engines  however  intake  effects  ond  jet  effects 
are  coupled  to  a  certain  extent  by  wing  and  pylon  interference  effects;  main  effect  in  this  respect  is  the  wing  cir¬ 
culation,  Since  an  extremely  high  accuracy  is  essential  in  todays  transport  development,  the  use  of  blown  nacelles 
is  a  questionable  concept. 

Especially  questionable  are  test  set-ups  with  exrornal  air  supply  and  nonmetric  nacelle.  Experience  at  VFW 
shows  that  important  parts  of  the  interference  eff.  ts  act  on  the  nacelle  and  thus  tests  with  metric  airframe  only 
may  be  misleading. 


4.2.2  Ejector  Nacelle 

A  typical  bypass  engine  ejector  simulator  is  shown  in  Fig.  4.4.  The  ejector  nacelle  advantage,  compared  to 
the  blown  nacelle  is  the  partial  simulation  of  the  intake  flow  and  the  reduced  feed  air  mass  flow  which  simplifies 
the  air  supply  through  wing  and  pylon. 

Nevertheless  for  correct  nozzle  exii  pressure  ratios  the  intake  mass  flow  of  an  ejector  nozzle  reaches  only 
50  to  60  %  of  the  real  engine  mass  flow,  which  requires  complicated  correction  tests.  An  additional  disadvantage 
is  the  extreme  mixing  turbulence  of  the  nozzle  exit  flow,  which  is  most  different  to  the  real  engine  jet  flow  charac¬ 
teristic.  Thi ;  may  result  in  diffei  -.nt  interference  behaviour  of  the  jet;  the  knowledge  in  this  field  is  still  insufficient. 

Despite  these  shortcomings  ejector  nacelles  are  still  in  use  due  to  their  cheapness  and  simplicity.  However 
their  utilization  in  high  accuracy  transport  tests  is  certainly  not  recommended. 


4.2.3  Turbine  Powered  Simulators  (TPS  ) 

Historically  the  TPS  is  the  most  recent  concept  for  engine  simulation  and  the  most  sophisticated  too.  A  typi¬ 
cal  TPS  is  shown  in  Fig.  4.5  and  4.6. 

A  correctly  scaled  and  calibrated  TPS  gives  geometric  similarity  of  the  complete  9ngine  pod,  correct  pressure 
ratio,  temperature  and  mass  flow  of  the  fan  jet  and  correct  thrust  of  the  gas  generator  nozzle.  The  intake  mass  flow 

in  relation  to  the  real  engine  is  reduced  by  the  gas  generators  part  of  the  total  mass  flow.  In  the  case  of  a  modem 

6  ;  1  bypass  ratio  this  results  in  a  14  %  intake  mass  flow  deficit.  The  standard  concept  to  correct  fnr  this  is  to  use 

a  modified  intake  lip  contour  which  is  calculated  to  give  the  same  streamwise  pressure  distribution  on  the  external 

fan  cowl  surface  with  the  reduced  mass  flow  as  in  the  real  engine  case.  Additional  correctio  .s  ore  possible;  see 
chapter  6. 

The  drive  air  mass  flow  is  small  compared  with  the  blown  nacelle  or  ejector  nacelle  concepts  and  the  drive 
air  pressure  is  high.  So  the  air  fed  through  wing  and  pylon  presents  no  problems. 

Since  the  TPS  is  nonnally  mounted  on  the  modei,  the  thrust  is  measured  by  the  balance  together  with  the 
aerodynamic  forces  acting  on  the  model.  A  successful  evaluation  of  drag  and  interference  drag  depends  on  the  exact 
knowledge  of  the  thrust.  This  thrust  calibration  over  the  total  speed  regime  used  In  the  wind  tunnel  is  the  real  prob¬ 
lem  of  the  TPS  use.  Calibration  and  wind  tunnel  test  accuracy  must  be  pushed  to  the  utmost  limit  of  the  state  of  the 
art,  otherwise  the  interference  drag  effects  are  hidden  by  scatter  of  the  results. 


4.3  Inlet  Models 


These  models  are  used  to  study  inlet  flow  details.  Inlet  flow  losses  (steady  and  unsteady)  and  the  inlet 
flow- compressor  compatibility. 

Normally,  only  the  fan  cowl  external  and  internal  contours  and  adjacent  parts  of  the  airframe  (  wing,  pylon  ) 
are  realized  with  inlet  models  and  the  air  is  sucked  Into  the  Inlet  by  an  external  compressor. 

Recent  publications,  e.g.  [6]  ,  show  a  marked  influence  of  the  real  compressor  on  the  flow  measurement  just 
ahead  of  the  compressor  face.  This  means  a  measurement  without  compressor,  simply  by  sucking  air  through  the  inlet 
gives  no  reliable  inlet/ engine  compatibility  judgement. 

4.4  Comparison  of  Simulation  Techniques 

Fig.  4.7  shows  a  comparison  of  different  wind  tunnel  engine  simulation  techniques  and  full-scale  flight  test. 
Obviously  the  TPS  concept  is  the  optimum  engine  simulation  available  for  transport  configurations  in  todays  wind 
tunnels.  The  blown  nacelle  and  ejector  nacelle  concepts  ar^  seriously  limited  and  should  not  be  applicated  in  modern 
transport  development. 
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Nevertheless  the  high  expenses  and  the  time  consuming  complexity  of  TPS  tests  forbid  the  general  use  of 
this  design  with  all  aerodynamic  development  wind  tunnel  tests.  For  this  reason  the  additional  use  of  flow  through 
nacelles  Is  unavoidable.  A  detailed  comparison  of  the  simulation  ranges  of  flow  through  nacelles  and  TPS  is  shown 
In  Fig.  4.8.  The  flow  through  nacelle  gives  a  correct  simulation  for  idle  and  windmill  cases.  For  cruise  condition 
the  flow  through  nacelle  only  gives  correct  simulation  of  the  inlet  stream  tube  and  the  fan  cowl  external  flow,  ror 
low  speed  /  high  power  conditions,  i.e.  initial  climb  and  approach,  the  flow  through  nacelle  is  wrong. 

This  comparison  leads  to  a  concept  for  combined  utilization  of  flow  through  and  TPS  nacelles  in  the  develop¬ 
ment  process,  whicli  is  outlined  in  chapter  6, 


5.  CALIBRATION  AND  EVALUATION  METHODS 

5. 1  General  Considerations 

Calibration  end  evaluation  methods  proved  :o  be  the  key  to  success  in  wind  tunnel  engine  simulation.  Only 
sophisticated  methods,  applied  with  great  carefulness,  are  able  to  show  the  small  interference  effects  we  are  hunting 
for. 

From  a  purely  scientific  point  of  view  a  lot  of  different  methods  may  be  derived,  which  are  suited  for  correct 
and  accurate  data  evaluation.  In  the  case  of  practical  transport  aircraft  development  however  one  has  to  accomodate 
the  wind  tunnel  evaluation  methods  to  the  full-scale  engine  calibration  and  specification  method),  to  allow  a  correct 
application  of  the  wind  tunnel  data  to  the  full-scale  aircraft  performance  prediction. 

Most  full-scale  engines  are  tested  in  altitude  simulation  facilities  where  the  thrust  is  measured  for  the  full 
range  of  Mach  numbers  and  altitude.  This  calibrated  and  guaranteed  thrust  includes  the  scrubbing  drag  on  the  gas 
generator  cowling  and  the  scrubbing  drag  of  the  fan  [et  on  the  pylon  as  well  as  the  internal  loss  of  the  inlet  duct 
flow. 

All  other  losses  or  influences  ore  depending  on  the  engine  installation  on  an  airframe. 

In  consequence  all  such  effects  are  considered  to  be  part  of  the  airplane  drag: 

Drag  of  external  flow  on  fan  cowl  including  spillage  drag 

-  External  flow  influence  on  nozzle  discharge  coefficients 

-  Wing  and  pylon  interference  on  nozzle  discharge  coefficients 

-  Wing  and  pylon  influence  on  scrubbing  drag 

-  Jet  and  fan  cowl  flow  influence  on  wi-g  and  pylon  flow. 

The  calibration  of  engine  simulators  has  to  follow  closely  the  full  scale  engine  calibration  and  specification 
methods;  so  the  widely  u.  Boeing  TPS  calibration  tank  is  nothing  else  than  a  model  scale  engine  altitude  test 
facility. 

This  method  of  tank  calibration  has  been  discussed  in  many  papers,  so  no  further  discussion  is  necessary  here. 

5.2  Calibration  of  Flow  Through  Nacelle 

The  tank  calibration  facility  was  invented  for  the  very  critical  calibration  of  the  turbine  powered  simulators, 
but  this  test  set-up  may  be  used  for  the  calibration  of  flow  through  nacelles  as  well. 

The  necessary  flow  through  nacelle  calibrations  cover  the  mass  flow  calibration  over  the  Mach  number  range 
and  the  intemol  drag  (  total  drag  minus  external  fan  cowl  drag  ).  Normally,  the  mass  flow  is  measured  by  a  Pitot- 
static  rake  at  the  fan  position.  The  internal  drag  is  measured  by  wake  measurements  or  in  crude  experiments  is 
estimated  by  very  simple  calculations.  Obviously  the  most  accurate  calibration  is  achieved  in  a  tank  calibration 
facility;  this  type  of  calibration  shculd  be  used  for  precise  performance  tests. 

Calibration  of  a  flow  through  nacelle  is  much  simplified,  if  the  internal  drag  has  a  low  level  even  for  wind¬ 
mill  mass  flow  conditions,  because  errors  in  the  evaluation  of  a  low  internal  drag  result  in  smaller  total  errors. 

This  was  the  main  idea  of  the  novel  VFW  plug  nacelle,  see  chapter  6. 

5.3  Calibration  of  Blown  Nacelles  and  Ejector  Simulators 

If  such  nacelles  are  mounted  on  the  wing,  the  thrust  force  is  measured  by  the  balance  together  with  all  drag 
forces  and  an  accurate  calibration  is  necessary.  In  this  case  only  the  tank  calibration  method  gives  satisfactory  results. 

If  the  nacelle  is  mounted  by  an  external  strut,  the  thrust  is  not  mixed  with  the  drag  in  the  balance  and  so  a 
rough  thrust  or  nozzle  exit  pressure  calibration  is  sufficient.  In  this  case  however,  the  corrections  necessary  for  the 
external  mounting  rises  problems. 
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Fir*  5.1  shows  a  half  modal  tost  arrangement  using  the  ejector  simulator  shown  In  Fig.  4.4.  In  this  case  the 
simulator  is  nonmetrlc. 


A  reference  to  similar  clean  airframe  tests  and  tests  with  flow  through  nozzles  hod  to  be  established  and  a 
correction  was  necessary  for  the  considerable  bulky  air  feed  and  nocell i  mounting  tube. 

The  Igures  5.2  and  5.3  show  the  enormous  amount  of  different  tare  tests,  that  were  necessary  with  this  test 
arrangement  to  remove  all  tares  by  cross-checking  of  the  influences  and  to  establish  the  required  references  to  clean 
airframe  and  flow  through  nacelle  tests. 

Obviously  this  is  not  the  optimum  test  technique;  despite  the  lorge  amount  of  tare  tests  the  final  accuracy 
is  not  the  best. 


5.4  TPS  Calibration 


As  outlined  already  in  chapter  5.1,  the  calibration  of  turbine  powered  simulators  is  normally  done  in  a  cali¬ 
bration  tank  facility.  This  scheme,  originally  invented  by  Boeing,  is  well  known  from  several  publications,  so  no 
fuither  description  is  necessary  here. 

The  experience  gathered  at  VFW  showed,  that  it  is  relatively  simple  to  achieve  a  very  accurate  fan  mass 
flow  and  fan  thrust  calibration  by  fan  flow  total  pressure  and  total  tw.perature  measurement  and  by  fan  RPM  measure¬ 
ment. 


On  the  other  hand  extreme  care  is  necessary  in  the  measurement  of  primary  nozzle  exit  totei  pressure  and 
total  temperature,  since  the  primary  nozzle  thrust  rr  acts  sensitively  on  variations  of  thes-i  parameters.  Extreme  accu¬ 

racy  in  this  field  proved  to  be  the  key  for  successful  IPS  calibration  and  operation. 

A  simplified  calibration  method  for  TPS  was  used  at  VFW  successfully  for  low  speed  climb  performance  wind 
tunnel  tests.  It  was  found,  that  in  the  low  speed  regime  the  external  flow  Mach  number  influence  on  the  nozzle 
discharge  coefficients  is  small  and  can  be  negLctea.  So  a  vety  accurate  TPS  calibration  could  be  achieved  with 
static  tests  in  the  wind  tunnel.  The  TPS  was  mounted  on  a  strut  in  the  test  section.  The  external  wind  tunnel  ba¬ 
lance  with  a  force  free  air  bridge  was  used  to  measure  the  static  thrust  of  the  TPS.  This  test  set-up  is  shown  in 

Fig.  5.4. 

The  evaluation  of  this  static  thrus*  calibration  is  outlined  in  Fig.  5.5.  The  flow  discharge  coefficient  of  the 
prii  .ary  nozzh  was  taken  from  a  tank  calibration  of  a  similar  nozzle  con  figuration  and  wos  assumed  to  be  constant 
over  the  low  speed  Mach  number  range.  Repeatability  of  this  calibration  proved  :o  be  satisfactory  also  with  varying 
parameters  such  as  drive  air  temperature. 


6.  VFW  ENGINE  INTERFERENCE  EVALUATION  METHOD 
6 . 1  A  Novel  Flow  Through  Nacelle  Concept 

As  was  outlined  already  In  chapter  4.1.  the  flow  through  nacelle  only  gives  a  correct  simulation  of  th>,  in¬ 
take  Pow  w.  1  the  external  fan  cowl  flow  for  pur.  of  'he  flight  conditions.  The  flow  over  the  rear  part  of  the  engine 
and  the  jet  flow  is  wrong  ercept  for  the  windmill  cose. 

For  the  other  flight  conditions  the  best,  i.e.  the  least  wrong,  one  can  achieve  from  the  through  flow  nacelle. 
Is  the  correct  inlet  massflow  and  correct  external  fan  cowl  flow  ond  a  fon  nozzle  exi  flow,  which  is  free  of  disturb- 
anco  ond  free  of  losses. 


A  nearly  loss  free  flow  from  the  r.ozzle  exit  can  only  be  achieved,  if  there  is  no  screen  in  the  nuceile  and 
if  the  exit  area  is  the  smallest  area  of  the  internal  flow  tube.  In  this  cose  the  desired  inlet  mass  flow  must  be  fixed 
by  the  correctly  matched  nozzle  exit  area.  To  combine  the  matched  exit  area  with  the  correct  geometry  of  the  rein 
nozzle  outer  diameter,  a  correspondingly  sized  central  plug  in  the  nozzle  exit  plan  is  necessary. 

If  this  central  plug  has  a  variable  diameter,  different  inlet  mass  flow  settings  are  possible  according  to  dif¬ 
ferent  flight  and  thrust  conditions.  These  considerations  led  to  the  VFW  Pl>g  Nacelle  Concept. 

The  design  principle  of  this  nacelle  is  shown  in  Fig.  6,1.  Extsmolly  the  fan  cowl  is  shaped  to  the  scaled 
geometry  ot  the  real  engine  from  the  intake  lip  to  tho  fan  nozzle  exit.  Internally  the  intake  is  correctly  scaled  at 
least  downstream  to  the  fan  plane.  The  internal  contour  then  is  streamlined  to  the  fan  nozzle  exit. 


The  variable  diameter  of  the  central  plug,  which  gives  the  smallest  cross  section  area  of  the  internal  flow 
always  at  the  fan  nozzle  exit  plane,  is  achieved  by  a  design  of  radial  lamellas,  which  are  expanded  synchronously 
by  o  lever  and  sliding  block  mechanism.  The  lamellas  are  covered  by  a  thin  rubber  tube  which  gives  a  smooth  sur¬ 
face  at  any  diameter. 
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Fig .  6.2  and  Fig.  6,3  show  tha  nacelle  with  maximum  arid  minimum  axtt  area.  Tha  rubber  cover  on  the 
lamellai  is  removed  for  these  photos.  Fig.  6.4  shows  the  plug  nacelle  with  rubber  cover. 

The  nacelle  was  tested  in  a  small  open  test  section  wind  tunnel.  Fig.  6.5  shows  the  fan  flow  Mach  number 
plotted  against  free  stream  Mach  number  for  various  exit  areas.  This  diagram  clearly  shows  the  possible  range  of  in¬ 
let  mass  flow  variations. 

The  drag  of  the  isolated  nacelle,  including  the  d.ag  of  the  thin  mounting  strut,  Is  plotted  in  Fig.  6.6  against 
free  stream  Mach  number  for  different  nozzle  exit  areas,  The  drag  coefficient  is  based  on  the  total  frontal  area  of 
the  nacelle. 

The  diagrammr.  shows  the  following  drag  characteristics: 

o  General  diag  level  is  lc..  •  spared  with  double  or  triple  body  nacelles  or  nacelles  with  throttling  screens. 

o  At  low  Mach  numbers  drag  is  decreased  with  decreasing  exit  areu  due  to  reduced  internal  flow  friction 

drag. 

o  At  higher  Mach  numbers;  drag  is  increased  with  decreasing  exit  area  due  to  transonic  spillage  drag 
(local  supersonic  flow  with  shocks  on  the  intake  lip  ). 

This  behaviour  is  confirmed  by  wake  flow  total  pressure  measurements.  Fig.  6  7  an«  8  demonstrate  the 

total  pressure  distribution  in  the  fan  nozzle  exit  plan.  Note  the  loss  free  nozzle  exl  o  1  the  momentum  loss 

of  the  external  flow  at  high  Mach  number  and  small  exit  area. 

The  wake  flow  measurement  in  a  plane  behind  the  plugs  rear  end  (Fig.  6.9)  demonstrates  also  this  momentum 
loss  of  the  external  flow  with  small  exit  area.  This  measurement  also  confirms  that  there  is  no  or  only  small  separation 
on  the  plugs  rear  end. 

These  vary  simple  measurements  with  tha  VFW  plug  nacelle  confirm  the  following  characteristics: 

o  The  variable  plug  diameter  allows  a  range  of  internal  flow  Mach  numbers  from  close  to  the  free  stream 

Mach  number  down  to  about  half  that  value.  Thus  the  total  high  speed  engine  operational  range  and  part 

of  the  low  spoed  engine  conditions  is  covered  by  tui:  nacelle  without  use  of  internal  drug  devices  i ike 
screens, 

o  At  all  corditlons  the  nozzle  exit  flow  total  pressure  is  very  close  to  free  stream  total  pressure  and 
there  is  no  or  cnly  little  separation  on  the  plugs  rear  end.  Thus  in  any  case  the  drag  of  the  internal 
flow  is  small  which  results  in  small  errors  associated  with  evaluation  of  this  *ag  and  its  subtraction  horn 
the  total  measured  drag. 

o  For  the  rang?  of  massflows,  the  nacelle  can  achieve,  the  external  flow  on  the  fan  cowl  and  thus  also 
the  external  nacelle  drag  is  correctly  simulated  by  this  nacelle. 


Low  Speed  TPS  Test  Set-Up  and  Results 


In  the  past  the  use  of  TPS  was  limited  to  the  high  speed  respectively  cruise  flight  regime.  Low  speed  engine 
interference  was  not  thought  to  be  an  important  problem  and  wind  funnel  tests  in  this  region  were  done  with  much 
simpler  methods  like  blown  nacelles  oi  ejector  simulates. 

Quite  recently  the  use  c>t  different  engines  cn  comparable  airplanes  demonstrated,  that  also  in  the  low  speed 
flight  region  the  engine  Interferenc is  sensitively  dependent  on  small  configuration  change*  und  that  a  large  portion 
of  climb  performance  prediction  uncertainty  is  hidden  in  the  engin^'pylory'wing  interference  region.  So  the  most 
sophisticated  engine  simulation  technique  is  just  go'xi  enough  to  improve  this  situation. 

For  this  low  speed  region  we  decided  to  introduce  the  TPS  technique  in  the  VFW  low  speed  tunnel.  1  hi* 
tunnel  lias  a  2.1  x  2.1  test  section,  a  maximum  speed  of  70  rr/s  and  the  circuit  is  the  open  Eiffel  type.  Forces 
are  measured  by  a  weight  beam  type  overheod  balance. 

Normally  half  models  are  used  in  this  tunnel  in  Airbus  development  work;  a  typical  scale  Is  1  :  16,  A  turbine 
powered  simulator  representing  the  full  scale  engine  in  this  scale  was  available  from  Tech  Development  the  type 
TDI  441. 


Since  in  the  low  speed  flight  the  thrust  compared  with  drag  is  much  larger  then  in  cruise  condition,  the 
accuracy  p-oblem  of  TPS  testing  is  even  worse  in  low  speed.  The  first  problem  -as  therefore  the  installation  of  a 
very  precise  fci\«  free  air  budge  in  the  balance  system.  A  symmetrical  system  with  frictionless  flexible  steel  bellows 
-eve  excellent  results.  The  basic  accuracy  of  the  balance,  which  is  about  -  0.1  Newton  for  an  axial  force  balance 
rangt-  of  +  800  Newton,  was  only  slightly  reduced  by  the  oir  bridging  to  about  +  0.2  Newtons. 


Th*  total  t**t  set-up  In  th*  VFW  wind  tunnel  it  shown  In  Fig.  6.10;  Fig.  6.11  give*  a  clot*  view  on  th* 
TPS  noctll*.  Test*  with  this  model  war*  don*  uting  th*  following  technique: 


o  Total  fore*  m*aiur*m*ntt. 

o  Pressure  dlitrlbutlon  m*aturtm*nt»  on  nacelle,  pylon  and  wing, 
o  Wake  flow  total  prr'V-r*  distribution  behind  th*  engine  area, 
o  Flow  vltualizatlon  with  fofts  and  oil  flow. 


Th*  fore*  meaturement  evaluation  method  It  shown  In  Fig.  6.12.  A  lot  of  repeatability  runt  with  th*  tame 
configuration  and  varying  conditions  like  tunnel  temperature  and  drive  air  temperature  were  done;  th*  overall  re¬ 
peatability  with  full  TPS  power  It  about  +  4  drag  counts. 

A  typical  force  measurement  result  It  tf’ven  In  Fig.  6.13.  This  figure  shows  the  engine  installation  drag 
increment  plotted  against  engine  power. 


6.3  Evaluation  ond  Performance  Prediction  Method 

To  give  a  better  understanding  of  the  following  ideas,  the  test  configurations  used  in  th*  experimental  field 
of  engine  Interference  evaluation  are  outlined  in  Fig.  6.14  and  6.15. 

In  VFW  practice  up  to  now  most  of  the  ongine  effects  have  been  measured  using  half  models.  Th*  half  model 
test  set-up  gives  a  simpler  model,  simpler  engine  simulation,  higher  Reynolds  number  and  a  batter  accuracy  and 
repeatability  of  small  drag  increments.  So  this  wind  tunnel  philosophy  is  based  on  basic  performance  tests  with  com¬ 
plete  models  and  engine  incremental  effect  measurements  with  half  models. 

The  actual  evaluation  procedure  depends  on  the  aim  of  the  wind  tunnel  test.  Fig.  6.16  shows  th*  simple 
cats  where  the  interference  effect  between  enginq/pylon  and  wlnjy'body  is  evaluated.  The  encircled  numbers  on 
Fig.  6.16  refer  to  the  Fig.  6.14  and  6.15. 

The  complete  evaluation  procedure  necessary  to  predict  the  full-scale  aircraft  performance  is  shown  in 
Fig.  6.17. 

With  respect  to  the  evaluation  of  the  engine  thrust  this  procedure  follows  exactly  the  usual  method  of  th* 
full  scale  engine  performance  calibration.  The  TPS  tank  calibration  is  a  true  duplicate  of  the  full  scale  engine 
calib*ation  in  an  altitude  test  facility.  So,  If  the  engln*  manufacturers  specified  thrust  is  added  to  th*  performance 
prediction  evaluated  as  shown  In  Fig.  6.17,  th*  result  should  be  th*  true  air  plane  performance. 

Normally,  in  a  TPS  nacelle  th*  Intake  lip  diameter  is  reduced  compared  with  th*  I'eal  eng)  i#  intake  to 
cor-rct  for  the  missing  massflow  of  th*  gas  generator.  The  effect  of  this  difference  In  th*  intake  [,  ometry  is  measured 
by  a  comparison  of  flow  through  nacelles  on  the  half  model  with  correctly  scaled  Intake  and  TPS-intak*.  Exit  areas 
of  these  flow  through  nacelles  must  bo  adjusted  for  the  correct  massfiows  of  both  Intakes. 

Normally,  this  effect  of  th*  TPS-intake  modification  Is  small,  so  this  part  of  th*  tests  and  th*  evaluation  may 
be  omitted  In  most  cases. 

As  shown  In  Fig.  6.17,  the  full-scale  performance  prediction  can  be  derived  from  the  completely  evaluated 
wind  tunnel  result  by  two  different  methods.  The  reference  method  derives  tie  wind  tunnel  test  /  flight  test  corre¬ 
lation  from  a  reference  aiiplane,  which  must  be  closely  related  to  the  olrpl.me  being  In  development.  In  the  case 
e.g.  of  the  A  300  and  the  A  310  the  difference  Is  slightly  too  large  for  absoiut  reliable  results.  Therefore  at  VFW 
the  direct  performance  prediction  method  was  used  with  good  success.  This  method  uses  a  direct  wind  tunnel  /  flight 
Re-number  extrapolation  which  Is  based  partly  on  theoretical  methods  ond  partly  on  generalized  wind  tunnel  / 
flight  test  correlation  data.  A  detailed  discussion  of  these  methods  Is  beyond  the  scope  of  this  paper. 


It  must  be  well  understood,  that  In  the  method  shown  in  Fig.  6.16  as  well  as  In  the  normal  full  scale  engln* 
specification  and  calibration  method  one  Important  effect  Is  not  separated  ond  evaluated,  that  Is  the  "External  Flow 
Engine  Effect".  In  the  altitude  test  facility  for  the  foil  scale  engln*  as  well  as  In  th*  TPS  callbatlon  tank  th* 
correct  nozzle  pressure  ratios  for  all  Mach  numbers  and  altitudes  are  simulated.  The  external  flow  however,  quit* 
apart  from  real  Installation  Interference  due  to  pylon  and  wing  effects,  Is  not  simulated.  Without  doubt  the  external 
flow  has  an  influence  on  the  fan  nozzle  discharge  coefficient,  th*  fan  jet  spreading  and  th*  gas  generator  cowl 
pressure  distribution.  Thejt  influences  change  th*  thrust  compared  with  the  altitude  facility  specified  thrust.  This 
influence  should  not  be  colled  an  installation  effect,  os  It  Is  evaluated  In  Fig.  6.17,  but  an  engine  external  flow 
effect. 

A  test  ond  evaluation  method,  which  separates  tbi'  effect,  Is  shown  In  Fig,  6,18,  Again  the  encircled 
numbers  refer  to  the  figuros  6.14  and  6.15  For  simplicity  the  TPS  intake  correction, shown  In  Fig,  6.17,is  omitted 
In  this  figure. 

The  comparison  of  th*  TPS  tank  calibration  and  the  isolated  TPS  wind  tunnel  result  gives  th*  external  flow 
effects.  Conventionally  the  spillage  drag  and  the  fan  cowl  external  friction  drag  is  considered  to  be  o  part  of  th* 
airtTcme  drag,  so  these  parts  are  taken  from  th*  flow  through  nacelle  calibration  test  arid  subtracted  from  the  total 
external  flow  effects.  The  remaining  external  flow  effect  is  the  influence  of  th*  undisturbed  extemol  flow  on  the 
nozzle  discharge  coefficients  and  on  th*  gas  generator  cowl  pressure  distribution. 
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A  summary  of  the  angina  Interference  evaluation  method*,  mad  at  VFW,  It  glvan  in  Fig.  6,19.  Sine*  TFS 
tatting  It  an  expensive  wind  tunnal  technique,  it  cannot  ba  used  tn  the  early  project  phase,  where  the  general  shape 
of  the  airframe  It  not  jet  fixed.  Ir.  this  phase  engine  influence  it  simulated  by  flow  through  nacelles,  preferably  by 
the  plug  type. 

Since  performance  prediction  It  already  very  important  in  this  phase,  jet  Influence  it  considered  in  the  per¬ 
formance  prediction  by  reference  air  plane  data,  general  experience  and  theoretical  methods. 

In  the  development  phase,  TPS  testing  with  half  models  is  added  to  this  as  outlined  in  this  paper.  The  per¬ 
formance  prediction  follows  the  methods  outlined  In  Fig.  6.17  and  6.18. 

During  the  final  development  and  check  out  phase  accurate  performance  guaranties  have  to  be  established . 

In  this  case  the  unabillty  of  the  half  model  to  simulate  asymmetric  cases,  may  not  be  acceptable. 

in  the  low  speed  field,  especially  the  second  segment  climb  Is  an  asymmetric  cose,  in  the  near  future  the 
new  DNW  low  speed  wind  tunnel  will  offer  the  ultimate  TPS  testing  capability. 

Turbine  powered  simulators  at  a  scale  of  I  :  9, 5  ( related  to  GE  CF  6  )  ore  built  for  this  tunnel,  which  It 
the  correct  scale  for  an  existing  DNW  Airbus  complete  model.  This  test  set-up  will  give  complete  simulation  of 
asymmetric  one  engine  out  climb  cases  a'  high  Reynolds  numbers  and  will  thus  establish  reliable  performance  data. 
The  large  scale  allows  detailed  interfere  ice  flow  analysis.  This  flow  analysis  Is  even  more  improved  and  realistic 
with  a  large  scale  (  1  :  5,4)  TPS,  which  Is  built  for  VFW  and  will  be  used  in  htgh  and  low  speed  with  an  existing 
half  modal  of  the  same  scale. 


7.  CONCLUSIONS 

With  the  present  state  of  the  art  of  airplane  development,  engine  Interference  is  one  of  the  Important  reasons 
of  performance  prediction  uncertainty,  and  engine  interference  optimization  it  one  of  the  most  difficult  tasks.  This  Is 
valid  for  the  cruise  speed  region  as  well  at  for  the  low  speed  flight. 

At  VFW  the  TPS  wind  tunnel  technique,  already  well  known  and  widely  used  In  the  cruise  flight  condition, 

hat  proven  as  a  valuable  and  reliable  tool  alto  for  low  speed  flap  down  caret.  The  combination  of  this  technique 

with  the  use  of  plug  controlled  flow  through  nacelles  gives  reliable  performai.co  prediction  during  all  phases  of 
transport  development. 

Experience  with  wlndtunnel  programmes  using  the  TPS  techniques  for  the  Investigation  of  propulsion  system 
effects  on  the  airframe  shows  that  cooperation  with  the  engine  manufacturer  Is  much  more  efficient.  This  Is  not  only 
due  to  the  direct  comparison  of  real  engine  and  TPS  calibration  methods  but  also  because  the  test  results  can  be 
directly  related  to  the  real  englna/airframe  Installation.  It  Is  recommended  that  future  testing  based  on  the  VFW 
concept  outlined  here  be  integrated  with  the  experimental  work  of  the  engine  manufacturer  to  an  overall  experimental 
approach  lo  the  problem  of  englne/model  calibration  for  performance  prediction.  This  Integrated  approach  will  reduce 
orron  In  thrust/drog  bookkeeping  to  a  minimum  and  provide  the  engine  manufacturer  with  a  better  understanding  of  air¬ 
frame  effects  on  the  nacelle  In  order  to  optimize  the  engine  cycle  for  actual  Installed  performance. 

The  next  generation  of  transport  aircraft  may  use  long-duct  mixing  turbofons  os  already  demonstrated  In  the 

NASA  Energy  Efficient  Engine  Programme.  The  VFW  model  concept  can  still  be  applied  here.  In  the  case  of  the 
variable-extt-area  flow-through  nacelle  no  problems  ore  expected.  Modification  of  the  existing  generation  of  non¬ 
mixing  TPS  It  not  neceuary.  It  It  proposed  that  both  primary  and  fon  nozzles  remain  separated  to  facilitate  calibration 
for  TPS  thrust,  and  the  make  the  exits  coplanar  or  even  allow  a  very  small  extention  of  the  primary  nozzle  as  shown 
In  Fig.  7,1.  Th*  main  objective  of  simulation  should  be  the  pressure  ratio  and  be*  approximation  of  the  corrected 
matt  flow  of  the  real  engine  mixing  nozzle.  In  spite  of  higher  fon  total  pressure  ratios  lower  nozzle  pressure 
ratios  are  expected  dun  to  losses  In  the  mixing  process. 

This  paper  hat  highlighted  the  problem  of  Interference  associated  with  the  Installation  of  high  bypass  ratio  engines 
In  modern  transport  aircraft  and  typical  procedures  for  performance  prediction  by  engine  and  airframe  manufacturers. 

Based  on  the  understanding  of  Interference  as  being  a  mutual  propulsion  system/alrframe  problem  a  concept  for  wlndtunnel 
testing  has  been  proposed  to  separate  thrust  and  drag  effects  as  for  as  necessary  and  which  Is  compatible  with  the 
thrust/drag  bookkeeping  for  the  full-scale  aircraft.  Further  development  of  this  concept  will  provide  the  framework  for 
more  efficient  cooperation  between  engine  and  airframe  manufacturer  in  order  to  exploit  the  full  performance  potential 
of  engine  and  airframe. 
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ESSAXS  EN  SOUFFLERIE  DE  MAQUF.TTBS  MOTOR! SEES 


COiiPARAlSON  DE  DEUX  METHODES  DB  SIMULATION  DES  JETS  DES  REACTBURS 
par  BECLE  JP.  (ONERA) 

OFFICE  NATIONAL  D' ETUDES  ET  DE  RECHERCHES  AEROSPATIALES, 

29  Avenue  de  la  Division  Leclerc,  92320  CIIATILLON  (France) 

et  PERIN  R.  (AEROSPATIALE)  Toulouae 
Soclfitfi  Nationals  Industvielle  ASroapatlalo  31060  Toulouse  (SNIAS) 

La  provision  plus  precise  at  1 'optimisation  dee  performances  d&s  le  stale  de  la 
ddflnltlon  dee  avions  civile  a  conduit  1 'AEROSPATIALE  2  effectuer  das  ascais  da 
maquetta  motorisde  dans  les  soufflerles  de  1 'ONERA  au  Centre  de  MODANE-AVRIEUX. 

En  cooperation  avec  l'ONERA  daux  mdthodes  da  simulation  froide  das  Jets  des 
rdactaurs  ont  6t6  dSveloppfes. 

La  premlftre  dlta  "jets  eouffl£a"  a  bfinfificifi  du  montage  mis  au  point  antfirleure- 
ment  pour  les  dtudes  de  l'avlon  CONCORDE, 

la  seconds  qul  utilise  des  petltes  turbines  2  air  a  £t£  rdeemment  mlse  en  oeuvre 
pour  les  avions  de  la  famllle  AIRBUS. 

Les  essais  sont  effectuSs  sur  des  demi-maquettes  mont?os  sur  une  balance  2  6 
composantes  traverses  par  les  flux  du  rdactaur. 


Un  montage  original  permet  quel  que  soit  le  principe  de  motorlsation  ou  le  type 
d'essals  (point  fixe  ou  essais  en  soufflerie)  d'utiliser  les  raemes  moyens  de 
mesure  (balance,  dfibimdtres,  etc). 


Les  dtalonnages  des  flux  de  sortie  s'effectuent  ajx  conditions  ambiantes  de  la 
soufflerie  dans  le  caisson  3  vide  S$B  du  Centre  de  l'ONERA  3  HODANE. 

Cet  expos?,  decrit  les  installations,  les  moyens  de  mesure  et  les  mdthodes  d'exploi- 
ta^ion  des  rSsultats.  L'intSret  respectif  de  chacune  des  mdthodes  ue  motorlsation 
est  analyst  :  complexity  des  moyens,  dur?e,  precision  des  mesures  et  comparslson 
des  risultats. 


TP!T 


Xta& 


L'importance  prise  par  les  problkmes  dus  k  la  propulsion  sur  lea  avions  oivils  ne  permet 
plus  de  .ie  satisiaire  uniquement  d'une  analyse  de  l'interfdrenoe  des  jets  par  la  mesuro  des  repar¬ 
titions  de  pression  (rdf.  l).  L'expdrience  aoquise  et  les  progrds  rdalisdo  sur  les  moyens  de  mesure 
ont  conduit  1‘ Adrospatiale  et  l'ONERA  k  se  doter  de  moyens  d'essais  capables  d'aocdder  aux  effets 
d'installation  des  nacelles  par  une  pesde  globale,  A  oet  effet  deux  mdthodes  ont  dtd  ddveloppdes. 

La  premikre  (Turbine  Powered  Simulator)  utilise  une  turbine  k  air  entralnant  une  soufflante  dont 
les  caractdristiques  sunt  proches  de  oelles  du  moteur  rdel.  La  seconds  dite  "jets  soufflda"  analyse 
sdpardment  les  effets  de  l'ontrde  d'air  de  oeux  de  l'arridre  corps. 


Cotte  note  ddcrit  les  mdthodes  et  las  moyens  d'essais,  les  procddures  d'analyse.  La  prd- 
cision  des  mesures  ot  la  comparaison  des  rdsultats  obtenus  3uivant  les  deux  mdthodes  sont  analysdes. 


II  -  METHODB  D'ESSAIS 


L'dvaluation  des  efforts  d'installation  implique  une  similitude  aussi  ccropldte  que  possible 
avec  l'avion.  Les  deux  mdthodes  de  motorisation  des  maquettes  (nacelle  "jets  soufflds"  ou  dquipde 
d'une  turbine  k  air  TPS)  ddcrites  ci-dessoua  demandent  une  procddure  d'essais  complexe  pour  satis- 
faire  les  exigences  du  problkme  posd,  et  en  particulier  la  prdcisicn  des  mesures. 


II. 1 .  -  Conditions  de  similitude. 


Les  conaitions  de  similitude  choisies  sont  les  donndes  gdomdtriques  du  moteur  et  le  nombre 
de  Mach  d'djection,  reprdsentd  par  le  taux  de  ddtente  du  jet  (rapport  de  la  pression  d'arrfit  du  jet 
k  la  pression  statique  en  sortie). 


Par  cette  mdthode  le  ddbit  d'air  amont  ne  reprdsente  que  80  k  85  du  ddbit  d'air  avion  et 
la  similitude  oorrecte  du  champ  de  vitesse  autour  de  l'entrde  d'air  ndcessite  de  contracter  colle-ci, 
d'ou  la  ndcessitd  de  verifier  l'influence  de  cette  modification  sur  la  trainee  de  oarfene.  Par  ailleurs, 
si  les  caractdristiques  du  jet  secondaire  sont  correctement  reprdsentdes  oelles  du  jet  primaire  ne  le 
sont  pas  (voir  §IV.3).  Enfln  le  rapport  des  presslons  d'djection  des  deux  flux,  lid  au  fonctionnement 
de  la  turbine,  rend  oatte  mdthode  difficilement  adaptable  k  une  simulation  de  nacelle  de  type  "jets 
confluents" . 


Jets  soufflds. 


Avec  la  technique  jets  soufflda,  les  conditions  de  similitude  choiaieB  sont  reBpectdes, 
sous  rdserve  d'une  inddpendance  effective  des  effets  de  l'entrde  d'air  et  des  effets  de  l'arrikre  corps. 


II .2.  -  Ddflnltion  des  efforts  d'installation. 


Les  essais  en  soufflerie  de  maquettes  motorisdes  permettent  de  ddterminer  le  bilau  poussde- 
tralnde  de  la  maquette,  mais  sans  la  possibilitd  de  sdparer  les  deux  composantes. 


Des  essais  au  point  fixe  (M  =  o) ,  sont  done  ndcessaireB  pour  dvaluer  les  performances  du 


moteur  (X^  a  M  =  0)  dans  des  conditions  de  fonotionnement  identiques  k  celles  de  la  soufflerie. 


D'une  faqon  gdndrale,  la  comparaison  de  la  tralnde  et  de  la  pouande  de  l'avion  peut  s 'expri¬ 
mer,  selon  une  ddcomposition  des  efforts  proposde  rdfdtence  QQ  ,  par  la  diffdrence  s 


( y  x  Av 

A1  installation  motrice 


^vcl5"0^  <M-0)  +AxN(W 


diffdrence  considdrda  k  une  portance  dornde  de  l'avion, 


Dans  cette  expression, 


^1  eat  la  tralnde  du  planeur  sn  soufflerie, 

tralnde  obtenue  par  l'essai  en  soufflerie  d'une  maquette  de  l'avion  non  dquipde  de  nacelles. 


installation  motrice 


eat  le  compldment  de  tralnde  due  &  1 'installation  des  nacelles 


motorisdes  sur  la  maquette 


X  -  est  un  terme  compldmentaire,  notamraent  de  frottement,  qui  permet  d'obtanir  la 
vo  tralnde  en  vol  k  partir  de  la  tralnde  en  soufflerie 


Cm  =  nl  est  *a  comP°*<ahte  suivant  X  de  la  poussde  des  jets  mesurde  au  point  fixe  pour 
'  des  mimes  conditions  de  fonctionnement  (pressions  gdndratrices  ,  taux  de  ddtente) 

qu'en  vol 

^  (M  0)  e8t  * ' influence  de  1 'dcoulement  extdrieur  sur  la  poussde  du  moteur  (suivant  X), 


Pour  obtenir  le  bllan  recherchd,  la  diffdrence  trainde-poussde  et  lu  portance  sont  calcuides 
k  partir  des  rdsultats  d'essais  k  chaque  incidence  de  la  maquette,  ce  qui  permet  ensuite  de  se  situer 
k  un  niveau  de  portance  donnd, 


....  . 


I**  pr4»«n'-«tion  qui  suit  se  limiter*  easantielletaent  ft  la  (Mtortainatlon  du  terme  de 
trslnde  de  la  motor isat ion,  A  X  installation  motrice,-l*  determination  dea  tenons  de  portance. 
en  particuller,  s'effectuant  «ii iv.iit  la  mftme  demarche. 

La  planche  1  prdaente  lea  different*  eaaaia  (configuration*  1  ft  10)  effectuds  solt  avec 
TPS,  aoit  avec  jeta  suufflds,  pour  accdder  ft  cette  determination. 

Plus  prdcisdjiant,  ft  partir  dea  efforts  X,  X,  .  mesurds  dana  let  differences 

configurations,  tels  qu 'indiquds  planche  i  at  precises  dans  1 'enumeration  qui  suit,  leu  termes 
de  trainee  d'lnatnllation  aont  obtenua  respect ivement  par  les  relations  suivantes  : 


TPS 

Ax  Installation  cotrice  "  (X4  "  Xl)  “  ^  ^  X £ 

Jets  souffi 4a 

Ax  Installation  motrica  ^X2  "  Xl^  +  ^X4  Xg^  ”  X3 


TPS 

Xj  Effort*  lit;  le  planneur.  Configuration  1. 

Effortt  en  presence  dea  nacelles  avion.  Simulation  des  jets  r.vion.  Configuration  7. 
Xjj  Pouaadt  nette  (Xg  -  Wp  x  VQ) 

X  Pomade  brute  ddfinie  ft  M  “  0  ot  W  ddbit  soufflante  obtenus  par  dtalonnage  au  point 
®  fixe.  Configuration  8, 

j  X  £  Influence  de  la  deformation  de  l'enirde  a'eir.  Configurations  9  et  10. 


Jeta  soufflda 

Xj  Effort  nur  le  planeur.  Configuration  1. 

'A  Effort  en  presence  das  nacelles  de  reference.  Cette  nacelle  represente  l'entrde  d'air 
avion,  l'ar  iftra  corps  dtant  modifid  pour  simuler  le  coefficient  du  debit  au  point  de 
vol  contiiddre. 

Ce  terma  est  corrigd  des  efforts  internes  Xi  calculds  le  long  du  tube  de  courant 
depuis  1' inf ini  amonf ,  Configurations  1  et  2, 

X^  Effort  en  presence  des  nacelles  avion.  Simulation  des  jets  avions .  Configuration  4. 

X  Pousses  brute  ddfinie  soit  ft  M  “  0,  solt  en  presence  Je  l'dcoulement  exterieur,  suivant 
8  la  brochure  moteur  consideree.  Configuration  5. 

X.  Effort  en  presence  des  nacelles  ijr  reference  avec  ontrde  d'air  cardnee.  Simulation 
dea  flux  du  debit  natural  (voir  configuration  2). 

Ce  terme  eat  corrige  de  la  dynalpie  de  aortic.  ConfJ  duration  3. 

Tous  oes  rdsultuts  uont  llasdt  en  fonction  de  1 'incidence  ou  de  la  portance  et  do  ddbit 
rdduit  soufflante  (W  /Po). 

Ill  -  i)i3P03ITIF3  HXHjRTMSNTAUX 


Dos  diapositlfa  expdriuioninux  ont  dtd  mia  en  oeuvre  par  l'ONERA,  au  Centre  de  Modane-Avriaux 
pour  ei'l'octuer  oon  eannis  de  simulation  de  moteurs  par  TPS  ou  per  jets  souffles,  au  point  fixe  et  en 
uoufflorle  trunaaonlque. 


HU  .  -  Simulation  des  moteurs  par  TPS. 

Un  sohdmu  reprdaentatif  d'une  nucelle  utilisde  pour  lea  essays  est  t’onnd  planche  2.  La 
micelle  eat  composdo  d'un  dldment  moteur  (TPS)  sur  lequel  vient  so  fixer  un  habillage  reprdsentant 
lou  formes  do  la  nacolle. 


111. 1 . 1 . -  Fonctlonnoment  db  la  turbine. 

Un  ddbit  d'air  oomprimd,  djeetd  par  la  tuyftre  primaire  du  moteur  entratne  une  petite  turbine 
ft  un  noul  dtnge  our  l'arbre  de  luquolle  est  montde  une  soufflante.  L'air  aopird  et  refould  par  cette 
soufflnnto  reprdaonte  lo  ddbit  secondaire  du  moteur.  Le  taux  de  compression  de  la  soufflante  attaint 
au  rdgimo  maximum  do  la  turbino  oot  de  1,65  pour  un  taux  de  ddtente  primaire  de  3,5. 

L' instrumentation  ndeeasnire  ft  la  oonnaissance  deB  diffdrents  paramfttres  du  moteur  et  ft  la 
survoillunoo  de  la  turbine  chemine  ft  trovers  des  espaces  amdnagds  dans  le  bord  d'ettaque  et  le  bord 
do  fuito  du  raflt  ot  le  Bupport  de  lu  nacello. 

111.1. ?.-  Banc  d'dtalomirge  (pi.  3) 

III .  1  . 2 . 1  . -  £ri_no*;je_du.  banc . 

Lo  ban.-  d'dtalonnagn  sert  ft  determiner  les  caraotdristi.ques  du  moteur  dans  les  conditions 
oft  ii  sera  utilisd  dans  la  soufflerie. 

La  nacelle  est  relide  ft  lo  balance  par  un  support  traversd  par  une  canalisation.  Le  ddbit 
primaire,  ndcoasaire  ft  lu  raise  en  rotation  de  la  turbine  out  fourni  par  un  circuit  haute  preesion 
(60  bars),  -t  est  moBurd  par  un  venturi. 


La  soufflante  du  aoteur  aspire  son  dibit  dans  una  chambre  da  tranquillisation,  fixle  elle 
aussi  aur  la  balance.  La  dibit  secondaire  eat  alimentl  par  un  circuit  basse  preaaion  (9  bars)  at  eat 
mesurl  par  un  ou  deux  cola  soniques  salon  le3  caa. 

La  raccordement  chambre  do  tranquillisation  -  nacelle  s'effectue  a  I'aide  d'un  pavilion 
qui  peut,  soit  §tre  cylindrique,  soit  reprlsenter  l'entrle  d'air  rlelle  da  la  nacelle  (pi.  4). 

L'ensemble  balance  -  chambre  de  tranquillisation  -  nacelle  eat  installl  dan3  un  caisson 
Itanche  relil  au  vide.  Un  col  acnique  rlglablo  assure  le  maintien  d'une  pres3ion  statique  conatante, 
quel  que  soit  le  dibit  entrant. 

Lea  principaies  grandeurs  mesurles  sont  : 

-  len  deux  dibit  primaire  et  secondaire  (WF  et  WO) 

-  lea  pressions  et  templratures  en  amont  ot  en  aval  de  la  soufflante  (Fi,  Ti,  PTF,  TF) 

-  lea  pressions  at  temperatures  en  amont  et  on  aval  de  la  turbine  (PCH,  TCH,  PTG,  TG) 

-  le  rlgime  turbine  RPM 

-  la  pression  statique  p 

-  la  pouaale  globale  X 

III.1  .2.2.-  £ircuits_diJ_alimentation. 

III. 1 .2.2 . 1 .-  Circuit  haute  preaaion. 

Le  circuit  haute  pression  nlcessaire  a  Ia”mlse  en  rotation  de  la  turbine  est  identique  au 
banc  d'ltalonnage  et  dans  la  soufflerie. 

L1 installation  actuelle  comprend  : 

-  une  reserve  d'air  sec  de  28  m3  k  270  bars, 

-  une  sphere  B2  de  1  m3,  rlgulle  h  la  pression  de  60  bars 

-  une  sphfere  tampon  B1 0 

-  un  rlchauffeur  asaurant  la  regulation  en  temperature  de  l'air  alimentant  la  turbine 

-  un  filtre  arrltant  les  poussilrsa  de  dimension  suplrieure  a  i2j*a,  qui  pourraient  endommager 
les  aubages  de  la  turbine 

-  une  platine  de  regulation  et  de  meaure  comprenant  : 

.  une  vanne  d'entrle 

.  une  vanne  de  mise  a  l'atmoaphfere 

.  une  vanne  de  regulation 

.  un  venturi 

.  une  soupape  de  slcuritl. 

L1  ins i-a llat ion  permet  un  dibit  de  1  kg/s  pendant  lh30  an  environ.  Une  nouvelle  installation 
en  cours  de  realisation,  permettra  un  fonctionnament  permanent  (regonglage  &  3  kg/s). 

III.1  .2.2.2.-  Cii'cuit  basse  presBion. 

Le  circuit  basse  pression  alimentant  la  soufflante  du  moteur  lors  des  essais  de  calibration 

comprend  : 

-  une  reserve  d’air  sec  de  4  500  1)  1  9  bars  de  pression 

-  un  rlchauffeur  assurant  la  regulation  de  la  temperature  de  l'air  d 'alimentation  de  la 
soufflante 

-  un  filtre  identique  a  celui  du  circuit  haute  pression 

-  une  vanne  de  regulation 

-  un  dispositif  de  mesure  dee  dibits  ptr  cols  soniques. 

Le  niveau  maximum  de  pression  disponible  k  1' amont  dea  cols  soniques  est  de  8  bars. 

La  regulation  des  conditions  amont  des  circuits  d' alimentation  assure  une  trfes  bonne 
stabilitl  de  l'ensemble  des  paramltrea  de  la  turbine. 

III. 1 .2.3.-  Balance  (pi.  6) 

L'ensemble  chambre  de  tranquillisation  -  nacelle  est  monte  sur  une  balance  dont  la  struc¬ 
ture  permet  le  passage  de  quatre  conduits  d'air  compriml.  Cette  balance  de  paroi  &  six  eomposantes, 
est  utHisle  indifferemment  au  caisson  d'ltalonnage,  ou  dans  la  soufflerie. 

Le  decouplage  entre  partie  pesle  et  partie  non  pe3ee  s'effectue  au  moyen  d'un  systfeme  de 
soufflets  de  faible  raideur  qui  ne  modifie  pas  la  sentibilitl  de  la  balance.  La  separation  des  flux 
en  deux  parties  et  leur  jonction  en  opposition  sur  un  bloc  distributeur  annuls  les  effets  de  fond. 

Par  ailleurs,  ce  montage  assure  la  mesure  directe  de  la  dynalpie  sortante. 


Par  suite  d'iaperfeetlona  de  montage  at  d'alignement,  un  effet  residual  da  presslon  dans  les 


soufl'lete  sur  lea  ponta  de  la  balance  est  observe  .  Un  Otalonnage  prdalable  permet  de  assurer  cet 
effet  de  presslon  at  d'en  tenlr  compte  dans  les  calculs  d'efforts.  La  validitO  est  verifies  fr^quem- 
ment  (avant  cheque  essal  si  ndcessalre). 

La  regulation  de  la  balance  k  la  temperature  de  l'air  d'alimentation  des  jets  peraet  de 
s'affranchir  des  problkmes  que  creeraient  des  gradients  thermiques  sur  la  balance. 

Ill . 1 .2.4.-  Pilotage  et  surveillance. 

Le  pilotage  et  la  surveillance  de  1' installation  sont  assures  par  un  ensemble  de  trois 
consoles  (pi.  7)  sur  lesquelles  sont  ramene*  les  comaandes  des  differentes  vannes  des  circuits 
d'alimentation  et  le  rdglage  des  rechauffeurs  de  l'installation. 

L' independence  des  trois  circuits  (alimentations  primaire  et  secondaire  et  evacuation) 
permet  un  rdglage  separd  de  chacun  des  paramktres. 

Les  surveillances  provoquent  un  arrdt  de  l'installation  en  cas  de  survitesse  de  la  turbine 
ou  d'echauffement  anormal  des  paliers. 

Le  tiaitement  en  temps  rdel  par  un  ordinateur  local  des  signaux  provenant  des  capteurs 
mesurant  les  principaux  paramktres  (pi,  Ti,  p,  RPM)  et  la  visualisation  de  leurs  valeurs  physiques  per- 
mettertun  pilotage  aise  de  l'installation. 

1 1 1.1  .2.5.-  Valina  tion_du  banc  d'etalonnage. 

Une  tuykre  etalon  ASME,  montde  k  la  place  de  la  nacelle  an  sortie  de  la  chambre  de  tran- 
quillisation  (pi.  8  et  pi.  9)  sert  de  rdfdrence  en  matikre  de  fidklite  des  essais  et  de 
contrSle  des  quantity  caract^risant  un  jet. 

Le  debit  primaire  k  haute  pression  est  ramend  sur  1' alimentation  de  la  chambre  de  tronquil- 

lisation. 


Les  mesures  de  debit  et  de  force  enregistrdes  par  les  capteurs  pour  diff^rents  taux  de 
detente  sont  compares  aux  valeurs  thdoriques  de  la  tuyere. 

L'uti  J.isation  soit  du  debit  primaire,  soit  du  debit  secondaire,  soit  des  deux  debits 
mdlang^s,  pernio t  de  comparer  entre  elles  les  diffdrsntss  mesurss  des  debits. 


III.  2.  -  Simulation  des  moteurs  par  jets  souffles. 


III. 2.1.-  Principe  de  simulation  (pi.  10) 

Les  deux  jets,  primaire  et  secondaire  sont  simulda  par  deux  flux  d'air  comprimd  k  haute 
pression  (50  bars)  dans  la  maquette.  Les  deux  flux  sont  ddtendus  par  une  uuccession  de  plaques  per- 
for^os  jusqu'k  la  pression  d'djection. 


Chaque  canal  est  dquipd  en  une  section  de  reference  de 
couples  permettant,  avec  la  connais-iance  des  debits,  de  calculer 


prises  de  pression  et  de  thermo- 
la  pression  d’arrflt  des  Jets. 


Les  prises  de  pression  sur  la  nacelle  sont  branches  sur  un  petit  commutateur  de  pression 
modulaire  k  deux  tSteu,  placO  dans  l'ogive  de  la  nacelle. 


III. 2. 2.-  Point  fixe. 

Lea  essais  au  point  fixe  s'effectuent  dans  le  m9me  caisson  etanche  d^crit  au  §  III. 1.2.1. 
Dana  ce  cas  d'essai,  la  voilure  aer!.  directement  de  support  k  la  nacelle. 

Les  deux  flux  d'air  comprime  sont  issus  de  la  m8me  source  haute  pression  d^crite  au 
§  III.1 .2.2.1 .,  pi.  11  . 

Un  Jeu  de  cola  soni  .  .es  k  sections  «5cheloundes  et  de  vannes  commandoes  automatiquement 
donne  une  grande  souplesse  au  ohoix  du  domaine  de  fonctionnement  du  moteur.  Le  fonctionnement 
sOparO  des  circuits  primaire  et  secondaire  est  possible. 


III. 3.  -  Esanla  en  soufflerle. 

Lea  essais  ont  dtO  effeotuOs  dans  la  veine  transsonique  de  la  soufflerie  S2  du  Centre 
de  Modane-Avrieux . 

II  a'agit  d'une  veins  de  largeur  1,75  m  et  de  hauteur  1,77  m.  Les  parols  verticales  sont 
pleinss  et  lss  parois  horizontales  perforOes  ;  la  porositO  de  la  veine  est  de  6 

La  pressurisatlon  de  la  soufflerie  et  sa  regulation  en  temperature  permettent,  quel  que 
soit  le  nombre  de  Mach  de  maintenir  la  pression  statique  et  la  temperature  gOneratrice  constantes. 


L'aoquisition  dea  meaures  s'effectue  an  palters  d'inoidenoe.  Un  programme  d'automatisatlon 
commands  le  positionnement  en  incidence  de  la  maquette  (*C«0  ,01  degrd)  et  rkgle  1®  nombre  de  Mach 
( 4M  0,002)  ;  il  commands  l'acquieition  dee  points  de  mesure  et  contrftle  leur  validity. 

Lea  aignaux  sont  transmis  en  temps  rdel  k  l'ordinateur  central  qui  restitue  aux  utilisateurs 
les  resultats  ddfjritifs  sous  forme  appropride  (console  de  visualisation,  Edition,  tracds). 

Lea  demi-maquettes  utilisdes  po;‘r  les  deux  sdries  d'easais  (pi.  12-13-14)  reprdsentent  un 
avion  de  transport  birdacteur  subsonique. 

Dea  esaais  de  nacelles  Isoldes  (pi.  15)  peuvent  6tre  dgalement  effectuds. 

Le  circuit  d'arrivde  d'air,  1' instrumentation  et  la  balance  sont  ceux  utilisds  au  banc 
d'  dtalontiage . 

IV  -  METHODE  D'EXPLOITATION 

IV.  1.  -  Btalonnage  de  la  poussde. 


La  mesure  de  la  pouasde  e3t  globale  et  le  ddbit  secondairo  doit  faire  l'objet  d'un  dtnlon- 
nage.  Le  paramfetre  de  contr&le  pour  l'dtalonnage  du  ddbit  secondaire  peut  Stre  soit  une  presaion 
s  tiqua  moyenne,  soit  une  presaion  totals  moyenne  mesurdeo  respectivement  en  amont  et  en  aval  de  la 
soufflante.  Vu  la  compiexitd  de  l'installation,  cet  dtalonnage  re  peut  Stre  rdpdtd  en  soufflerie,  et 
une  dventuelle  ddgradation  dea  performances  de  1’ ensemble  nacelle-turbine  au  cours  des  esaais  eat 
plus  difficile  k  ddceler. 

Jets  soufflds. 

L'affichage  et  la  mesure  ndparde  des  ddbits  primaire  et  secondaire  confkrent  k  cette  technique 
plusieura  points  d'intdrdt.  Elle  permet  ! 

-  de  mesurer  les  coefficients  de  tuykre  de  chacun  des  flux 

-  d'dvaluer  l'influence  de  l'dcoulement  extdrieur  sur  ces  coefficients  de  tuykre,  c'est-k- 
dire  d'estimer  en  partie  la  perte  de  poussde  moteur  installd. 

Par  ailleurs,  l'dtalonnage  peut  s'offectuer  directement  dans  la  veins  de  la  soufflerie,  ou 
tout  au  moins  6tre  contrflld  aprds  cheque  changement  de  configuration,  co  qui  assure  une  vdrification 
permanents  de  touts  l'installation. 

IV. 2.  -  Lois  d' dtalonnage. 


La  planche  16  prdsente  les  lois  d'dtalonnage  utilisdes  danB  notre  analyse.  La  relation 
directs  poussde-ddbit  a  pour  avantage  de  faire  appel  k  un  nombre  limitd  de  meaures,  done  d'assurer 
une  prdcision  meilleure.  Appliqude  h  la  technique  "jets  soufflds",  elle  conduit  k  une  dvaluation  de 
la  poussde  affeetde  de  l'effet  de  l'dcoulement  extdrieur  sur  les  ddbits.  Son  utilisation  dans  le  cas 
de  la  mdthode  TPS  ndeessite  un  contrSle  rigoureux  du  rendement  de  la  turbine  i  en  effet,  les  varia¬ 
tions  dventuelles  des  pertes  de  charge  du  circuit  primaire  ne  Bont-  pas  prises  en  compte. 

Si  I' on  se  refers  b  une  brochure  moteur  eta’  lie  k  M  =  0  on  utilise  les  lois  classiques 
faisant  appel  aux  coefficients  do  poussde  globale  CT  et  de  ddbit  CD  en  fonction  du  taux  de  ddtente 
fan. 

IV. 3.  -  Contrftle  de  la  valldlte  des  mdthodes  d'ossala. 


Cette  technique  n' assure  pas  la  continuitd  des  debits  entre  1' amont  et  l'aval.  Pour  dviter 
une  pdnalltd  de  trainde  sur  l'entrde  d'air,  la  gdomdtrie  de  oette  dornikre  est  modifide  de  telle 
sorto  que  le  coefficient  de  ddbit  £  =  Ao/AE  soit  identiquo  k  celui  de  l'entrde  d'air  rdelle.  La 
fonction  de  transformation  ddpend  de  chaque  entrde  d'air.  Un  essai  spdeial  sur  un  montage  de  nacelle 
Isolde  (pi.  l)  vdrifie  si  cet  objectif  est  bien  atteinc  et  dventuellemont  permet  d'appliquer  une 
correction. 

Sur  l'arrikre-corps,  Its  conditions  de  similitude  avec  l'avion  du  jet  primaire  ne  sont  pas 
remplies.  Le  taux  de  ddtente  Pij/Po  ddpend  de  la  conception  do  la  turbine  (soufflante  k  1  ou  2  dtages) 
et  il  est  en  gdndral  trop  dlevd.  II  en  ddcoule  que  les  rdpartitions  de  pressiori  sur  le  capot  moteur  et 
le  forme  du  jet  peuvent  dtre  modifides  (rdf.  l).  Cet  effet  est  mis  en  dvidence  planche  17  par 
comparal son  aux  essais  "jets  soufflds".  Seule  une  dtude  spdeiale  pourrait  en  dvaluer  les  consdquences . 

Enfin,  il  est  impdrutif  de  vdrifier,  lors  des  essais  en  soufflerie,  que  les  oaraetdristiques 
des  jets  (distorsion  de  pre3Sicr.  et  de  tempdrature)  sont  identiques  k  celles  mesurdes  lors  des  essais 
au  point  fixe,  faute  de  quoi  ler  dtalonnages  de  la  poussde  deviennent  douteux. 


Jsts  soufflds . 

Pour  valider  oette  tsohniqus  l'on  doit  b' assurer  : 

1°)  -  qua  la  champ  da  pression  autour  da  la  nacelle  n'est  pas  perturbd  par  l'obstruction 
da  l'entrda  d'air  i 

2°)  -  qua  las  carnctdristiques  des  Jets  ne  modifient  pas  le  ohamp  de  pression  aur  1' ogive  da 
I'eni.’de  d'sir. 

Le  contrfile  du  point  1  s'effeotue  an  comparant  las  repartitions  de  pression  (voilure-nacelle) 
meourdes  lors  das  essais  des  configurations  2  at  3  (voir  pi.  l)  nacelle  avffc  entrde  d'air  rdelle  at 
nacelle  entrde  d'air  oardnde  k  mSme  ddbit. 

Pour  lea  positions  relatives  nacelle-voilure  dtudides,  cette  condition  eat  rdaliade 
(pi.  18  et  19). 

Una  prise  de  pression  Judioieusement  placda  sur  le  oardnage  d'entrde  d'air  a  dgalement 
permis  de  vdrifier  1' inddpendance  de  1* ogive  d'entrde  d'air  par  rapport  au  jet. 

V  -  RESULTATS  -  COMPARAISON  DES  DEUX  METHODES 


Lea  mesures  sont  doubldes  pour  chaoune  des  configurations  dtudides,  quelle  que  soit  la 
mdthode.  Les  configurations  motorisdes  sont  mesurdes  &  diffdrents  taux  de  ddtente  du  flux  eeoondaire 
(et  primairo  dans  le  cas  de  la  taohnique  "jets  soufflds"),  ce  qui  reprdsente  environ  100  points  de 
mesure  par  configuration  et  par  Mach. 

La  prdoision  ddduite  de  l'dcart  entre  deux  rotations  h  mSmes  parandtres  de  fonotionnement 
du  moteur  est  prdsentde  planohe  20.  La  prdoision  globale  sur  l'estimation  des  efforts  d' installation 
peut  ainsi  6tre  estimde  h  environ  ,±0,7  de  la  tralnde  totals  avion. 

Notons  dans  la  cas  de  la  technique  "jets  soufflds"  le  trds  bon  accord  entre  les  rdsultato 
du  banc  de  point  fixe  et  ceux  effeotuds  en  soufflerie  (pi.  21 ). 

V.2.  -  Comparaison  des  deux  mdthodes. 

Les  planches  22  et  23  prdsentent,  en  comparaison,  les  rdsultats  obtenus  suivant  les  deux 
mdthodes  pour  un  avion  moderne  de  transport  commercial  dquipd  de  moteurs  biflux. 

Les  dcarts  obaervds  sur  les  efforts  d'installation  sont  de  l'ordre  de  0,5  %  de  la  trainde 
de  l'avion.  Ceci  ddmontre  la  oohdrence  des  deux  mdthodes  oompte  tenu  de  leur  prdoision  respective 
(+  0,7  %) .  Qualitativement,  1' influence  de  1' installation  des  naoelloa  sur  le  ohamp  de  pression 
vollure  est  identiquo.  En  particulier  on  note  un  tr&s  bon  accord  sur  la  position  et  l'amplitude  de 
la  points  de  survitesse  duo  k  l'effet  de  l'entralnement  des  jets  (pi.  23;. 

VI  -  CONCLUSIONS 

Cette  dtu  .e  montre  que  les  deux  mdthodes  de  motorisation  ddveloppdes  par  1'  AEROSPATIALE 
et  l'ONERA  pour  dvaluer  les  efforts  d'installation  du  groups  propulsif  d'un  avion  de  transport  com¬ 
mercial  subsonique  ont  permis  d'obtenir  une  prdoision  satisfaisante  et  des  rdsultats  cohdrents. 
L'expdrience  acquise  nous  conduit  h  penser  que  ces  deux  mdthodes  sont  compldmentaires.  En  effet,  la 
mdthode  TPS  nous  parait  plus  facile  d'emploi  j  sur  une  maquette  dquipde  d'un  nombre  important  de 
prises  de  pression  pour  le  contrdle  des  effets  lccaux,  elle  est  blen  adaptde  A  l'dtude  d 'amdliorations 
de  l'interaotion  nacelle-voilure  (positions  de  nacelle,  formes  de  m&t,  profils  voilure,  etc.)  pour  une 
installation  motrioe  donnde,  mais  moins  fiable  lorsqu'il  s'agit  de  comparer  des  nacelles  de  typos 
diffdrents  (probldme  de  1 ' dtalonnage) .  La  mdthode  "jets  soufflds"  dans  ses  limites  de  validltd  permet 
un  meilleur  contrSlo  du  niveau  absolu  des  mesures  et  de  ce  fait  est  mieux  adaptde  h  la  comparaison 
de  diffdrents  moteurs.  En  outre,  ello  seule  permet,  pour  le  moment,  des  dtudes  sur  des  nacelles  de 
type  h  jots  confluents. 
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WIND  TUNNEL  TEST  AND  ANALYSIS  TEOriijUF  !  USING 
POWERED  SIMULATORS  FOR  CIVIL  NACELLE 
INSTALLATION  DRAG  ASSESSMENT 
by 

A.E.  Harris  and  E.C.  Carter 
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MANTON  LANE,  BEDFORD,  ENGLAND  KK41  7PF 


SUMMARY 

Full  apan  and  semi-span  wind  tunnel  model  teats  and  powered  nacelle  calibration  techniques  are  discussed 
in  the  context  of  civil  nacelle  installation  drag  assessment  and  optimisation. 

In  order  to  achieve  the  accuracy  required  for  drag  analysis  it  is  necessary  to  determine  the  installed 
net  thrust  of  the  powered  nacelle  simulator  to  the  equivalent  of  at  least  one  aircraft  drag  count.  This 
implies  stringent  control  of  mass  flow  and  thrust  accounting  and  imposes  the  need  for  consistency  of 
approach  in  the  wind-on  and  calibration  tests  where  thrust  and  mats  flow  coefficients  must  be  known  to 
0.1Z  to  0.2Z  accuracy.  This  need  for  high  confidence  in  the  data  at  all  stages  of  analysis  has  led  to  a 
methodology  in  which  the  measured  data  is  combined  in  various  ways  to  enhance  confidence  in  its  final 
use. 

Experiences  obtained  in  the  use  of  a  Mach  Simulation  Tank  (MST)  for  the  calibration  of  turbine  powered 
simulator  (TPS)  units  are  discussed.  The  MST  is  used  to  obtain  simultaneous  mass  flow  and  thrust 
calibrations  with  representative  internal  nacelle  conditions  in  the  presence  of  a  quiescent  exhaust 
environment. 

Practical  problema  associated  with  the  design  of  balance  and  airfeed  arrangements  are  discussed  along 
with  the  use  of  blown  and  turbine  powered  simulators. 


1.  INTRODUCTION 


There  is  more  than  adequate  evidence  to  show  that  the  performance  benefit  or  penalties  of  a  power 
plant  installation  can  significantly  influence  the  success  of  current  high  economy  civil  transports. 

Future  trends  towards  higher  by-pass  ratios  and  lower  specific  thrusts  will  make  the  accurate  assessment 
of  engine  installations  even  more  important,  and  probably  much  more  difficult. 

It  is  fortunate  that  the  present  range  of  engines  and  cuise  speeds  put  the  critical  cruise 
performance  points  in  a  region  where  external  flow  coupling  of  inlet  and  exhaust  is  small  but  accepted 
and  where  internal  cycle  awareness  of  the  external  exhaust  environment  is  limited  or  non-existent.  This 
may  not  of  course  be  true  of  other  critical  flight  regimes  such  as  second  segment  climb. 

If  it  is  accepted  that  the  presence  of  the  real  flows  associated  with  the  engine  unit  muBt  be 
simulated  in  wind  tunnel  performance  tests  then  we  are  well  on  the  way  to  saying  that  the  ideal  simulator 
should  be  a  model  engine.  The  degree  of  simplication  which  is  accepted  leads  the  choice  of  simulations 
from  the  simplest  free-flow  nacelle  to  the  blown  nacelle,  to  the  ejector,  and  finally  to  the  turbine 
powered  simulator. 

Having  chosen  an  acceptable  simulator  on  the  grounds  of  cost,  flow  similarity,  complexity,  accuracy 
and  past  experience,  etc.  then  the  question  of  what  measurements  will  give  the  best  assessment  of 
performance  and  understanding  of  results  must  be  considered.  This  in  turn  will  define  the  nature  of  the 
measuring  system  and  the  complexity  of  the  model  and  its  instrumentation.  Complexity  of  model  in  this 
instance  probably  meaning  the  use  of  a  complete  model  or  a  half  model.  ' 

The  choice  having  been  made  of  a  particular  simulator  on  a  given  range  of  model  configurations, 
consideration  must  next  be  given  to  the  best  way  of  defining  the  performance  of  the  simulator  whilst 
operating  in  the  wind  tunnel  test  environment  mounted  on  the  model.  The  natural  approach  to  this  must  be 
the  use  of  a  parallel  thrust  and  drag  accounting  system  to  that  of  the  full  scale  engine  and  airframe 
accounting  system.  This  requires  a  model  "altitude  test  facility"  capable  of  simulating  the  correct 
wind  tunnel  environmental  pressures  and  temperatures,  and  of  measuring  thrust  and  mass  flow  to  at  least 
the  same  degree  of  accuracy  as  achieved  in  the  wind  tunnel. 

The  instrumentation  of  the  simulator  must  be  sufficient  to  define  the  required  mass  flow  and  thrust 
parameters  to  the  necessary  accuracy  whilst  at  the  same  time  being  compatible  with  the  simulator  size, 
the  tunnel  instrumentation,  and  the  data  recording  facilities.  For  these  purposes  it  is  essential  that 
the  simulator  is  a.  stable,  repeatable  unit,  which  can  be  calibrated  in  terms  of  measured  model  temperature 
and  pressures. 

To  meet  these  requirements  an  auxiliary  compressed  air  supply  with  accurate  monitoring  of  mass  flow 
and  temperature  and  precision  servo  control  of  pressure  at  the  simulator  is  essential.  The  pressure 
must  be  high  enough  to  be  compatible  with  the  duct  sizes  and  the  balance  air  transport  system,  and  the 
air  must  be  sufficiently  dry  to  avoid  condensation  or  icing  problems.  For  blown  models  a  twin  servo- 
controlled  high  pressure  air  supply  must  be  provided. 

Air  transport  across  model  force  balances  requires  close  attention  to  detail  in  model  and  balance 
design  and  manufacture.  For  some  configurations,  rear  fuselage  mounted  units  for  example,  it  is 
essential  *-o  use  a  complete  model.  This  in  turn  requires  complex  internal  ducting  and  non-interfering 
air  transport  systems  within  the  fuselage  and  across  the  balance.  For  this  reason  half  model  balance 
systems  are  favoured  wherever  possible  because  of  the  extra  space  normally  available  for  the  balance, 
air  transport,  and  instrumentation.  The  half  model  however  brings  with  it  the  usual  associated  doubts 
in  absolute  accuracy  and  possible  half  fuselage  buoyancy  forces. 

The  above  problems  are  considered  in  detail  in  this  paper  which  reviews  the  nature  and  magnitude 
of  the  difficulties  and  current  state  of  the  art  in  UK  testing. 

2.  THE  APPROACH  TO  DIFFERENT  AIRFRAME  LAYOUTS 


The  solution  and  methods  of  approach  to  the  representation  of  power  plants  must  essentially  differ 
from  one  layout  to  another.  Three  different  nacelle  installation  layouts  have  been  considered;  these 
include  the  underwing  installation  both  close  to  and  remote  from  the  fuselage  and  the  rear  fuselage 
mounted  installation,  Fig.l. 

The  rear  fuselage  installation  requires  the  representation  of  the  full  fuselage  with  the  tests 
being  made  on  a  complete  model.  Complete  model  testing  with  simulators  is  particularly  difficult 
because  of  the  need  to  transport  high  pressure  air  across  the  balance.  As  a  validation  exercise,  tests 
have  been  made  on  a  1/2 5th  scale  research  model  with  two  TPS  wing  mounted  units.  This  representation, 
whilst  not  being  a  rear  fuselage  application,  has  posed  all  the  problems  that  would  arise  with  such  an 
application.  Considerable  development  was  necessary  to  design  a  non  interfering  high  pressure  air 
system  to  cross  a  standard  complete-model  balance.  The  system  is  based  on  flexible  metal  bellows 
coupling  the  live  and  earth  balance  ends.  The  air  transport  across  the  bellows  is  normal  to  the  balance 
axes  and  equally  opposed  to  avoid  pressure  interference.  The  system  is  designed  to  minimise  thermal 
interactions  between  the  airflow  and  balance  elements  as  well  as  to  eliminate  mechanical  hysteresis.  The 
balance  and  air  transport  system  was  calibrated  as  a  combination  with  the  balance  blowing  pressure  as  a 
small  term  in  the  interaction  matrix.  Use  of  this  technique  is  the  subject  of  a  separate  paper  in  this 
symposium  and  so  will  not  be  enlarged  upon  here.  The  application  of  these  techniques  can  well  be  adapted 
to  a  rear  fuselage  configuration  when  the  need  arises  but  the  primary  method  of  support  would  have  to  be 
changed  as  a  rear  sting  mount  would  be  unacceptable.  A  possible  arrangement  is  shown  in  the  lower 
Fig.  1;  this  includes  a  fully  metric  fuselage  and  power  units,  all  mounted  from  an  earthed  strut  which 
enters  the  lower  surface  of  the  forward  fuselage.  The  presence  of  the  interfering  strut  is  not  an 
uncommon  problem  in  most  afterbody  experimental  work  and  has  to  be  accepted  as  a  factor  which  does  not 
influence  the  incremental  terras  that  arise  from  small  optimising  changes  in  the  rear  fuselage/nacelle 
region.  Whatever  the  final  support  system  that  is  chosen  it  is  imperative  that  the  wing  be  included  in 
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Considering  now  the  wing  mounted 
nacelle,  more  test  configuration 
options  are  open  to  us.  If  a  fully 
representative  installation  drag  is 
required  then  a  complete  model  must  be 
provided  and  the  technical  involvement 
discussed  above  is  necessary.  If 
however  the  incremental  effects  of 
installation  changes  are  considered 
to  be  localised  to  the  wing  then  the 
half  model  technique  offers 
considerable  advantages.  The  questions 
to  be  asked  about  the  validity  of  half 
model  testing  are  not  new,  neither  is 
there  a  simple  reassuring  answer. 
Nevertheless  the  simplification 
introduced  into  powered  simulator 
testing  by  the  use  of  half  models  makes 
us  address  the  question  of  whether  the 
technique  is  acceptable  in  this 
instance.  In  general  the  lift  curve 
slope  obtained  from  a  half  model  test 
is  the  same  as  that  of  the  complete 
model  if  the  fuselage  centreline  stand 
off  distance  on  the  wall  is  at  least  a 
displacement  thickness  and  probably  up 
to  two  displacement  thicknesses. 

Whilst  providing  the  correct  basic  lift 
the  longitudinal  stability  may  be 
slightly  modified  due  to  the 
unrepresentative  distribution  of 
fuselage  lift.  This  term  would  ngt 
be  expected  to  be  greater  than  2Xc  and 
would  also  not  be  expected  to  change 
with  nacelle/pylon  configuration 
change.  However  drag  is  our  prime 
concern  here  and  there  can  be  no 


FIG. 1  INSTALLATION  TYPES  AND  POSSIBLE  MODELS 


justification  for  believing  absolute  drag  levels  of  half  models  although  there  is  evidence  to  indicate 
reasonable  representation  of  drag  due  to  lift  and  good  representation  of  drag  increments  due  to  wing 
build  changes  (i.e.  controls,  stores ,  nacelles  etc).  In  general  of  course,  powered  half  models  are 
associated  with  a  corresponding  unpowered  full  span  model  and  the  above  objections  probably  become 
academic. 


The  final  question  that  remains  relates  to  the  fuselage.  If  it  is  accepted  from  the  above  arguments 
that  accurate  installation  drag  increments  can  be  obtained  from  a  half  model  then  we  have  to  consider 
whether  the  half  fuselage  should  be  metric.  This  may  appear  to  be  an  unnecessary  question  and  "of 
course  the  fuselage  should  be  metric"  -  however  the  main  basis  for  considering  the  half  model  technique 
at  all  is  the  assumption  that  a  true  representation  of  incremental  interference  which  is  free  from 
tunnel  flow  boundary  effects, is  obtained.  For  a  half  model  it  must  be  accepted  that  the  fuselage  flow 
is  not  correctly  represented  and  neither  in  particular  is  the  fuselage  cross-flow.  Hence  the  use  of  a 
complete  metric  half  fuselage  will  require  the  assumption  of  consistent  floor  boundary  layer  effects 
which  are  independent  of  the  wing/nacelle  configuration  changes.  It  is  our  view  that  if  wing/nacelle 
changes  genuinely  modify  the  aft  fuselage  drag  then  a  complete  model  must  be  used;  if  however  such 
changes  do  not  or  may  not  influence  the  aft  fuselage  drag  then  a  non-metric  fuselage  should  be  used  on 
the  half  model.  The  reason  for  this  view  (which  is  not  for  the  purpose  of  easing  the  model  design 
or  testing)  is  that  a  metric  fuselage  is  an  excellent  integrator  of  tunnel  buoyancy.  Modifications  of 
wing  flow  and  turbine  and  fan  efflux  can  have  small  and  unpredictable  effects  on  tunnel  buoyancy  which 
will  be  most  faithfully  integrated  as  drag  changes  by  the  rear  fuselage;  these  would  then  be  incorrectly 
assumed  to  be  changes  in  drag  associated  with  the  wing/nacelle  modifications. 

To  summarise  -  it  is  our  belief  at  ARA  that  for  configurations  where  nacelle  installations  are 
likely  to  mutually  interfere  with  the  fuselage  flow  then  a  complete  model  must  be  used;  for 
configurations  where  the  effects  of  nacelle  installation  and  modification  are  confined  to  the  wing  then 
a  half  model  should  be  used  with  a  non-metric  fuselage.  An  accepted  criticism  of  this  belief  is  the 
need  for  an  advance  decision  of  what  builds  are  considered  to  be  independent  of  the  fuselage,  but  we 
feel  that  this  is  greatly  outweighed  by  the  strong  likelihood  of  erroneous  answers  due  to  the  incorrect 
representation  of  aft  fuselage  flows  in  the  tunnel  (typically  at  M  -  0,8  an  error  of  one  aircraft  drag 
count  is  caused  by  a  AM  gradient  in  the  flow  over  a  metric  rear  fuselage  of  0.00075,  this  is  clearly 
approaching  the  calibration  accuracy  and  repeatability  of  most  tunnels). 


3.  THE  OPTIMUM  SIMULATOR 

At  the  expense  of  repeating  what  may  have  been  discussed  before,  probably  with  appropriate  bias 
associated  with  the  experience  of  the  particular  operator  or  facility,  we  would  like  to  briefly  address 
the  question  of  the  best  or  most  appropriate  power  plant  simulator,  with  reference  to  Fig.  2. 


Through  flow  nacelle 


2  upper) 


This  is  the  simplest  and  most  economic  simulator.  This  provides  correct  inlet  geometry  and 
M.F.R.  if  the  exhaust  geometry  is  enlarged  or  alternatively  reduced  inlet  M.F.R.  with  the  correct 
exhaust  geometry.  Experience  at  ARA  (Ref.l)  indicates  the  lattei  method  tc  or  most  desirable  in  relation 


to  local  wing  surface  pressures.  The 
modification  to  inlnc  geometry  to  allow  for 
reduced  inlet  flow,  or  the  increase  >,? 
spillage  around  a  correctly  sited  inlet, 
are  both  shown  to  give  wing  pressure 
results  equivalent  to  the  correct  sized  inlet 
and  mass  flow  ratio. 

The  exhaust  flow  is  unrepresentative  in 
both  total  pressure  and  temperature  and 
consequently  in  exhaust  plume  shape  and 
stream  shears.  The  optimum  methods  of 
nacelle  and  plume  representation  by  a  hard 
free  flow  surface  may  well  develop  in 
time  as  more  experience  is  accumulated 
with  jet  flow  representative  models. 

Evidence  (Ref.l)  suggests  that  the  best 
through  flow  nacelle  simulation  is  obtained 
by  the  use  of  full  representation  of  the 
real  cowl  shapes  in  preference  to  short  cuts 
which  do  not  include  the  gas  generator  cowl, 
or  which  use  a  hard  body  representation  of 
the  fan  jet  boundary  i.e.  extended  cowl.  An 
example  of  local  wing  surface  pressures  is 
shown  in  Fig.  3.  In  this  particular  case 
the  extended  cowl  through  flow  nacelle  (TFN) 
gives  a  closer  result  to  the  powered  case 
but  experience  indicates  that  for  different 
installations  the  particular  form  of  TFN 
giving  the  best  simulation  of  the  powered 
case  differs  -  hence  the  use  of  TFN  nacelles 
can  give  unpredictable  local  interference 
results  and  so  a  powered  nacelle  must  be 
used  in  the  general  case. 

Blown  Nacelles  (Fig. 2  mid  upper) 

The  blown  nacelle  has  advantages  and 
disadvantages.  All  the  air  that  exhausts 
from  the  nozzle  has  been  fed  into  the 
model  so  no  nacelle  measurements  of  mass 
flow  are  needed  in  the  model  which 
simplifies  instrumentation  (although  of 
course  T  in  needed  to  give  w/r  from  a  feed 
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lift*  V»lu«  of  wi^.  .  The  exhaust  total  pressure  of  both  primary  and  fan  are  very  low  (about  2  atmospheres) 
in  comparison  witn  tne  supply  pressure  into  the  nacelle  (about  30  atmospheres);  this  leads  to  complex  pressure 
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dropping  systems  giving  the  problems  of  non-uniform  nozzle  pressure  distributions  and  temperature  distributions 
(due  to  the  Joule-Thompson  drop).  The  accuracy  of  the  whole  experiment  depends  upon  the  repeatability  of  the 
instrumentation  as  it  "sees"  the  pressure  and  temperature  distribution  and  small  changes  in  performance 
of  the  pressure  dropping  system  (say  perforated  plates)  can  give  different  distribution  of  nozzle  pressure 
and  temperature  profile  from  that  for  which  it  was  calibrated.  One  significant  advantage  often  quoted  for 
the  direct  blown  nozzle  system  is  ita  potential  for  over-blowing  for  calibration  purposes  to  provide  the 
correct  nozzle  flight  pressure  ratios  in  static  calibration.  This  however  requires  the  dangerous  assumption 
of  similarity  of  flow  distribution  in  the  nozzle  whilst  operating  at  the  elevated  (over-blown)  absolute 
pressures  and  pressure  drops;  and  also  requires  that  any  dependence  of  nozzle  thrust  auJ  discharge 
coefficients  on  internal  Reynolds  number  can  be  quantified  and  accounted. 


The  front  of  the  nacelle  for  the  fully  blown  nozzle  does  of  course  require  to  be  faired.  This  can  be 
designed  to  give  the  game  pressui  distribution  over  the  inlet  cowl  region  back  to  the  fan  rozzle  plane  for 
a  range  of  and  M  conditions  whilst  allowing  for  the  extra  boundary  layer  displacement  surface.  So  in 
principle  the  approach  conditions  to  the  flow  mixing  at  the  nozzle  plane  can  be  correctly  represented. 
However  the  effects  of  the  displaced  "non-captured"  inlet  stream  tube  into  the  gully  flow  between  the 
nacelle  and  wing  and  pylon  must  have  significant  effects,  albeit  unquantifiod  at  present. 

Ejector  Nacelles  (FIG.2  mid  lower) 


The  ejector  nacelle  has  the  great  advantage  of  high  pressure  air  economy  compared  with  the  direct 
blown  nacelle.  It  would  be  reasonable  to  expect  to  achieve  an  ejector  mass  ratio  of  about  1.5  permitting 
an  inlet  flow  of  about  60  to  653  of  the  design  operating  value.  This  inlet  flow  deficiency  can  be  reasonably 
accommodated  by  inlet  cowl  redesign. 


Multi  tube  ejectors  are  essential  to  achieve  the  required  performance  and  although  it  would  be  a 
refinement  to  provide  independent  fan  and  core  duct  ejector  pressure  controls  to  give  precise  engine  twin 
stream  schedule  matching  it  should  not  be  forgotten  that  this  facility  is  readily  available  to  the  ejector 
nacelle  if  required. 


As  with  the  direct  blow  nacelle,  the  accuracy  provided  by  the  ejector  nacelle  depends  upon  the 
consistency  of  the  flow  at  the  nozzle  instrumentation  reference  plane.  This  reference  plane,  by  the  nature 
of  the  internal  geometry  of  the  nacelle,  is  always  likely  to  be  closer  to  the  ejector  plane  than  the  ruleo 
of  complete  mixing  would  dictate,  possibly  a:i  acceptable  distance  but  nevertheless  too  close  for  comfort, 
and  too  close  for  guaranteed  repeatability.  Consequently  the  accuracy  of  an  ejector  simulator  is 
dependent  upon  the  repeatability  of  the  flow  from  a  multitude  of  minute  condi  ejector  nozzles  and  their 
mixing  with  a  distorted  flo',/  field. 


The  Turbine  Powered  Simulator  (FIG.2  lower) 


Probably  the  most  significant  advantage  of  the  TPS  is  the  large  wealth  of  relevant  experience  that 
has  been  and  is  being  built  up  in  the  use  of  these  simulators.  The  domination  of  the  design  and  manufacture 
of  these  TPS  simulators  by  Tech,  Development  Inc.  of  Ohio  USA  has  undoubtedly  made  a  telling  impact  on  the 
quality  and  survivability  of  the  unite.  Insofar  as  initial  cost  is  a  significant  consideration,  the  TPS 
unit  haa  this  factor  against  it  but  the  cost  of  TPS,  ejector  or  blown  nacelle  core  power-packages  does 
not  represent  a  major  element  in  the  typical  total  program  cost.  In  any  event  the  initial  capital  costs 
of  all  powered  simulators  represent  quite  small  proportions  of  the  cost  of  all  programs  for  which  the 
simulators  are  likely  to  be  used.  In  general,  a  simulator  is  likely  to  be  associated  with  a  particular 
major  full  scale  engine  and  ia  likely  to  be  used  in  many  cladding  variants  before  it  is  discarded. 


Setting  aside  the  coat  aspects  it  is  clear  that  the  TPS  offers  many  technical  advantages,  not  leant 
of  which  is  the  representation  of  the  inlet  flew.  For  certain  types  of  nacelle  installation  the  facility 
to  represent  802  of  the  inlet  flow  is  fundamental;  for  many  other  installations  where  no  publif'  ed 
evidence  is  available  to  predict  the  importance  or  otherwise  of  the  presence  of  the  inlet  flow  it  appears 
that  the  decision  between  blown  or  TPS  comes  down  to  past  experience  or  practice.  In  any  event  certain 
facets  of  nacelle  installation  aerodynamics  dictute  that  to  select  a  blown  simulator  requires  that  high 
confidence  must  he  placed  in  the  independent  influences  of  intake  capture  and  exhaust  stieam  effects 
rather  than  the  concept  of  interrelated  inlet  and  nozzle  effects.  Certainly  in  this  largely  subsonic 
sphere  it  appears  advisable  to  assume,  unless  faced  with  insurmountable  technical  obstacles,  that  the 
nacelle  front  end  and  rear  end  aerodynamics  may  well  be  linked  in  the  complex  flow  field  generated  when 
the  nacelle  is  close  coupled  to  the  forward  lower  surface  of  u  modern  advanced  wing. 


Civil  testing  at  AKA  has  included  development  and  installed  tests  using  blown  nacelle  simulators 
as  well  as  TPS  simulators  and  from  this  experience  it  is  clear  that  the  control  of  air  supply  stability 
and  precision  of  the  data  for  both  simulator  types  are  similarly  exacting.  To  some  extent  the  TPS  has 
an  advantage  due  to  the  use  of  linked  mass  flow  accounting  methods  in  the  ram  drag  ard  gross  thrust 
estimation  procedures.  Nonetheless  both  simulators  require  high  precision  internal  pressure  and 
temperature  measurements  and  accurate  calibration  facilities.  One  of  the  most  important  points  in  the 
blown  versus  TPS  comparison  is  that  in  general  the  blown  nacelle  requires  about  three  tiroes  as  much  air 
to  be  passed  through  the  pylon  (or  strut)  together  with  all  the  necessary  instrumentation;  this 
considerably  enhances  the  difficulties  of  pylon  (or  strut)  design. 


A  disadvantage  of  the  TPS  is  the  tendency  for  icing  which  is  associated  with  large  temperature  drops 
across  the  turbine.  This  aspect  is  discussed  further  in  section  9  below,  but  it  suffices  to  note  here 
that  this  problem  has  been  aaequately  eliminated  using  current  practices  at  ARA,  whilst  avoiding  the 
additional  problems  that  would  occur  with  the  use  of  heated  turbine  drive  air. 


THE  PARALLEL  MODEL  AND  FULL  SCALE  ACCOUNTING  SYSTEM 


In  simple  terms  the  full  scale  engine  is  run  on  a  ground  based  altitude  test  facility  (ATF)  capable 
of  supplying  the  engine  face  with  air  at  representative  ram  total  pressure  and  permitting  the  nozzles  to 
exhaust  into  representative  ambient  pressure.  For  the  real  engine,  non-dimensional  gross  thrust  and 
mass  flow  coefficients  are  uniquely  obtained  in  static  operation  in  relation  to  corrected  revs,  and  internal 
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pressures  and  tamparaturaa .  In  application 
to  the  inatallad  flight  conditions,  the  ATF 
atatic  groaa  thruat  is  reduced  by  the  ran 
drag  to  give  the  net  thruat  of  the  ieolatad 
pod  in  flight.  The  effects  a  uniform 
external  flow  field  may  be  introduced  as  a 
refinement  at  this  stage,  if  test  data  is 
available,  to  modify  the  fan  and  primary 
discharge  coefficient  with  corresponding 
modifications  of  the  in-flight  gross  thrust. 
This  estimated  "free  flight*  net  thrust  is 
then  used  in  conjunction  with  airframe 
and  cowl  drag  estimates  and  installation 
drag  factors  to  estimate  the  aircraft 
performance. 


This  paper  describes  current  ARA  methods 
in  the  determination  of  these  installation 
drag  factors.  Hence  the  natural  methodology 
is  to  run  a  parallel  accounting  system  for 
the  full  scale  and  model  tests  -  Fig.  4  - 
where  the  unknown  in  the  full  state  equation 
ia  the  installation  drag,  which  is  determined 
from  wind  tunnel  measurements  of  the  various 
model  builds  of  wing/bjdy  and 
wing/body/nacelle  and  installed  thrust 
estimates. 


Hence  for  the  model  we  measure  the  gross 
thrust  and  discharge  coefficients  in  a 
calibration  frame  which  reproduces  the  inlet 
bellmouth  flow  conditions  at  the  total 
pressure  of  the  tunnel  and  exit  ambient 
static  pressures  at  the  nozzle  exhaust.  By 
use  of  the  relationship  of  internal  instrum¬ 
entation  in  the  model  engine  unit,  the  "free 
flight"  net  thrust  may  be  calculated  from 
the  calibration  static  gross  thrust  and  the 
ram  drag.  The  difference  between  the  "free 
flight"  net  thrust  and  the  tunnel  measurement 
of  T  -  D  for  the  engine/airframe  model 
installation  provides  a  measure  of  the  drag 
of  the  engine/airframe  full  scale 
installation. 

The  engine  nacelle  interference  drag 
may  be  obtained  from  the  above  measurement 
of  the  drag  of  the  wing/body/nacelle 
compared  with  the  drag  of  the  wing/body 
together  with  the  estimated  or  measured 
external  drag  of  the  nacelle/pylon. 

5.  BOOKKEEPING  AND  ACCURACY 


In  general  the  thrust  and  mass  flow 
accounting  systems  adopted  for  the  model  are, 
wherever  possible,  parallel  to  the  full 
scale  nacelle  performance  accounting 
procedures  as  noted  above.  This  includes 
quantity  and  placement  of 
instrumentation  as  well  as  the  definitions 
of  coefficients,  as  far  as  is  practically 
possible. 

The  procedures  therefore  form  a 
composite  structure. 

For  the  model  test  data  it  is  possible 
to  form  three  distinct  groups  of  functional 
relationships;  these  are: 


A  Diagnostic  and  distortion  parameters 

B  TPS  nacelle  performance  data 

C  TPS  nacelle  coefficients 


In  Group  A  the  parameters  are  devised 
to  provide  the  characteristics  of  the  basic 
measurements  using  such  basic  variables  as 
local  total  pressure  distortion  levels. 
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FIG. 4  AIRCRAFT  AND  MODEL  NACELLE  INSTALLATION  TECHNOLOGY  PLAN 
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>'ig.  5  shows,  schematically,  the  set  of 
plots  comnonly  formed. 

In  Group  B  the  parameters  are  for 
example  corrected  fan  mass  flow  and 
fan  corrected  rotational  speed;  Fig.  6 
shows  the  sets  of  relationships 
commonly  formed. 

In  Group  C  mass  flow  and  thrust 
coefficients  are  developed,  for  the 
inlet  duct, fan  nozzle  and  primary 
(turbine)  nozzle  using  in**duct  pressure 
and  temperature  measurements  and  derived 
mass  flow  and  thrust  data*  Fig.  7 
illustrates  these  parameters  and  flow 
zones . 

Before  addressing  the  question  of 
what  accuracy  and  repeatability  levels 
are  necessary  to  achieve  a  given 
installation  drag  discrimination  level, 
it  is  necessary  to  outline  the 
typical  mass  flow,  thrust  and  drag 
accounting  procedure.  Consider  for 
simplicity,  a  single  TPS  nacelle  in 
combination  with  a  half  span  model. 
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FIG.  8  MST  AND  TWT  fJASS  FLOW,  THRUST  AND  DRAG  ACCOUNTING  PROCESS 

Fig.  8  shows  schematically  the  essentials  of  the  MST  calibration  and  TWT  (in-tunnel)  bookkeeping 
process.  In  the  case  of  the  isolated  nacelle  tests  in  the  TWT  the  process  is  similar  except  for  the 
computation  of  normal  force  and  lift. 


In  the  MST  calibration  phase  of  testing  as  in  the  TWT  phases  the  above-noted  groups  A  and  B  of 
parameters  are  systematically  plotted,  examined,  and  compared.  The  calibration  phase  essentially 
yields  a  Bet  of  nozzle  coefficients  which  represent  the  characteristics  of  the  nozzle  and  instrumentation 
combination.  For  example,  the  coefficients  will  vary  as  the  instrumentation  set  is  varied  and  for  this 
reason  it  is  essentia)  that  the  MST  and  TWT  instrumentation  standards  are  identical.  Particular 
emphasis  is  placed  on  linked  methodology  in  the  TWT  phase  where  ram  drag  and  fan  gross  thrust  terms 
are  computed  using  an  identical  mass  flow  term.  It  is  accepted  that  lenUage  of  turbine  air  along  the 
TPS  shaft  can  influence  this  accounting  but  currently,  in  the  absence  of  more  specific  information, 
compatibility  of  test  conditions  in  the  MST  and  TWT  is  accepted  as  a  solution  to  the  problem.  It  will 
be  noted  also  that  multiple  methods  are  used  to  estimate  the  value  of  the  fan  nozzle  mass  flow  rate: 


TP 


thi«  emphasis  ia  wall  placed  since  gross  fan  thrust  levels  are  typically  twice  the  magnitude  of  the 
aircraft  model  drag  and  one  hundred  times  the  magnitude  of  the  installation  drag  increments  for  which 
we  are  looking.  In  practice,  drag  data  is  estimated  by  up  to  six  composite  methods  in  which  the 
principal  alternative  variable  is  the  fan  nozzle  mass  flow  rate;  comparisons  of  the  resulting  drag  data 
and  of  increments  between  builds  generated  using  these  alternative  methods  prove  to  be  most  valuable. 

The  fundamental  question  is  -  what  size  of  increment  in  nacelle  installation  or  interference  drag 
do  we  wish  to  discriminate.  For  civil  work  the  answer  must  be  something  of  the  order  of  1  to  2  drag 
counts  where  this  increment  is  one  half  to  one  percent  of  aircraft  drag.  In  general,  a  simple,  apparently 
quite  rigorous  pre-test  error  analysis  will  show  that  we  will  be  unable  to  discriminate  differences  of  the 
order  of  1  to  2  counts  due  to  predicted  data  scatter.  However  ,  a  fully  rigorous  statistical/engineering 
error  analysis  will  show  that  when  all  relevant  bias  (fixed)  and  repeatability  (random)  errors  are 
accounted,  together  with  the  enhancement  of  precision  due  to  multiple  measurements  (samples)  it  is  likely 
that  statistically-signif icant  measurements  of  this  order  (1  to  2  counts  difference)  will  be  achieved  on 
increments.  The  full  statistical  analysis  has  not  been  done  because  this  has  been  rendered  academic  by 
the  wind  tunnel  experimental  evidence.  This  evidence  shows  that  from  point  to  point  the  final  drag  data 
exhibits  repeatability  to  well  within  one  half  of  a  drag  count  and  that  from  drag  polar  to  polar  the 
repeatability  is  better  than  +0.6  drag  counts.  A  reliable  value  for  btild  to  build  repeatability  is  not 
available  due  to  the  considerable  expense  of  deliberately  rebuilding  and  testing  a  datum  model  build  a 
statistically  significant  number  of  time.s.  In  all  of  the  above,  the  confidence  level  has  been  quite 
deliberately  left  out;  this  is  because  the  precise  form  of  the  true  drag  curves  cannot  be  adequately  defined. 

The  above  remarku  have  also  dwelt  on  the  incremental  drag  type  of  exercise  wherein  a  given  set  of 
MST  nozzle  coefficients  are  used  for  all  TWT  model  builds.  The  related  question  of  absolute  drag  accuracies 
and  drag  differences  between  installed  nacelle  models  fitted  with  varying  nozzle  systems  are  more  complex 
and  equally  prone  to  the  pessimistic  answer  from  a  statistical  error  analysis.  In  a  recent  example  the 
MST  calibration  data  was  examined  using  statistical  means;  four  builds  of  model  were  considered  and  in 
all  cases  the  fan  parameters  CDF,  CTF  and  their  product  exhibited  a  spread  frandom)  of  less  than  ^0.2%  at 
a  2o  or  95%  confidence  level.  Perpetuation  of  these  levels  of  calibration  accuracy  into  the  TWT  test 
indicates  that,  without  regard  to  the  random  TWT  elements  of  accuracy,  differences  between  builds  of  less 
than  0.8  drag  counts  would  be  insignificant;  a  typical  practical  level  of  random  TWT  error  leads  to  the 
deduction  that  for  varying  nozzle  systems,  differences  of  less  than  about  ij  drag  counts  are  not  likely 
to  be  significant  at  the  95%  confidence  level.  However,  such  are  the  economic  consequences  that  lower 
levels  of  confidence  are  frequently  accepted  when  unde’,  all  other  considerations  the  designs  have  equal 
merit.  Also,  in  practice,  MST  repeatability  levels  of  +0.1%  are  frequently  (but  not  always)  achieved. 

6.  CALIBRATION  METHODS  AND  TEST  DATA 


The  tests  in  the  Mach  Simulation  Tank  (MST)  are  conducted  to  determine  nozzle  coefficients  in  the 
presence  of  a  quiescent  exhaust  environment  hut  under  conditions  which  match  model  internal  pressures 
to  those  of  the  transonic  wind  tunnel  (TWT) . 


Test  conditions  are  created  to  simulate  TWT  Mach  number,  so  far  as  the  nacelle  internal  duct  flows 
are  concerned,  by  setting  up  an  appropriate  pressure  difference  between  the  model  inlet  and  exhaust 
environments.  Use  of  ambient  atmospheric  pressure  upstream  of  the  TPS  nacelle  creates  engine  face 
conditions  corresponding  to  ARA  TWT  ram  total  pressure  levels  whilst  pressures  in  the  vicinity  of  the 
nozzles  are  selected  to  correspond  with  ARA  TWT  free  stream  static  pressures  at  the  requited  simulated 
Mach  number,  s_e  Fig.  9. 


FIG.  9  BASIC  ELEMENTS  OF  MACH  SII.ULATION  TANK 
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Tank  internal  pressure  conditions  are  controlled  by  selection  of  appropriate  tank  exit  areas  AMCV 
which  are  related  to  the  total  model  nozzle  area,  for  a  given  TPS  unit.  In  order  to  optimise  the 
precision  of  the  MST  exit  mass  flow  measurements,  the  critical  venturi  meter  concept  has  been  adopted 
(Ref,  2).  The  required  simulated  Mach  numbers  of  the  exhaust  environment  are  achieved  by  the  selection 
of  the  appropriate  critical  venturis  from  a  binary  range  of  venturi  areas.  The  relationships  between 
simulated  Mach  number,  model  nozzle  area  and  TPS  unit  rpm  are  readily  obtained  from  the  following  equations 
which  are  approximately  valid  for  fully  choked  nozzle  conditions. 
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In  the  above  relationships  the  terms  ptnozZLv  an<*  ^NOZZLE  re^er  rou£hly  to  a  combined  fan  and  turbine 

exhaust  and  with  real  fan  and  turbine  nozzles  the  relationships  give  only  an  approximate  guide  to  the 
conditions;  in  practice  more  precise  relationships  and  past  experience  are  used  to  predict  the  required 
AMCV  values. 

Thrust  measurements  are  made  by  means  of  a  symmetrically  placed  pair  of  force  balances  as  shown 
in  Fig.  9;  considerable  care  is  given  to  the  calibration  of  these  balances  and  the  various  pressure 
tares  which  arise  due  to  the  high  pressure  air  feed  end  tank  depression.  Calibration  of  the  forces  and 
pressure  tares  are  systematically  carried  out  for  each  model  test  series. 

Fig.  10  shows  typical  MST  operating  conditions  for  a  representative  TPS  nacelle  model;  the  range 
and  numbers  of  test  points  are  typical  of  many  such  tests. 

In  practice,  as  evident  from  Fig.  10  and  the  above  relationships,  having  selected  the  value  of  AMCV 
for  a  given  test  run  the  levels  of  simulated  Mach  number  are  achieved  directly  by  variation  of  TPS  unit 
RPM.  Conditions  in. the  duct  downf tream  of 
the  tank  exit  MCV  array  are  maintained  at  a 
suitably  low  level  of  static  pressure, 
typically  3  psia,  to  ensure  fully  choked 
■flow  through  the  venturis. 
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A  venturi  meter  is  used  in  the  high 
pressure  feed  line  for  the  measurement 
of  turbine  drive  air  mass  flow  rate. 

In  order  that  the  MSTp  facility  should 
have  demonstrable  accuracy,  a  periodic 
practice  of  testing  a  set  of  .reference 
nozzles  has  been  adopted.  The  results  have 
shown  that  mass  flows  from  the  high  pressure 
venturi  meter  and  tank  exit  venturis 
generally  match  to  better  than  +0.2Z 
whilst  the  thrust  measuring  system  has  been 
shown  to  match  predicted  reference  nozzle 
thrust  data  also  to  within  Jt0.2Z,  (Ref.  3). 

Characteristic  sets  of  nozzle 
coefficients  from  a  recent  MST  test  series 
are  shown  in  Fig.  11;  the  numbers  of  points 
and  range  of  conditions  shown  are  quite 
typical;  in  particular,  it  is  policy, 
whenever  practical,  to  run  calibrations 
both  before  and  after  TWT  teats.  This 
procedure  provides  both  improved  confidence 
levels  and  essential  continuity  of  the 
TPS/nacelle  performance  evaluations. 

No  serious  problems  of  TPS  performance 
variation  have  hitherto  been  encountered. 

The  coefficients  show  a  clear  trend 
with  TPS  unit  RPM:  this  arises  due  to 
the  variations  in  the  sampling  of  nozzle 
upstream  total  pressures  and  temperatures 
and  is  consequent  upon  the  finite  set  of 
measuring  stations  allied  to  the  development  of  the  duct  distortion  map  as  a  function  of  unit  RPM. 

The  current  ARA  view  is  that  at  a  fixed  value  of  FNPR  the  apparent  nozzle  coefficients  will  vary  with 
fan  corrected  speed  and  that  the  magnitude  of  this  variation  will  depend  upon  the  size  of  the  data 
sample  (numbers  of  pitots  and  thermocouples). 

The  relationships  between  the  means  of  the  measured  duct  total  pressures  and  temperatures  and  the 
apparent  'true'  mean  values  can  be  identified  and  evaluated.  The  procedure  involves  selection  of 
reference  values  of  fan  corrected  speed  and  associated  reference  sets  of  nozzle  discharge  and  thrust 
coefficients  (CDF,  CTF) .  It  has  been  shown  that  the  ratios  of  indicated-to-true  total  pressures 
and  temperatures  can  be  derived  directly  from  the  indicited  nozzle  coefficients  CDF  and  CTF  (Ref.  4). 
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FIG.  10  TPS  CHARACTERISTICS  FROM  MST  CALIBRATIONS 
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It  should  also  be  noted  that  this 
concept  is  not  new,  as  evidenced  by 
the  work  of  Kimzey  (Ref. 5)  and  Decher 
(Ref. 6). 

7.  ISOLATED  NACELLE  TESTS 

A  number  of  technical  advantages 
can  be  claimed  for  a  test  plan  which 
includes  TUT  testing  of  an  isolated 
nacelle  mounted  on  a  strut  as  shown 
together  with  typical  drag  data  in 
Fig. 12. 

There  are  two  independent  reasons 
for  utilising  isolated  nacelle  tests: 

A.  For  pylon/nacelle  calibration 
purposes  as  an  alternative  to  MST 
devised  nozzle  coefficients.  This 
technique  uses  nacelle/pylon  thrust 
minus  drag  measurements  on  the  strut 
to  determine  T  -  D  of  the  nacelle  and 
pylon  operating  at  the  correct  nozzle 
pressure  ratio  in  the  presence  of  the 
correct  external  stream  M  .  These 
measurements  in  conjunction  with 
theoretical  estimates  of  external 
pylon  and  nacelle  drag  and  fan  mass 
flow  from  calibrated  inlet  statics 
(a  weak  link  of  this  method)  and 
turbine  mass  flow  from  a  feed  line 
venturi  provide  thrust  and  discharge 
coefficients  for  the  fan  and.primary 
nozzles.  These  coefficients  are  in 
principle  different  from  those 
obtained  in  a  MST  calibration  due  to 
the  effects,  if  any,  of  external 
stream  suppression.  The  primary  thrust 
and  mass  flow  are  consistently 
accounted  throughout. 

The  coefficients,  when  used  for 
the  TWT  wing  body  nacelle  tests, 
provide  the  "true"  installed  ne  t 
thrust  of  the  nacelle,  which  when 
combined  with  the  estimated  external 
drag  of  pylon  and  nacelle  (via  the 
same  method  as  used  in  deriving 
nozzle  coefficients)  and  measured  wing 
drag,  yields  the  aerodynamic  drag 
interference  of  the  installation. 
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FIG.  11  TPS  COEFFICIENTS  FROM  MST  CALIBRATIONS 
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B.  For  installation  drag  increncnts  utilising  the  MST  static  calibration  coefficients.  This  method 
uses  thrust  minus  dreg  measurements  on  the  strut  in  conjunction  with  static  calibration  valueb  of  C 

.  ,  Thrust 

and  C|j^s  to  ojtain  the  external  drag  of  the  nacelle  and  pylon.  This  makes  the  assumption  of  no  external 

flow  suppression  effects  or.  the  nozzle  coefficients,  or  alternatively  that  such  effects  are  accounted 
in  the  derived  external  drag  of  the  nacelle  and  pylon.  Hence  this  method  also  provides  the  aerodynamic 
interference  increment  or  an  installation  drag  increment  as  above,  but  with  any  external  flow  suppression 
effects  included  in  the  interference  term  viz. 
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An  example  of  the  isolated  nacelle  drag  data  is  shown  in  Fig.  12;  it  is  clear  that  good  repeatability 
of  the  measurements  can  be  obtained. 

It  is  also  clear  that  testing  of  the  [ - w_  /£5\ 

isolated  nacelle  premits  evaluation  l_3—  ^  INACEL  LfTpylonI  4  (0) 

of  the  mass  flow,  thrust  and  drag  __ 

accounting  process  under  more  [SUPPORT  STRUT  1 1  TT 

favourable  and  predictable  \  * 

circumstances  than  the  installed  \ 

tests  permit.  As  a  result  of  this  \  \ 

important  facet  of  these  tests,  \  \ 

together  with  considerations  relating  \  \ 

to  the  presence  or  otherwise  of  free  inn  \  \  F*»t 

stream  suppression  of  a  nozzle  flow,  vl,w  \  \  *IB* 

it  is  currently  recommended  that  this  \  \ 

isolated  TWT  test  phase  he  included  \  \ 

whenever  a  comprehensive  technology  \  \ 

package  is  believed  to  be  necessary.  \  \ 
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8.  INSTALLED  NACELLE  TESTS 

In  the  installed  nacelle/pylon 
TWT  test  phase  largely  conventional 
test  conditions  and  procedures  are 
adopted.  In  the  planning  stages 
it  will  have  been  decided  whether 
the  wing/fuselage  would  be 
represented  by  a  full  span  or  half 
span  model.  In  either  case  the 
objective  of  the  powered  installed 
test  phase  will  have  been  clearly 
identified.  In  many  cases  where 
the  aircraft  is  new  it  will  have 
been  decided  that  an  associated 
unpowered  full  span  test  series  is 
used  as  a  link  into  the  aircraft 
drag  accounting  scheme  and  that 
the  powered  tests  are  to  provide  a 
drag  increment  due  to  the  presence 
of  power  and  of  representative 
nacelle/pylon  exhaust  systems;  that 
is,  that  the  powered  installed  tests 
provide  data  due  to  the  difference 
between  through-flow  nacelles  (TEN) 
and  TPS  nacelles.  Many  alternative 
approaches  are  possible,  however,  and 
the  installed  TWT  tests  may  be  aimed 
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at  determination  of  cither  interference  drag  or  installed  drag,  or  both,  as  described  in  7. 

,  alternative  md  technically  sound  approach  may  on  occasion  be  adopted.  This  is  when  a 

flying  baseline*  build  is  included  in  the  installed  TWT  test  plan;  this  approach  sets  out  only  to 
define  the  differences  between  candidate  configurations  of  wing/pylon/nacelle  and  a  'flying  baseline' 
representing  a  design  having  known  full  scale  flight  performance  standards. 

Whatever  the  precise  objectives  of  the  installed  TWT  test  phase,  and  frequently  many  of  the  above 
approaches  are  combined  in  the  same  test  entry,  there  are  many  common  facets  to  the  test  techniques. 

In  a  number  of  recent  typical  teBt  programmes,  the  actual  build-to-build  test  sequence  hus  become 
quite  routine;  it  will  enhance  the  value  of  this  note  to  describe  thin  routine. 


(a)  Following  on  from  the  usual  model  and  inst  rumentation  cheeks,  a  Unified  set  of  tfsts  are 
I'orfi  nod  to  confirm  the  effectiveness  nl  i  lie  wing  transition  fixing;  the  conditions  of  these 
tests  are  selected  to  ■.  ‘orapass  the  C  ,  M  conditions  within  the  cruise  test  envelope.  In  ,.eneral, 
a  forward  fix  at  '>2  is  adopted  on  both’  wing  surface.*,  to  provide  a  consistent  wing  hound arv  layer 
flow  throughout  the  nacelle  test  series.  An  aft  fix  for  the  upper  surface  nig'u!  well  he  more 

ap  >pr i at e  for  'lie  high  M  cruise  t;  design  point,  hut  it  is  possible  that  me -mured  changes 
may  hr  incorrectly  attributed  to  nacel  Le/p.y  Ion  installation  modifications,  whereas  the  changes 
arc  iiioi'i  likely  to  he  due  to  alterations  in  the  upper  surface  boundary  layer  transition  position 
with  consequent  upper  s  irfaee  shock  movement,  * r  ip  fact  twice  1  1  e/pylon  modifications  do  afire' 
the  upper  rurface  shock  position  al  full  seal  uiilions,  then  the  whole  i.est  technique  becomes 
much  more  complex  -  hut  probably  toluhle.  Nacelle  and  nylon  transition  fixing  hands  are  less 
easily  summarised  here. 

(b)  Cruise  draH  tests  are  conducted  in  up  to  th.  distinct  types  of  traicrse;  available  traverses  are 

(I)  fixed  Mach  and  TVS  rpm  and  vary  model  incidence  to  produce  a  set  ol  drag  polars  covering  the 
required  cruise  lift,  M  and  fan  mix/. le  pressure  ratio  conditions; 

(II)  fixed  TVS  rpm  and  model  incidence  slid  vary  Mac'  er  to  produce  Mach  sweep  drag  data  at 

discreet  1  it  t  com! it  tons. 

(iii)  llxed  Mach  arid  model  incidence  and  vary  TVS  unit  rpm  to  produce  Vower  Sweep  drag  data  at 
disci  Tut  Lift  conditions. 

Whilst  tile  resulting  hotly  of  data  can  provide  a  valuable  network,  the  most  powerful  and  economic  test 
approach  Is  that  of  obtaining  drag  polars)  in  the  AltA  TWT  incidence  variations  can  be  effected  rapidly 
making  high  rains  of  data  collection  possible  such  that  in  a  recent  powered  half  span  model  test  series, 
g l' ml U<1  than  2C  model  builds  wefu  tested  in  a  9  day  period  and  over  TOO  drag  polars  were  obtained. 

1  nc id, 'Mire  inerumon  s  are  usually  kept  down  to  0.3  within  the  cruise  envelope  and  a  typical  polar 
contains  about  10  to  12  tost  points.  All.  teat  points  or  scans  include  force  and  pressure  data  and  in  the 
above  tests.  i'J  scanivulves  were  used  yielding  100  nae.olle  and  pylon  pressures  and  over  300  wing  pressures 
lli  add  1  lion  to  the  force  and  thermocouple  data;  in  all,  over  2  mini  n  items  of  pressure  and  force  data 
ware  systematically  obtained  as  well  us  u  total  of  about  20  surface  oil  ow  stud  es. 


In  practical  terms,  It  is  found 
to  lie  most  advisable  to  limit  any 
given  tunnel  run  to  about  10  drag 
polar*  since  the  economics  dictate 
that  quite  regular  model  inspect' Ions 
are  performed  to  avoid  unnecuiisary 
repetition  of  vest  data  in  the  event 
of  a  I’ unity  model  ImlLd  occurring 
during  nnv  given  run.  A  systematic 
jM'/ietlee  of  repeating  2  of  the  ki  y 
'tag  polars  In  also  adopted  for  each 
mil  I d|  when  test  serf  os  span  more 
than  a  day  o,  two  ir  is  ciintoiiiary  to 
repeat  the  datum  case  m.ch  that  datum 
lull  Id  teslu  are  conducted  near  mi  the 
start  am1  end  of  the  test  entry.  A 
lypl  a  I  hall  span  model  hi  the 
liumiionlc  wind  Inline'  is  shown  in 
"  I  g  *  II. 

\  sms  I  I  select  ion  of 
I yp I c  1 1  drag  po lars  and 
In  it  a1  lal  Ion  drag  .lilt  a  arc  shown 
In  I'lg.  16,  It  should  !»•  noli") 
iuu  i’  I  list  ll  "  drag  levels  for  a 
given  mode  I  Im  I  I  d  and  ten t 
cond I t I  m  arc  usually  evaluated  al 
g  I  veil  spec  I  f  I  c  va  I  lies  of  lift 
roiufli  lent,  I  i  the  case  of  the 
ha  I  f  span  iiuhIi*  I  1 1  la  Impor  t  am 
I  lull  I  lie  drag  levels  are  related 
al  equ  1  va  I  ei  I  i'll  I  I  span  Mil 
euef  f  I  e  I  enl  s  .  As  a  I'll  I  e ,  a  tlj 
eorreiipoiidenee  plot  via  a  In 
eil  ahl  I  shed  giving  lull  span  or 
alrerill  I  0.  ver  mi  i  idle, .led  half 
span  ll|  ;  I  Iii  a  I  s  espee  lal  I " 
iii’i'i'usarv  when  testing  with 
linn-met  r  I  e  fu.-lel,. pes  lull  must 
also  lie  dime  lor  met  lie  I  use  lege 
I'ompni  1  sons  ill  lire  ITini'Inge  - 
can  I'd  Mil  is  I  nvar  ;  h  I  v 
I  uappi'opr  I  at  e  due  1 1  I  lie  I  lour 
honinlarv  lever  el  feel  s  , 

Cun  I'Hpillldelire  eillul  I  I  I  Dim 
are  usual  i'll  I  ill)  I  i  sill'll  by  I'ef  eri'liee 
llul  uuly  lu  I  lie  1  oe  ideiii'e  angle 
hiil  also  I  u  I  lie  I  urn  I 
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FIG.  1.4  TYPICAL  MODEL  DRAG  DATA  AND  REPEATABILITY 
aerodynamic  conditions  .n  the  flow  over  the  lifting  surfaces,  i.e.  surface  pressure  distributions. 

the  data  shown  In  Fig.  14  illustrates  one  or  two  important  aspe'  s  of  test  technique;  these  are 
that  when  looking  for  small  drag  differences  it  is  very  important  tc  systematically  establish  and 
confirm  repeatability  levels  on  all  builds  and  that  test  conditions  should  be  both  tightly  packed  within 
the  cru'se  flight  envelope  but  also  should  cover  significantly  more  than  the  confines  of  the  cruise 
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envelop*  ••  significant  aerodynamic  interference  features  frequently  aaterialiae  near  to  the  edgea  of  the 
cruise  envelope  and  may  be  much  more  readily  identified  in  the  extended  regions  of  the  test  envelope. 

The  data  repeatability  in  evidence  in  Fig.  14  is  quite  typical  and  it  is  clear  that  repeat  runs 
show  a  spread  within  +1  drag  count.  It  is  relevant  to  note  that  the  drag  data  plotted  has  been 
computed  using  force  balance  measurements  of  about  -300  drag  counts,  ram  drag  values  of  about  250  drag 
counts  and  total  (fan  primary)  gross  thrust  levels  of  about  600  drag  counts.  In  the  presence  oi  these 
substantial  vectors  it  is  both  remarkable  and  gratifying  to  achieve  the  illustrated  levels  of  repeatability 
of  the  final  drag  data. 

It  is  also  important  that  the  repeatability  levels  both  from  test  run  to  test  run  as  well  as  from 
build  to  build  are  established. 

9 .  INSTRUMENTATION  METHODS,  MODEL  DESIGN  AND  POWER  CONTROL 

The  related  problems  of  numbers  and  disposition  of  the  nacelle  instrumentation  is  an  aspect  which 
appears  to  lead  to  nearly  as  many  differing  solutions  as  there  are  engineers  involved;  on  the  one  hand 
it  is  clear  that  an  extremely  large  number  of  measurements  is  necessary  in  any  given  duct  in  order  that 
the  mean  value  of  the  measurements  will  closely  approximate  the  true  mean;  on  the  other  hand  it  is 
equally  true  that,  provided  we  are  dealing  with  absolutely  stable  and  repeatable  duct  flows,  calibrated 
for  a  given  fan  pressure  ratio,  it  should  only  be  necessary  to  use  a  single,  well-placed  pitot  and 
thermocouple  in  each  duct.  However,  the  real  test  situation  requires  that  a  compromise  be  struck 
between  these  two  extremes.  Firstly,  it  is  not  necessary  that  the  mean  of  the  measurements  should  be 
close  to  the  true  mean;  it  is  necessary  only  that  the  ratio  of  the  mean  of  the  measurements  to  the  true 

mean  shall  remain  invariant,  through  all  test  phases  at  a  given  test  condition,  say  corrected  rpra. 

Seen. idly,  to  rely  on  a  single  measurement  in  each  duct  would  be  extremely  hazardous,  with  the  liability 
of  oil  contamination  or  partial  leakage  or  blockage;  equally  if  the  nozzle  were  not  fully  choked  then 
mass  flow  variations  could  go  undetected  by  a  single  pitot.  So  in  general  a  reasonably  large  number  of 

instruments  is  used  in  each  duct  of  the  simulator  to  provide  an  economical  sample  which  will  give  a 

reasonable  representation  of  the  true  mean  flow  and  minimise  the  technical  risk  of  the  loss  of  some 
instruments. 

The  ultimate  selection  of  the  internal  instrumentation  set  installed,  is  primarily  defined  by  the 
model  design  office  having  due  regard  to  the  space  available;  the  selected  set  generally  includes  intake 
duct  statics  and  thermocouples,  fan  duct  pitots,  statics  and  thermocouples  and  primary  (turbine)  duct 
pitots  and  thermocouples  -  the  numbers  vary  from  progranme  to  programme  but  the  key  numbers  do  not  differ 
widely,  for  example  -  current  practice  seems  to  suggest  somewhere  betweei  12  and  30  fan  duct  pitots, 
between  7  and  12  primary  duct  pitots,  usually  fewer  thermocouples  and  between  4  and  6  intake  duct  statics. 
Using  this  instrumentation  and  the  various  weighting  and  averaging  methods  previously  described,  it 
is  practical  to  assess  the  mass  flow  and  thrust  levels  in  the  various  test  phases, 

It  is  worth  noting  that  the  practice  of  using  pneumatically  ganged  sets  of  pitots  is  not  recommended 
in  our  view,  in  this  context  of  TPS  cruise  drag  tests.  It  is  suggested  that  by  reducing  the  number 
of  readout  measurements  higher  rates  of  data  taking  can  be  achieved  but  in  the  present  context  it  would 
appear  to  be  unwise  since  the  slightest  ingress  of  oil  into  a  ganged  set  of  pitot  tubes  (which  it  must 
be  accepted  can  occur  with  TPS)  could  unbalance  the  pneumatics  o'  the  ganged  arrangement  and  could 
cause  an  error  source  in  the  duct  pressures  which  would  be  very  difficult  to  trace  at  the  time  of  the 
tests.  It  is  therefore  considered  to  be  unwise  and  unjustified  to  reduce  the  number  of  critical  internal 
pressures  whilst  less  important  external  pressures  are  recorded.  A  multi  scanivalve  system  is  more  than 

adequate  to  cope  with  the  total  number  of  pressures,  and  the  only  penalty  of  scanivalve  recording  is  a 

scan  time  of  5  seconds  as  compared  to  about  2  to  3  seconds,  with  the  corresponding  extra  blowing  time. 

The  design  of  the  model  wing,  pylon  and  nacelle  hardware  poses  many  special  problems,  not  least 
of  which  are  the  provision  of  adequate  space  for  instrumentation  and  air  feed  ducts  to  the  TPS  as  noted 
above.  Further  important  design  aspects  include  the  need  for  the  cowl  set  and  wing/pylon/nacelle 
assemblies  to  be  free  from  flow  leak  paths.  As  a  rule  the  final  sealed  nacelle  assemblies  are  subjected 

to  rigorous  leak  check  tests  at  their  maximum  operating  pressure,  whilst  all  high  pressure  components 

and  assemblies  are  subjected  to  appropriate  safety  checks  at  twice  the  expected  pressure  levels. 

Experience  shows  that  cowl  and  pylon  designs  in  which  the  number  of  components  and  associated 
leak  paths  have  been  minimised  are  most  successful. 

A  particular  feature  of  note  on  the  cowl  design  is  that  of  the  tendency  for  ice  formation  due 
to  the  very  low  turbine  exhaust  temperatures;  these  can  be  as  low  as  160  K.  The  use  of  an  epoxy  based 
fibre  or  glass  cloth  laminate  material  (TUFNOL)  for  the  core  cowl  components  has  been  shown  to  give 
adequate  resistance  to  the  heat  flows  and  has  thus  reduced  icing  of  the  core  cowl  to  acceptably 
minimal  levels. 

The  pressurised  oil  systems  for  the  TPS  bearing  feed  requires  special  consideration;  system 
design  must  be  conducive  to  the  maintenance  of  high  standards  of  cleanliness  to  total!  f  eliminate 
contamination  and  debris;  here  again  the  rule  is  to  minimise  numbers  of  components  and  maximise  skill 
and  awareness  in  the  assembly  area. 

In  order  that  high  precision  drag  data  be  obtained,  it  is  necessary  that  a  servo-controlled  compressed 
air  supply  lystem  be  used.  The  dual  systems  currently  in  use  at  ARA  provide  precision  control  of  TPS 
unit  rpm  to  better  than  +0.1%.  Finally,  of  course  the  success  of  the  whole  experimental  system  depends 
upon  the  balance  accuracy,  repeatability  and  discrimination;  particularly  in  the  presence  of  a  HP  dual 
air  feed  system.  Again,  the  possibility  of  achieving  this  is  much  greater  with  a  half-model  balance 
in  a  controlled  environment  than  with  a  complete  model  in  the  tunnel  environment. 
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SUMMARY 

Definition  and  optimisation  of  installed  thrust/drag  is  a  particularly 
demanding  aspect  of  civil  nacelle  installation  design  and  development. 

A  recent  programme  has  been  concerned  with  model  to  flight  comparisons 
as  a  means  of  validating  the  calibration  and  thrust/drag  analysis  tech¬ 
niques  employed  in  •  Ind  tunnel  tests.  The  work  was  related  to  a  modern 
wide  bodied  transport,  Lockheed  LlOll,  having  high  bypass  ratio  RB  211 
turbofan  engines  with  two  alternative  exhaust  system  designs.  Wind 
tunnel  model  representation  comprised  a  full  span  simulation  with  under¬ 
wing  mounted  turbine  powered  engine  simulators. 

Calibration  techniques  included  the  use  of  a  Mach  Simulation  Tank  in 
which  concurrent  mass  flow  and  thrust  calibrations  were  conducted  in  a 
quiescent  exhaust  environment.  Data  presented  includes  nacelle  thrust 
and  discharge  coefficients,  Installed  drag  comparisons  and  finally  model 
to  flight  correlations. 


NOMENCLATURE  AND  ABBREVIATIONS 

AF  Fan  nozzle  geometric  area 

AI  Intake  duct  reference  area 

AMCV  Individual  throat  area  of  critical  venturi  in  MCV  array 
AP  Primary  nozzle  geometric  area 

AVA  High  pressure  critical  venturi  meter  throat  area 

C  Local  wing  chord 

CTP  Estimated  primary  nozzle  thrust  coefficient 

Ho  Freestream  (ambient)  total  pressure 

Mo  Freestream  Mach  number 

m  Mass  flow 

PMCV  MCV  upstream  total  pressure 

Po  Freestream  (ambient)  static  pressure 

PS  Static  pressure  in  MST  adjacent  to  exhaust  nozzles 

PSF  Fan  duct  static  pressure 

PSI  Intake  duct  wall  static  pressure 

PSP  Primary  duct  static  pressure 

PTF  Fan  duct  total  pressure 

PTP  Primary  duct  total  pressure 

PVA  High  pressure  critical  venturi  meter  upstream  total  pressure 

q  Freestream  dynamic  pressure 

R  Universal  gas  constant 

5  Wing  planform  area 

TI  Intake  duct  total  temperature 

TF  Fan  duct  total  temperature 

To  Freestream  (ambient)  total  temperature 

TMCV  MCV  upstream  total  temperature 

TP  Primary  duct  total  temperature 

TVA  High  pressure  critical  venturi  meter  upstream  total  temperature 

Vo  Aircraft  velocity 

W  Aircraft  weight 

X  Linear  dimension  from  wing  leading  edge 

XAF  TWT  axial  balance  force 

XB  MST  force  balance  reading 

XNF  TWT  normal  balance  force 

Fuselage  angle  of  attack 

9  Nacelle  angle  relative  to  fuselage  datum 

0  Nacelle  'toe-in*  angle 

Jr  Ratio  of  specific  heats 

6  Increment 


DERIVED  SYMBOLS 


Fan  nozzle  discharge  coefficient  =  (m  *1 TF )  measured 

(m  f TF)  ideal 

Primary  nozzle  discharge  coefficient  =  (m  fm  measured 

(m  f TP)  ideal 

Model  drag  coefficient  corrected  for  thrust,  ram  drag  and  lift  Induced  drag 
Model  lift  coefficient  corrected  for  thrust 
Static  pressure  coefficient 
Corrected  TPS  fan  speed  =  (RPM//e]“ 

(MAXIMUM  RPM) 

Fan  nozzle  thrust  coefficient  =  (XOF/m  / TF)  measured 

(XGF/m  ^  IT)  ideal 

Nacelle  ram  drag 
Normalised  aircraft  weight 
Fan  nozzle  gross  thrust 
Primary  nozzle  gross  thrust 

Temperature  ratio,  local  to  sea  level  standard  —  T^/288 


Pressure  ratio,  local  to  sea  level  standard 


Po/14.7 


ABBREVIATIONS 

FNPR  Fan  nozzle  pressure  ratio 

MCV  Multiple  critical  venturi  meter 

MSIM  Simulated  Mach  number 

MST  Mach  simulation  tank 

RPM  Revolutions  per  minute 

SAR  Specific  air  range 

sfc  Engine  specific  fuel  consumption 

TPS  Turbine  powered  simulator 

TWT  Transonic  wind  tunnel 


1.  INTRODUCTION 

This  paper  describes  work  curried  out  to  establish  an  experimental  technique  aimed  at  advancing  the 
state  of  the  art  in  civil,  full  span,  powered  model  testing.  The  test  work  is  related  to  a  wide  bodied 
aircraft  with  underwing  mounted  turbofan  engines  featuring  alternative  standards  of  exhaust  system  design. 
Validation  of  the  technique  employed  is  by  model-to-full  scale  performance  correlation.  The  wind  tunnel 
model  was  a  l/25th  scale  full  span  sting-mounted  simulation  fitted  with  turbine  powered  nacelle  simulators 
(TPS). 

The  study  was  initiated  after  consideration  of  the  state  of  the  art  in  the  mid-seventies.  In  part¬ 
icular,  it  was  recognised  that  whilst  half-span  model  tests  using  powered  simulators  were  commonplace 
(Refs.l  and  2),  little  published  evidence  was  available  to  demonstrate  valid  model  to  flight  performance 
correlations,  noting  especially  the  importance  of  spanwise  distributions  of  lift  and  wave  drng.  Further¬ 
more,  the  then  likely  advent  of  noise  shielded  installation  designs  featuring  close  coupled  arrangements 
of  wings,  nacelles,  fuselage  and  empennage  were  unlikely  to  prove  suitable  vehicles  for  study  using  half¬ 
span  models  -  hence  the  emphasis  on  deve'vpment  of  the  full  span  method. 

The  use  of  TPS  units  arises  from  the  requirement  to  reproduce,  as  closely  as  possible,  the  intake 
and  exhaust  effects  of  the  installed  turbofan  engine,  together  with  interactions  between  the  two.  To  this 
end,  two  Tech  Development  Model  1079  TPS  units  were  acquired  for  use  in  the  test  programme. 

An  important  early  consideration  was  the  availability  of  comparative  full  scale  data  Including  visi- 
bili  y  of  engine  nacelle  and  aircraft  performance  procedures.  On  the  practical  side,  early  consideration 
was  given  to  the  key  balance  airfeed  design  problem. 

The  aim  of  the  study  was  to  develop  test  and  analysis  techniques  of  sufficient  accuracy  to  discrimi¬ 
nate  drag  differences  between  builds  of  1  to  2  drag  counts  (or  JCp  'i  0.0002);  the  one  drag  count  level 
of  accuracy  was  known  to  be  an  ambitious  target  but  proviaed  a  clear  basis  for  error  estimates  as  well  as 
setting  an  exacting  design  objective. 


The  precise  basis  of  the  technique  validation  procedure  Involved  comparison  of  model  and  aircraft 
drag  values  for  a  Lockheed  L1011  TrlStar  with  Rolls-Royce  RB  211  powerplants  configured  with  15°  and  11^ 
afterbody  systems;  these  are  illustrated  in  Figure  1. 

2.  force  balance /airfeed  system  and  Exhaust  systems  evaluated  on  full  scale 

model  design  aircraft  and  wind  tunnel  model 


2.  FORCE  BALANCE /AIRFEED  SYSTEM  AND 

MODEL  DESIGN 

The  full  span  model  was  designed  to 
simulate  a  Lockheed  LlOll  and  to  include 
only  the  two  wing-mounted  nacelles,  the 
centre  engine,  fin  and  tailplane  befug 
area  ruled;  model  scale  was  set  at  1/25 
based  upon  an  estimated  practical  maximum 
tunnel  blockage  limit  of  17.  for  tests  up 
to  Mach  0.87.  The  airfeed  system  was 
designed  to  minimise  pressure  effects  and 
stiffness  effects  of  the  air  transfer 
arrangements,  especially  in  the  normal 
and  axial  force  directions;  stiffness 
contributions  were  kept  to  less  than  27. 
when  compared  with  the  basic  balance  and 
pressure  tares  were,  by  design,  very 
small.  At  an  early  stage  it  was  decided 
to  adopt  a  conventional  six-component 
balance  and  literally  add  on  an  airfeed 
system.  The  eight  electro-deposited 
nickel  bellows  eventually  selected  from 
an  optimisation  study  were  arranged  in  ver 
to  be  capable  of  supplying  sufficient  high 
simulators.  Figure  2  shows  a  schematic  o 
details  of  the  high  pressure  air  supply 
metering  arrangements  and  the  nacelle 
instrumentation  definition. 

An  important  feature  of  the  air¬ 
feed  design  was  that  thermal  effects 
arising  from  temperature  differences 
between  the  HP  sir  supplies  and  model 
hardware  should  not  cause  extraneous 
balance  forces  to  arise.  To  prove 
this  and  to  generally  develop  the 
bellows/balance  system,  a  inock-up  and 
proving  rig  were  built  and  certain 
special  in-tunnel  preliminary  check 
tests  were  conducted  with  fully  rep¬ 
resentative  airflow  pressure  and 
temperature  conditions. 

Conventional  numerical  controlled 
machinery  processes  were  employed  in 
the  manufacture  of  the  various  wing, 
fuselage,  pylon  and  nacelle  components; 
in  the  case  of  the  wing,  a  computer 
enhanced  'flight'  wing  geometry  was  de¬ 
rived  . 

The  design  and  fabrication  of  the 
nacelle  and  pylon  for  this  model  proved 
to  be  quite  difficult.  In  the  presence 
of  the  very  tight  geometric  constraints 
imposed  by  the  need  to  match  full  scale 
external  geometry  at  1/25  scale  the 
provision  of  space  for  instrumentation 
ways  and  an  airfeed  duct  through  the 
pylon  necessitated  special  vacuum  braz¬ 
ing  operations  on  the  pylon  hardware; 
Figure  3  shows  the  model  components. 

The  packaging  of  scanivalve,  air  ducts, 
balance  and  bellows  system  inside  the 
model  fuselage  was  a  comparatively  simple 
matter.  The  provision  of  air  ducts, 
instrumentation  ways  and  pylon  fixations 
at  the  wing/pylon  junction  proved  to  be 
more  difficult  from  the  point  of  view 
of  stress  levers  blnce  the  lift  loads 
on  the  outer  wing  panel  had,  nonethe¬ 
less,  to  be  adequately  land  permanently) 
supported ■ 

A  particular  feature  of  special 
interest  on  the  model  is  the  provision 
of  glass  based  laminate  (Tufnol;  nacelle 
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tical  equilateral  opposed  pairs.  The  arrangement  was  designed 
pressure  air  for  blown,  ejector  or  turbine  powered  nacelle 
f  the  full  span  model  including  the  balance/airfeed  system, 

Schematic  of  full  span  model 

Force 

balance 

\ 


Nose  mounted 
scanlvalves 


Conventional  sting 
mounted  full 
span  model 


TPS  compressed 
air  feeds 


-Earth/llve  air 
transfer  bellows 
system 


Wing  surface 
instrumentation 


Full  span  model  balance/airfeed  system 


TPS  air 
ducts 


Fuselage 


Wing  root-'- 
block 


Nacelle  instrumentation 


i  Turbine  drive  air 


Air  supply 
ducts  _ 


8  flexible 
bellows 

t^'dentre  air 
transfer  block 


IT~3  Non-metric  parts 


Turbine  drive  pressure 
teiMPTT) 


-  Turbine  drive  lamperetire 
2  off,  (YT) 


Intake  slaiiee 

4  off,  (Mil 

tPk 

Intake  t'aoupua 

2  off,  (Til 

C/* 

bear  in#  t’eowpte* 

2  each,  hent  4  rear 

Fan  dud  N 

Fan  pHott 
IlnfMPTP) 

''Primary  duet 

Primary  pitola 

7  elf,  (FTP) 

•peed  pick -up 

2  eft  (RPM) 

Fan  at  sties 
a  Off,  (FfF) 

Primary  stetiea 

2  off.  i)*P) 

Fan  t'cowpiea 
•  o«MTF) 

Primary  I'd  pupil 
Self.  (TP) 

Figure  2 


afterbody  components.  These  were  designed 
and  developed  In  order  to  eliminate  the 
likely  formation  of  ice  on  the  afterbody 
arising  from  the  very  low  temperatures 
developed  in  the  turbine  duct  exhaust  flow, 
Air  temperatures  of  around  190°  Kelvin  have 
been  recorded  in  the  primary  (turbine 
exhaust)  ducts  when  using  turbine  drive  air 
at  around  ambient  temperature.  The  glass 
based  Tufnol  material  has  proved  to  be 
wholly  successful  in  eliminating  icing  on 
the  afterbody  and  nozzle  trailing  edge 
thicknesses  of  0.025  inches  have  been  pro¬ 
duced  by  conventional  machining  processes. 

It  should  be  noted  that  because  of 
the  externally  supplied  primary  (turbine 
drive)  air,  the  TPS  inlet  operates  at 
reduced  mass  flow  ratios.  Consequently 
the  design  of  the  intake  included  suit¬ 
able  modification  of  the  forebody  cowl 
and  inlet  area  in  order  to  maintain  rep¬ 
resentative  nacelle  drag  levels  whilst 
the  TPS  was  operating  at  these  lower  mass 
flows. 

The  complete  model  assembled  in  the 
ARA  transonic  wind  tunnel  is  snown  in 
Figure  4. 

3.  MACH  SIMULATION  TANK  THRUST  AND 

MASS  FLOW  CALIBRATIONS 

Details  of  the  ARA  Mach  Simulation 
Tank  (MST)  calibr  tion  procedures  have 
been  included  in  the  companion  paper 
Reference  3.  In  this  study  it  was  im¬ 
portant  that  a  definite  and  comparable 
data  system  was  employed  on  the  full  scale 
and  model  for  nacelle  thrust  and  mass  flow 
accounting.  For  the  full  scale  calibrat¬ 
ions  an  Altitude  Test  Facility  (ATF)  is 
used  and  the  use  of  the  MST  provided  a 
strong  parallel.  In  both  cases  the 
nacelle  internal  flow  pressures  and 
temperatures  were  comparable  to  the 
'cruise'  test  levels,  the  exhaust  press¬ 
ure  ratios  were  comparable,  and  both 
tests  were  conducted  in  quiescent  exhaust 
environments.  Figure  5  presented  here 
for  completeness,  shows  the  1/25  scale 
nacelle  mounted  in  the  calibration 
facility}  the  tank  is,  in  practice, 

9  feet  in  diameter. 


Full  span  model  in  transonic  wind 
tunnel 


Figure  4 


Simultaneous  measurements  of  nac¬ 
elle  internal  pressures  and  temperatures, 
MST  total  mass  flow  and  high  pressure 
airfeed  mass  flows,  force  balances,  and 
tank  external  and  internal  conditions 
lead,  by  design,  to  development  of  a 
set  of  nacelle  nozzle  mass  flow  and 
thrust  coefficients.  In  addition,  TPS 
unit  performance  and  nacelle  internal 
flow  quality  were  identified  using  a 
composite  set  of  computed  variables. 

Figure  6  shows  typical  sets  of 
fan  nozzle  coefficients  for  the  15° 
afterbody  system.  The  discharge  and 
thrust  coefficients  are  clearly  shown 
to  depend  upon  simulated  Mach  number, 
or  TPS  fan  rotational  speed  (rpm),  as 
well  as  nozzle  pressure  ratio.  This 
is  due  to  the  now  well  understood 
'power  effect'  which  reflects  sampling 
deviations  from  the  true  values  of  duct 
mean  pressure  and  temperature.  These 
sampling  deviations  arise  due  to  the 
use  of  a  finite  set  of  pitots  located 
downstream  of  the  rotating  fan  which 
produces  variations  in  ..iie  duct 
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distortion  levels.  The  sampling  errors  can 
be  shown  to  be  a  function  of  fan  pressure 
rise  at  a  fixed  nozzle  pressure  ratio,  pro¬ 
vided  the  nozzle  is  'hard  choked',  A  more 
comprehensive  discussion  of  this  feature  of 
the  data  is  not  necessary  here  but  it  is 
sufficient  to  note  that  not  only  will  the 
observed  'power  effects'  depend  upon  the 
precise  definitions  of  the  coefficient  in¬ 
volved  but  will  also  vary  from  one  TPS  unit 
to  another  and  with  the  number  of  instruments 
used  in  the  fan  and  primary  ducts. 

Statistical  methods  as  well  as  eng¬ 
ineering  judgement  have  been  used  to  analyst 
the  calibration  data;  in  general,  it  can 
be  stated  that  fan  nozzle  discharge  and 
thrust  coefficients  exhibit  scatter  band 
widths  of  less  than  +0.2K.  In  addition, 
mean  gross  thrust  increments  measured  for 
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configurations  compare  favourably  with  full 
scale  engine  data. 


Figure  6 


Internal  data  quality  and  TPS  performance  Levels  are  compared  with  tunnel  data  in  Section  5  below. 


4.  TRANSONIC  WIND  TUNNEL  THRUST.  DR*0.  AND  MASS  FLOW  ACCOUNTING 

In  this  particular  study  a  number  of  alternative  methods  of  thrust  drag  accounting  procedures  have 
been  used  as  recommended  in  references  4  and  5.  Figure  7  gives,  in  summary  form,  one  typical  method  which, 
it  will  be  noted,  is  based  on  the  use  oi  calculated  primary  nozzle  thrust  levels  using  measured  duct  total 
pressures;  this  particular  method  closely  parallels  the  procedure  used  in  the  full  scale  analysis.  The 
various  methods  ditfer,  principally,  in  the  manner  in  which  fan  duct  mass  flow  is  calculated  in  the  trans¬ 
onic  wind  tunnel  (TWT)  test  phase;  three  alternative  calculation  methods  have  been  used,  these  are: 

(a)  using  fan  nozzle  discharge  coefficient,  C_„  =  f(FNPR,  MSIM) 

Or 

(b)  using  inlet  duct  (discharge)  flow  coefficient,  CDI  =  f(PSI/HQ) 

(c)  using  fan  corrected  airflow,  CWI  -*=  f(CRPMI) 
where  FNPR  =  Fan  nozzle  pressure  ratio 

MSIM  =  Simulated  Mach  number 


PS1  =  Mean  static  pressure  at  intake  reference  plane 
1Iq  =  Freestream  total  pressure  (TViT)  or  ambient  static  pressure  (MST) 
CRPMI  “  TPS  fan  speed  corrected  to  fan  upstream  conditions 
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FIG. 7  -  SUMMARY  OF  TYPICAL  MASS  FLOW.  THRUST  AND  DRAG  ACCOUNTING  METHOD 


5.  MST  AND  TWT  NACELLF  INTERNAL  DATA 

Figure  8  shows  comparisons  of  the 
various  internal  data  for  both  the  MST 
calibration  and  TWT  cruise  test  conditions. 


The  fan  performance  characteristics 
appear  to  be  virtually  unchanged  from  tank 
to  tunnel.  In  addition,  the  distribut¬ 
ions  of  fan  duct  total  pressure  are  very 
similar  in  the  two  test  phases,  as  evid¬ 
enced  by  Figure  9. 

Comparisons  of  performance  and  local 
flow  conditions  of  the  type  presented  here 
have  supported  the  validity  of  the  thrus. 
and  mass  flow  accounting  approach,  at  least, 
in  so  far  as  the  local  measurements  can  be 
held  to  represent  the  total  internal  duct 
flow  conditions. 

6.  MODEL  LIFT  AND  DRAG  DATA 
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Figure  8 


The  model  was  tested  over  a  range  of 
typical  cruise  conditions  at  a  wind  tunnel 
Reynolds  number  of  approximately  4.0  x  10b 
per  foot. 


Mach  number  0.80- 


0.87 


Aircraft  fuselage  incidence  i^—4° 

Fan  nozzle  pressure  ratio  2.10-^2.60 

Drag  polars  for  the  model  with  15° 
and  11°  afterbody  systems  are  shown  in 
Figure  10  for  the  maximum  TPS  power  setting 
only;  drag  differences  between  the  two 
builds  however,  exhibited  in  Figure  11, 
clearly  illustrate  the  dependence  on  fan 
nozzle  pressure  ratio  and  hence  the  great 
importance  of  correctly  simulating  engine 
power  effects. 

The  drag  data  presented  here  is 
based  on  the  use  of  fan  nozzle  discharge 
coefficient  to  estimate  fan  mass  flow; 
similar  drag  levels  and  similar  compara¬ 
tive  drag  increments  are  obtained  using 
all  of  the  alternative  thrust/drag 
accounting  procedures.  The  spread  of 
the  drag  data  for  all  methods  is  gener¬ 
ally  less  than  2  drag  counts  (overall) 
and  the  variation  of  the  drag  increments 
between  15°  and  11°  is  generally  less 
than  0.S  drag  counts. 

The  repeatability  of  the  thrust 
corrected  drag  data  is  generally  better 
than  +1  drag  count;  a  statistical 
analysis  based  on  the  curves  drawn 
through  the  data  has  indicated  the  95% 
confidence  band  to  be  40.8  drag  counts. 

At  this  confidence  level  it  is  clear  that 
the  observed  differences  between  the 
results  for  the  15  and  11  builds  is 
statistically  significant. 


Typical  MST/TWT  internal  flow 
distribution  comparisons 
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Figure  10 
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7.  FL1CHT/TUHNEL  COMPARISONS 


Procedures  adopted  to  convert  model  drag 
results  into  incremental  aircraft  drag  data, 
for  comparison  with  flight  test,  are  outlined 
in  Figure  12.  Second  order  effects  due  to 
changes  in  engine  specific  fuel  consumption 
as  aircraft  drag  (and  hence  net  thrust) 
changes,  have  not  been  considered  significant. 

The  effect  of  the  11°  afterbody  compared 
with  the  15  configuration  is  shown  in  Figure 
13,  for  both  the  wind  tunnel  and  flight  data, 
in  terms  of  measured  percentage  drag  incre¬ 
ment  against  freestream  Mach  number.  Com¬ 
parisons  between  model  and  full  scale  are  made 
at  typical  cruise  values  of  normalised  air¬ 
craft  weight,  (W/i). 

Improvements  in  aircraft  drag  of  up 
to  27.  are  exhibited  for  the  15°  afterbody  con¬ 
figuration,  however  it  should  be  noted  that 
the  increments  presented  here  are  due  entirely 
to  differences  in  installed  drag  levels, 
account  having  been  taken  of  the  affect  of 
quiescent  thrust  differences  for  both  the 
model  and  full  scale  cases.  The  TOTAL  incre¬ 
ment  in  Specific  Air  Range,  which  Includes 
both  installed  drag  and  quiescent  thrust 
effects,  as  measured  in  the  flight  tests 
is  approximately  37.  at  representative  cruise 
conditions. 

Apart  from  the  0.83  Mach  number  con¬ 
dition  at  high  aircraft  weight,  the  model 
to  flight  correlation  is  quite  satisfactory, 
particularly  on  consideration  of  the  est¬ 
imated  accuracies  of  the  two  sets  of  data, 
also  indicated  in  Figure  13. 

Examples  of  the  local  flow  condit¬ 
ions  in  the  inboard  gully  region  bounded 
by  the  wing  lower,  pylon  and  nacelle  sur¬ 
faces  are  illustrated  in  Figure  14.  A 
region  of  high  local  Mach  number  and 
adverse  pressure  gradient  for  the  11° 
afterbody  appears  to  reflect  the  incremen¬ 
tal  drag  data  presented.  The  peak  local 
Mach  number  is  seen  to  increase  as  air¬ 
craft  incidence  is  reduced,  consistent 
with  increased  airflow  into  the  gully 
area. 


Procedure  for  comparing  modal  wind  tunnel 
data  with  full  scale  flight  results 


Figure  12 


Comparison  of  modal  wind  tunnal  dots 
with  full  scale  flight  result 

Dfas  increment  of  11°  afterbody  configuration  relative  to  16° 
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Pressure  surveys,  not  presented  here,  Figure  13 

also  appear  to  indicate  that  the  variation 
in  afterbody  configuration  does  not  sign¬ 
ificantly  Influence  the  wing  upper  surface 
flow  field. 


Increments  in  model  drag  -  counts 

15°  afterbody  relative  to  11°  afterbody  datum 
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Figure  11 
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8.  COWCLUSIONS 

(a)  A  Cull  span  model  test  technique  Cot  high  accuracy  subsonic  civil  Installed  drag  studies  has 
been  developed. 

(b)  Mach  simulation  tank  thrust  and  mass  Clow  calibrations  have  been  conducted  Cor  l/25th  scale 
TFS  nacelle  to  repeatability  levels  ot  generally  better  than  f  0.2%. 

(c)  Transonic  wind  tunnel  drag  data  Cor  the  TPS  Cull  span  model  with  alternative  powerplant  after¬ 
body  systems  have  exhibited  repeatability  levels  oC  the  order  oC  +  1  drag  count. 

(d)  Comparisons  of  flight  and  transonic  wind  tunnel  data  have  shown  that  the  Cull  span  model  and 
aircraft  Increments  generally  result  in  up  to  2 Z  advantage  for  the  15°  relative  to  the  11 
configuration,  thereby  establishing  confidence  in  the  test  technique.  This,  it  should  be  noted, 
is  only  the  drag  increment.  The  total  increment  in  SAK,  as  measured  in  flight  test,  is 
approximately  3%  at  representative  cruise  conditions. 
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SUMMARY 

A  flexible  experimental  technique  to  study  the  effect  of  a  variation  of  engine  position  for  u  range 
of  test  conditions  was  evaluated.  In  this  test  an  underwing  mounted  i  funeowl  engine  was  investigated  ut 
six  different  positions  as  a  free  flow  nacelle  and  as  a  strut  mounted  blown  nacelle.  Premiere  and  balance 
force  measurements  were  made.  Some  typical  aspects  of  the  aerodynamic  interference  are  discussed,  notably 
the  value  of  free  flow  nacelle  measurements.  Also  a  comparison  of  balance  weighed  and  integrated  pressure 
forces  is  presented. 


1 .  INTRODUCTION 

In  an  early  stage  of  u  civil  airplane  development  programme  the  choice  of  the  engine  location  lian  far 
reaching  consequences  for  the  uirplane  design.  The  most  favourable  engine  location  wi.ll  lie  a  eompi'oini  ne  bet¬ 
ween  the  objectives  of  the  involved  technological  discipline!).  For  configurations  with  wing  mounted  engines 
it  is  required  from  the  aerodynamic  point  of  view  that,  penult iuii  due  to  engine  airframe  integration  are  kepi, 
to  a  minimum  as  referred  to  an  optimized  clean  wing  and  an  isolated  engine  cowling.  Homo  prominent  questions 
to  L..i  answered  arc  : 

-  how  large  are  the  interference  lift,  drag  and  thrust  terms  uh  affected  by  the  engine  poult Jon  relative 
to  tile  wing 

-  how  large  are  the  jet  effects  on  flap  and  tailplunc  characteristics  at  tuko-off  and  c.l  imli-out  uu  depen¬ 
dent  on  engine  location. 

To  study  these  aspects  in  a  wind  tunnel  environment  the  engine  must  be  represented  uu  accurately  us 
possible.  The  by  far  most  simple  representation  of  the  engine  iu  the  free  flow  nacelle,  which  si  inula too 
the  cruise  inlet  flow  and  fan  cowl  geometry.  The  free  flow  nacelle  can  be  wi  :i‘t  ,ed  integrally  with  the  air¬ 
plane  model  without  uny  difficulty.  More  adequate  engine  simulation  is  establish'd  by  using  a  blow  nacelle 
or  a  so-called  turbo-powered  nacelle.  Application  of  these  types  of  model  engines  mounted  on  the  airframe, 
introduces  problems  such  as  thrust-on-the-bulance.  Air  ducting  along  the  balance  and  through  the  .limited 
space  in  tiie  model  is  another  complication  to  be  expected.  Furthermore  the  .latter  ten t  set-up  is  lens  at¬ 
tractive  for  a  "pathfinder"  test  where  an  easy  change  of  engine  position  iu  required.  Therefore  a  ill  iTiu'ent 
test  set-up  was  adopted  in  the  experiment  described  in  this  puper.  This  experiment  was  meant  to  explore 
the  aerodynamic  consequences  of  a  variation  of  engine  location. 

A  semi-span  model  was  used,  typical  for  a  transport  type  uircruft  with  u  suporcri. ticul  wing.  A  t!  fan- 
cowl  high  by-pass  engine  was  located  at  six  different  positions  undcrneuUi  the  wing.  Tents  were  performed 
on  a  free  flow  nacelle  and  a  blown  nacelle.  The  required  flexibility  was  obtained  by  mounting  the  blown 
nacelle  on  an  additional  strut.  The  test  programme  included  the  determination  of  interference  el'iVrtn  on 
lift  and  drag,  changes  in  nozzle  characteristics,  measurements  of  dynamic  loads  on  the  extended  flap, 
rake  surveys  of  the  jet  location  and  jet  effects  on  tail  characteristics. 

The  discussion  in  this  paper  will  be  confined  to  the  adopted  test  loehninue  in  relation  to  the  anseiui- 
ment  of  lift  and  drug  interference  at  und  near  cruise  conditions.  More  spec i finally  the  following  topics 
will  be  considered  i 

the  value  of  ttie  free  flow  nacelle  as  compared  to  the  blown  nacelle  in  an  eiigine/ai r frame  integration 
test 

the  magnitude  of  the  parasitic  interference  of  the  additional  stint  and  engine  inlet,  fairing 

the  correlation  of  the  interference  effects  as  obtained  from  pressure  and  overall,  force  measurements, 

in  terms  of  relative  changes  in  lift  and  drug. 

When  appropriate,  results  of  theoretical  calculations  (with  the  NLR  panel  method)  are  given  to  support 
the  experiment. 


”1 


TEST  SCHEME  AMD  MODEL  CONFIG  RATIONS 


Tim  tent  Hellenic  for  do tennir -it, ion  ol'  engine/wiug  iiilerleronoe  effects  using  free  flow  anj  blown 
iioeci  U  a  involves  steps  un  i lluutrated  in  I'igure  I,  The  principal  steps  are  : 

-  the  clean  wing  configuration 

-  idle  model  equipped  with  tlio  l'ruu  flow  aucelle  without  core  in  order  to  uccomliiodate  the  required  inlet 
inmiu  flow 

-  tin  moilel  and  hjown  nacelle,  niinuLut  iug  the  1‘rot*  flow  nacelle  exhauot  conditiona 

-  the  model  and  blown  harelip  with  core  simulating  the  m  tuuj  engine  noaxle  pressure  ration. 

Tenth  on  the  blown  micelle  were  performed  with  and  without  a  nplitline  and  at  different  power  uettingu. 
The  iieini-ii]  an  model  wan  mounted  in  the  transonic  wind  tunnel  HUT  of  NLH  (fig.  P),  The  test  programme 
wan  dpi  it  lip  in  '.Wo  parts,  First  the  free  flow  nacelle  wan  attached  to  the  wing  at  nix  different  poaicionu, 
by  me, mu  of  intei'eliangeahle  pylonn,  'I'he  meanui'cmeiitu  on  tliiu  medoJ  include  "overall  balance  force  meaBurc- 
meii’.ii  and  Inna!  prennui'e  readings  at  locutions  of  interest  on  wing,  pylon  u ml  nacelle  (fig.  1). 

la  the  rieeond  part  of  the  t“iit  urogrunuiie  a  blown  nacelle  with  an  appropriate  faired  inlet  wan  uaed  to 
deli 'rin  I  he  tin  Jet  effeetr.  The  no'/.xl  wan  nliapcd  according  to  the  actual  engine  geometry  (fig.  h ) . 

The  blown  imcelle,  iiit.niil.  e,l  on  in  i  additional  strut,  wun  located  near  the  wing/pylori  comt  'nation  at  the  some 
poll !  I, i uiui  an  invent] gaum  lining  die  free  f  low  micelle.  The  strut  wan  i'ixed  outuide  the  test  uection  to 
the  rieliil -npaii  model  rig,  allowing  iilmullnnonua  ehangeu  in  anr  >"  of  incidence.  The  engine  location  wun 
varied  ii  I  hi))  I  y  by  the  adj  nitinimt  of  the  utrnt  location  and  the  exchange  of  pylonn.  High  prcuaurc  uir  wun 
dueled  through  the  iitrul  into  the  blown  nacelle  where  it  panned  a  choke  plate  and  a  mm  ulub  of  metul 

I'oam,  which  provided  a  iiinooth  total  pressure  profile,  For  mljuiitmcnt  of  fan  and  core  prouuure  ration,  the 
flow  illill  rib'll  Ion  wan  regulated  by  n  romo1  control  valve  located  in  the  blown  nacelle, 

i ;  r  I  gliiU.1.  ly  It  wan  In  tended  to  perform  the  larger  part  of  the  tent  programme  on  the  blown  nacelle  with 
a  spilt. I  mu  to  enable  haianer,  memiurements  o*'  the  iieini-npan  model  and  jiurt  of  the  pylon.  The  nplitline 
wll.li  a  lahyi'ntdi  deal,  wan  located  In  the  •  part  ol1  the  pylon  (fig.  ;>).  The  uldewlue  niovoinont  of  the 
In  wn  icelli  wim  re.itrleted  by  iiiemin  el'  nd,j  us  table  iipnn-w I  run  that  ran  from  the  strut  to  both  nidcu  of  the 
tuiinet  A 1 1  hough  It  wan  |neinlhl.e  to  make  conl.ac  t-l'ree  nieaiiurementii,  the  adjuntment  of  the  iipun-wireii  turuod 
mil  to  be  very  I  line  coiiuuinlng,  Therefore  it  wan  decided  to  do  most  of  the  meumirementu  with  the  lilewn 
eicelle  attached  l.o  the  wlng/pylon  eonilii nation.  In  that  cam'  only  prminiiren  were  meanured.  At  u  lute** 

•itsge  In  the  tent  program  the  npl  I  t,l  I  lie  wan  nllghl.ly  widened  which  proved  to  he  uueoeuful ,  However,  only 
a  limited  nui.  r  of  im>aimreiii,'iii  ,i  wan  made  In  tliiu  partly  metric  configuration. 


l.  A  UllAMTATIVE  DEI  It’ll  I  F’l  ■  e  I»K  THE  I'HMIlhHIE  1 NTEHEEHENCE 

uiieh  the  free  plow  nnen  I  l.o  lii  mounted  mnloriioi.th  the  wing  i  he  prenuiire  dlntrlhutiou  In  affected.  A 

typical  oxiuiipi'  in  slcwii  in  figure  n  an  lnc"nine>  ,i  In  preunuro  i  oeiTieieni.u  r,,lutlve  to  the  clean  wing. 

Apparent  I"  a  lift  bum  amir  the  loading  en,,  a  remill,  of  n  loenily  reduced  effeotlvu  Incidence.  Also 
i  lie  velocities  lur'lie,'  ,  uwihiti'eiuii  'he  wing  lower  surface  ere  reduced,  These  effects,  we  I, I  known  from 
I  I  term, urn  (e,g,  Ilf  I,  I')  are  ll  nl.ru  IghtforWUl'd  conn  "Uerce  of  till-  d  I  llpl  aceilK  III.  flow  around  the  nacelle 
and  Jet,  Figure  >,  ,  wn  •  i, in  i,  oh'ing  i  In  pccmiure  dlnt.rlhutlon  relative  to  the  clean  wing  Induced  ny  the 

blown  nacelle  without  til'  core  U"Vd'.le  (eolif,  ll,  fig,  I)| 

Tim  ip'  ..rl'i  retire  eflVols  are  very  elmllar,  HI  fl'erencen  ar<  dim  to  eonf  Ig.uratlou  del'lc  leueleu  such  an  Inlet 
fairing  and  iil.rut  moiinl.lng  ami  will  be  dlneussed  In  paragraph  A, 

llin  |  ronaiirn  dl.ii  iluitloe  with  '  i  blown  nacelle  eorrenpoinl  lug  1"  Mm  actual  engine  exhaust  oomi;  i  hum 
I  eonf,  In  presenteil  III  flglil'e  (I  relative  l,o  I  he  free  flow  lianelle  eonflguratloil,  The  shown  effect  III  n 
o  Huh  I  nm|  run, It  of  the  strut  iim  muting  and  liilrl.  fairing  on  the  one  side  and  Jot  Interfe,  emm  on  I  !m  other, 

VI  Hi  "elpeel  l.o  l,|m  Jot  hlterfereuee  the  following  distinction  can  In,  made  I 

-  Hlterfereuee  MU  n  result  of  powi  >  "ol.l.  lug  ('Ctf,  F-l>)  Slid 

.  |  nl.egl’Hgence  an  a  result  of  i|  I  f  lereneeii  III  uo'/Kle  geolin  try  between  tlm  hl"WII  Slid  the  free  flow  nacelle 

( i'«  ill  *'  •  I1"!!,  nee  alee  I'lglll'e  b) 

Till  Influence  Ilf  piiW»l'S"l.l  lllg  Oil  till  pressure  d  ill  ft*  I  b"t  I  oil  In  rather  '  Hill  (fig.  V).  Minol  Velocity 
I  imi'eline  111  Ill'll  I'l  111  I  III  mi  Idle  whig  lo'ef  .  ..fiie.i  nl.  high  poweriiell.hu,  due  In  Jel.  pluming,  'file  pl'eiu  ill'e 
I  III  e  1  m  nil  U  I'eilllll  Ilf  III'  I  t.iliiil  iin/i'le  re  pl'eilel,  til  I,  I  on  nelnbly  III"  nil'll  I.  loll  ol’  the  Cure  III  /'/,  le, 

(  I'll',  i  H;  '  I  en, n1  erilhly  larger,  .  I.  In  coinparub  I  e  III  lilmpe  mid  mngell.ude  wll.li  tie  effect  iif  he  free  flow 

Ii,,,.,,  |  .  '  hill  ta  I  1  nt  1  on  to  the  clean  wing  an  JU,«.|II.|,I  1«||  In  figure  I,  Willi  respect  1  I  I  lie  fuucewl  hull  l.l. ul  I 

pi'ennui'i  ii  aliii  'urge  einu  gen  min  be  noted  resulting  in  an  Impori  uni.  Inei'"i,eni  of  inn  fan  pressure  drag 

l'"l  'll  i  nee  png  ,  t  '  , 

All  Wl!  I  he  i'll, in  p  I  I  Ii  tie  I'l'ee  flow  llle'elle,  I  lie  elTueln  pl'ieli'lileil  In  figure  M  are  u  utru  I  ght  ferwnrd 

m,  niie. pi . .  ul'  tte  ,,  hi  pi  'ei-fiii  flow  around  l  lm  1 1  a  e "  I  I  ■ 1  and  jel  ,  Thin  In  nine  I  I  1  ii  it  ral  eil  in  the  name 

I'll'UI11  by  III"  I'*'  ll'll  of  1 1 1  i'l .  I'l  ■  I  |  mi  |  ea  |  I’ll  I  III.  Ilian  III. Dig  'We  different  Jel  |ln  ><|l> )  II  ,  .11  these  I'll  I  .'II I  III.  I '  Hill 

I  lie  ,i  >  t  will  'e|  united  by  u  solid  body,  l.h"  d  imoiin  I  nun  of  which  Wego  derived  fl'olli  simple  cent  Ill'll  I  ,V  ''"li- 

II  Ideglll  I  ■  >1111  '  ,g  I  lie  I.WU  ll'..'..  I  e  ge.  |||||  ■  I  I’  I  eu  ,  The  milmlluled  pl'eiliiei'ii  1 1  f  I  el'cliccs  III  figure  H  lll'i  I.  I'l'imll 

Ilf  I'  I’l  dll"  I  i  i  i'l  III  let  dlallelec  ul'  I  1%  mill  llll  Inei'ellSe  III  lllll  lilt  gel  ca.||Vii|'ge||i'e  llllg  I  e  Ilf  I,1  ,  "ul'I’en- 

pulnll  le  the  Huge  m  iw  I  ll.  I'l  I  1. 1 .  >ll  Slid  I  lie  fail  Hu;'., tie  I  ll  1  •  ■  I'll’l  I  m  ilia  I  "III' lllg  (llg.  '*  )  .  Except  log  the  wing 

1 1 II  eg  'eii’l'ie'ef  wlii'ge  the  gmui|i  ..I'  l  |,i  hail  I  rally  .  uhii'ii'l.'  panel  mel  b"d  In  i,"i  l'e  I  Inhl  e  )t  In  agreemeiil  led  - 
w'li  theory  and  ■  xp'i'lmi  u'  n  ,pi  t  g.",d,  |i,,in  from  tig,  ■•uperiinciii  I  fi'uin  i  lie  mill. -ugh  very  appi'ex  I  mate ) 

'I . I'elleal  'll  I  I'll  |  III  i '  'llll  ll  I'll'l  lie  eelii'lil'led  Ill'll  I  lie  In  •  in  "I.V  lllllll  I  e  i  I'  I'l  I'm .  effect. II  lire  Very  III '  1 1 1 1  I  1. 1  V '  • 

ll,  'I,  I"  pl'eiu  ll  I  II '  i  I  ,|  I  III'  Ip  '•"  /  /  I  e  g!  .  Illlel  gy  ,  T|,u  ll  I'l  I  I  I  "lia  I  ePfi  i'l  a  lilt  I'l"  lend  by  II  change  III  engine 

i  ,wi'gi'"l  I  I  ng  ni'e  ral  Ii  I'  null  I  I  , 

l!  ,  to  hi  !  i  i  be  remarked  1  Ii  f , 1  I  limie  "l.ii.’gviit  lum,  depend  on  lie-  '  "tteu  enghn . nl'l  g'H'Ml  l  on ,  For  I  In*  I'lin- 

,  "W  I  'III' ill.  .'•>l't'igl|l'"l  i'll  l.l  lent.  -I  ,I||  lie-  All'blll'  (i'll,  l)  I  lm  till  I  ll<  '10' . 1  uf  . . .  I  lllg  Willi  Ilml'C  pl'l'IieUII- 

■|'.|,  A  I  ,i.  Ill'  ■  '• .  I  . . 1  llll. -I  ilia. U'-f  low  fog  till'  I'l'ee  Clew  lee'll  |,  .a,  ol.l, I, Ill'll  by  removal  of  Idle  I'el'e  migilll' 

plug  ..Illy,  i'l,  ■  - 1,  *.,  ■  ,1  •  1, 1  |  y  I  In-  lioV.le  g,  ,  I||i|.  I  r  I  ml  I'.."  Mm  I'l’"  flow  llll, '"II"  and  I  III-  III, 'III  Iia.ellu  Wel'e  ii  I  III.  i  Ii  I. 

i  -,mii  I  "ii  I  in'  Pa'  "a,  , 


It.  PARASITIC  INTERFERENCE  EFFECTS 


The  interference  effects  due  to  deficiencies  in  the  blown  nacelle  configurations  were  not  investigated 
very  thoroughly,  based  on  the  presupposition  that  they  are  small  and  cancel  each  other  when  one  is  looking 
at  differences  in  engine  location.  However  in  this  paragraph  attention  will  be  paid  to  the  purusitic  inter¬ 
ference  as  u  consequence  of  : 

-  inlet  fairing 

-  strut  mounting 

-  splitline 

The  combined  pressure  interference  as  a  result  of  the  inlet  fairing  and  strut  mounting  war  determined 
experimentally  by  comparison  of  the  configurations  C  and  It  (fig.  I).  The  results  (both  uncorrected  and 
corrected  for  piitline  interference)  are  presented  in  figure  9.  Although  the  effects  are  generally  small 
souu  features  are  discernible.  On  the  fan  cowl  velocity  increments  are  observed  that  may  be  attributed  to 
the  inlet  fairing  (see  eg.  ref.  i)  which  causeo  an  increased  flow  around  the  nacelle  and  wing.  The  slightly 
S-ahapod  pressure  distribution  on  the  wing  lower  surface  resembles  that  of  figure  ‘j  although  less  pronoun¬ 
ced,  suggesting  a  change  in  jet  contour.  The  sensitivity  of  the  pressure  diatribe*  ion  to  the  jet  contour 
has  already  been  indicated  in  paragraph  1 .  On  the  wing  upper  surface  a  large  scatter  in  observed.  This  can 
probably  be  contributed  to  the  sensitivity  of  transonic  flow  to  small  changes. 

Figure  9  also  includes  theoretical  titles  presenting  the  combined  effect  of  inlet  fairing  aid  strut. 
Although  not  shown  in  this  figure,  these  effects  have  been  calculated  separately.  The  calculations  revealed 
that  the  inlet  fairing  resulted  in  a  small  shift,  of  the  pressure  distribution,  in  particular  on  the  fan  cowl. 
The  strut  exerted  as  unexpected  influence  on  the  inboard  wing  that  is  not  reflected  in  the  experiment  and 
for  which  no  explanation  wan  found. 

For  u  limited  number  of  tests  in  which  only  the  wing  and  a  part,  of  the  pylon  urn  balance  weighed  a 
splitline  was  used.  The  pressure  i liter fei'ene  ■  as  a  result  of  this  splitline  in  indicated  in  figure  in.  The 
splitline  interference  is  not  negligible  hut  it  appears  that  there  is  hardly  any  influence  of  powersetting. 


BALANCE  ADD  PHEUIUIHE  FORCE  EVALUATION 

111  purugruph  .i  qualitative  results  in  terms  of  changes  in  pressure  distributions  have  been  discussed 
for  engi ne/uirl'rame  interference.  However,  fee  an  evaluation  of  tie*  opt. i mum  engine  position  one  in  inte- 
i  'Sled  in  u  qualitative  in.se.uiiinnit.  <f  variations  in  lift  and  drag.  The  question  cun  he  raised  whether  inte¬ 
gration  of  differences  in  preminre  distribution  yields  valuable  information  in  this  respect, 

To  answer  thin  question  the  free  flow  nacelle  results  will  he  discussed  first.  Figure  II  shows  the 
effect  of  a  vertical  engine  d I npiueeinent  on  the  integrated  normal  (Cjj)  and  Lungentiul  ( Op )  foroeu  for  wing, 
pylon  and  fun  oow.L  respect,  i  vely ,  In  Ur's  figure  force  d  i  ff<*>'ances  are  presented  re'lut.ive  to  a  ccnt.ru] 
engine  position,  The  variations  arc  small  hut.  syot.euiiit, io.  When  the  cont.ri hut. ions  of  the  different  compo¬ 
nents  are  summed,  the  total  effect,  especially  with  respect  t.o  the  tangential  force,  is  even  smaller  duo 
to  opposite  effects  on  wing  and  fan  eowl  ,  'fhe  differences  is  total  pressure  forces  and  overall  balance 
forces  arc  compared  in  the  figures  IF  anil  It.  Although  the  data  show  some  scatter,  trends  with  Mat'll  and 
Alpha  .!>'»*  roughly  the  sumo.  Aim-  I, lie  opposite  effects  due  to  a  variation  of  engine  location  are  clearly 
Visible, 

A  similar  compur  I, ion  between  pr  amurc  and  balance  forces  eaiinot  lie  made  for  l.li"  configurations  with 
the  blown  nacelle,  Only  presmire  I  ;■  format  ion  Is  'vailubl"  a:  shown  In  figure  It  and  IS,  In  thin  rase  pres¬ 
sure  force  d  I  ITel'eilCim  were  determined  relative  t.o  the  free  flow  nacelle  I’ol'  one  particular  engine  Incut,  lull 
(the  cope  cuiil.r  I  Imt.  Ion  in  c.'iif,  l>  and  F  is  an  absolute  value).  Again  the  cm, 'citing  effects  on  wing  nisi 
fan  cowl  arc  very  pronounced.  This  Is  also  illustrated  by  the  force  Increiiientn  due  to  a  variation  In  en¬ 
gine  position  an  Indicated  by  the  shaded  regions,  The  changes  in  total  force  ui'c  much  smaller  than  the 
observed  variations  I'm*  the  different  components, 

A  comparison  of  the  interference  pressure  I'nrccn  for  the  free  flow  nacelle  (coni',  It)  and  the  blown 

nacelle  (coni',  F)  with  respect.  I.o  variation  In  engine  posltlen  Is  snows  In  figure  in,  in  the  left.  part,  of 

this  figure  aim  the  c  tri'enpoiid  I  up,  results  of  the  balance  force  meacurciiiciifs  for  tie1  free  flow  nacelle  are 
presented.  Although  the  variations  in  normal  and  i.angentlai  I'orecii  are  very  small,  the  trends  with  engine 
position  are  very  similar,  one  la  tempted  to  cone  I  isle  that  for  this  particular  test  the  free  flow  nacelle 

results  are  reasonably  indicative  for  the  iielei'tlon  of  i  lie  most,  favourable  esgiie  local  Ion,  is  d.w  i  tlin  fun¬ 

ding  fhe  large  i  lifei'l'i'l'eiiee  effects  Introduced  by  the  add  It.  Ion  of  ’ll"  core  as  shown  before, 

All  overview  n|'  fhe  I'orrelal.  |e  I  between  pressure  and  balance  force  differences  for  variolic  Clines  III 

given  lii  figure  lit,  lii  llilc  figure  also  come  results  of  l  lie  partly  mdr!'  coni'  Igurnf  Ions  (  'onf,  d,  K  and 

0)  are  pi'esenl  oil ,  Two  'ommenfs  should  be  made  |,  re.  Firstly,  i  tie  data  show  some  seal  '  eg ,  pm’l  ly  due  to  mca- 
sui'i'iimnf  i  imeeuri'e  i  os  ndleat.ed  In  this  figure,  tleeond  ly ,  the  pressure  I'opecn  seem  t.o  undei'esl  I  mat  e 
nysfeiimt  leal  l.y  flic  eon  espnnd  i  ng  biilance  force  e  I  f  ferencci..  This  will  be  due  mainly  I"  the  neglect  of  idtln 
fr  I  et  I  on  l'orc"s  and  nyiifemiii  le  orroni  In  the  pt'essut'"  Integration  from  a  limited  number  of  pressure  holes. 
Nevertheless,  a  cori'e  I  at  I  on  Is  presenl  and  Mils  supports  file  cone  I  us  Ion  that,  trends  In  i  lit  erl'erc.iro  effect,  s 
are  reasonably  good  prod  Id. o.,  although  the  i.iagul  t  isbui  will  I  ■  undercut,  imatod , 

III  a  few  casen  additional  nieaiiiireiiiin Mi  vein  conducted  with  a  splitline  to  einilde  balance  iicnsui'cmcnt  s 
of  the  wing  and  a  pylon  part.  In  this  nd-up  par1  of  l  lie  tse'erfa  I  at  y  In  force  i  ac  derived  I’iv.ii  pressure 

Integration  only  can  be  eliminated  In  principle,  Two  examplea  are  shown  In  figure  I'fi  l.lc  "fl'e"l  of  the 

actual  no//,  I  e  geoi.efry  an  compared  in  the  . .  I  low  nacelle  (rmif,  F-C)  and  the  el'I'eel.  of  power  setting 

(eolif.  i|-K),  The  lef  paid,  of  thin  figure  shown  a  sempar  I  lion  of  tin  pressure  and  balance  force  di  ffei'eiicen 
on  the  md.rlc  paid  (mainly  tile  wing),  Illle'e  one  ill  lid  crested  finally  In  the  '..ifal  I  lifer  I'd'enee  force, 
the  "onfr I  lad  Ion  of  the  pi'i'iiiiiire  forces  on  the  in i,i—in< ■  I  rli'  part  Is  added  to  the  iialiuiee  foreen  on  the  ns'l  rli' 

paid  as  i.liown  In  the  rigid  side  id  Mils  flgdi'e,  Thin  I'emill  In  compared  with  the  Md.nl  I  lit  erference  force 

an  derived  from  pi'cusui'c  foiV"ii  only,  Tic  agi'i  emeid  Is  good  an  far  an  lie  effuei  of  powei"icff  I  ng.  Is  con¬ 
sul'  *d,  bill  ;o.'|'  for  tic'  effect,  of  flic  addition  "f  flic  core,  lii  Me  latter  cane  even  opposite  co|e  I  US  i  ■  ilill 
might  le  dra.  i  with  reaped  to  lie  tic  g'-nflal  force,  In  Mils  paid  ioiilar  case  however  fie  accuracy  was  llml- 

I  "d  by  the  I'epi'iti  ab  I  i  I  l.y  oi  Me  Inilaiei'  rurcea  (ninii  made  In  dll'I'ereui  Moil  perioibi  have  lieen  comb  i  led , 

Wlid'ean  Me  iiffi’d  of  p  ovei'sel.l  i  ng  wan  cut  id' I  i  sled  within  ole  run),  I  urt  lieriuore  . . .  I  in -n  in  painpereil 

'  /  split  I  Ini'  Id  'iTnri'iii'e  I'fl'i'cln  an  sln'Wii  by  Me  sbaded  I'cgli.iiii,  |Me  lo  the  opposii.e  r,,|',,t,„  ,.M  1 1, , .  m,  ■ ,  c  i ,  > 


and  non-metric  parts,  the  final  accuracy  will  depend  on  the  accuracy  of  the  individual  components.  There¬ 
fore,  a  definite  answer  with  respect  to  the  value  of  partly  metric  tests  cannot  be  given  on  the  basis  of 
the  present  results.  In  principle,  data  obtained  from  integral  balance  force  measurements  with  a  blown 
nacelle  or  a  turbine  powered  simulator  will  increase  the  accuracy  since  the  total  effect  will  be  measured 
directly.  However,  part  of  this  improved  accuracy  is  off-set  again  by  thrust-on-balance  problems  and  the 
accuracy  of  the  engine  thrust  calbiration. 


6.  CONCLUSIONS 

An  experimental  technique  to  investigate  the  effects  of  the  engine/pylon/wing  interference  has  been  discus¬ 
sed.  In  this  investigation  an  underwing  mounted  J  fancowl  engine  was  tested  as  a  free  flow  nacelle  and  a 
strut  mounted  blown  nacelle.  The  measurements  included  pressure  and  balance  force  measurements.  Although 
it  must  be  noted  that  the  investigation  was  related  to  one  particular  engine  configuration,  it  is  concluded 
that  : 

-  accurate  simulation  of  the  engine  nozzle  geometry  is  of  prime  importance  for  an  investigation  concerning 
engine/airl’rame  integration.  Nevertheless ,  tests  on  a  free  flow  nacelle  may  still  be  useful  for  the  selec¬ 
tion  of  the  most  favourable  engine  position 

-  a  reasonable  correlation  was  established  between  interference  forces  an  obtained  from  pressure  integra¬ 
tion  and  balunce  measurements.  However,  the  pressure  foroeB  tend  to  underestimate  the  balance  forces 

-  for  a  flexible  "pathfinder"  test  us  described  in  this  paper,  interference  forces  derived  from  pressure 
integration  only  appear  to  be  very  useful  for  the  determination  of  trends  in  interference  effects. 


7 .  KJSKKRENCKS 

1.  liugley,  J.A. 


Bugluy,  J.A.  and 
Kurti,  A.O. 

j,  Muuniknmu,  B.  and 
Juuroinu,  K, 


Windtunnel  experiments  on  the  interference  between  a  jet  and  a 
wing  at  subsonic  speeds 
AGAH1)  CP  .15*  Sept  .'[Tiber  1968 

Jet  interference  on  supercritical  wings 
H  &  M  3I1O5,  HAH,  Film  borough,  1977 

Jet  interference  of  a  podded  engine  installation  at  cruise 
conditions 

AQAHI)  Cl  190,  March  1975 


lilL  1  L  H  .  ! 


1  t'p  -II  i 


i  LidMk 


SIDE  VIEW  ENGINE  INSTALLATION 


EXCHANGEABLE  PYLONPART 


'''SPLITLINE  FILLING  PLATE 


REAR  VIEW  OF  NACELLE 


INBOARD  Rn. 


OUTBOARD 


— j - 'JXjj  *40  X41  X42  X43  X44  X45 

X31  x32  x34  CORE  COWL 


FAN  COWL 


WING  LOWER  SIDE 


LOWER  SURFACE 


LOWER  SURFACE 


LOWER + UPPER  SURFACE 


'  LOWER +  UPPER  SURFACE 


LOWER  SURFACE 


OUTBOARD 


l1' i (jure  j  Prt>i.u»j|*o  tap  local. iom» 


BLOWN  NACELLE 


H 


- free  flow  nacelle 


I*' i */ 1 ' r« *  li  ’| <>n  wiUi  fnrriMipnjul i up,  Jri  — jn« i*|t •  j h 


m 


!L'/"iifckA-‘i.  iliM*i'.'i<j3liaWAlLLiu,  ijil'/ii  Vlil  .U'.hik  »W>  "'l . rteii'i  III  I  "l  l  II  ’  r  t  '-i—  ';A_WtF 


b'nfflllpl  ,p*r»jj^3r»v .  t.  ;f*r  " 


figure  'j 


Effect  of  free  flow  nacelle  on  clean  wing  preHaure  distribution 


FAN  COWL 


WINQ  LOWER  SURFACE 


WINQ  UPPER  SURFACE 


Ms  0.76 

<*m0* 

■o-A  -  CONFIGURATION  ”F-B” 


KlKuro  (j  Total  niTmil,  n!'  hhivn  on  prtninuro  il  I M,v I but ion 

( i*o Lutj i  vtf  to  rr«»i.  now  naiMfj  i«*  oonf l^urnt Ion ) 


&  9  *  -  %#}* 


l?Ah 


i-  jfo'A- . 


-lior.M  i~V~.  a «/  liaitfi^hakk a 


FAN  COWL  WING  LOWER  SURFACE 


WiNG  UPPER  SURFACF 


Ms0.75 

amO° 

^  P,CORE  /  P*FAN  »  2.2/ 2.4 
a"  P,CORE  /  P*FAN  =  1.8/  2.2 
ZJ=  CONFIGURATION  ’’G-E” 


Re# - - 


INBOARD 


T 

OUTBOARD 


FLOW  DIRECTION 


Figure  V  KflVet  of  poveriiot.tirig  on  preumue  Ointri l>ut lot: 


FAN  COWL  WING  LOWER  SURFACE 


WING  UPPER  SURFACE 


M  a  0.75 
awO* 

a  Am  CONFIGURATION  ”D-CM 
o  IDEM, CORRECTED  FOR 

SPLITLING  INTERFERENCE 
—  THEORETICAL  CALCULATIONS 


'  H  -n  -„ 
*>- 


'3 

w  o 

u 


R«r~ 


IN30ARD 

1 


FLOW  DIRECTION 


|  OUT JOARD 

ACp 

Riqj - 

- IT  »#4  uw»_ 


v — » 


unr  -lL  '/» 


I,,Ik,T"  I’HV-*'*.  »r  HU/.  *.  I  I-  i<imijiiH  r,V  Oil  Jirru.lim*  li  [  M  t.  {  hut.  |  III) 


FAN  COWL  WING  LOWER  SURFACE 


WING  UPPER  SURFACE 


Ms  0.75 
am  0® 

a  CONFIGURATION  "C-B” 
o  IDEM, CORRECTED  FOR 
SPLITLINE  INTERFERENCE 
—  THEORETICAL  CALCULATIONS 


INBOARD 

i 

T 

OUTBOARD 


FLOW  DIRECTION 


figure  9  Effect  of  i'uiring  and  strubmounting  on  premium  diulriliution 


FAN  COWL  WING  LOWER  SURFACE 


WING  UPPER  SURFACE 


V' 


v, 

Ms  0.75 

ti  «0° 

A  -CONFIGURATION  ”E-D" 

•  % 

--•-A  “CONFIGURATION  ”G-F" 

INBOARD 

t 


4  or  OUTBOARD 

ACp 

R^r.r  i  , 

,  'U  Sm 

'^s 

Klgui'i'  Id  Effect,  uf  iiplIUine  on  u  n  •  ill  nl.i'i  Init  Ion 


FLOW  DIRECTION 


WING 


PYLON 


FAN  COWL 


TOTAL 


Kigtin;  II  lif’J'ert  of  vertical  nacelle  position  variation  on  pressure  forces 
(component-split ) 


r  i  T'l  i 
“I  !  H 

-t  .-j 

4 — h 


FAN  COWL 


CORE 

r\  i . | 

i  i  i  i 

>■  i  t  j 

HUJ 

L—  !  !  ! 


i.  J  J  I  fi  I  j 

t  ■  1 1-  ^  n  , 

*  -  i  .  1  „  .  i  Vw&uui  iiju,  u uaJ 


TOTAL 

[T'l . 1 

■  M 


-T 

”* """  »,,& 


A-  CONFIGURATION  'D-B' 


CONFIGURATION  ’F-D' 


“T.t  1°'“'" 


'P 


A  CENTRAL  ENGINE  POSITION 
//////  VARIATION  WITH  ENGINE  POSITIONS  INVESTIGATED 
M  =0.75 


— 

— 

— 

— 

L,t 

A=*  CONFIGURATION  ’F-B’ 


Figure  I1'  Jet  interferonei*  on  tungcnlinl  pressure'  forces  (componetit-apli t ' 


PYLON 


FAN  COWL 


TOTAL 


A=  CONFIGURATION  ’D-B' 


MM 


jr-mt  r— *1"  — |— r*j  |v— il— ^  ■  "j  Yl 


A  *  CONFIGURATION  ’F-D’ 


p  To.oi 

1  I - ~H 


- XX 


A  CENTRAL  ENGINE  POSITION 
W///A  VARIATION  WITH  ENGINE  POSITIONS  INVESTIGATED 
M  =  0.75 


1444*1  R4+j  f 


A  =  CONFIGURATION  'F-B' 


HUi'n  I',  ilnt.  I  nt.i,i,ri,i'iMii,n  on  nonmi.l  |>ri'innir  ■  I'uivmii  (uumpoMniil.-upl  i  l. ) 


ti  1  * 


FREE  FLOW  NACELLE 
CONFIGURATION  B 


PRESSURE 


mmmmm 


BALANCE 


wmmw.'W 


M  .  0.75 

A  -  RELATIVE  TO  CENTRAL  POSITION 
«  HIGHER  POSITION 
o  LOWER  POSITION 


\vnnuvmi'/2/, 


1 

■■■ 

s 

BLOWN  NACELLE 
CONFIGURATION  F 

PRESSURE 


H ■ 

HM 

jf| 

■lag 

■■■■■■■■I 


figure  16  force  increments  for  nacelle  position  variation 


PRESSURE  -.A  =  CONFIGURATION  "D-C" 
BALANCE  ;  A  =  CONFIGURATION  "E-C" 
'///////  ■  UNCERTAINTY  DUE  TO  SPLITLINE 

4Cn 


METRIC  PART 

ROM  : 

BALANCE  PRF 


PRESSURE 


•— 

!tfw 

^5 

... 

w//£  ///// 

^5 

W 

NOZZLE 

GEOMETRY 


M  a  0.75 
(►•MO0 


NON  METRIC  PART 
- - - 

PRESSURE 

_L*_ 


TOTAL 


BALANCE 

+ 

PRESSURE 


PRESSURE 

ONLY 


POWERSETTING 


PRESSURE  :  A  =  CONFIGURATION  "F-D' 
BALANCE  ;  A  »  CONFIGURATION  "G  -  E’ 


'‘igur»-  IY  Kvuhiul,  ui  <  1 1*  Jrl,  i  nt«*r  IVivim*1  I'mui  n  I'umii  i  mil.  inn  •  >  f '  liulmnv  umt 
fur . .  <,niiij,nr»,«i  with  tlini.  frum  j -timi I’mvim  only 


i  mat.  ii*t tana. 


St 


J--  ' *.Ak  i-i-  di 


NH 


pt7  17 


o  a  o 
0  0"  o 


EFFECT  OF  ! 

a  :  0.1%  BALANCE  ACCURACY 

b  |  0.01° 

e  •'  jid  CpJ=  0.005 


OPEN  SYMBOLS:  INTEGRAL  WEIGHED 


FREE  FLOW  NACELLE  CONFIGURATIONS 
o  M  =  0.75  ^d=  LOWER-CENTRAL' 

o  M  =  0.85  POSITION 

0  M=  0.75  A-  ’HIGHER-CENTRAL' 

v  M  =  0.85  POSITION 

SOLID  SYMBOLS:  PARTLY  WEIGHED 
BLOWN  NACELLE  CONFIGURATIONS 
(BALANCE  :  CONFIGURATION’G-E'' 

*1  PRESSURE  :  CONFIGURATION'F-D'  M-0. 
0  BALANCE  :  CONFIGURATION'E-C  _]o<l 
PRESSURE  ••  CONFIGURATION'D-C 


uv  It)  Curro.Lat.ioii  of  liaiunoo  foi’oo  uml  {iivumiro  i’oroo  incTomunUi 


ESSAIS  DE  PRISES  D’AIR  A  DES  NOMBRES  DE  REYNOLDS  COMPARABLES 
AU  VOL  DANS  LES  SOUFFLE RIES  FI  ET  SIMA  DE  L'ONERA 


RESUME 


par 

J.Leynaert 

Office  National  d’Etudes  et  de  Reeherches  Adrospatiales  (ONERA) 
92320  Chatillon,  France 


La  praaaurlsation  de  la  aoufflerie  subsonique  FI  du  Centre  (lu  Fauga-Mauzac  de  1 ' ONERA  a  dtd 
mlae  4  profit  pour  rtfallaer  dee  esaala  de  maquettes  da  priaea  d'a>  d'avlon  de  type  "Airbua"  &  grande 
uchelle  afin  de  bdudflcier  d'un  nombre  de  Reynolde  a 'approchant  de  celi'l  du  vol. 

Lea  mfcnes  maquettea  peuvent  enaulte  Stre  essaydes  Jusqu'A  un  nombre  de  Mach  volsln  de  1  dana 
la  aoufflerie  SIMA  du  Centra  de  Modane-Avrleux. 

Lea  priaea  d'alr  d'avlon  mllltaire  peuvent  dgalement  8tre  dtudides  dans  lea  deux  soufflerlea 
A  das  nombres  de  Reynolda  dlevds. 

Lea  diapoaltlfs  utilises,  les  mdthodos  de  mesure  et  lea  moyena  do  tarage  et  de  contrble  mis 
en  oeuvre  pour  assurer  la  vallditd  des  rdsultata  aont  prfisentds. 


1  -  INTRODUCTION 


Lea  eaaala  an  aoufflerie  A  baase  vltasse  de  priaea  d'alr  d'avlon  civil  out  an  partlculler  pour 
objet  de  prdclser  lea  llmltes  de  ddcollement  des  couches  limltoa,  solt  uxternes,  pour  le  problAme  criti¬ 
que  de  la  tralnde  de  nacelle  an  caa  do  panne  de  motour  au  ddeollage,  solt  Internes ,  pour  lu  problAmu  du 
la  dlstorslon  edmlaalble  par  le  motour  par  vont  do  travers  au  point  fixe  et  A  trAs  falblu  vltossu, 

Caa  llmltes  do  ddcollemont  sout  dlructemont  tributalres  du  nombre  du  Kuynolds  des  usuals,  et 
no  pouvalant  Atre  Jusqu'A  prduant  corractemeut  ddtormlndos,  faub  du  muyoro  approprids ,  au  mo Ins  en  Europe. 

Lu  montage  d'essai  rdulitd  dans  la  nouvullu  soufl  l.erlo  FI  pressurlsde  A  A  bars  du  uuntro  du 
Fauga-Mauzac  de  1 'ONERA  permut  malntenent,  sur  des  maquuttus  A  dohullo  du  l'ordve  do  1/A,  d'attoindrn,  A 
basso  vltesse,  des  nombres  du  Reynolds  compurablus  A  ouux  du  vol. 

Lea  mAmes  maquuttus  peuvent  aussl  Atre  assuydeu  Jusqu'A  un  nombre  do  Much  prochu  du  1  sur  un 
nouvuuu  montage  rdallsd  pour  la  souffluriu  .UMA  du  Centre  du  Modmiu-Avrleux  du  1 'ONERA, 

Luu  prlsus  d'alr  d'avlon  mllltaire  peuvent  dgulument  Atm  dtudidus  duns  lus  duux  soufflorluu 
A  des  nombres  do  Kuynolds  dlovds. 

Lia  montages  ut  tochniquon  d'essai  dans  luu  deux  souiTlurlua  font  l'objut  da  lu  prdHUUtMtioii 

qul  suit. 


2  -  ESSAIS  DANS  LA  SOUFFLKKIli  FI 

2.1-  Fonctlonnomont  nendral  do  la  soufflerlo 

La  souffluriu  Fl  l'alt  l'objut  d'uno  prdnoutatlon  ddtiiJlldo  rd fdrencu  f  1  ] . 

Soules  soa  ourautdriatlquua  prlnuipalus  sout  rappuldus  cl-uprAs, 

la  souffluriu  mlsu  un  survlcu  un  1977  fait  partie  du  cmitru  d'ussals  du  Faugu-Mauzue  du 
l'ONERA.  prAa  du  Toulousu, 

La  figure  1  on  donnu  unu  vuu  d'uuaumble. 

La  vuluu  d'essai  prdsuntu  unu  suction  ruuUuigulai  ru ,  du  A,  10  m  du  lurgsur  ut  du  II,  'i  U  in  du 
huutuur.  La  longueur  du  vuluu  du  suction  cuiivtuutu  est  du  11  m, 

Lu  diagraninu  Nombre  du  Mauli  -  I'ltasiuu  gdudrulricu  maximale  du  la  soulflurlu  eat  duimd 

figure  2 , 


Un  Al&nent  de  la  vein*  d'eaaal,  d'une  longueur  de  8  m,  eat  mobile,  et  peut  8tra  tranalatd 
sur  un  chemln  de  rouleraent  perpendiculaire  au  circuit,  Cet  dldment  ou  chariot,  comporte  lui-m&me  uua 
partia  interchangeable,  ou  palette,  qui  constitue  le  plancher  de  la  velne,  selou  le  achdma  de  la 
figure  3, 


Plusieui s  palettea,  supports  de  diffdrents  montages,  ptuvent  ainsl  6 tie  introduitca  altortta- 
tivement  dans  le  circuit. 

Hors  circuit,  ccs  palettea  viennent  sc  ranger  dans  dos  ualles  sdpardes,  dites  ulvdoles, 

Cette  disposition  permot  do  prdparer  les  uisais  sur  lus  diffdrente*  palettes  dans  due 
conditions  assurant  le  secret  des  maquettes. 

L' installation,  reprdsentde  dans  son  ensemble  figure  4,  comporte  5  alvdoles  et  4  palettes, 
l'un  des  alvdoles  dtant  utilisd  comme  banc  de  tarage  des  mosures  d'efforts  pour  les  diffdrents  montages, 

Sur  les  4  palettes,  trois  sont  actuoUemunt  dquipdea.  Cos  dquipemuntc  ,  sectnur  portn-dard, 
tables  et  supports  divers  pour  montages  au  plancher,  rnurs  vortieuux  d'dcsrtemeut  rdduit  avee  aspiration 
de  couche  limlte,  pour  essais  de  proflls  on  courant  plan,  etc,,,  sont  ddcrlts  rdf,  [l|  , 

Chaquu  palette  est  munie  d'un  ensemble  inddpendant  ue  64  voles  de  musure,  et  d  'un  ordlnateur 
HP  2100  pour  le  pilotage  des  mesures,  le  contrAle  dua  voias ,  1 'acquisition  dos  denudes ,ut  le  liaison  A 
1 'ordlnateur  central, 

Le  systdme  de  mesure  est  directament  connuctd  4  1 'ordlnateur  central  quaint  la  palette  eat 
soit  placde  dans  l'alvdole  de  prdparstion  de  l'esaai,  soit  dans  sa  poaition  d'eaaal  un  veins,  ce  qui 
pormet  d 'assurer  une  prdparstion  complete  de  l'essai  bora  veins,  et  un  temps  da  t  rails  fur  L  da  I'ordru  da 
le  1/2  Uouro  outre  la  fin  de  la  prdparstion  de  l'essai  on  slvdolo,  et  les  premibras  matures un  velne, 

La  palette  dtant  on  velne,  lea  mesures  sont  relaydas  dans  la  aalle  da  oondultu  dea  essaia,  oh 
los  rdaultats  traitds  par  1 'ordlnateur  central  aunt  mis  4  la  dlapoultion  dos  utilisutuurs  par  dus  durens 
cathodiques,  das  tabulataurs  et  dus  tablus  traqaiites, 

L'onsomblo  dos  rdsultats  est  par  uilluurs  ummugusind  sur  dlsquus ,  oe  qui  permot  d'appolor  lo 
Lracd  du  rdsultat  d'un  ossai  untdrleur,  pour  compuruiaon  avec  lu  result'd  de  1'usual  on  oours, 

Hno  bando  magudtiquu  das  rdsultats  osb  habituollemont  ugaluniant  remise  4  1 'utillsateur, 

Cot  ensemble  de  moyuns  iiiformutiquus .  at  sus  ouraotdrLstiquus ,  sunt  ddueltu  rdfdroiiuu  [2]  ut  [ll], 

La  uuquettu  dtant  tn  velitu,  ut  lu  aoufflovio  dtant  prdssurisdu,  dus  duteous  mobilea,  nu  pottos 
ruprdsautdus  sur  la  figure  3,  pormottaut  d'isular  la  partlo  du  circuit  eoniititudu  par  lo  uluirlol,  at  de 
ddpras  sur  leer  soulumont  cot  dldmnut  pour  aunddur  4  la  mequettc,  ou  dvuntuul  lament  chaiigitr  du  palette, 

(lotto  disposition  tniuiinisu  lo  ''umpa  d ' occupation  do  la  vuinu,  pour  un  programme  d'useal  dumnl, 


2,2  *  Montane  d'csaal  de  urises  d'ulr  <1 'avion  civil 
2,2,1  -  l)«scrl^tioii_du_montai}o 

Plus  lucre  demandos  d'estals  4  grand  nombro  du  K«yn<>ldu  du  prises  d'ulr  d'uvlou  de  type  Airbus 
out  ooudult  4  dtudiur  et  rdullsur  on  un  temps  limit*  (ddlal  lni'driour  4  six  moiu)  uu  montage  utlllsant 
au  mleux  certains  dldmimta  uxtstautu  i  uu  partluullor  le  prlneipe  a  did  tetemi  d'une  maquatta  duiit  le 
ddhit  est  ussurd  par  simple  ddcliarge  4  l'oxtdrluwr  du  la  aoufflurlu,  grAou  4  la  praaiuirlaevUin  de  uellu-cl, 
Lus  dimensions  du  montage  out  dtd  ddturinliidus  pour  obtuntr  un  manliro  du  Reynolds  d'essai  preo.hu  du  cold 
du  vol,  avec  uuu  limitation  duu  4  I'onoombruuicnt  du  elrci  ,t  d'extrautlon,  (lalnl-ul  ulllluu  comnu  A Icmnnl 
principal  lu  conduit  du  ddpruaaur laatioii  du  U  aoufl’lnriu ,  muni  du  non  sllanoiaux  d '  Muppumunl ,  1 1  eel 
uompldtd  par  une  ddvlatiou  muniu  da  aou  propru  atluiicluux,  L'ensemblu  du  montane  eat  rvprduuntd  Ugme  3, 

La  dlumhtro  Intdri.uur  dus  maquuttus  dtudidau  uut  da  0,33  m  au  plui,  d'untrdu  ciaiipraaaeur ,  He 
dlambtro  cut  4  lMchullo  l/'i  du  ealul  d'un  motaur  (JKM.36,  ou  proehu  de  1/6  pun,,  un  inotunr  d'avlon  typo 
Alrbuu  A. 310, 

Avuc  uua  tull.a  dlmuualun  du  muquuttu,  las  ddhlts  rddutta  perm.U  pur  Lu  dlapoelttf  d'uxl taction 
uont  un  pan  uupdrlaura  4  c.eux  due  mutauru  dtudida  4  lour  rdglme  maximum, 

lln  ordru  do  graitdaur  du  ddbll  Maximum  uttulut  au  ussals  uat  du  7.3  Ug/s  3  uua  p rend  on  gdndl'alrU'o 
du  3,1).'}  Lars, 

Lu  noinhro  da  Reynolds  du  1'assal  sous  4  hers  nut  dona  du  4/3  du  uu<d  da  i'uvlon  A  ultUudu  nulla 
dauu  lu  cau  du  motuur  Clh'M ,  '<6 ,  on  da  4/6  dans  la  cas  du  motaur  Airbus  A, .310, 

Lea  nombrnu  du  Kuyuolds  maximum  d'nsssl,  rspportds  wu  diambtru  IntArluur  du  la  prlsu  d'alr  uu 
plan  nomnrusaour ,  (suit  0,33  m)  sent  v>.  rAsentd*  figure  6,  un  facet  Ion  'lu  msnbru  do  Mach, 

Lus  ddhtts  uont  ineuurAs  par  deux  cUSMtmbtrus  "Vantui  t"  dlsposds  rospnollvemunt  sur  lus  iluux 
branubus  du  circuit  d'  extract  Ion  ,  Co  partage  Ou  dtibit,  I '"pond  an  fait  par  il'autrus  anna  IdAral:  ions ,  par  mat: 
du  talrii  dus  musuras  plus  prlclaue  dans  le  cat  il'un  Mil  #  tidbit,  un  fuisant  ulora  p.iMHur  la  tutallid  d« 
culul-cl  par  un  auul  ddbi tmfctru ,  da  ■limans  ions  rSdulluii, 

La  contrlUu  du  ddhit  eat  seii'iA  par  duux  vai  nu- 1  ;  r.i-rt'i..  lahles  tllspnsde*  u.i  paralltlu  sur  lu 
circuit  d' extract  ton  principal,  ut  par  iluix  ramies  d'arrM  A  I  '  uxt rdntl  t(  du  ubaeunu  t.si  b  ranch  tlu  circuit, 


Ua-<  vanne  d'entrka  parmet  d'lsolei  l'ari-r  '  du  circuit. 


L'klkmant  du  montage  aupportant  -#  u.  >  r1 ,  l'antrke  d'alr  cat  inatalld  aur  una  dee  palettes 
da  la  soufflaria,  ca  qui  penaat  la  puparation  '  i  cn  alvdole  . 

La  maquette  aat  fixde  It  1'extrkmltk  d'm  jpport  k  rotula  dcnnant  un  dkbattemaut  de  35°  d' inci¬ 
dence  at  de  10*  da  ddrapage  ;  dea  vdrlna  I  -drauli.ves  permettent  da  feire  verier  1*  incidence  at  ie  dtxapage 
an  cours  d'eaaai. 

Ca  aupport  k  rotula  eat  plack  aolt  face  au  vent,  aur  un  aupport  tubulaire  da  planchar  coudk  k 
90°,  pour  laa  esaaia  ralatifa  au  vol  an  phaeaa  de  ddcollaga  ou  d'attarrlaaaga,  aolt  vert lea lamett  dan*  la 
veine,  pour  laa  aaaala  ralatifa  k  1* influence  du  vent  transversal  au  point  fixe  ou  k  trka  falbla  vitaaaa. 
Dea  vuaa  an  aont  donndaa  figures  7  at  8. 

Par  rotation  k  l'arrlt  autour  de  l'axe  vertical  du  aupport,  la  domains  d'eaaai  paut  Itre  klargi 
comae  indiquk  figure  9. 

Un  kquipement  de  maquette  cooprenait,  4  titre  u  uxample,  un  ensemble  de  108  priaaa  de  praaalon 
d'errkt  diapoakea  aur  dea  paignea  dana  la  plan  d'eutrke  catnpraaaeur ,  at  dormant  notansnent  lea  profile  daa 
couches  limitea  internes,  daa  capteura  de  praasion  d'arr*-  instatlonnalra  ins  tel  Iks  de  la  nlea  faqon 
(40  capteura  montk*  aur  8  pelgnea) ,  un  ensemble  de  200  prises  da  praasion  atatique  rkpartlaa  aur  diffkran- 
tea  coupes  radlalas  de  la  prise  d'air,  at  4  paignea  da  12  prises  da  praaalon  d'arrlt  dormant  un  ralevk 
daaprofils  de  l'kcoulamant  externa  au  droit  du  maltra-couple  da  la  carkna. 


2.2.2  -  Mkthode  d'eaaai 

a)  Meauraa  da  rkpartltiona  de  praaalon 

La  dkbit  de  la  prise  d'air  entrains  una  chute  continue  da  la  praaalon  gknlratrlce  da  la 
saufflerie.  Pour  disposer  nkanmolna  da  pointe  d' aaaala  sans  Icarta  sanslblas  de  nombra  da  Reynolds,  un 
fonctiounoment  par  courts*  rafales  a  ktk  ratanu,  antra  laaqusllaa  la  praaalon  gknkratrlca  da  la  soufflerie 
eat  rktablie  par  la  ayatkme  gknkral  da  pressuriaation  du  circuit. 

Lea  meauraa  da  praaalon  statlonnaira*  aont  obtanuaa  par  1 '  intenaf dlalra  da  cosasutataura  toumanta. 
A  cheque  plot  du  conmutataur ,  la  praaalon  matur'd*  aat  rapportka  k  la  praaalon  gknkratrlca  meaurka  au  okas 
instant  dana  la  soufflerie.  Dana  cas  conditions,  cucun  dkcalage  n'a  pu  ktra  mis  an  kvidenca  antra  la 
masura  de  la  rkfkrenca  soufflerie,  et  la  meaura  dus  praaaions  donnkea  par  laa  priaaa  d'arrlt  das  paignea 
ererka  coepreasaurs  situkas  hors  de  la  couch*  limits  da  la  prlsa  d'air.  Laa  rapports  da  caa  praaaions, 
k  la  praasion  gknkratrlca  meaurka  da  la  soufflerie,  rawtant  comp t is  antra  0,999  at  1,001  at  aont  a imp la¬ 
ment  reprkaantatifs  de  la  prkcialon  daa  meauraa. 

La  mature  du  dkbit  a'affactua  k  partir  daa  meauraa  classlquas  de  praaaions  at  tampkraturaa 
au  niveau  daa  deux  venturis  du  montage,  an  appllquant  aux  dkbit*  obtanus  par  las  formulas  ueualles  dea 
meauraa  normaliakee J4]  un  coefficient  de  correction  ktabll  par  la  taraga  dkcrlt  au  S  2,2.3. 

Afin  de  rkduira  au  maximum  le  temp*  da  rafale,  un  ou  deux  aaaala  p.kliminairaa  aont  affactuks 
an  meaurant  le  dkbit,  pour  dkterminer  la  rkglaga  das  vannea  iutermkdlalres  parmattant  d'obtanlr  la  dkbit 
cherchk,  Cea  vannea  ktant  a inti  prk-rlgllet  aux  ouvarturas  vouluaa,  l'essai  propreaant  dit  a'affactua 
par  saula  ouvertura  rapide  dea  vannea  d'arrlt  k  la  sortie  dea  conduits.  Laa  mesures  de  praaalon  par  las 
comnutateurs,  d'une  durke  d'environ  10  seconds*,  coomencant  dks  la  fin  du  rkglma  tranaltoire  d'ktabllasa- 
ment  du  dkbit, 

I/n  example  da  rkaultat  de  meaura  eat  dounk  figure  10. 

Pendant  la  durke  de  la  mature,  la  praaalon  gknkri'.trlce  da  la  soufflerie  dkcrolt  d'un  peu  plus 
de  1  7..  La  tempkratura  gknkratrice  de  la  soufflerie  dkcrolt  kgalament,  par  suits  da  l'sffat  da  dktante 
de  l'alr  du  circuit. 

Le  dkbit  meaurk  Q  dkcroit  a imul tankmen t.  Le  dkbit  rkdult  mesurk  de  la  prlsa  d'air, ,  rests 
par  contra  bien  constant,  sana  qu'll  aolt  nkcaasaire  de  modifier  le  rkglage  dea  vannea  pendant  la  durke  dea 
meauraa . 

Ia  diaperaion  dea  meauraa,  de  l'ordrs  de  -  0,2  X  du  dkbit,  rksulte  da  falblss  lnatabllltks  da 
l'kcoulement  observkes  au  niveau  daa  vanturia. 

L'kcart  de  teapa  minimum  antra  deux  point*  d'atsal  auccessifa,  an  incluant  un  point  d'ajua tenant 
du  dkbit,  eat  d'k  peu  prls  5  minutes. 

b)  Recherche  da  1' incidence  limits  da  dkcollanant  k  falbla  dkbit 


La  recherche  de  la  limits  da  dkcollanant  extern*  an  incidence  k  falbla  dkbit  a'affactua  par 
accroissement  continu  da  1' incidence  da  la  maquette,  k  dkbit  rkdulc  donnk,  et  par  assures  slaultankas  at 
continue*  d'un  certain  nombra  da  praaaions  stationnaires  at  lnstationnairea  choialaa  aur  la  carkna  at  aur 
lea  pelgnes  externes. 

L'expkrlence  montre  qua  1 'apparition  du  dkcollanant  a*  traduit  par  un  saut  brusque  at  simultank 
dea  diveraes  praasion*  maaurkas,  call**  sit  Sea  dans  la  won*  da  dkcollaawnt  pranant  toutes  un  ukaa  r.lvaau, 
proche  da  la  praasion  atatique  da  l'kcoulanent  gknkral  da  la  soufflarla. 


Ca  rkaultat  signlfie  l'ktablisaaaaant  brusque  d'une  large  sons  dkcollke,  ca  qui  aat  caractkris- 
tlque  d'un  dkcollanant  engendrk  par  la  bord  d'attaque.  La  non  raprksentation ,  aur  la  maquatta ,  da  la  fori 
axtama  du  fuaaau  motaur  au-dalk  du  nattra  couple  risque  pau,  da  ca  fait,  d'ltra  una  causa  d 'err aur  dans 
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la  ddtarminatlnn  da  la  limits  da  ddcollament  externa  du  fuaeau. 

La  forts  discontinuity  da  l'dcoulament  A  la  formation  du  ddcollamant  axtema  iapllque  an 
corolla' r«  un  hyst.drdala  da  calul-cl.  A  ddbit  donnd,  la  ddco’Aamant  persists  an  af fat  eur  una  large 
plag*  d'lncldanca  quand  on  rddult  calla-cl  an  dogA  da  1' incidence  oil  la  ddcolltBent  a' eat  Ctr.bli. 

Ca  rdeultat  montra  qua  la  tachnlqua  d'aaaai  qul  conalatarait  A  fixer  la  naquatta  A  una  cartalna 
Incidence  (dana  la  plage  d'hyatdrdala) ,  at  A  4 cab llr  eneuite  da  ddblt,  ne  permettrait  paa  d'obtanir  la 
llnlta  da  ddcolleacnt  ddflnl*  prdcddmmant ,  at  qul  eat  cello,  rachercbda,  da  la  prlaa  d'alr  da  1 'avion,  an 
caa  da  reduction  du  ddblt  aoteur  A  Incidence  donndr  (attalnta  a ana  ddcollament) .  On  aa  haurtarait  on  affat 
au  phdnonAne  d'hyatdrdala  f  -dcdden: ,  'fu  aoua  una  autre  forma  :  A  l1  incidence  consldd.ie,  la  configuration 
initiate ,  da  ddblt  nul,  provoque  la  dicollanant  extern#,  qul  route  dtabll  loraque  la  ddolt  nominal  oat 
progrcaaivament  dtabll,  contralrr nent  A  ce  qul  aa  prodult  ai  la  ddblt  eat  d'abord  dtabll  &  incidence  nulla 
(ou  rddulte  an  dagA  da  la  plage  d'hyatdrdala) . 

Caci  eat  illuatrd  figure  11  ou,  aalon  1' incidence  initiala  da  l'eaaal  (10“  ou  16*),  la  carAno 
eat  aoit  aane  ddcollament  Juaqu'A  27,5  0  d'lncldanca,  aolt  cona  teamen  t  ddcollfie. 


.,2.3  -  Tarage_dei_meeuree_d#_ddbit 

L'utiliaatlon  da  vanturia,  d'une  part,dont  la  prdciaion  abaolue  indlquda  par  la  norma  [  4] eat  au 
maximum  da  *  0,5  %  (abatraction  faita  daa  arreura  duaa  A  la  prdciaion  dee  meauraa  da  tampdrature  at  da 
praaalon),  at  dont  1 'installation  n'eat  paa  conforms  aux  Indications  da  la  norma  an  ca  qul  concerns  lea 
conduitaa  amont  at  aval,  "t  d'autre  part,  la  fait,  qua  1  'dcouleoent  n'eat  pae  strlcteoent  an  dqullibra  par 
suite  da  Involution  das  praaalon  at  teqpdrature  gdndratricas  au  coura  daa  meauraa,  ont  conduit  A  rdaliaar 
daa  easala  da  tarage  daa  maaurea  da  ddblt,  an  rumplagant  a  lug)  lament  laa  prisaa  d'alr  eoaaydafl  par  dea 
pavilions  A  col  sonique. 

Caa  pavilions,  caractdriads  par  un  rapport  da  <♦  antra  la  rayon  da  courbure  da  la  gdndrr.crice 
au  col  at  la  diaatotre  du  col,  ont  fait  *  'objet  da  calcula  ddcrlta  rdfdranca  (5),  at  prenant  on  cocpte 
l'affat  da  gas  rdal  (affat  "virial"),  1 'affat  da  courbura  da  la  llgna  aoniqua,  at  1  'affat  das  couclea- 
llmitaa.  La  prdciaion  du  ddblt  ainai  ddtarmind  eat  da  l'ordra  da  ±  0,2  7.. 

Laa  pavilions  sont  prolongds  par  daa  diffuaaura  da  fagon  A  obtanir  daa  profile  d'dcoulamer'. 
Interna  aaaaa  pau  dlffdrenta  da  caux  da  l'eaaal,  au  mo  in*  au  voislnage  da  laur  aaorgage  (figure  12). 

Laura  dlamAtraa  da  col  aont  da  0,32  ;  0,26  at  0,12  m. 

La  tarage  a  dtd  effactud  an  fa.lsant  paaaar  la  ddblt  par  la  conduit  principal  aaulamant,  pula 
par  l'anaaaibla  daa  daux  conduits,  la  conduit  eeeondaire  n'dtant  utlllad  dana  lea  aasais  qu'an  compliment 
du  conduit  prlmaira. 

La  coefficient  da  taraga  obtanu  pour  la  premier  venturi  a  dtd  axprimd  aoua  la  forma  d'un 
rapport  _.jr,  _  -  f  (Mv) ,  Hvdtant  It  nombre  da  Mach  au  col  du  vanturl.  La  valaur 


r4PP°rt  ddbTt~maa  ur  4  ^a  al on 1  la  norma  "  f  (Mv)*  Hv4it*nt  u  n<*br*  *  *u  c°l  du  vanturl.  La  valaur 
da  ca  rapport  varla  da  1  pour  Mv  $  0,15  A  0,96,  pour  Mv  -  0,6. 

La  taraga  du  vanturl  n*  2,  uti.Ued  A  un  nombre  da  Mach  au  col  constant  (ddblt  llmltd  par 
l'ouvartura  unique  da  la  vennt  da  sortie),  a  conduit  A  un  coefficient  da  tarage  ddblt  rdal  w 

,  „  ddblt  meaurd  aalon  la  norma 

1,02. 

L'lncartltuda  du  ddblt  alnal  meaurd,  coopts  tanu  d'une  carbalne  dispersion  daa  rdsulUts,  sat 
astlmda  da  l'ordra  da  1  0,5  7.,  Daa  polnta  da  mature  plus  ncmbraux  at  plus  complete,  avac  cartdinae  prd cau¬ 
tions  auppldmantairas  pour  las  meauraa  da  praaalon  at  da  ttapdrature,  sont  prdvus  pour  prdclaar  cotta 
dvaluaiion. 

2.2.4  -  Exaagla_da_rdaultata 

Dlffdrantas  formas  da  prises  d'alr  mt  ddJA  dtd  assaydae,  aoua  oontrata  J ' avionneure  at  da 
motorlates.  Las  rdeultata  dtant  propridtd  Indus trie 11 1 ,  aaulat  qualqaee  Indications  d'ordra  gdndral  aont 
prdsantdaa. 

Las  easala  concamant  la  qualification  da  l'dcoulaaant  interne  n'ont  dtd  affe^tuda  qu'au  nombre 
da  Reynolds  maximum.  Ila  parmattant  da  connaltre  l'afficacltd  da  la  prise  d'alr  < praaalon  d'arrtt  moyenne 
dana  la  plan  compreasaur  rapport to  A  la  praaalon  gdndratrice  amont)  A  dlffdrenta  ddblt* ,  nombre  da  Mach,  at 
Incidences,  at  laa  coefficients  da  distortion  statlonnalras  at  lus tat lonna Iras. 

L' influence  du  vent  transversal  (aaasia  avac  la  montage  "vortical"  A  90*  da  ddcopaga)  confirm*  las 
Indications  gdndral**  da  fonctlonnaawnt  prdsantdaa  rdfdranca  >6],  at  conduit  au  diagrams*  da  la  figure  13  : 
pour  una  vitasaa  donnd a  da  vent  transversal,  Vji,  un  ddcollemont  a'axerce  A  falbla  ddblt;  11  aa  rdaorba  pour 
un  ddblt  plvi  important,  pula  rdopparalt  A  grand  ddblt,  pai  suit*  du  ddveloppamant  d'un*  ton*  auporsonlqua 
avac  resaavveaslon  par  choc  autour  du  bord  d' at toque  da  la  car Ana  foes  ou  vont. 

Las  easala  conc(  mant  la  rachercha  da  la  limits  d'lncldanca  earn  ddcollament  externa,  A  falbla 
ddblt,  (probllaM  da  tralnde  da  1 'avion  au  cos  da  paana  da  motaur  au  ddcollaga)  ont  dtd  rdalleda  A  plualaura 
noabraa  da  Mach  at  nembraa  da  Reynolds . 

Laa  rdeultata  montrant  una  Influence  trAa  (mportanta  da  caa  daux  parnltre*  ,  Un  example  (ddJA 
prdsaatd  rdfdranca  Cl]  )  eat  raprodult  figure  14.  II  a'aglt  da  rdaultats  A  un  mime  coefficient  da  ddblt 
da  la  prlaa  d'alr,  d'una  valaur  da  l'ordra  da  grandeur  da  ceux  d'un  motaur  an  rdgime  da  moullnat. 


A  ...  . 
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A  un  ncmbra  da  Mach  dooad,  l'lncldanca  da  ddcollameut  crote  cor.staatnant  avac  lc  noobra  da 
JUynoida ,  Juaqu'au  ucobre  da  Raynold*  maximum  da  1'aaaaJt  Un  tracd  iogarlthmiqua  aat  propoad  aur  la  flgura 
pour  axtrapollar  la  diagram*  Juaqu'aux  ncmbra*  da  Raynolde  da  vol,  ca  qul  aat  la  plue  unuel  pour  l'effat  da 
ca  paramRtre,  On  paut  te-itafoia  hdaitcr  aur  cetta  faqon  d'axtrapollar  its  rdaultata,  una  extrapolation 
llndalra  dtant  dgalamant  cwicav^VTa,  Una  talla  extrapolation  donnaralt  \<na  difference  da  1'ordra  da  1  ou 
2*  aur  l'lncldanca  limit a  au  Reynold*  da  vol  R  altltuda  nulla.  Cetta  lncartltuda  aat  &  comparer  R  l'arraur 
qua  1  'on  coemattralt  an  na  conaiddrant  qua  laa  rdaultata  aux  Reynolds  laa  plus  falblea  da  1 'aaaal,  k 
1,5  bars  da  praaalon  gdndratrlca  (noohra  da  Reynolda  ddJR  trba  dlavd,  via  R  via  da  ceux  pratlquda  juaqu'R 
prdaant ,  cocoptf.  tenu  da  la  dimension  do  la  maquatta)  i  laa  dcarta  aont  alora  da  1'ordra  da  8s.  II  faut  auaal 
aoullgner  qu*  1 'artifice  conalstant,  R  falbla  vltaaae,  R  dtudler  l'affat  du  nombre  da  Reynold*  an  jouant 
aur  la  vltaaaa  da  I'dcoulament,  c'aat-R-dira  an  falaant  abatractlon  de  l'affat  du  ncmbra  da  Mach,  eat  lcl 
t ota lament  an  ddfavt,  la  nombre  da  Mach  ayant  un  affat  trRa  Important,  ct  contralra  R  calui  du  noobra  da 
Reynolda,  dRa  laa  plua  falblea  nembraa  de  Mach. 

II  aat  lntdreaaant  de  prtfaantar  I'lnliuancc  du  coefficient  da  dibit  da  la  prlae  d'alr  aur 
l'lncldanca  ua  ddcol lament.  Celle-cl  aat  da  la  foma  lndiqude  figure  15  (rdaultata  prdaentds  R  lao- 
Reynolda). 

On  ramarqua  d'una  part  qua  l'lncldanca  da  ddcollament  crolt  llndalremant  avec  la  coefficient 
da  ddblt,  at,  d'autra  part,  qua  la  panta  rat  relativamant  dlavda  :  una  Incertitude  da  0,1  aur  la  coaffl¬ 
clant  da  ddblt  ae  traduit  par  un  dcart  da  2,5*  aur  l'lncldanca  da  ddcollamer  Cecl  poaa  la  problRme  da 
la  valaur  du  coefficient  da  ddblt  lapoid  par  un  mot aur  an  panna  aur  1 'avion  an  vol  R  grande  incidence, 
qul  aat  an  gdndral  mal  connu. 


2.3  -  Prlaaa  d'alr  d'avion  milltalra 


Laa  prlaaa  d'alr  d'avion  milltalra  aont  da  dimension*  natta™e-k  r’ ua 
avioua  civil* ,  mala  alia*  na  pauvant  Atra  dlaaocldaa  da  1  'enumbla  d 
Mirage  2000,  11  aat  toutafoia  puaalbla  d'dtudiar  dot  j  la  e&uffl  jr'  ...  ...  * 

R  l'dchalla  1/4,  at,  dans  ca  caa,  la  nombra  da  Reynold*  de  fonct.  .ir  ■■■•  ,  6 
reapaetd  dan*  la  aoufflarla  praaaurlada  R  4  bars. 


patltaa  qua  cttllaa  daa 
Pour  un  avion  da  type 
..  •  da  1 'avion  c  apiat 
J  .  d'alr  ar  ,  strlctamant 


La  flgura  16  prdaanta  un  montaga  poaaibla  pour  ca  type  d'eatc 


3  -  ESSAIS  URNS  LA  SOUffLKRIE  SIS.'  DE  MCDAME-AVRIEUX 

Ua  part  aaa  dimension* ,  la  nouvella  aoufflarla  fl  dr  Fauga  a  compl ^wntaxre  da  la  grande 

aoufflarla  aonlqua  SIMA  da  Modana,  dont  la  vaina  fait  6  m  da  dlamRtrc,  u.  dont  Xa  praaalon  gdndratrlca 
aat  la  praaalon  atmoaphiriqu*  :  laa  mtmaa  maquattaa  pauvant  Strc.  dtudide*  an  aubaoniqua  dlavd  R  SIMA, 
«t  R  baaaa  vltaaaa  at  praaalon  gdndratrlca  da  4  bars  R  Fl. 


3.1  -  &r*&tfol*t  jquaj, ,„g«n«jal<M 

Cetta  voufllari*  situde  au  '-.•ucr*  d'.aaaia  da  Modana-Avrloux  da  l'CNERA,  dan*  laa  Alp«s,  aat 
ddcrite  rdfdranc*  [7]  . 

La  flgura  17  an  donna  una  vua  gdndrala. 

La  vaina  d'aaaai  raprdaanta  un  tronqon  d*  tlrwult  da  8  m  da  dlamRtra,  at  14  m  da  long.  Ca 
tronqon  aat  mantd  aur  rail*.  Trola  veins*  lntartuangaat laa  axlatent,  dlapoadaa  comma  indiqud  figure  18, 
at  permattant,  com*  au  Peuga,  d'aasurar  la  prdparet' on  d'un  aaaal  peudant  la  fonctionnaaant  da  la  nouffla- 
rla  aur  un  autra  aaaal. 

Un  nombra  da  Mach  maximum  proche  da  1  paut  ktra  attaint. 


3.2  -  Montaea  d'aaaai  da  nrlaa  d'alr  d'avion  civil 

La  figure  19  raprdaanta  la  montaga  d'aaaai  da  priaa  d'alr  d'avion  civil,  dans  la  vaina  d'ueaal 
n'  2.  Un  mRt,  flxd  au  planchar  da  la  vaina,  aupporta  un  conduit  qul.  R  l'aatont,  rtqolt  la  diapoaltll'  aur 
rotulc  da  tanua  at  orlantatl on*  an  lncidanc*  at  ddrapaga  de  la  macuatta  da  la  prise  d'alr, at  qul,  R  l'aval, 
na  prolong#  par  un  vanturi ,  pula  par  un  col  da  aortla  da  aacwlon  rdglabl*. 

La  partis  amont  du  montaga  oat  i  -  merits  prdcddaamant ,  du  memtage  d'aaaai  dan*  la  aoufflarla 

fl. 


La  flgura  2C  aat  un*  photo  du  montaga  dans  i*  vai.ua. 

La  dibit  eat  asaurJ  par  l'dcoulamant  natural.  Lan  aaaal*  ont  montrd  qua  la  dibit  raprdaantatif 
du  ddblt  sail mum  du  motaur  oouvait  Itr*  attaint  R  partir  d'un  nembra  da  Mach  da  0,5. 

La  vanturi,  qua  prdcRdant  un  dldmant  da  motion  constant  a  at  un  nld  d'aballla  dastinda  R  rdgula- 
rlaar  l'dcoulamant,  a  fait  dgalaammt  l'objet  d'un  tarage,  ua  la  mkaa  faqon  qu'au  Fauga,  c'a*t-R~dlr*  au 
ramplaqant  la  priaa  d'alr  par  laa  cola  aonlques  sutvf*  ft  diffuaaura,  aMntionnda  au  i  2.2.3,  Laa  rdaultata 
d. «, ......  «*  «  -**«*  .  ,  <„>,  „,wt  d. 

1,025  R  Mv  d  0,3  R  1,01  pour  Mv  «•  0,6. 

La  maqi'  ,tta  dtudida  paut  cospnrtar  1*  mdma  dqiHpaoar.t  qp'au  fauga. 


'iwinipninin 


. . . . .  . 

iM  wram  portent ,  pour  una  pramllr*  pact,  aur  la  qualification  da  l'dcoulanant  Intarna  4 
dlffdranta  nombra*  da  Mach,  lncldancaa,  ddrapagaa,  at  debits  rddulta.  Tout  laa  polnta  da  maaura  pouvant 
a'affactuar  aana  discontinued,  laa  rtfaultata  aont  obtanua  an  ?«u  da  tamps. 

L  Equip  meant  atandard  da  la  aouff laris  comport*  40  volaa  da  m£*ura,  qul  pauvant  Itra  coopldtdas 
par  una  deuxllma  chalna  da  maaura ,  al  ndeaaaalra.  'Cat  dquipamant  aat  rail*  »  )  'ordlnataur  cantral  qul, 
caaa  au  Fauga,  travailla  an  dialogue  a  vac  la  aoufflarla,  at  avac  laa  ntawa  tarminaux. 

la  quantlt*  d' information  acquiaa  ndcaaaita  toutafoia  da  falra  un  cholx  aur  laa  iEmant*  4 
auivra  an  tanpa  r*al. 

Laa  aaaala  ont  dgalanant  pour  but  da  prdclaar,  al  poaalbla,  la  traln*a  da  la  prlaa  d'alr. 

Ca'lH-d  pant  Itra  obtanua  4  partir  daa  bllana  da  quantlt*  da  aou vacant  antra  la  plan 
d'antr*a  conproaaaur  at  l'lnflnl  aaxmt  (pour  la  tuba  da  courant  paaaant  par  la  priaa  d'alr),  da  l'intd- 
gratlon  daa  praaaiona  aur  tout  la  contour  Intarna  at  externa  da  la  priaa  d'alr,  at  da  1  Evaluation  daa 
frottananta  aur  la  csrln*. 

L  Equipment  Ja  la  taaquatta  parmat  caa  dlffdrantaa  <valuatlona ,  la  frottauant  ftant  *valu* 
par  un  caloul. 

La  fait  qua  la  naquatta  na  raprodulaa  la  form  axtama  da  la  nacalla  r*alla  qua  Juaqu'au 
ma?.tr*-coupla,  o 0  la  montage  deviant  cylindrique,  paut  toutafoia  4tra  crltlquabla  pour  <valuer  catta 
tralada,  al  la  courbur*  du  fuaaau  r*al  dana  catta  rdglon  aat  aaaaa  prononc*a  pour  qua  l'dcoulanant  y 
davlenna  auparcritiquc.  Dlffdranta  aapadta  da  catta  quaatlon  aont  dlacutda  r*f*ranca  f 8]  at  f 9]  .  Dana 
la  caa  actual  daa  aviona  da  type  Airbus,  catta  limit*  n'aat  gdndralamant  paa  attalnta,  at  1  Etude  da  la 
train* a  affactuda  paut  Itra  conalJdrda  comma  raprdaantatlva,  notamant  an  ca  qul  concerna  1' Influence 
d'una  r*ductlon  du  ddblt  aur  la  ddvaloppaaant  da  la  tralnde. 


t 


La  prdaence  da  paignaa  axtarnaa  parmat  dgalamant  da  ddtacter  la  formation  d'una  tralnde  4  partir 
du  relev*  daa  profile  da  praaalon  d'arrlt.Loraqua  catta  tralnde  deviant  Importance,  c'eat-4-dlre  4  Mach 
dlavd  at  ddblt  rddult,  laa  ondea  da  choc  qul  taomlnsut  la  tone  do  aurddtant*  da  bord  d'attaque  prennent 
toutafoia  una  grande  axtanalon,  at  Hpasaant  largamant  la  hauteur  daa  paignaa  util  lade.  Una  dtuda  quanti¬ 
tative  da  la  train  in  pa;  aondaga  axtama  ndcaaaltaralt  alora  un  aondaga  aur  unaaurfaca  Important*  tin  la 
valne,  anion  la  technique  ddcrlt*  rdfdranca  1 10]  ,  ca  qul  aat  pau  pratlcabla  lant  la  caa  noteanant  da 
prlaaa  d'alr  non  da  rdvolutlon. 


3.3  -  laaala  da  prlaaa  d'alr  d 'avion  allltalre 

Kn  aubaonlqua  dlavd,  comma  4  baaae  vitaaia,  la  caractdrlaation  du  fonctlonnament  daa  prlaaa 
d'alr  d 'avion  mllltalra  ndcaaalte  1 'utilisation  d'una  maquette  coapl4ta  da  1 'avion. 

La  figure  21  montra  uns  maquette  da  1 'avion  Miraga  2000  4  l'dchella  1/4  lnatallde  aur  la  aupport 
tripoda  axial  aiaovibla  da  la  aoufflarla  81,  dan*  la  velna  d'aaaai  n*  1  munle  da  fantaa  longltudlnalaa  pour 
randra  la  valna  permdabla,  at  parmatera  laa  aaaala  an  aubaonlqua  dlavd  da  maquattes  da  taux  d'obatructlon 
ralativamant  Important*.  La  support  tripoda  aat  dquipd,  4  l'amont,  d'un  mdcanlama  da  mla*  an  lncldanca  at 
ddrapaga  da  la  maquatta  qu'll  supports  (ddhattamant  da  45*  an  lncldanca  at  tlO*an  ddrapaga). 

La  maquatta  aat  dqulpda  pour  l'dtuda  da  la  priaa  d'alr. 

Dans  la  caa  das  aaaala  an  aubaonlqua  dlavd,  la  ddblt  natural  aat  suff leant  pour  raprdaantar 
la  fonctlonnament  rdel  da  l'antrd*.  Un  syst4m*  d Extraction  du  ddblt  par  tramp*  exists  dgalamant,  pour 
forcar  la  ddblt  dans  la  caa  d 'aaaala  4  grand*  Incidence  at  nombra  da  Mach  rddult, 

La  mlma  maquatta  aat  utlliaabla  au  Fauga,  la*  <lsrda  supports  da  maquatta  dtant  compatible* 
antr*  laa  deux  aouffleriaa. 

II  faut  par  allleur*  signaler  qua  la  partis  avant  da  la  maquatta  ccmportant  la  priaa  d'alr  paut 
Itra  placda  dana  la  aoufflarla  82  da  Modana,  pour  dtuda  da  la  priaa  d'alr  an  aupatseniqua.  Ca  montage  aat 
raprdaentd  figure  22  par  la  vua  da  la  maquatta  dana  catta  aoufflarla  (vain*  ractangulair* ,  hauteur  1,933  m, 
largaur  1,73  m,  nombra  da  Maeb  variable  jusqu'l  M  -  3,  praiaion  gdndratrlca  variable  juaqu'l  2,5  bars). 


4  -  C0HCLU5IQH 

Laa  montage*  d'ssaaia  da  prlaaa  d'alr  u'avlon  civil,  aur  daa  maquattea  da  grande*  dimension* , 
dana  la  aoufflarla  FI  praasurlad*  I  4  bare,  at  dana  la  aoufflarla  aoniqua  SIMA,  ont  dtd  prdaantda. 

Laa  mlma  a  maquattaa  pauvant  Itra  aaaaydaa  dana  laa  daux  aoufflariaa  dont  laa  moyana  d' aaaala 
aoof  comp idmantalraa . 

La  mlma  coapldmantarltd  axlata  pour  laa  aaaala  da  prlaaa  d'alr  d 'avion  mllltalra  4  daa  nambraa 
da  laynolda  comparable*  au  vol,  aur  daa  maquatta*  d'avlon  ccmplat  I  l'dohalls  da  l'ordr*  du  1/4. 
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SUMMARY 

An  analysis  of  high  speed  wind  tunnel  data  shows  that  the  influence  of 
close-coupled,  rear  nacelles  on  a  wing  with  modern  flow  characteristics  can  lead 
to  substantial  cruise  performance  losses.  This  result  is  explained  and  contrasted 
with  the  favourable  effects  of  rear  nacelles  observed  on  a  wing  designed  in  the  early  l?60!s 

The  design  approach  used  on  the  first  of  a  series  of  wings  aimed  at  integrating 
the  effect  of  the  nacelle  into  the  basic  wing  design  is  described.  Particular  attention 
is  drawn  to  the  design  risk  associated  with  the  modified  inner  wing  super-critical  flow 
development  when  nacelles  are  not  represented  in  the  transonic  design  calculations. 
Experimental  results  from  tests  on  this  wing  are  then  described  which  demonstrate  hew 
generally  successful  the  design  technique  has  been. 

Finally,  some  results  are  presented  from  more  recent  theoretical  investigations 
in  which  an  attempt  has  been  made  to  simulate  the  interference  effect  of  the  nacelle  on 
the  wing  super-critical  flowfield.  In  this  work,  a  technique  has  been  developed  whereby 
the  nacelle  and  intake  streamtube  are  replaced  by  an  "equivalent  interfering  body", 
which  is  derived  from  sub-critical  flow  interference  pressures.  The  results  presented 
show  that  this  technique  provides  a  simple,  cost  effective  tool  for  the  super-critical 
design  of  a  wing  operating  in  the  influence  of  a  rear  nacelle. 

1.  INTRODUCTION 

The  type  of  rear  engined  configurations  favoured  for  many  small  jet  aircraft, 
where  the  nacelles  are  mounted  from  the  fuselage  in  close'  proximity  co  the  wing, 
usually  present  a  number  of  important  aerodynamic  design  problems  associated  with  the 
powerplant  installation.  Of  these,  the  principal  areas  for  consideration  are: 

(i)  interference  effects  from  the  nacelle  and  intake  streamtube  on  wing 
flow  development 

(ii)  minimisation  of  nacelle  installed  drag,  which  requires  the  avoidance  of 
shocks  and/or  separated  flow  in  the  channels  between  the  nacelle,  pylon 
and  fuselage 

(iii)  exhaust  plume  interference  on  the  empennage  and  aft  fuselage 

(iv)  avoidance  of  intake  performance  losses,  or  even  engine  stalls,  that  can 
arise  from  the  ingestion  of  separated  flow  wing  wakes,  particularly  at 
high  lift  conditions  and  around  the  buffet  boundary. 

The  subject  of  the  present  paper  covers  only  the  first  of  these  topics  and,  in 
particular,  will  be  concerned  with  the  high  speed  wing  design  implications  of  su?h 
nacelle/wing  interference  effects. 

A  brief  description  will  first  be  given  of  the  nacelle/wing  interference  as 
observed  from  wind  tunnel  tests  and,  it  will  be  shown  that,  for  a  wing  with  modern 
aerodynamic  characteristics,  the  nacelle  influence  is  likely  to  be  unfavourable.  The 
magnitude  and  importance  of  this  effect  will  be  indicated  where,  for  close-coupled 
configurations,  it  can  be  expected  that  the  interference  losses  on  wing  performance 
are  likely  to  be  greater  than  the  corresponding  effects  generally  encountered  with 
underwj ng  engine  installations  on  transport  aircraft. 

On  the  basis  of  these  observations,  a  research  wing,  designated  HH5,  was  designed 
in  1978  in  which  an  attempt  wa3  made  to  overcome  these  performance  losses  by 
incorporating  an  allowance  for  the  nacelle/wing  interference  in  the  basic  design. 

A  broad  outline  of  the  design  approach  adopted  on  this  wing  is  given  in  the  second 
section  of  the  paper,  together  with  some  experimental  data  from  wind  tunnel  tests  which 
show  the  generally  encouraging  results  obtained. 

Whilst  these  resultB  confirm  the  validity  of  the  concept  of  the  integrated 
nacelle  effect  wing,  a  shortcoming  in  the  design  approach  adopted  for  the  initial  wing 
HH5,  was  the  absence  of  any  nacelle  representation  in  the  transonic  flow  design 
calculations  done  at  the  time.  In  the  final  section  of  this  paper  some  results  are 
presented  from  more  recent  theoretical  work  in  which  the  nacelle  interference  effect 
on  the  wing  super-critical  flow  is  simulated,  using  an  approach  where  the  nacelle  and 
intake  streamtube  are  replaced  by  an  "equivalent  interfering  body".  The  geometry  of 
this  body  is  derived  from  measured  sub-critical  interference  effects  but,  in  principle, 
could  alternatively  be  obtained  from  sub-critical  panel  method  calculations. 
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2 .  NACELLE  INTERFERENCE  EFFECT 3  ON  KING  CHARACTERISTICS 

Figure  1  shows  measured  chordwise  pressure  distributions  at  a  number  of  stations 
across  the  span  of  a  wing,  and  compares  the  clean  wine;  (i.e.  riacelles-off )  flow 
to  that  in  the  presence  of  a  through -flow  nacelle,  at  the  same  overall 
lift  coefficient.  The  data  is  taken  from  high-speed  wind  tunnel  measurements  on  a 
model  designated  N13,  made  at  ARA  Bedford  under  the  joint  sponsorship  of  British 
Aerospace  and  Rolls-Royce.  An  analysis  of  these  tests  is  given  by  Hutton  in  ref.l.  The 
nacelle,  as  shown  in  th^  figure,  is  located  in  the  most  forward  position  tested, with  the 
intake  plane  coincident  with  the  wing  local  trailing  edge.  The  conditions  shown  are  for 
a  typical  cruise  mass  flow  ratio  and  a  Mach  number  of  0.82.  It  is  clear  that  the 
presence  of  the  nacelle  has  a  major  influence  on  the  wing  characteristics.  The  primary- 
effect  of  the  nacelle  and  decelerating  intake  stream  has  been  to  impose  a  pressure  field 
over  the  rear  upper  surface  region  of  the  wing  ahead  of  it.  The  resulting  reduction  in 
suction  levels  on  the  rearward  wing  upper  surface  are  obviously  greatest  over  the 
inboard  wing  region, and  require  an  increase  in  incidence  of  1.4l  to  restore  the  associa¬ 
ted  loss  in  overall  lift.  The  most  significant  feature  of  the  comparison,  however,  is 
the  substantial  increase  in  shock  strength  that  is  apparent  across  the  entire  span  for 
the  nacelles-on  case,  and  it  is  clear  that  this  could  be  expected  to  lead  to  a  marked 
deterioration  in  performance.  It  should  be  said,  however,  that  no  attempt  was  made  in 
these  tests  to  optimise  the  nacelle/pylon  pitch  setting  angles  and,  for  the  case  shown, 
a  small  download  on  the  nacelle/pylon  has  been  estimated.  It  could  be  expected, 
therefore,  that  a  small  reduction  in  wing  performance  interference  loss  could  be  made 
through  an  optimisation  of  the  nacelle  settings. 

Figure  2  shows  a  similar  comparison  of  nacelle  effect  on  the  N13  model,  in  this 
case  with  the  nacelle  located  one  intake  diameter  downstream  of  the  wing  local  trailing 
edge.  Since  this  position  was  the  intermediate  of  three  nacelle  locations  covered  in 
the  tests,  it  will  be  referred  to  here  as  the  "mid"  position.  It  can  be  seen  that,  as 
would  be  expected,  the  effects  are  rather  lessQsevere  than  for  the  forward  nacelle 
position.  As  before,  an  incidence  increase  (0.67)  is  necessary  to  restore  the  loss  in 
overall  load  due  to  the  nacelle  interference  on  the  inner  wing.  In  contrast  to  the 
forward  nacelle,  there  is  now  little  change  in  shock  strength  on  the  inner  wing  and  the 
small  increase  in  local  Mach  number  at  the  shock  is  tending  to  be  offset  by  comparable 
improvement  in  shock  sweep.  The  nett  increase  in  shock  strength  is  essentially 
confined  to  the  wing  outboard  of  the  planiorm  crank. 

The  effect  on  overall  wing  performance  of  the  above  changes  in  flow  characteristic 
are  shown  in  Figure  3  Tor  the  "mid"  nacelle  location.  The  nacelles-on  data  has  been 
corrected  for  the  estimated  nacelle  download  to  avoid  exaggerating  performance  changes 
associated  with  non-optimum  nacelle/pylon  settings.  It  is  apparent  from  Figure  3  that 
there  is  a  significant  penalty  due  to  nacelle  interference  for  this  wing  in  terms  of 
both  buffet  and  drag  rise  performance.  For  a  buffet  limited  project,  the  effect 
amounts  to  a  5h%  increase  in  v.ing  area  and  the  reduction  in  drag  rise  Mach  number  is 
around  0.02  in  typical  cruise  Mach  number.  Unfortunately,  insufficient  data  existed  for 
a  similar  comparison  to  be  made  with  the  forward  nacelle,  but  from  Figures  1  and  2  it 
might  reasonably  be  inferred  that  the  losses  would  be  substantially  greater  than  for 
the  "mid"  nacelle  configuration. 

At  this  point  then,  it  might  be  concluded  that  nacelle  interference  for  close- 
coupled  rear  nace ■ 1  e-wing  configurations  will  generally  have  a  large  unfavourable 
effect  on  wing  performance.  This  is  not  always  the  case,  however,  and  it  can  be  shown 
that  the  performance  effect  depends  crucially  on  basic  wing  flow  characteristics  as 
well  as  the  relative  size  and  location  of  the  nacelle.  As  an  example  of  this,  drag 
data  from  wind  tunnel  tests  are  presented  in  Figure  4,  which  shew  the  influence  of 
rear  nacelles  on  an  early  I96Cs  wing  design.  The  effect  of  the  nacelle  can  be  seen  on 
the  drag  development  with  Mach  number  for  a  typical  cruise  value  of  lift  coefficient. 

It  is  evident  that  the  nacelle  interference  effects  (which  incidentally  are  more 
closely  coupled  than  Model  N13  "mid"  nacelle)  are  beneficial  and  increase  the  drag 
rise  Mach  number  by  approximately  0.015. 

Why  the  sign  difference  in  the  performance  change  due  to  nacelles  for  the  two 
models?  The  answer  is  in  the  difference  in  clean  wing  flow  characteristics  between 
the  two  wings.  This  is  depicted  schematically  in  Figure  5.  For  both  wings,  the 
presence  of  the  nacelle  leads  to  a  reduction  of  aft  suction  level  over  the  upper 
surface  of  the  inboard  wing,  with  an  associated  improvement  in  local  shock  sweep  and  a 
reduction  in  aft  loading  which  requires  an  incidence  increase  to  restore  the  overall 
lift.  However,  a  major  difference  between  the  two  wings  is  the  balance  of  shock 
strengths  developing  across  the  span  and  the  nature  of  the  pressure  distribution  ahead 
of  the  shock. 

Model  HI 3  has  features  typical  of  what  would  generally  be  considered  good 
practice  in  modern  wing  design.  The  inner  wing  develops  large  regions  of 
isentropically  recompressive  supercritical  flow  terminated  by  relatively  weak  shock 
waves,  with  the  overall  performance  of  the  wing  tending  to  be  dominated  by  the  somewhat 
stronger  shocks  developing  on  the  outer  wing.  For  this  wing,  with  the  nacelle  in 
"mid"  position,  the  inner  wing  contributes  very  little  extra  drag,  as  the  shock  here 
remains  weak  with  the  increase  in  shock  local  Mach  number  tendir  ,  to  be  offset  by  the 
improved  shock,  sweep;  the  outer  wing,  however,  has  an  appreciably  strengthened  shock 
due  to  the  incidence  increase,  and  this  leads  to  a  significant  overall  increase  in 
drag.  This  point  is  shown  in  Figure  6  on  the  basis  of  a  comparison  of  the  spanwise 


wave  drag  distributions  estimated  from  measured  surface  pressure  for  the  clean  wing  and 
mid-nacelle  position. 

Returning  now  to  Figure  5  and  the  early  1960's  wing;  the  inner  wing,  whilst  still 
being  less  critical  than  the  outer  wing,  is  characterised  by  relatively  further  aft  and 
a'-rongor  shocks  than  N13<  In  this  instance,  the  flow  ahead  of  the  shock  is  expanding 
and  so  the  local  Mach  number  at  the  shock  is  reduced  as  the  shod:  moves  forward  due  to 
the  presence  of  the  nacelle.  The  combined  effect  of  the  improved  inboard  wing  shock 
sweep  and  reduced  shock  xocal  Mach  number  yields  a  reduction  in  inboard  shock  strength, 
such  that  the  increase  in  overall  shock  drag  due  to  incidence  is  more  than  offset  by 
the  reduction  of  drag  from  the  weaker  inboard  shock. 

Clear:1  •  then,  a  modern  wing  which  is  designed  to  avoid  the  unfavourable  nacelle 
interference  as  observed  for  Model  N13,  will  require  features  which  will  lead  ’•o 
significant  performance  losses  when  the  nacelles  are  not  present.  In  embarking  on  the 
design  of  a  new,  integrated  nacelle  effect  wing,  it  was  hoped  that,  some  twenty  years  on, 
this  could  be  done  in  a  more  controlled  and  deliberate  way  than  had  been  the  case  with 
the  earlier  designs. 

3 .  THE  HH5  WING  DE SIGN  WITH  INTEGRATED  NACELLE  EFFECTS 
3.1,  The  Design  Procedure 

The  discussion  in  the  previous  section  highlighted  the  desirability  for  maximum 
cruise  efficiency  of  allowing  for  the  presence  of  a  rear  nacelle  in  the  design  of  the 
basic  wing  characteristics .  In  this  section  of  the  paper,  a  brief  description  will  se 
given  of  the  design  approach  adopted  on  a  recent  research  wing  HH5,  in  which  suc.h  tn 
attempt  to  incorporate  an  allowance  for  the  nacelle  interference  was  made.  The  wing, 
whicn  was  developed  for  0  moderately  close-coupled  rear  engined  configuration,  was 
designee  at  British  Aerospace  Hatfield  during  1978  and  was  subsequently  tested  in  the 
9'  x  8'  transonic  tunnel  at  A.R.A.  Bedford. 

At  the  time  of  the  HH5  design,  no  suitable  method  was  available  for  computing  the 
transonic  flow  development  on  a  wing  in  tie  presence  of  a  rear  nacelle.  In  the  absence 
of  such  a  method,  a  hybrid  design  approach  was  used  which  involved  the  development  of 
two  wings  in  parallel. 

The  first  of  these  wings  ;as  designed  1  .  isolation  from  the  nacelle  effects  and 
was  UBed  to  establish  the  "id  O "  or  target  super-cr.tical  flow  development  and  its 
associated  wing  geome!  .\v  .  A  .econd  wing,  the  nacelD e-effect  wing,  was  then  derived  0,1 
the  basi  of  the  following  afsumption:- 

Two  wings,  one  of  which  is  in  the  presence  of  a  rear  nacelle,  having  identical 
pi an form  and  sub-critical  pressure  distributions,  will  develop  approximately  the  same 
super-critical  flow  development  as  Mach  number  and/or  incidence  are  increased. 

Following  this  assumption,  the  design  of  the  "nacelle-effect"  wing  was  undertaken 
at  essentially  sub-critical  flow  conditions.  Having  firs-  established  a  suitable 
sub-critical  pressure  distribution  (close  to  "sonic  rooftop"  conditions)  for  the  "ideal" 
wing,  this  pressure  distribution  was  '.nodi fled  by  subtracting  from  it  the  pressure  'ield 
due  to  the  nacelle,  and  the  resulting  wing  pressures  were  then  used  in  the  design  of 
the  "nacelle  effect"  wing.  In  this  process,  the  nacelle  interference  pressures  were 
inferred  from  an  analysis  of  the  A.R.A.  Model  N13  wind  tunnel  data,  using  an  approach 
similar  to  that  described  in  Reference  1.  Theoretical  flow  calculations  done  at  this 
time  using  the  method  of  Hardy,  Reference  2,  to  estimate  the  nacelle  interference 
effects,  were  found  to  be  useful  in  giving  the  variation  of  spanwise  loading  changes 
due  to  nacelle  location  but, in  detail,  gave  the  wrong  form  and  level  of  the  chordwise 
distribution  of  pressure  increments.  Through  this  overall  procedure  then,  she  second 
wing  was  developed  with  modified  camber ,  twist  and  ‘hickness  with  the  aim  of 
producing  sub-critical  pressure  distribution  changes  which  hopefully  would  be  exactly 
cancelled  by  the  presence  of  the  nacelle.  In  passing,  it  is  perhaps  worth  noting  that 
the  resulting  modifications  to  the  thickness  distribution  of  the  wing  yielded  a  very 
worthwhile  bonus  of  a  2\%  increase  in  fuel  volume. 

Figure  7(a)  slows  the  sub-critvcal  theoretical  design  pressure  distributions  for 
the  two  wings  no  a  station  just  outboard  of  the  nacelle.  The  flow  computations  were 
done  using  tne  contemporary  version  of  the  R.A.E.  Inviscid  Transonic  Wing/Body  program, 
Reference  3*  A  simple  "strip"  displacement  surface  correction  was  made  to  the  wing 
ordinates  in  these  c-’ilcu'; -tions  to  allow  for  the  gross  viscous  effects.  It  can  be 
seen  from  tne  figure  cnao  the  differences  in  the  theoretical  flows  for  the  two  wings 
are  confined  essential ’ t  to  the  upper  surface  aft  of  10%  chord.  These  differences  are 
broadly  in  line  with  the  N13  tests  but  the  suction  increme. its  have  not  been  maintained 
over  the  rear  20£  choid  as  would  otherwise  be  antioipa: ed  from  that  data.  This  was  a 
deliberate  act  of  caution  in  the  light  of  the  already  severe  trailing  edge  boundary 
layer  conditions  associated  with  the  advanced  section  design  standard  oi  the  ^asi-:  wi..g. 

The  changes  to  the  pressure  distribution  shown  ir.  Figure  "(a)  appear  relatively 
iinocuous.  Figures  7(b)  and  7(c)  show  the  corresponding  flow  development  for  typical 
long  range  and  high  speed  cruise  conditions  respectively.  For  both  cr -  le  conditions, 
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the  target  flow  in  characterised  by  a  large  region  of  iaentropic  supercritical  flow 

terminated  by  a  relatively  weak  shock.  On  the  integrated  nacelle  effect  wing,  with  no 
nacelle  representation  in  the  calculation,  thert  ±a  an  appreciable  re-expansion  in  the 
upper  surface  flow  terminated  by  a  substantial  shock  wave  which,  although  not  shown 
here,  increases  in  strength  somewhat  alarmingly  further  outboard.  This  stage  in  the 
design  called  for  a  strong  act  of  faith! 

3.2.  Wind  Tunnel  Results 


The  iirst  HH5  test  series  in  the  AHA  High  Speed  Tunnel  took  place  in  September 
1979.  The  wing  was  extensively  pressure  plotted  and  the  tests  covered  a  range  of 
nacelle  locations,  giving  the  wing  flow  sensitivity  to  both  nacelle  height  and 
longitudinal  location.  The  data  presented  in  this  note  is  confined  to  the  datum  nacelle 
position  on  which  the  design  was  predicated  (intake  datum  0.2b  x  D.  (nacelle  intake 
highlight  diameter  /aft  and  1.18D^  up  from  the  local  wing  trailing1edge , ) 

Figures  8(a),  (b)  and  (c)  show  the  effect  of  the  nacel.e  on  measured  pressures 
at  the  station  just  outboard  of  the  nacelle  and  are  directly  comparable  with  the 
theoretical  conditions  shown  in  Figure  7.  The  general  agreement  with  the  anticipated 
incremental  effect  of  the  nacelle  is  very  good,  although  the  reduction  in  suction  level 
over  the  rear  of  the  chord  is  rather  greater  than  designed  for.  It  can  be  seen  that 
the  aft  shock  for  the  nacelles-off  case  is  remarkably  well  predicted  and  that  the 
nacelle  is  having  the  desired  alleviating  effect  in  suppressing  this  sf  k. 

Figure  9  compares  the  measured  nacelles-on  pressure  distribu.  r  the  cruise 

cases  with  the  theoretical  target  flows  developed  on  the  "ideal"  i  a  ing.  For 

the  high  speed  cruise  case,  the  level  of  agreement  is  very  reasonable  whe  .•  the  main 
features  of  the  large  region  of  supercritical  flow  terminated  by  a  weak  shock  wave  have 
been  achieved,  although  the  leading  edge  suction  levels  are  appreciably  higher  than 
predicted.  The  same  level  of  agreement  cannot  be  claimed  for  the  long  range  cruise 
case.  Here,  the  greater  than  predicted  leading  edge  suction  levels  result  in  a  forward 
shock  development  where  an  isentropically  recompressing  flow  was  designed  for.  It  can 
be  seen  in  Figure  8(b)  that  this  forward  shock  is  a  feature  of  both  nacelles-on  and  off 
cases  and  is  therefore  not  a  failing  in  the  procedure  to  design  for  nacelle  effects. 

For  all  of  the  measurea  pressure  distributions  presented,  it  is  also  apparent  that 
there  is  a  shortfall  in  rear  loading  from  the  lower  surface,  although  this  again  may 
well  be  associated  with  the  very  low  wing  nature  of  the  model  and  the  inadequate 
representation  of  the  fillet  in  the  flow  analysis  computations  done  at  the  time.  The 
general  loss  of  inboard  load  is  summarised  in  Figure  10  which  compares  the  target 
spanwise  load  distribution  with  the  measured  loadings. 

3.3.  Performance  Effects  on  the  Nacelle  Effect  Wing 

Whilst  the  forward  shock  development  and  the  less  of  rear  loading  clearly  leave 
some  3cope  for  further  improvement  on  HH5,  the  general  performance  standard  achieved 
by  this  wing  in  the  ARA  tests  compares  favourably  with  the  best  standards  of  contemt orary 
advanced  wings  in  the  U.K. 

Figure  11  shows  compressibility  drag  and  buffet  comparisons  for  the  new  wing  with 
nacelles  both  on  and  off.  Also  included  in  the  figure  are  equivalent  data  from  the  N13 
model  with  "mid"  nacelles  (suitably  corrected  for  nacelle/pylon  download).  The  nacelle 
interference  effects  are,  as  would  be  expected,  favourable  on  drag  for  the  new  wing 
although  the  effect  is  rather  mom  than  anticipated  at  low  values  of  lift  coefficient 
and  rather  less  at  high  values.  It  seems  likely  that  this  js  associated  with  the  double 
shock  development  on  the  inner  wing.  It  is  noticeable  that  the  effects  on  the  buffet 
boundary  are  much  less  than  those  shown  earlier  in  Figure  3  for  N13.  Again,  this 
may  be  explained  by  the  extensive  load  associated  with  the  aft  shock  on  the  inner  wing 
for  the  nacelles  off  case,  which  will  tend  to  offset  the  penalty  of  the  strengthened 
outboard  shock  (particularly  at  the  lower  Mach  numbers). 

In  considering  the  drag  improvements  achieved  by  HH5  relative  to  the  N13  "mid" 
nacelle  data,  it  should  be  borne  in  mind  that  roughly  half  of  the  apparent  gain  at  low 
C,  could  be  attributable  to  the  increased  sweep  of  the  new  wing,  although  at  higher  C.the 
s'-'eep  advantage  will  be  largely  offset  by  the  much  thicker  inboard  wing  of  HH5. 

The  improvement  in  buffet  boundary  is  particularly  rewarding  since  here  the  sweep 
differences  clearly  contribute  much  less  to  the  gain  for  the  new  wing,_as  can  be  seen 
from  the  similarity  in  slope  between  the  N13  boundary  and  a  constant  FrcL!ocus . 

14 .  THEORETICAL  SIMULATION  OF  REAR  NACELLE/WING  INTERFERENCE  EFFECTS 

Despite  the  generally  encouraging  results  obtained  for  the  HH5  wing  design,  there 
:  1  little  doubt  that  the  inability  to  compute  the  transonic  wing  flow  development 
j.11  the  presence  of  the  nacelle  introduced  considerable  risk  into  the  design  process. 

At  pr  sent,  the  emphasis  within  the  U.K.  in  the  development  of  numerical  solutions  for 
the  transonic  flow  about  wing/powerplant  combinations  is  being  placed  on  providing 
solutions  for  underwine  nacelle/pylon  configurations .  An  alternative  approach  to  the 
direct  modelling  of  a  wing- fuselage  ar.d  rear  nacelle  has  been  developed,  however. 


I  and  has  been  found  to  give  very  good  results.  This  approach  Is  based 

on  the  observed  similarity  in  the  measured  nacelle  interference  effect  and  that  which 
would  be  expected  from  a  finite  body  located  co-axially  with  the  nacelle,  and  with  its 
nose  longitudinally  in  the  vicinity  of  the  wing  trailing  edge.  The  concept  of 
simulating  the  interference  effect  by  replacing  the  nacelle  and  intake  stream  with  an 
"equivalent  interfering  b'-'dy"  has  been  developed  at  British  Aerospace,  Hatfield,  using 
a  program  developed  by  Albone  at  the  R.A.E.,  Reference  4.  This  program,  which  i3  an 
extension  of  the  RAE  TSP  method  and  includes  interactively  calculated  viscous  efrect3, 
was  originally  intended  to  be  used  for  the  computation  of  the  transonic  flow  about  wing 
fuselages  from  which  finite  interfering  bodies,  such  as  weapon  stores  or  external  fuel 
tanks,  could  be  mounted.  As  will  be  seen,  it  nevertheless  appears  to  cope  quite 
adequately  with  the  present  class  of  problem. 

Figure  12  shows  chordwi3e  pressure  distributions  on  the  N13  wing  at  a  station  ju3t 
ahead  of  the  nacelle.  The  comparison  is  made  at  a  freestream  Mach  number  of  0.78  and 
a  constant  value  of  incidence  giving  subcritical  flow  conditions  for  each  of  the  clean 
wing,  forward  and  mid  nacelle  configurations.  Figure  12(a)  shows  the  computed  pressures 
based  on  the  "equivalent  interfering  bodies"  as  indicated  in  the  diagram  at  the  top  of 
the  figures.  These  bodies  h  ve  been  designed  to  simulate  the  measured  effect  of  the 
nacelle  on  the  sub-critical  wing  pressures,  as  shown  in  Figure  12(b).  In  each  of  the 
cases  shown,  the  nose  of  the  body  is  located  at  85t  of  local  wing  chord  and  the  maximum 
diameter  of  the  body  is  approximately  equal  to  the  nozzle  exit  diameter  (=  intake 
streamtube  diameter  far  upstream  for  the  isolated  through-flow  nacelle).  The  principal 
difference  between  the  bodies  for  the  two  nacelle  locations  is  in  the  geometry  of  the 
forebody  shape,  where  the  fineness  ratio's  (L/D)  are  1.09  and  1.67  for  the  forward  and 
mid  nacelles  respectively. 

The  main  test  of  the  usefulness  of  tnis  approach  is  how  adequately  the  sub- 
critically  derived  interfering  bodies  can  be  used  tc  simulate  the  effect  of  the  nacelles 
for  super-critical  flow  conditions.  Figure  13  compares  computed  and  measured  wing 
pressures  at  M  =  0.78  and  0.82  respectively,  for  conditions  at  which  there  exists 
substantial  regions  of  super-critical  flow  on  the  wing.  It  can  be  seen  that  the 
computed  flow  reproduces  remarkably  well  the  main  features  >  f  the  nacelle  interaction  in 
terms  of  changes  in  snock  strength  and  position  and  also  the  upper  surface  pressures 
over  the  rear  of  the  chord.  In  Figure  l1!  a  direct  comparison  of  oomputed  and  measured 
wing  pressures  is  given  for  the  forward  nacelle  location  at  M  =  0.78.  A  particularly 
encouraging  feature  of  this  figure  is  the  way  in  which  the  measured  spanwise  variation 
of  the  nacelle  effect  is  simulated  by  the  numerical  model.  It  is  worth  noting  that 
some  of  the  less  favourable  features  of  the  comparison,  ruch  as  the  over-estimate  of 
the  super-critical  flow  at  the  root,  have  also  been  found  for  a  similar  comparison  on 
the  clean  wing.  It  is  felt  that  on  the  basis  of  experience  with  clean  wing  flow 
computations,  see  Reference  5,  still  better  agreement  will  be  obtained  when  the  effect 
of  the  wing  wake  is  included  in  the  calculations. 

On  the  basis  of  these  very  encouraging  results  it  appears  that,  in  t  o  absence  of 
a  fully  representative  modelling  of  the  rear  nacelle,  the  equivalent  body  approach  can 
provide  a  simple,  cost  effective  alternative  for  the  computation  of  both  sub-critical 
and  super-critical  flows.  The  fact  that  the  body  is  based  on  sub-critical  flow 
interference  effects  means  that,  if  no  suitable  experimental  data  is  available,  it  could 
in  principle  be  designed  from  sub-critical  panel  method  calculations.  With  the  range 
of  experimental  data  now  available,  it  is  hoped  that  in  the  future  it  will  be  possible 
to  establish  an  empirically  based  parametric  definition  of  the  body  which  relates  it  to 
nacelle  size,  location  and  mass  flow  ratio. 


5.  CONCLUDING  REMARKS 

The  main  points  made  in  tnis  paper  can  be  summarised  as  follows ;- 

(i)  Rear  nacelles  located  in  close  proximity  to  a  wing  exert  a  major  influence 
on  the  wing  flow  development  across  a  considerable  extent  of  the  wing  span. 

(ii)  For  a  wing  with  modern  design  characteristics,  this  influence  is  likely  to 
be  unfavourable  and  there  is  therefore  a  strong  case  to  modify  the  wing 
geometry  to  allow  for  this  effect. 

(iii)  An  integrated  nacelle  effect  wing  (HH5)  has  been  desigi  ed  with  modified  camber, 
thickness  and  twist.  The  results  from  high  speed  wind  tunnel  tests  on  this 
wing  generally  validate  the  design  concepts  used^and  demonstrate  that  the 
principal  aim  of  designing  out  the  unfavourable  influence  of  the  nacelle  has 
been  achieved. 

(iv)  A  technique  has  been  developed,  using  the  concent  of  an  "equivalent 

interfering  body",  whereby  it  has  been  possible  to  obtain  a  very  reasonable 
numerical  simulation  of  the  nacelle  effect  on  the  wing  super-critical  flow 
development.  Although  lacking  the  rigour  of  a  fully  representative 
modelling  of  the  nacelle,  the  standard  of  the  results  produced  and  the 
simplicity  of  the  computr.tional  procedures  involved  make  this  technique  a 
very  cost  effective  tool  for  the  super-critical  design  of  wings  in  the 

influence  of  rear  nacelles.  i 
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SUMMARY 

The  paper  describes  the  design  process  used  in  shaping  rear  fuselage  mounted  large 
diameter  engine  nacelles,  pylons  and  fuselage  for  a  transport  type  aircraft.  The  objec¬ 
tive  was  to  suppress  the  local  velocity  levels  and  pressure  gradients  in  the  interest 
to  avoid  aerodynamic  interference  drag  of  the  naceile-py lon-fuselage  combination  in  high 
speed  cruise  flight. 

In  the  design  process  the  shapes  of  fuselage  afterbody,  nacelle  and  stubwing  were 
successively  modified  in  a  design-by-analysis  process  involving  a  number  of  iterations 
with  a  three-dimensional  singularity  method  for  inviscid  subsonic  flow.  Windtunnel  tests 
confirmed  the  adequacy  of  the  singularity  method  to  analyse  complex  interference  problems. 


1.  INTRODUCTION 

During  the  last  decade  requirements  for  improved  fuel  efficiency  and  better  noise 
characteristics  have  drastically  changed  the  appearance  of  turbofan  engines.  The  high 
bypass  ratio  engines  currently  being  developed  have  a  much  increased  diameter  to  length 
ratio  and  consequently  integration  of  thet c  engines  with  the  airframe  will  be  more 
demanding  than  for  engines  of  the  previous  generation  (Ref.l).  In  the  past  integration 
was  established  by  applying  empirical  design  rules  and  the  configuration  wus  optimized 
through  windtunnel  assisted  iterations. 

Thanks  to  the  achievements  in  computational  aerodynamics  the  optimization  process  can 
now  be  considerably  accelerated.  The  most  important  tools  in  the  design  process  are 
singularity  methods  such  as  the  NLR  panel  method  which  allows  the  complex  three-dimensional 
flow  problem  to  be  accurate1  v  '-.odeled  into  a  numerical  scheme.  The  method  can  be  applied 
for  subcritical  inviscid  flow. 

The  paper  describes  a  theoretical  investigation  and  experimental  verification  of  aero¬ 
dynamic  interference  at  high  subsonic  Mach  number  for  high  bypass  engines  mounted  on  a 
tapering  rear  fuselage.  Figure  1  shows  the  complete  configuration  -  a  narrow  body  twin 
jet  transport  -  and  compares  it  to  the  F28  configuration.  3ecause  for  both  cnies  the 
distance  between  nacelle  and  fuselage  side-wall  is  kept  equal,  the  interference  due  to 
high  supervelocities  in  between  these  bodies  potentially  will  be  much  stronger  for  the 
new  configuration. 

The  computational  model  -  outlined  in  the  next  section  -  is  first  used  to  quantify  the 
influence  of  the  various  elements  contributing  to  interference. 


2.  THE  COMPUTATIONAL  MODEL 

Panel  methods  form  the  most  versatile  basis  for  mailing  detailed  predictions  of  the 
flow  field  about  a  geometrically  complex  configuration  in  high  subsonic  flow.  The  methods 
are  based  upon  a  potential  flow  solution  to  the  equations  of  inviscid  and  incompressible 
flow.  The  basic  incompressible  solution  is  modified  to  account  for  subsonic  compressibility 
effects.  In  the  case  of  the  NLR  panel  method  which  is  applied  for  the  present  computations, 
the  surface  of  the  configuration  is  represented  by  flat  panels,  each  carrying  a  constant 
strength  source  distribution  while  for  lifting  cases  an  additional  vortex  system  is  placed 
on  the  camber  surface  and  in  the  wake.  The  strengths  of  the  singularities  are  calculated 
after  applying  a  set  of  appropriate  boundary  conditions.  Special  features  of  the  NLR  panel 
method  (Ref. 2)  include: 

.  semi -empirical  compressibility  terms  allowing  an  accurate  prediction  of  suction  levels 
in  highly  curved  regions  such  as  near  the  leading  edge 

.  an  Iterative  method  of  solution  which  reduces  computing  time  significantly. 

Simulation  of  powered  nacelles  requires  representation  of  mass  flow  through  the  nacelles. 
In  tills  respect  inlet  flow  and  jet  flow  can  be  treated  separately.  For  the  present  confi¬ 
guration  early  computations  indicated  that  the  influence  of  the  jet  behind  the  nacelle  is 
only  of  minor  importance  for  the  interference  problem  investigated  here.  Therefore  the  jet 
boundary  was  simply  represented  by  a  cylinder  with  zero  norma]  velocities. 


*) 


presently  employed  by  NLR 


On  the  front  part  of  tha  nacalla  however,  representation  of  the  inflow  is  essential  for 
an  accurate  prediction  of  the  supervelocities  on  the  nacelle  inlet  lip.  In  the  present 
computations  inlet  flow  is  modeled  by  specifying  a  desired  normal  velocity  distribution 
in  a  control  piane  inside  the  duct.  Like  the  external  nacelle  surface,  the  inlet  control 
plane  is  represented  by  source  panels.  It  is  well-known  that  a  source  distribution  is  in¬ 
adequate  to  represent  internal  flows  (Ref. 3).  For  this  reason  and  also  because  the  internal 
flow  has  no  influence  on  interference  the  control  plane  was  placed  at  the  inlet  throat. 


3.  EXPLORING  THE  INTERFERENCE  PROBLEM 

For  the  configuration  shown  in  figure  1  interference  between  nacelle  and  rear  fuselage 
was  calculated  in  the  flow  field  of  a  high-lift  advanced  wing.  Computations  were  performed 
at  the  adopted  cruise  design  condition  of  the  wing-body  combination,  for  M  >»  .745  and 
a  «  -1°.  At  the  nacelle  location  the  local  downwash  from  the  wing  calculated  for  the  wing- 
body  combination  alone,  showed  to  be  3°.  The  nacelle-stubwing  combination  was  therefore 
positioned  with  3°  incidence  relative  to  the  fuselage  centreline.  The  stubwing  had  in  this 
explorative  phase  a  RAE-104  section  scaled  to  12%  relative  thickness  and  the  nacelle  a 
NACA-1-81-72  contour  v/hich  wa3  modified  on  the  bottom  surface  to  represent  the  required 
internal  volume  of  the  nacelle.  A  velocity  ratio  of  0.9  at  the  throat  corresponding  to  a 
mass  flow  ratio  of  0.721  based  on  the  high  light  i.rea,  was  selected  as  representative  for 
tha  cruise  condition.  The  complete  configuration  consisted  of  1420  panels  among  which 
648  to  represent  nacelle  and  mass  flow.  The  computations  were  made  for  the  wing-body- 
nacelle  configuration  with  and  without  the  stubwing. 

The  calculated  pressure  distribution  for  several  stations  around  the  nacelle  is  depicted 
in  iigure  2  and  compared  to  aQreference  pressure  distribution  computed  for  the  isolated 
nacelle  at  M  *  .745  and  a  «  0  .  Interference  appears  to  bo  very  severe  especially  on  the 
bottom  part  of  the  nacelle.  The  pressure  distribution  on  the  stubwing  (figure  3)  and  the 
suction  peaks  on  top  and  bottom  parts  of  the  nacelle  show  that  due  to  interference  effects 
the  pylon  is  aerodynamically  loaded  in  a  downward  direction  resulting  in  unwanted  super¬ 
velocities  on  the  lower  surface.  This  flow  would  h<»  supercritical  and  consequently  would 
cause  high  interference  drag  due  to  the  affected  thick  fuselage  boundary  layer.  Under  these 
conditions  the  subsonic  panel  method  can  no  longer  be  expected  to  yield  a  meaningful  pre¬ 
diction  of  the  pressure  distribution.  The  same  applies  to  the  pressure  distribution  on  the 
nacelle  quarter  below  the  stubwing. 

Although  the  contribution  of  the  stubwing  to  the  supervelocities  can  not  be  neglected, 
the  results  of  figure  2  indicate  that  interference  must  primarily  be  reduced  by  modifying 
the  channel  betueen  nacelle  and  fuselage. 


4.  DESIGN  COMPUTATIONS 

In  searching  for  a  configuration  with  reduced  aerodynamic  interference  and  thereby 
aiming  for  subcritical  flow  in  order  to  avoid  shock-boundary  layer  interactions  a  number 
of  computations,  was  made  for  the  wing-body-nacelle  combination  wherein  the  channel 
between  fuselage  and  nacelle  wae  successively  modified.  In  this  process  the  curvature  in 
the  channel  is  the  most  important  factor.  Simply  increasing  the  distance  between  body  and 
nacelle  reduces  the  superveloc.' tleu  insufficiently.  In  one  of  the  first  computations  the 
distance  was  increased  w<  vh  one  tenth  of  the  inlet  diameter,  but  the  resulting  drop  in 
suction  level  was  only  of  the  order  of  4Cp  «  .1. 

In  the  design  process  the  curvature  at  the  inboard  side  of  the  nacelle  was  reduced  by 
rotating  the  rear  part  of  the  nacelle  towards  the  fuseiage.  On  the  body  side  contouring 
was  introduced  to  create  a  large  concave  region.  As  a  guide  to  the  modifications  a  few 
criteria  can  be  specifieo.  In  the  first  place  the  curvature  in  the  concave  part  of  the 
channel  must  be  strongest  in  the  region  of  maximum  interference.  Because  the  concave  part 
must  be  proceeded  by  a  convex  one,  the  location  of  maximum  curvature  in  that  area  must  bu 
properly  r. elected.  It  should  not  bo  too  close  to  the  nacello  forebody;  this  would  create 
very  high  suctions  on  the  intake  lip  at  the  inboard  side  of  the  nacelle.  Therefore  the 
fuselage  body  contouring  must  be  initiated  at  some  distance  upstream  of  the  nacelle, 
although  this  distance  is  obviously  limited  by  practical  considerations  for  a  transport 
type  aircraft. 

Figure  4  shovs  the  considerable  effect  of  body-  and  nacelle  contouring  for  configuration 
p.  defined  after  a  few  iterative  steps  as  compared  with  configuration  A  with  the  initial 
'  ianr.nl  shape.  On  the  outboard  pressure  station  the  interference  has  practically  dis¬ 
appeared  a..d  on  the  inboard  stations  the  maximum  suction  level  is  reduced  by  as  much  as 
ACp  r.  .4.  The  pressure  peaks  however  are  much  higher  as  a  consequence  of  the  above 
mentioned  curvature  of  the  flow  entering  the  contoured  channel.  These  peaks  can  be  strongly 
reduced  by  t'v  s*... '•nation  effect  of  the  stubwing,  which  should  therefore  be  carefully 
located. 


5.  STUBWING  DESIGN 

Configuration  B  was  adopted  as  the  new  basic  configuration.  The  stubwing  was  also 
designed  through  several  successive  panel  method  computations .  The  complicated  inter¬ 
section  contours  of  the  stubwing  with  the  fuselage  on  one  side  and  the  nacelle  on  the  other 
are  determined  by  means  of  a  computer  program  calculating  the  intersection  point  of  each 
stubwing  generator  with  the  relevant  panels  on  nacelle  and  fuselage. 


The  a tubwing  haa  a  constant  spanwisa  cross-section  which  was  kept  at  a  10%  thickness 
to  chord  ratio.  The  main  objective  was  to  eliminate  the  high  velocity  level  on  the  front 
part  of  the  lower  surface.  After  a  few  iterations  this  front  part  was  flattened  and  given 
more  incidence.  The  final  profile  shape  as  well  as  the  pressure  distribution  for  stubwing 
and  nacelle  inboard  side  are  shown  in  figure  5.  Comparison  with  the  previous  figure 
demonstrates  the  strong  influence  of  the  stubwing  on  the  front  part  of  this  nacelle  adjacent 
to  the  stubwing.  It  should  be  noted  that  apart  from  the  local  auction  peaks  near  the 
leading  edge  the  flow  around  this  final  configuration  is  now  subcritical. 


6.  WINDTUNNEL  TESTS 

In  order  to  verify  the  calculated  interference  effects  a  windtunnel  model  was  defined 
on  the  basis  of  the  final  rear  fuselage  configuration  and  existing  wing  and  body  components. 
Although  the  surface  of  the  configuration  is  sufficiently  represented  to  obtain  accurate 
panel  method  results,  the  numerically  controlled  manufacturing  process  requires  a  more 
detailed  surface  description  especially  for  the  rear  fuselage.  Therefore  the  GEOLAN 
geometry  definition  system  which  is  implemented  at  the  Fokker*  design  office  was  applied  to 
describe  and  where  necessary  to  smooth  the  rear  fuselage.  From  this  system  any  convenient 
number  of  points  can  be  generated  on  the  surface.  This  is  illustrated  in  figure  6  which 
also  shows  a  top  view  of  the  complete  configuration  represented  by  panels. 

Of  the  engine  installation  only  the  fan  cowl  part  was  represented  by  means  of  a  flow 
through  nacelle.  The  moss  flow  of  this  model  represented  the  cruise  flight  condition,  as 
used  in  the  calculations  and  was  obtained  on  the  model  by  trimming  the  exhaust  nozzle 
area. 

The  stubwing  was  fixed  to  the  nacelle  and  provisions  were  made  to  change  the  angle 
of  incidence  of  the  complete  nacelle-stubwing  combination  over  a  small  range,  whereas  in 
the  computational  model  the  incidence  is  fixed  at  3  degrees  .  The  reason  behind  this  was  the 
uncertainty  about  the  downwash  from  the  wing  which  is  implicitly  used  in  the  computations 
and  was  assumed  to  be  about  3  degrees.  Because  the  downwash  is  directly  coupled  to  wing 
lift  which  is  overestimated  in  the  computations  due  to  the  neglection  of  viscous  effects, 
the  downwash  and  consequently  the  required  incidence  of  the  na'cello/stubwing  combination 
must  be  expected  to  be  smaller  in  the  experimental  design  condition  for  tho  same  wing 
incidence  angle. 

The  tests  were  carried  out  in  the  High  Spued  Tunnel  (HST)  of  NLR  in  Amsterdam  where  the 
model  was  installed  on  a  Z-sting  support  as  nown  in  figures  7  and  8.  The  model  was  tested 
with  and  without  the  nacelle/stubwing  combination  for  a  wide  range  of  Mach  number  and 
angles  of  attack  at  Reynolds  numbers  upto  2.2  x  106,  based  on  the  mean  aerodynamic  wing 
chord.  The  discussion  of  teat  results  will  be  limited  to  comparing  computation  and 
experiment  at  the  design  condition  which  for  the  computation  was  at  M  ■  .745  and  a  ■  -1°. 

Due  to  viscous  effects  the  experimental  design  condition  is  usually  found  at  a  different 
M,  a  combination  (Ref. 4)  in  this  case  at  M  ■  .75  and  a  •  .1°,  The  best  possible  correspond¬ 
ence  between  measured  and  calculated  pressures  on  nacelle  and  stubwing  is  found  when  the 
angle  of  incidence  is  set  at  2  degrees. 

A  first  comparison  of  the  measured  pressure  distribution  with  the  calculated  result 
of  figure  5  revealed  a  discrepancy  on  the  lower  surface  of  nacelle  and  stubwing.  Flow 
visualization  tests  showed  the  strong  influence  of  the  Z-sting  support  fairing  on  the  flow 
field  over  the  lower  surface  of  the  fuselage  afterbody  (figure  9) .  Therefore  that  part  of 
the  model  support  (the  shaded  area  in  figure  7)  was  included  in  the  computational  model 
and  it  was  found  that  the  stagnation  effect  of  the  model  support  reducod  tho  suction  level 
on  the  lower  surface  of  the  nacelle-stubwing  configuration  with  ACp  ■  .1,  but  the  influence 
on  the  surface  above  the  stubwing  was  negligible.  The  measured  and  calculated  pressures  on 
nacelle  and  stubwing  for  the  configuration  with  the  model  support  included  are  compared  in 
figure  10.  The  flow  is  subcritical  and  pressure  gradients  are  moderate. 

The  nacelle  +  pylon  drag  -  being  the  difference  between  the  drag  measured  for  the 
complete  configuration  and  the  drag  for  the  wing-body  combination  alone  -  at  tho  design 
lift  coefficient  is  shown  in  figure  11  as  a  function  of  the  free-stream  Mach  number. 

It  can  be  observed  that  the  drag  contribution  of  the  nacelles  and  pylons  is  virtually 
independent  of  Mach  number  upto  a  Mach  number  beyond  the  design  value.  Consequently  it  can 
be  concluded  that  transonic  effects  -  wave  drag  and  shock-induced  drag  -  are  avoided. 
Moreover,  a  separate  drag  analysis  yields  a  favourable  conclusion  with  respect  to  the 
level  of  the  drag  contribution  over  the  full  Mach  number  range. 


7.  CONCLUDING  REMARKS 

The  problem  of  aerodynamic  interference  encountered  with  rear  fuselage  mounted  large 
diameter  nacelles  was  analyzed  by  means  of  the  NLR  panel  method  for  a  free-stream  Mach 
number  of  0.75.  In  the  investigation  a  computational  design  process  was  applied,  subse¬ 
quently  verified  by  windtunnel  tests.  It  can  be  concluded  that! 

.  the  NLR  panel  method  is  an  excellent  tool  for  analyzing  complex  interference  problems 
in  high  subsonic  flow 

.  a  design  was  obtained  in  which  unfavourable  interference  effects  were  avoided 

.  for  a  design  Mach  number  of  0.75  an  integrated  approach  to  the  shaping  of  large 
size  nacelles,  rear  fuselages  and  pylons  showed  the  need  for  moderate  fuselage  body 
contourinc  in  the  nacelle  area 


' rT""’T""Wi nitunric  1  results  must  b«  corrected  for  interference  af foots  oauoad  by  support 
struts  placed  in  the  vicinity  of  tha  nacello-py lon-body  combination. 
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FIGURE  I.  COMPARISON  BETWEEN  PRESENT  CONFIGURATION  AND  F28. 


FIGURE  2.  CALCULATED  PRESSURE  DISTRIBUTION  AROUND  THE  NACELLE  FOR  INITIAL  CONFIGURATION 


FIGURE  3.  CALCULATED  PRESSURE  DISTRIBUTION  ON  THE  STUBWING  FOR  INITIAL  CONFIGURATION. 
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RESUME 


L ' interaction  nacello-jet-voilure  ent  un  phdnninbne  tridimensionnel  complexo  quo 
nous  avuns  abordd,  en  faiaant  deux  hypothbses  gimplificatricea  :  le  fluide  est  incompieasible  et  nnn 
viaquoux.  Avec  ces  hypothbses,  J  'ensemble  propulaiF  eat  moddlisd  par  une  entrde  d'air  aont  on  contrftle 
le  ddbit  et  un  jet  propulaif  dont  on  contrflle  la  preaaion  gdndratrice.  La  mdthode  mlae  au  point  eat  une 
mdthode  de  singularity  qui  utilise  ries  sour-'es  et  dea  doublets  de  density  nonBtanto  et  doa  doubleta  de 
densitd  lindaire  rdpartis  aur  dea  panneaux  plans.  Lea  dquutions  qui  rdqissent  le  problbme  constituent 
un  systbme  nun  lindaire  que  l'or  decompose  en  une  partie  lindaire  et  une  partie  quadratique.  Con  deux 
parties  sont  rdsollies  do  msnibre  iterative  par  In  mdthode  de  Gauss-Seidel  et  la  mdthodo  de  Newton.  Lee 
frontibrea  libres  de  1 'dcoulernent  (jet  et  oillage)  sont  ausal  calculdes  par  un  processus  itdrstif  qui 
est  intdgrd  aux  deux  mdthodea  itdratives  prdoddenten.  Oueli  .as  rdaultata  pratiques  sont  proposes  en 
dcoulernent  bidimenaionnel  et  tridimensionnel.  La  oomparniaon  avec  des  essoin  permet  do  juyer  1'intdrdt 
dos  hypothbses  3impli Ficatrices. 


1.-  INTRODUCTION  - 

L 'apparition  de  la  nouvelle  gdndration  de  moteurs  b  huut  taux  de  dilution  pose  le  problbme  de  1 'in¬ 
tegration  de  1 'avion  et  du  syatbme  propulaif.  SWAM  et  31GALLA1  dtudient  lea  diverges  positions  envi¬ 
sages  pour  lea  rdacteurs  (au-dossoun  et  au-dessus  de  1 'nile,  sur  le  fuselage),  tandis  que  AHMED? 
colcnle  1 'influence  de  lu  position  des  nacelles  sur  la  trains  induite.  De  nombreuBeB  dtudes  ont 
dtd  rdaltsdea  pour  prddire  l'influencr  d'un  jet  sur  une  voilure  prorhe,  avoc  ou  sans  interaction 
entre  le  jet  et  la  voilure. 

PUTNAM?  utilise  une  mdthodo  lindaire  nb  l'alle  est  regrdsentdo  par  un  systbme  tourbillonnaire.  La 
nacelle  n'est  pas  prise  on  compte,  et  l'effet  d'entrainement  du  jet  est  moddlisd  par  une  ligne  de 
sources  dont  lea  intensity  sont  obtenues  grflce  b  Is  mdthodo  do  SQUIRE  et  TROUNCCR^1.  II  suppose  de 
plus  qu'il  n'y  a  pas  d ' interaction  entre  le  Jot  et  la  voilure. 

SPANGLER,  MENDENHALL  t  t  DILLENIUS5  ont  mis  au  point  une  mdthode  utiliaont  nussi  Ubb  syatbmes  tourbil- 
lonnairoa  et  qui  pout  traitor  la  voilure,  les  nacelles  et  lea  mfits  rdacteurs.  Le  jet  est  reprdsantd 
par  un  oylindre  sur  loquel  aont  rdpartis  des  tourbillons  concentriques  junqu'b  l'infini.  La  gdomdtrie 
du  Jet  est  figde,  main  les  intensity  de  singularity  sont  obtenues  par  un  schdine  itdrstif. 

LAN  et  al  (rdf.  6  b  11)  utiliaent  ausai  one  mdthodo  lindorisde  pour  btudier  1 'interaction  jot-voilure. 
Le  Jet  est  reprdnontd  par  une  doublo  couche  tourbillonnaire  qui  permet  de  moddliser  la  diffdrence  de 
preaaion  qdndratrica  et  la  diffdrence  de  Mach  entre  le  jef  nt  1 'dcoulernent  extdriour.  I.  'interoctinn 
entro  le  Jet  et  l'ai.lc  est  culculdo  pour  la  qdomdtrie  et  pour  lea  sinqularitds.  Le  programme  permet 
o.  outre  de  traitor  den  con  oCi  le  jot  touche  la  voilure  (soufflage  extrudes).  Main  cetto  mdthnde  ne 
prond  pas  en  coinpto  l'tnrluence  de  la  nocelle. 

SIIOLLENIIERGERI 2  discretion  ’’alle  et  le  jet  par  un  systbme  tourbillonnaire.  Le  jet  est  roddliad  par 
une  nappe  de  doublets  constants  (dquiva.lents  b  des  tourbillons  lindiques),  qui  permettent  de  reprd- 
senter  la  diffdrence  de  pression  gdndrotrice.  La  gdomdtrie  du  jet  est  obtcnue  par  un  processus  itd- 
rotif . 

GILETTE^?  dtudie  1 ' interaction  entre  la  nacelle,  le  mbt  et  la  voilure  h  l'airle  d'une  mdthode  des  sin¬ 
qularitds  du  premier  ordre  utilisunt  des  sources  et  des  doublets;  Le  ddbit  de  la  nacelle  est  contrAld 
par  une  plaque  de  doublets,  Landis  que  la  aur fare  du  jet  est  reprdsentds  par  un  systbmo  tourbillon- 
noire.  Lu  gdomdtrie  du  jet  est  fixe  et  culculdo  b  priori  pour  une  nacelle  de  rdvolution  par  une 
mdthodo  de  relaxation  trnnasonique. 

SNEL1^  dtudie  l'influonce  d'un  jet  propulaif'  sur  une  voilure  par  une  mdthode  des  sinqularitds  du 
premier  ordre  usaoclde  b  un  programme  de  calcul  d'un  jot  vioqueux  incompressible.  La  mdthode  est 
basde  sur  un  processus  itdratif  entre  les  deux  programmes.  Ln  surface  du  jet  est  alors  reprdsentde 
par  des  panneaux  de  sources  constantes  sur  lesquels  on  spdcifie  un  certain  ddbit.  Les  nacelles  traitdes 
pnr  le  prugramme  doivent  Stre  ferindes  ft  l'nvant. 

L 'interaction  nacelle-jet-voilure  est  on  phbuui.ibue  tree  complexo  .  il  e'sgit  d'une  configuration  tri- 
dimensionnelle  (nucelle-mAt-voi lure)  qui  comprend  b  la  fois  des  zoneB  b  forte  i.omprcgalbilitd 
(ondea  de  choc  dons  le  jet)  et  des  zones  b  forte  interaction  visqueuse  (zone  de  cinnillei.-.ent  entre 
le  jet  et  l'drculement  externe).  Par  uilleurs,  ces  diffdrentes  zones  sont  formdeo  d 'dcoulements  b 
dnergieu  diffdrentes,  ce  qui  contribuo  b  augmenter  les  difficultds  de  mnddl isntion  .  Au  lieu  d'aburder 
le  problbme  dans  toute  so  com(jlexitd,  ce  qui  domnnderait  un  investissement  cnnsiddrnble,  nous  avons 
eBaayd  de  sdparer  les  difficultds  pour  mioux  les  rdsoudro.  Nous  avons  done  fait  les  deux  hyp  itnbses 
simpli ricutricos  aulvantes  ; 

1“  -  l'dcoulement  est  incompressible 

2°  -  le  fluide  est  pnrfott  (aucun  phdnombrie  d ' interaction  visqueuoe). 


L \  i V. iJhVu*  i .1  I'M  . 1 1  g,A iit  .-Jr . i' ■»  I*  f, .--5 fell 


La  premiere  phase  de  l'dtude  a  6td  faite  tn  dcoulement  bidimensionnel .  Cette  premiere  partie  nous 
a  permi.s  de  mettre  au  point  et  de  valider  un  certain  nombre  de  principea  de  calcul,  qui  constit'jent 
la  base  de  la  mdthnde  tridimenalonnelle.  Dans  le  cadre  dea  hypothbaes  precddentea,  noua  nous  propo- 
nons  done  de  calculer  la  gdomdtrie  du  jet  en  presence  de  la  voilure,  et  aon  influence  sur  celle-ci, 
pour  diffdrentea  Energies  du  jet,  et  diffdrentea  valeurs  du  ddbit  de  la  nacelle.  La  configuration 
type  eat  illustrde  sur  la  figure  1. 


2.-  MODELISATION  DE  L 'ENSEMBLE  PR0PUL5IF  - 
2.1  -  Parambtrea  du  ajatbme  - 

Puiaque  le  fluids  ent  incompressible  et  non  viaqueux,  lea  aeula  parambtrea  nont  ceux  qui  ddcoulent 
de  la  moddlisation  do  1 'ensemble  propulaif.  Le3  phdnombnea  complexes  qui  ont  lieu  b  l'intdrieur 
du  rdacteur  no  peuvent  dvidemment  dtre  pria  en  comple  de  fagon  precise.  Du  point  de  vue  de  l'dcou¬ 
lement  extdrieur,  on  peut  conaiddrer  le  moteur  comme  la  combinaiaon  d'une  anted?  d'air  et  d'un 
jet  propulaif.  Le  parambtre  earactdr.istique  d'une  entrde  J'air  eat  aon  coefficient  de  ddbit  £  : 
rapport  du  ddbit  rdel  au  ddbit  que  donnorait  un  dcnulemeei  unifonne  de  viteaae  Voo  .  Un  jet 
propulaif  ae  caractdriae  par  une  dnergie  aupdrieure  b  oelle  de  l'dcoulement  extdrieur,  e'eat  b 
dire  dana  le  caa  de  notre  hyprthbae  de  fluide  incompressible,  par  une  viteaae  aupdrieure.  Or. 

|  la  preaaion  dans  le  jet  b  l'infini  aval  eat  uniforms  et  dgale  b  la  preasion  extdrieure.  Done, 

I  en  fonction  de  la  loi  de  BERNOULLI  (  a  J^L),  fluide  dana  le  jet  posabde  une  preaaion 

gdndratrice  supdrieure  b  cells  du  fluide  externe.  On  impose  done  queloue  part  b  l'intdrieur  de 
la  nacelle  un  saut  de  preaaion  gdndratrice  avec  continuitd  de  le  viteaae  de  fagon  b  assurer  la 
conservation  du  ddbit.  Noua  allons  montrnr  que,  dana  ce  caa,  le  champ  des  viteaaea  ne  ddpend  que 
i  d'un  parambtre  adimenaionnel  6  . 


D'aprba  l'hypothbae  d'incompreaaibilitd,  le  calcul  de  l'dcoulement  ae  rambne  b  la  rdaolution 
de  l'dquation  de  LAPLACE  avec  lea  conditions  aux  limit.es  auivantes  s 

-  viteaaea  normalea  nulles  aur  lea  corps  et  la  aurfBce  du  jet, 

conditions  de  JOUKOWSKI  aur  les  corps,  aoit,  en  fonction  de  la  loi  de  BERNOULLI  ! 


.  sur  l'aile 
.  sur  la  nacelle 


pa  "  Pa  = 

PC  3  Pd  == 


-  conditions  de  gliaaement  aur  la  surface  du  jet 

PE  =  PF  ==>  I 


nvAir  «  iivBii 

ii  Vpii2-  iifcn2  =  f!!  “-pfP.. 
L  u  1/2  e 


,.2  _  Pil  -  PjQ 


On  a'intdreaae  b  dea  dcoulementa  cCj  la  viteaae  d 'entrelnement  Voo  eat  non  nulls.  On  peut  done 
normaliaer  les  viteaaea  (  =1).  Lea  deux  dernibrea  relations  deviennent  : 


I  Vcll2  -  II  V^U2  =  6 


■-  iivFir=  6 


oCj  6  la  forme  d'un  coefficient  de  preaaion  : 

8  =  -PiL^O 

1/2  e  vi 

Pour  une  gdomdtrie  donnde,  et  un  coefficient  de  ddbit  donnb,  le  champ  dea  viteaaea  est  done  fonc¬ 
tion  du  parambtre  6  .  Le  aystbme  posabde  ainai ,  outre  lea  caractdristiques  gdomdtriques  des 

corps,  deux  degrda  de  libertd,  correapondant  aux  deux  variables  inddpendantes  6  et  8  . 


2.2  -  Moddliaation  du  ddbit  variable  - 

Pour  foire  verier  le  ddbit  b  l'intdrieur  de  la  nacelle,  le  programme  bidimensionnel  utilisp  un 
corpa  central  dont  on  modifie  la  section  par  affinitd  b  partir  d'un  corps  de  rdfdrence.  Le 
rapport  d'offinitd  est  calculd  par  un  schdma  itdrotil .  II  est  possible  d'dtendre  ce  principe 
on  tridimensionnel ,  mala  noua  avone  iraaqind  un  modble  plua  simple.  On  salt  que  la  superposition 
d'un  dcoulement  uniforme  de  viteaae  Vo  et  d'un  doublet  de  direction  parallble  et  oppoade  b  Vo 
eat  bquivalent  b  I'dcnulement  autnur  d'un  nercle  en  bidimensionnel,  et  autour  d'une  sphbre  en 
tridimensionnel.  L'dcoulement  au  centre  de  la  nacelle  peut  Stre  considdrd  comme  quaai-uniforme 
et  un  doublet  placd  aur  l'axe  aura  un  effet  de  blocage  aur  i'dcnulement  interne.  En  faiaant 


varier  l'intensitd  de  ce  doublet,  on  pourra  done  contrfller  le  ddbit.  L'irLdrSt  numdrique  d'une 
te.lie  moddliaation  eat  le  auivant  s  le  calcul  du  ddbit  ae  fait  par  intdgration  numdrique  et  on 
obtient  ainai  una  dquation  lindaire  pour  ddtorminer  l'intensitd  du  doublet.  Cette  dquotion  peut 
fitre  intdcjrdo  dans  le  syatbme  qlobai  et  on  calcule  l'intensitd  du  doublet  en  mbme  temps  que 
cells  des  autrea  ainqularitds. 


2.3  -  Modyiiaatlon_du_jet_prcgulsif  - 

Dana  le  caa  d'un  fluide  non  viaqueux,  la  jet  iaou  de  la  nacelle  delimits  dan3  l'espace  deny 
zones  d'dnergies  diffdrentes.  La  surface  du  jet  eat  uno  surface  de  gliaaement,  et  11  n'y  a 
pas  de  mdlange  entre  lei  deux  dcoulements.  Le  jet  se  continue  done  jusqu'd  l'inrini  dano  le 
aeno  de  1 'dcoulement.  Sa  surface  eat  rdgie  pul'  ItJ.'i  deux  liquations  aulvantes  : 

-  une  condition  aur  la  vitesse  normale  Vn  =0  (1) 

-  une  condition  sur  la  continuity  de3  presaiona  :  Pext  -  Pint 

Or  le  fjuide  ent  incompressible,  et  on  peut  utiliser  le  thdorbme  de  BERNOULLI.  Aprfes  normali¬ 
sation  des  vitesses  on  ohtient  1 'expression  du  §  2.1  : 

II  Vint II2  -  llVextll2  =6  (  2  ) 

Pnur  satisfaire  cette  dquation,  on  rdpartit  sur  la  surface  du  jet  des  doublets  normaux  : 

dT(P)  =  uu  (P)  n 


A  la  traverses  d'une  surface  porteuse  de  doublets  normaux,  la  discontinuity  de  vitesse  t.nngen- 
tielle  nn  ddpend  que  deu)(P]^  .  “uisque.  Vn  =  0,  lea  vitesses  tangentielles  d  1  'intdrieur  et 
d  l'extdrieur  du  jet  sont  Vint  et  V$xt  .  On  a  done  s 

Tint  -  Vext  =  GTcTd  ui(P) 

—  x.y 

ob  Gjxjauu(P/  est  le  gradient  de  la  fonction  uo(P)  dans  le  plan  tangent  5  la  surface.  Soit 

Vm  =  ^(Voxt  *Vint )  la  vitenne  moyenne  en  I1.  Les  vitesses  Vext  et  Vint  ont  alorn  les  cnmpnsantea 
suivantes  dans  le  repdre  local  : 

Vm*-  1/2  3u>/3x  Vmx  *1/2  3u>/3x 

Vext  Vmy- 1/2  3uu/3y  vfnt  Vmy  ♦ -,/2  3uu/3y 

0  0 

L'dquatinn  (2)  devient  aloru  s 

2  (  Vm.  liii.  +  Vmv  .aaL  )  =  6  (  3  ) 

3  x  y  3y 


L 'intensity  des  doublets  est  done  ddfinie  par  un  systdme  diffdrentiel  du  premier  ordre.  Rour 
obtenir  la  fonction  uj(P)  ,  il  faut  fixer  la  valeur  de  la  constante  d' integration.  Cette  ini¬ 
tialisation  eat  obtenue  par  la  condition  de  J0UK0W5KI  aur  la  nacelle. 

L 'autre  probldme  de  moddlisation  est  dO  oil  fBit  que  le  jet  so  prolonge  jusqu'd  1  'infill! .  Mais 
on  peut  determiner  la  fonction  uu(P)  lorsque  P  tepd  vers  l'infir^.  En  effet,  d  l'infini  avai, 
l'dcoulement  dans  le  jet  est  uniforme  de  vitesse  Vj  parulldle  d  V^'VosI).  La  condition  de  glis- 
sernent  s'dcrit  done  : 

II  vjl!2  -  II  C II 2  =  6 

soit  : 

(Vj  -VM)  2  Vm  =6 

oCi  Vm  est  la  vitesse  moyenne  d  l'infini.  L'dquation  (3)  se  simplifle  : 

2  Vm  ( -1“ )-«  3  6 

3  x 

*'>0IIC  ‘  3  Vj  -  V<»  =  constante 

9  x 

Done  l;u  .que  P  tend  vers  l'infini,  la  fonction  u>( P)  tend  vers  une  fonction  lindaire  en  x  . 

La  suriece  c  jet  est  done  dyterminde  par  deux  liquations  :  Vn  a  0  (1  ) 

2  (  Vmx  1^-  *  Vtnv  )  =  6  (  3  ) 

'  3«  y  9  y 

Les  deux  liquations  ne  pouvnnt  Atre  rdsolue3  simultamiment,  on  fait  appel  d  un  schdma  iteiratif  : 
la  fonction  cu(P)  est  calculde  d  partir  de  (3)  pour  une  gdomytrie  donn^o  du  jet,  puis  on  mod.i- 
fie  cette  gdorndtrie  pour  satisfa.ire  l'yquation  (1).  On  obtient  ainsi  de  proche  en  procho  une 
gdorndtrie  de  jet  et  une  fonction  ui( P)  qui  sotisfont  le  systdme  d'yquationr;  (1 ,  3). 


3.-  METHODS  DCS  SINGULARITES  UTILISEE  - 

3.1  -  Cdlcul_d^<jcoulenwnt_autour_de_corg3_gortant3  - 

L 'AEROSPATIALE  a  m.ia  au  point  depuis  pluaieurs  anndes  un  programme  de  singularitAs  du 
premiei  ordre  pormettant  de  traiter  daa  configuratic.ia  complexer  telles  que  voilure- 
fucelage-emoeni.age.  Ce  programme  esl  aaaez  voiain  dea  mAthodes  dAveloppAes  au  NLR''6  et 
ehez  et  dArivAea  dea  travaux  de  J.L.  HESS’!  9b  21,  Le  programme  repose  3ur  un  certain 

nombre  de  principea  : 

-  La  gAomAtrie  eat  discrAtisAe  par  dea  panneaux  plans  qui  approximent  localement  la 
surface  dea  corps.  Cca  panneaux  ne  sont  en  gAnAral  pas  jointifs. 

-  Lea  conditions  aux  limitea  sont  nppliquAes  3ur  ces  panneaux  au  centre  de  chaque 
panneau. 

-  Les  singularitAs  correspondant  b  ces  conditions  aux  limites  sont  rAparties  sur  ces 
mAmea  panneaux  i  ce  sont  des  sources  d1 intensity  constante  par  panneau. 

On  obtient  ainsi  un  programme  capable  de  calculer  l'Acouloment  autour  de  corps  non  portants. 

Lea  effet8  portants  sont  reprAsentAs  par  un  sillage  d'Apaisaeur  nulla  sur  lequel  aont  rApartis 
dt's  doublets  normaux  d 'intensity  constante.  Cette  nappe  de  doublets  est  prolongAe  h  1'intArieur 
dea  corps  |  on  obtient  aina.i  sur  le  squelette  un  certain  nombre  de  panneaux  de  doublets  cons¬ 
tants.  L'intenaitd  dea  doublets  varie  du  bold  d'attaque  au  bord  de  fuite,  suivant  une  loi  qui 

dApenri  de  l'Apaisseur  locale  du  corps.  Cette  loi,  fixAe  £»  priori,  part  d'une  valeur  nulle 
au  bord  d'attaque  et  se  raccordo  aux  doublets  de  la  nappe.  La  condition  de  JGUKPWSKI  eat  obtenue 
en  Aorivant  1'AgalitA  dea  preasiona  b  l'extrados  et  b  I'intradoa  du  bord  de  fuite.  Cnmmo  cette 
nappe  de  doublets  reprAaente  un  sillage,  on  l'oquilibre  par  une  mAthode  iterative,  pour  aligner 
le-  tourbillona  issue  du  bord  de  fuite  avec  la  vitesse  locale^. 

3.2  -  Di.scrdti sation  du_jet  E£0[>ulaif  i3SU_de_la_nacelle  - 

Une  nacelle  peut  Atre  cunaidArAe  comme  une  voilure  qui  ae  refeime  sur  elle-mdme.  Le  jet  corres¬ 
pond  done  b  un  sillage  iasu  du  bord  de  fuite  de  la  nacelle.  La  surface  de  ce  jet  peut  Atre 
diacrAtiBde  comme  la  nacelle  par  des  panneaux  pian3.  Plu3  prAciaemment ,  on  considbre  un  certain 

nombre  de  plana  Pi  fixes  et  perpendiculaires  b  l'axe 
K  K  Is.  des  x  .  Lps  panneaux  du  jet  sont  dAfinis  entre  deux 

|pr\  |P2\  |py\  plana  eonsAcutifa.  On  obtient  ainsi  des  panneaux  trapA- 

"  —  zoluaux.  On  rApartit  sui  ces  panneaux  des  doublets 

I  normaux  ou  dopt  1'intensitA  est  donnAe  par  1’  Aquation 

I-  J  ^  2(Vmx3u>/3x  ♦  Vrriy  3uo/3y  )  =  & 

_ - ^ |_a  nolution  la  plus  simple  conaiute  b  rApartir  aur 

chaque  panneau  un  doublet  d'intenaitA  constante.  Lea 
dArivAea  3u>/3x  et  3u)/3y  sont  alors  obtenues  par  dii  - 
fArenco  flnle.  Maia  la  vitesse  Vim  eat  une  vitesse  tangentielle,  et  on  aait  que  l'erreur  numb- 
riquo  aurlecnlcul  d'une  telle  vitesse  augmente  quand  on  se  rapproohe  du  panneau23-24.  On 
utilise  done  une  distribution  de  doublets  normaux  linAaires.  Comme  la  variation  en  y  est  assez 
faible,  1'intensitA  das  doublets  peut  Atre  choisie  constante  en  y  sur  chaque  panneau.  La  diri- 
vAe 3uu/3yest  eulculAe  orr  diffArence  finie.  On  obtient  finalement  des  panneaux  trapAzoIdaux 
our  leoquela  oont  rApartjo  des  doublets  normaux  dont  1'intensitA  varie  lincairement  suivant 
l'axe  porpendiculaire  eux  bases.  Un  rAsultat  important  est  la  possibilitA  de  calculer  exacte- 
ment  J.j  viteaae  tunyentielle  en  un  point  du  panneau. 

Noub  avona  vu  gun  ,l.e  jet.  se  prolongs  jusqu'b  l'infini  oval.  Pour  discrAtiser  cette  partie  du 
jet  on  utilise  le  fait  que  la  fonction  ou  (P)  possdue  una  asymptote  quand  P  tend  vers  l'infini. 

Un  asstn’ilo  la  surface  du  jet  A  un  cylindre  paralldle  b  la  vitesse  d'entrainernent  et  s'appuyant 
our  la  Hernibrii  section  discrAtisAe,  et  on  rApartit  sur  ce  cylindre  des  doublets  normaux  cons¬ 
tants  on  y  et  variant  linAairement  en  x  ,  avec  une  JArivAe  Agaie  b  la  pente  de  l'asymptote. 
lino  telle  rAportition  do  doublets  est  Aquivaier.ln  b  des  tourbillona  constants  7S  distrjbuAs  sur 
chnque  section  droite  du  jet.  Cette  sinqularitA  eat  illuatrAe  sur  la  figure  2  ainai  que  le  champ 
de  viteasos  qu'elle  fournit  :  on  obtient,  b  l'infini,  une  viteaBo  nulle  b  1'extArieur  et  une 
vitesse  constante  b  1'i.ntArieur  du  cylindre,  Agaie  b  Jn  dArivAe  (SiiL)  =  .  Cette  dArivAe 

se  cnlcule  facilement  b  parti  r  de  la  condition  aur  je  jet  :  3x  *° 

II  V^j  II 2  -  II  O2  =  6 


En  suporposant  la  sinqularitA  prAoA  lento  b  la  vitesae  d'entrainernent  on  obtient  : 

t  1  ♦  (  3uu/3x)„)2  -1  =  6  _ 

Vl  Atarit  iosltif,  cette  Aquation  aJmet  une  aeule  solution  :  t  °L0  )  =  -1  ♦  vl*  5 

‘  a  v  ->0 


3.3  -  Oi«e£Atiiiation_do_l^ensemble_nacelle-v_ilure- jet  - 

La  mAt'.rde  que  nous  dAveloppons  ici  n'af.puie  aur  le  programme  existent  dAjb  b  1 ’AEROSPATIALE 
en  y  ii.tAgrant  la  moddlisation  du  jet  propulsif.  Le  choix  dea  singularitAs  utiliaAes  est  done 
le  auivant  i 

-  Sur  la  surface  de  la  voilure  et  de  la  nacelle  on  utilise  des  sources  conatanten  rAparties 
our  des  pavAs  plans. 


-  Pour  satiafaire  la  condition  de  JOOKOWSKI  sur  la  voilure  on  utiliaa  la  mdme  methode 
que  prdcddemment  :  un  sillage  modeiise  par  une  nappe  de  doublets  constants  (equivalents 
A  des  tourbillons)  et  des  panneaux  plans  de  doublets  constants  sur  le  squelette,  la  loi 
donnant  la  vaieur  de  ces  doublets  dtant  function  de  1'dpaisseur  relative  de3  profila, 

-  sur  la  surface  du  jet  on  utilise  des  panneaux  plans  trapdzoldaux  de  doublets  normaux 
lin^aires,  que  l'on  prolongs  A  l'infini  par  une  singularity  particuliAre. 

-  Pour  satiafaire  la  condition  de  J0UK0WSK1  sur  la  nacelle  on  prolonqe  la  discretisation 
du  jet  sur  le  squelette  de  la  nacelle.  On  utilise  done  des  panneaux  trapdzoldaux  sur 
lesquels  sont  rdportis  des  doublets  normaux  lindaires. 

-  Pour  contrfller  le  debit  &  l'intdrieur  de  la  nacelle,  on  place  au  milieu  de  celle-ei  un 
doublet  ponctuel  de  direction  parallble  A  1 'axe  de  la  nacelle. 


4.-  METHODE  DE  RESOLUTION  - 

4.1  -  Conditions_aux_limites  - 

Les  conditions  aux  limites  &G.nt  les  suivantes  : 

-  vitesse  normale  nulle  sur  les  corps  :  V  n  =0 

-  condition  de  J0UK0WSKI  sur  les  corp3  portants  : 

.  sur  l'aile  livlntll2  =  HVftxtll2 

.  sur  la  nacelle  II  Vint  II2  -  II  V  ext  II2  =6 

-  condition  de  glissement  sur  le  sillage  de  la  voilure  :  V  n  =0 

-  condition  de  glissement  sur  le  jet  :  ^  V  H  =0 

-  condition  sur  le  debit  )  2  (  Vrriw  .  +  Vmy  .  }  =  6 

'  3  x  y  3  y 

Les  conditions  de  vitesse  normale  nulle  aui  le  jet  et  le  sillage  do  la  voilure  seror.t  T^olues 
de  maniAre  iterative  ;  noua  nous  intdresserons  done  pour  le  moment  au  3ystAme  forme  par  les 
autres  equations.  Ce  systAme  peut  se  decomposer  en  deux  parties  :  les  equations  correopondant 
l'ecoulement  non  portant,  et  les  Equations  resultant  des  conditions  de  J0UK0WSKI  et  de  la 
modeiisation  de  1 'ensemble  propulsif.  Les  premieres  equations  forment  un  systAme  lineaire, 
tandis  que  la  seconde  partie  est  quadratique. 

Pour  rdsoudre  le  systAme  lindaire,  on  isole  les  inconnues  "sources"  correspondent  aux  Aquations, 
et  an  rAsoud  un  systAme  avec  autant  de  seconds  nombre3  qu'il  y  a  d 'Equations  dans  la  partie 
quadratique.  Cette  resolution  est  faite  par  la  methode  de  GAU5S-SEIDEL  par  bloc.  La  partie  non 
lineaire  du  systAme  d'Aquations  est  rdsolue  par  la  methode  de  NEWTON.  On  initialise  la  methode 
de  NEWTON  de  la  fai,on  auivente  : 

-  Au  lieu  d'Acrire  la  condition  de  J0UK0WSKI  en  Agalant  lea  pressions  extrados  et  intradoa, 
on  Acrit  que  1*  vitesse  normale  est  nulle  en  un  point  situA  &  0,5  K  de  la  corde,  sur  Ib 
plan  bissecteui  Hu  diAdre  de  bojd  tie  fuite.  On  obtient  ainsi  unB  equation  lineaire. 


Pour  initialiaer  los  doublets  du  jet,  on  approxime  la  derivee  sur  les  panneaux  A  la  derives 
sur  la  partie  infinie  du  jet  : 


V  i 


(  )  _  i  duo 

air  '  ~  ax-  - 

La  loi  de  doublet  sur  le  jet  devient  ainsi  lineaire  A  partir  du  bord  de  fuite  de  la  nacelle, 
et  on  obtient  toutes  lea  valeurs  des  ujj  A  partir  de  la  condition  de  J0UK0WSKI  sur  la  nacelle. 


4.2  -  Calcul  de  la  gAometrie  des  frontiAres  libres  - 

Pour  une  geometric  donnAe  du  jet  et  da  la  nappe  de  la  voilure,  on  a  vu  que  l'on  peut  obtenir 
1 'intensity  de  toutes  lea  aingularites .  Or.  est  done  capable  de  calculer  la  vitesse  normale  en 
un  point  quelconquc  de  ree  surfaces.  II  s'agit  Hlors  de  mettre  au  point  un  proceusus  iteratif 
pour  calculor  les  geometries  de  la  nappe  .at  du  jet,  qui  sont  initialiseee  par  des  parallbles 
A  l'axe  dan  x  . 


4.2.1  -  Calcul_ de_la_gegmetrie_du_jet  - 

La  discretisation  du  jet  est  effsetuee  A  partir  de  plans  Pi  perpendiculaires  A  l'axe  des  X. 
Ces  plans  restent  fixes  au  co.urs  tjes  iterations,  et  le  maillage  est  done  diSfini  dAe  que 
l'on  connalt  les  segments  M.JM,  i  et  (voir  figure  ci-dessoue)  : 


Lo«  panneaux  plana  aur  laaquela  aont  rtfpartia  lea  doublet a  lin^aires  aont  obtenua  h 

partir  doa  surfaces  yuuches  .J  cJ  *.1*1  ..i*1  oar  movenne 

Mj  Mw  Mj+.  Mj 


ii  n]  n)*1  ii  ii  m!mh  ♦  II 
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en  conaervsnt  lea  milieux  Aj  et  Aj^  des  segments. 

Le  calcul  iteratif  de  la  geometrie  du  jet  se  ramAne  done  &  l'Aquilibre  des  lignea 

(Mj  MjJ . MnJ)  qui  a'Achappent  du  bord  de  fuite  de  la  nacelle.  On  utilise  pour  cels 

une  methode  analogue  a  cello  de  BUTTER  4  HANCOCK^'.  On  calcule  la  viteaee  au  point  Bj 
et  on  aligne  le  segment  aur  cette  vitesse.  Dana  certains  cas  le  point  Bj  eat 

aur  le  bord  d'un  panneau  de  doublets  linAairea,  et  on  ne  pout  y  calculer  la  vitesse. 

On  fait  done  une  interpolation  entre  lea  viteaaes  calculAea  au  milieu  dea  deux  panneaux 
vuisins.  Le  calcul  de  la  surface  du  jet  ae  fait  alora  tranche  par  tranche  :  on  calcule 
aur  tous  lea  segments  d'une  tranche  lea  viteasosUj  .  j 

On  applique  alora  la  methode  precedents  pour  calculer  gi*1 

lea  points  et  on  obtient  une  nouvelle  section 

de  jet.  La  nouvelle  geometrie  en  aval  eat  un  cylindre  //,'  yf  \ 

a'appuyant  aur  cette  section  et  parallAle  A  l'axe  ///$  /<  / 

dea  *  *  jj.1 /•'  / 

4.2.2  -  Calcul_de_la_gdomdtrie  de_la  nagge  de_la  voilure  -  y'  y' 

La  nappe  de  la  voilure  eat  definie  par  dea  panneaux  y  y 

plans  sur  leaquela  aont  rdpartia  dea  doublets  cona-  \  y 

tents.  Cette  discretisation  eat  equivalente  5  dea  \yf 

tourbi lions  qul  s'echappent  du  bord  de  fuite  et  qui  '  ' 

vont  juaqu'A  l'infini.  Ces  tourbillona  aont  represents  par  des  segments  juaqu'A  une 

certaine  distance  puis  par  dea  demi-droitea  parallAlea  A  la  vitesse  d'entralnement. 

Le  calcul  de  la  geometrie  se  fait  avec  la  mfime  methode  que  prdeedemment ,  tranche  par 
tranche  A  partir  du  bord  de  fuite.  Comme  d'autre  part  il  y  a  interaction  entre  la  nappe 
et  le  jet,  il  faut  tralter  aimultanement  lea  tranches  de  jet  et  de  nappe  qui  aont  face 
A  face. 

4.3  -  integration_d69_differents_groce8SU8  iteratifs  - 

Le  schema  du  programme  de  calcul  eat  reprdaente  aur  la  figure  3.  Le  calcul  dea  singularites  eat 
effectud  A  cheque  Iteration  par  deux  processus  iteratifs  qui  utiliaent  comme  initialisation 
le8  resultats  de  l'iteration  precedents.  Quand  on  a  obtenu  la  solution  du  8ystAme,  on  fait 
converger  le  jet  et  la  nappe-vollure.  Le  test  de  convergence  porte  aur  la  difference  entre  lea 
solutions  de  deux  iterations  successives. 


RE5ULTATS  PRELIMINAIRES  - 

La  methode  qui  vient  d'fitre  presentee  permet  d 'analyser  l'ecoulement  autour  d'une  voilure  at  d'une 
nacelle  loraque  l'on  prend  en  nompte  lea  effets  du  rdacteur,  par  une  entree  d'air  de  debit  variable 
et  par  un  jet  propulaif  d'Ariergie  variable.  Cette  methode  repose  aur  deux  hypotheses  simplificatrlcea  : 
l'ecoulement  eat  incompressible  et  le  fiuide  est  non  viBqueux.  Dans  ce  paragraphs  nous  presenterono 
quelquea  romparaiaons  avec  dss  rdsultats  d'easais  en  soufflerie;  pour  1 'interpretation  de  res  compare!- 
sons,  il  faudra  done  tenir  compte  dea  hypotheses  precedentea.  Void  tout  d'abord  quelques  rdaultats 
obtenua  iora  de  1 'etude  en  eroulemant  bidimensionnel. 


5.1  -  §^gdtat8_en_ecoulement  bidimenaionnel  - 

Lea  principes  de  la  methode  ont  ete  mis  au  point  aur  un  programme  bidimenaionnel.  Ce  programme 
permet  de  traiter  deB  configuriitions  comme  relle  de  la  figure  4,  Cette  planche  montre  1 'influence 
du  paramAtre  6  aur  la  geometiie  du  jet  :  plus  6  eat  eieve,  plus  le  jet  a  d'Anergle,  et  moins 
il  e8t  perturbe  par  la  presence  de  l'aile  et  de  1 'aileron.  La  figure  5  illustre  l'influence  du 
jet  aur  lea  coefficients  de  pression  et  lea  coefficients  aerodynamiquea  de  l'aile.  Le  jet  aug- 
mente  les  Cp  de  l'extradoa  et  diminue  globalement  la  portance  de  l'aile.  Pour  faire  varier  le 
debit  A  l'interieur  de  la  nacelle,  le  programme  bidimensionnel  utilise  un  corps  central  d^it  la 
geometric  eat  calcuiee  par  affinite  A  partir  d'un  profil  de  reference.  La  figure  6  illubtre 
l'influence  du  paramAtre  6  et  du  coefficient  de  debit  aur  l'ecoulement  autour  de  l'aile  et  de 
la  nacelle.  Quand  on  fait  paaser  6  de  la  voleur  0  A  la  valeur  3,  la  geometric  du  jot  varie  et 
le  debit  auqmente  (resaorrement  dea  lignes  de  coursnt  dans  le  jet).  Pour  satisfaire  un  certain 
coefficient  de  debit  (  £  =  1,19),  on  place  un  corps  central  qui  modifie  A  la  foia  l'ecoulement 
A  l'entree  d'air  at  la  geometrie  du  jet. 


5.2  -  M5iiltata_en  (jcoulemont  tridlmennionnel  - 

Le  caa  de  caloul  le  plus  simple  eat  la  configuration  nacelle  de  resolution  isolde.  On  peut  dtudier 
lea  rdsultata  du  programme  nur  une  telle  configuration  en  faiaant  varior  la  preasion  qdndratrice 
et  1' incidence.  Lea  figures  7  et  8  permettent  de  comparer  la  gdomdtrie  du  jet  pour  deux  valeurB 
rlu  parambtre  6  ,  guand  la  nacelle  a  une  incidence  de  10°,  En  ddbit  natural  on  retrouve  l'enrou- 
iement  clasaiquu  d'ur>  sillage,  et  la  formation  d'un  "jet"  dont  la  section  prend  une  forme  de  hari¬ 
cot.  Lorsque  8=5  ,  la  jet  a  beaucoup  plua  d'dnergie,  il  ent  moins  ddvid  que  le  jet  naturel,  et 
1 'enroulement  ent  retardd.  Ce  coinportem  nt  cnracteristique  d'un  jet  en  incidence  a  ddjb  616  men¬ 
tioned  dans  la  littdrature12  A  26. 

La  figure  9  montre  1 'influence  du  parambtre  6  sur  lea  coefficients  de  preasion  de  la  nacelle. 

Le  saut  de  pression  gdndrntrice  se  trnduit  par  une  augmentation  brutale  de  Cp  ri'une  valeur  dqnle 
au  parambtre  6  ;  en  effet  le  champ  des  vitesoe3  63t  continu,  et  les  coefficients  de  pression 
sont  calculbs  b  partir  de  la  pression  atatique  6  l'infini  amont.  Sur  cette  planche  on  remarque 
d'outro  part  une  acceleration  dea  vitesaes  sur  la  lbvre  intdrieure  de  1 'entree  d'air>  et  on  depla¬ 
cement  du  point  d'arrSt  vera  l'oxtdrieur,  ce  qui  correspond  b  une  augmentation  du  debit. 

5.3  -  Comgaraiaon  avec  des  E?|gyltat8_d^erifioio  - 

L'intdrAt  esaentiel  de  cette  mdthorV  oat  1 'analyse  de  l'influenco  du  jet  nur  une  voilure,  et  en 
particulier  sur  le  champ  de  pression  autour  de  la  voilure.  Nous  disprisons  pour  cette  dtude  de 
quelques  rdsultata  d'essais,  qui  n'ont  mslheureusement  pas  dtd  rdali.sds  dans  des  conditions  iden- 
tiques,  puisque  les  nacelles  utiliaden  dtaient  fermdes  b  l'avant.  Ces  rdsultats  tiont  done  b  utili- 
ser  uvec  rf serve,  lea  compsraisons  pnrtsnt  our  l'ordre  de  grandeur  de  1' influence  du  jet  plutflt 
que  sur  sa  valeur  rdelle. 

lb  premibre  configuration  test  eat  cello  de  .la  rdfdrenca  27,  prdsentde  sur  la  f'gure  Id.  II  a'aglt 
d'une  nacelle  aimplifide,  l'objet  principal  de  l'dhude  dtant  1 ' interaction  entre  le  jet  et  la 
voilure.  Cette  voilure  eat  une  voilure  droite  d'a.longement  3.4,  gdndrde  par  un  profil  symdtrique 
NACA  0010.  Leo  essais  mends  avec  cette  maquette  conaistaient  en  une  dtude  paramdtrique,  b  Mach 
faible,  de  1 'influence  du  jot  sur  la  voilure,  les  paramfetres  dtant  la  position  de  la  nacelle,  et 
In  variation  de  vitesne  du  jet.  Nous  nous  sommes  contentds  d 'dtudier  une  Beule  configuration 
qdomdtrique,  en  faiaant  verier  1'dnergic  du  jet.  La  figure  ID  fournit  les  caracldriatiques  gdomd- 
t.riques  correspondant  b  cette  configuration.  Leo  seuleo  mesures  fp.ites  lors  des  essais  concemaient 
la  portance  de  la  voilure.  La  figure  11  permet  de  faire  la  comporaiaon  entre  lea  rdsultat.s  dea 
essais  et  ceux  de  la  mdthade  de  calrul.  Le  programme  mis  au  point  indlque  une  variation  de  por¬ 
tance  qualitativement  dans  le  mdme  sens,  maia  cette  augmentation  de  C?  oat  infdrieure  b  celle 
obtenue  lora  dea  eeaais.  Cette  diffdrence  eat  peut-fitro  due  au  phdnombne  d 'entralnement  du  jet 
non  pris  en  compte  dans  not  re  modblo  thdnrique. 

La  secande  configuration  test  eat  celle  de  la  rdfdrencu  28,  prdaentde  our  la  figure  12.  La  voilure 
e3t  une  aile  sans  flbche  non  vrillde,  avec  une  section  CLARK  Y  da  11,7  %  d'dpaiaseur  relitive 
et  300  mm  de  corde.  Lo  montage  eat  du  type  b  .la  paroi.  La  nacelle  Bat  une  nacelle  ds  rdvoj.ution  j 
elle  eat  fermde  b  l'avant  et  posabde  do  grnndea  dimenBisna  par  rapport  b  la  voilure  (longueur 
770  mm,  diainbtre  de  sortie  200  mm).  Les  essais  ont  dtd  rdalisda  b  faible  Vitesse  et  on  peut 
ndqliqer  les  effets  de  la  compressibility.  Dans  son  dtnt  actuol,  ce  programme  ne  permet  de  traitor 
que  des  maillages  groaaiera.  Le  maillage  utiliud  pour  dtudier  cetto  configuration  eat  illuntrd 
sur  lea  figuroa  14  et  15  !  Is  nacolle  est  ddooupde  en  0  bandes  de  40  pan.ieaux,  la  voilure  en  8 
bandes  de  60  panneaux,  et  le  jet  cotnprend  D  bandes  de  25  panneBUX.  Le  Jd.aupage  sur  la  voilure 
eat  fait  de  rrmnibre  b  ce  quo  les  bandeo  voisines  de  la  nacelle  correspondent  nux  BBctiona  ob  ont 
dtd  faites  les  mesures  de  preasion.  La  nacelle  prioe  en  compte  par  le  programme  eat  ouvortu  b 
l'avant.  Les  conditions  nc  sont  done  pas  tout  b  fait  les  infimes  que  lors  des  essais  j  mala  (Stunt 
donnd  lea  cjrandea  dimenalonn  de  la  nacelle,  on  peut  uonsiddrer  l'influence  de  l'ontrde  d'sir 
comme  ndgligeable  au  niveau  de  la  voilure.  Puisque  Ibb  essais  ne  prennent  pas  on  compte  l'entrde 
d'air,  on  n'impose  pas  de  condition  sur  le  ddbit  dans  la  nacelle.  Pour  cheque  configuration  gdo- 
mdtrique,  deux  eRsais  ont  btd  faits  pour  deux  valours  de  la  vitesoe  d'djection  ! 

.  Ve  =  Vq,  ce  qui  permet  de  calculer  l'influence  de  in  nacelle  sanB  jet  propulsif. 

.  Ve  =  4Vo 

Les  valours  correspondantes  du  parambtre  6  sont  0  ot  15. 

Avant  de  faire  les  comparaiaona  avec  les  essais,  il  est  bon  d'avoir  une  rdfdrence  qui  fournisse 
les  caractdrintiques  du  programme.  Un  calcul  a  done  dtd  Tait  avec  le  voilure  seule.  La  figure  13 
compare  les  rdpartitions  de  portance  obtenues  par  les  essais  et  par  le  calcul .  On  retrouve  la 
surest imation  classique  de  la  portance  obtenue  pBr  les  mdthodes  numdriques  en  fluids  parfait. 

II  fnut  done  a'attendre  b  ia  mSme  diffdrence  pour  les  configurations  avec  nacelle  et  avec  jet. 

Les  essais  rdalisds  au  NLR  portaient  sur  4  configurations  gdomdtriques  diffdrentos  ;  a  Litre  de 
comparaison  noua  n'avona  dtudid  que  deux  cambinaisons  nacelle-voilure,  correspondant  aux  caa  I  et 

III  deR  essais  i  dans  le  cas  I,  la  nacelle  est  nous  la  voilure,  tandis  que  dans  le  caa  III,  la 

nacelle  est  au-dessus  de  l'aile  ;  dans  le3  deux  cas,  l'incidence  est  nulle.  La  figure  14  permet 
d'dtudier  l'influence  du  jet  sur  les  C y  de  la  voilure  dsns  le  cas  III,  quand  la  nacelle  est  au- 
desaus  de  l'aile.  La  variation  de  ne  fait  dans  le  mSme  sens  que  les  essais  mais  elle  est  plua 

faible.  Ce  caa  est  en  fait  trb.s  comparable  aux  essais  du  paragraphe  prdeddert.  n°r  lr  j»rt  est  trba 
proche  de  l'extrados  de  la  voilure.  La  diffdrerce  vlendrait  done  de  1 'effet  d  '.ntrainemant  du  jet. 


La  figure  IS  fournit  la  comparaiaon  entre  lea  repartitions  de  Cz,  dans  le  oae  I.  On  observe  la 
mfime  aureatimation  que  pour  l'aile  aeule  et  la  prdaence  du  jet  induit  une  diminution  de  portance. 
Mala  cette  variation  ast  ldgdrement  plus  faible  que  l'dcart  meaurd  en  souffleris. 

La  comparaiaon  entre  cea  deux  derniferes  planches  appelle  une  remarque  i  la  mdthode  prddit  mieux 
les  variations  de  portance  dana  le  caa  I  que  dans  le  cos  III.  Or,  dana  le  premier  cae,  le  jet 
eat  plus  loin  de  la  voilure  que  dana  le  second  caa  |  l'effet  de  blocage  eat  done  relativement 
important.  La  mdthode  ddveloppde  Juaqu'ici  permet  done  de  prddire  une  partie  de  1 'interaction 
jet-voilure.  L 'estimation  fournie  our  lea  variations  de  portance  locale  eat  meilleurequnnd  le 
jet  n'eet  pea  trop  prda  de  la  voilure. 


.-  CONCLUSION  - 

La  mdthode  qui  vient  d'fltre  prdeentde  permet  d'analyaer  l'dcoulement  autciur  d'une  voilure  et  d'une 
nacelle  lorsque  l'on  prend  en  compte  lea  effeto  du  rdacteur  ddcompoada  en  deux  parties  t  entrde  d'air 
et  jet  propulaif.  L'intdrflt  d'une  telle  mdthode  tient  au  fait  qu'elle  permet  de  traiter  1  'ensemble  commo 
un  tout,  eana  ndeeseiter  le  ddcoupage  entrde  d'air- jet-voilure.  La  suite  de  l'dtude  porters  aur  les 
points  suivante  t 

.  prise  en  compte  de  l'effet  d'entrainement  du  jet, 

.  corrections  de  compressibility, 

.  integration  du  mdt  rdacteur. 
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SUMMARY 

An  economic  and  practical  calculation  method  is  presented.  The  method  has  been  deve¬ 
loped  especially  for  transport  aircraft  wing  design  with  consideration  of  interferences 
such  as  wing-body  or  engine-airframe  interference.  A  so  called  "Hybrid  Method",  consis¬ 
ting  of  a  combination  of  panel  method  and  finite  difference-method,  is  described  as  an 
improvement  of  i  well  proved  Analogy  Method.  The  panel  method  is  of  higher  order  using 
linear  source  and  doublet  distributions.  The  transonic  flow  region  is  removed  from  the 
ontirc  flow  field  and  the  panel  method  is  used  for  calculating  boundary  values  for  the 
subsequent  flnita  difference  method.  The  finite  difference  method  solves  the  full  poten¬ 
tial  equation  in  streamline  coordinate!-. 


LIST  OF  SYMBOLS 

b  -  half  span 

C^  -  lift  coefficient 

0^  -  pressure  coefficient 

Cp*  -  critical  pressure  coefficient 

1  -  chord  length 

M„  -  free  stream  Mach  number 


1 .  INTRODUCTION 

The  significance  of  propulsion  system/airtr ame  interference  flows  was  diversly  assessed 
in  the  past..  The  evaluation  was  uopendant  on  the  aircraft  mission  which  was  consequently 
utilized  for  the  design  concept.  In  the  case  of  V/STOL  technology,  interference  was  a  main 
item  for  research  work,  whereas  in  the  transport  aircraft  technology  this  topic  was  rele¬ 
gated  to  lesser  importance  with  the  exception  of  few  cases  of  singular  configurations  with 
unorthodox  engine  positioning  as  the  VFW  614  aircraft.  However,  it  was  only  after  the 
economic  crises  called  by  fuel  prices  escalation  that  the  interference  problem  gained 
befitting  importance  in  transport  aircraft  technology.  The  aerodynamic  treatment  is  further 
complicated  with  the  introduction  of  shockfree  transonic  wing  technology  and  engine  size 
l rohlems  due  to  bypass  ratio  increase. 

The  principle  of  interference  effects  on  the  wing  flow  and  efficiency  at  high  speeds  is 
outlined  in  FIG  1.  The  nearly  shockfree  flow  of  the  design  case,  which  is  advantaqeous  for 
lift  to  drag  performance,  is  destroyed  and  the  spanwise  lift  distribution  is  affected. 

The  aim  of  applied  aerodynamics  is  to  reinstate  a  favourable  pressure  distribution  design 
concept  after  considering  the  interference  effects.  Furthermore  the  limiting  effects  of 
wing  lofting  on  manufacture,  etc. ,  must  be  considered.  It  is  very  important  to  develop 
and  use  suitable  theoretical  and  experimental  methods  to  solve  these  problems.  For  the 
theory  it  is  very  essential  that  the  expenditure  and  accuracy  of  the  method  used  is  matched 
to  the  development  stage  of  the  programme.  Experimental  research  could  also  make  a  contri¬ 
bution  using  the  simulation  of  the  through  flow  nacelle  instead  of  complicated  TPS  techniques 
(see  (1]  ).  This  applies  also  for  the  theoretical  treatment  of  similar  problems  which  are 
detailed  in  this  paper. 

As  the  object  of  theoretical  research  is  to  render  consistent  assistance  to  design  work, 
it  is  necessary  for  theoretical  methods  to  satisfy  the  following  conditions: 

1.  Applicability  to  the  actual  design 

This  necessary  condition  stipulates  that  the  method  should 
be  adapted  t.o  the  design  philosophy. 

2.  Economic  handling 

The  method  should  be  cost  effective  requiring  a  minimum  of 
computer  and  manpower  costs.  Further,  a  rapid  repetition  of 
the  design  iterations  should  be  possible. 

3.  Practical  handling 

Simplicity  in  input  and  output  and  handling  of  the  method 
should  be  aimed  at.  It  should  be  unnecessary  for  the  designer 
to  understand  the  whole  theory. 


4 .  Modern  state 

Reliable  modern  methods  should  be  applied  but  care  should  be 
taken  as  not  all  of  these  methods  warrant  superior  design. 

It  is  the  designers  task  to  consider  a  range  of  design 
parameters.  After  selecting  a  design  philosophy  and  there¬ 
after,  with  the  correct  application  of  the  right  method 
corresponding  to  the  problem,  he  should  be  capable  of 
interpreting  the  computed  results  in  a  practical  manner 
as  a  part  of  the  engineering  art. 

A  further  important  range  of  application  of  theoretical  methods  is  the  understanding  and 
interpretation  of  experimental  results.  In  FIG  2  experimental  data  at  a  wing  section  very 
close  to  the  pylon/nacelle  station  shows  plausible  differences  between  the  pressure 
distributions  of  the  wing/body  alone  and  the  wing/body/nacelle/pylon  configuration.  The 
nacelle  and  pylon  have  a  distinct  effect  at  the  lower  surface  of  the  wing  and  give 
a  higher  peak  and  stronger  shock  at  the  upper  surface. 

Considering  FIG  3  where  the  same  configuration  has  the  same  angle  of  attack  and  Mach 
number,  the  measured  pressure  distribution  is  farther  from  the  pylon  than  in  FIG  2.  Here 
the  pylon  and  nacelle  have  a  smaller  effect  on  the  lower  surface  of  the  wing  as  expected 
due  to  the  greater  distance,  however  ,  the  upper  surface  of  the  wing  is  more  greatly 
affected  in  the  supercritical  flow  range.  The  influence  of  the  pylon/nacelle  results  in  a 
much  smaller  peak  and  a  much  weaker  shock.  As  this  result  does  not  seem  plausible,  theo¬ 
retical  simulation  c  f  a  similar  wing/pylon/nacelle  configuration  in  the  subsonic  and 
transonic  flow  regime  was  done  to  clarify  this  phenomenon. 

Theoretical  and  experimental  wing/pylon/nacelle  investigations  represent  the  first  step 
in  treating  jet  interferences,  which  shall  be  shown  at  the  end  of  this  report. 


2.  VFW  ANALOGY  METHOD 

A  well  tested  reliable  method  for  designing  supercritical  wings  for  transport  air¬ 
craft  is  the  VFW  Analogy  method  shown  in  FIG  4.  This  method  is  used  to  calculate  the 
transonic  pressure  distribution  over  a  wing  including  wing/body  or  wing/body /engine  inter¬ 
ferences.  The  calculation  steps  begin  with  subsonic  pressure  distributions  taken  from 
experiment  or  3D  panel  calculations.  This  procedure  takes  advantage  of  the  cheaper,  more 
exact  and  easier  handling  of  theoretical  and  test  methods  of  the  subsonic  flow  regime, 
together  with  the  greater  existing  experience  at  hand  compared  to  the  transonic  flow 
regime. 

In  the  second  step  -which  requires  some  experience-  analogous  profiles,  Mach  numbers  and 
angles  of  attack  are  determined  for  the  desired  wing  sections. 

In  the  final  step  the  transonic  pressure  distribution  is  calculated  by  a  2D  Finite 
Difference  Method  after  Bauer/Garabedian/Korn/Jameson  [  2  ]  or  the  VFW  2D  Finite  Difference 
Method  which  includes  the  treatment  of  2D  transonic  interferences  [3,4,5]  .  The  practical 
advantage  of  this  quasi  2D  procedure  for  handling  wing  sections  lies  in  the  short  com¬ 
puting  time  which  enables  many  design  loops  to  be  repeated.  The  importance  for  checking 
the  off-design  characteristics  and  modifying  the  required  section  shape  must  be  emphasized. 
Some  results  with  this  method  for  a  wing/nacelle  configuration  are  shown  in  FIG  5.  The 
comparison  of  two  measured  pressure  distributions  showing  the  influence  of  flow  through 
a  nacelle  on  the  left  compared  with  the  results  calculated  by  the  Analogy  Method  on  the 
right,  The  comparison  of  calculations  with,  tests  show  that  the  Analogy  Method  can  calculate 
the  significant  effects  of  wing/nacelle  interference  even  with  small  interference  effects. 

The  comparison  in  FIG  6  between  tests  and  calculations  do  not  show  the  same  good  agreement 
achieved  in  FIG  5.  It  is  uncertain  whether  this  represents  a  limiting  case  for  the  Analogy 
Method  or  this  coincides  with  the  unexplained  phenomena  in  FIGS  2  and  3,  which  occured 
with  a  greater  nacelle  wing  station  distance  in  FIG  3.  For  the  purpose  of  solving  such 
limiting  cases  end  simultaneously  having  two  comparative  theoretical  methods  at  hand 
the  following  Hybrid  Method  has  been  developed. 

3.  VFW-HYBRID  METHOD 

This  Hybrid  Method  is  similar  to  the  Analogy  Method  but  without  using  analogous  pro¬ 
files,  analogous  Mach  numbers  and  angles  of  attack.  FIG  7  shows  the  similarity  with  the 
Analogy  Method,  The  calculations  begin  with  a  Panel  Method  but  in  contrast  to  the  Analogy 
Method  not  at  subsonic  but  at  the  actual  transonic  Mach  number  using  Goethert's  rule.  The 
Panel  Method  is  of  a  higher  order  using  lir.ear  source  and  doublet  distributions.  A  special 
algorithm  for  solving  the  system  of  1 inear  equations  for  determining  the  singularity 
strenghts  allows  very  short  computing  times.  The  calculation  of  a  supercritical  wing  with 
500  panels  for  example  takes  only  150  seconds  on  IBM  3033. 

In  a  second  step,  boundary  conditions  are  calculated  with  the  Panel  Method  and  in  a  final 
step,  a  Finite  Difference  Method  determines  the  supercritical  flow.  The  procedure  can  be 
explained  on  basis  of  FIG  8.  Only  a  small  region  of  the  supersonic  flow  field  bounded  by 
r  ,  r.  ,  r2  and  r.  is  considered  for  which  streamline  coordinates  are  calculated  with  the 
3D°Pan4l  Method.  This  system  used  is  a  quasi  orthogonal .  In  this  small  region,  tne  full 
transonic  potential  equation  is  solved  by  means  of  Finite  Differences.  The  boundary  con¬ 
ditions  prescribed  on  /"j  ,  and  are  either  the  velocity  potential  (Dirichlet  conditions) 
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or  the  ndrmal  velocity  (Neumann  condition).  The  condition  of  vanishing  normal  velocity 
is  required  for  the  wing  contour  Q  .  All  the  above  boundary  conditions  are  calculated 
by  the  VFW  Panel  Method. 

The  3D  streamline  coordinate  system  of  a  rectangular  wing  is  shown  in  Fin  9.  The  coordi¬ 
nates  were  not  determined  sectionwise  by  2D-methods  but  calculated  together  in  one  step 
by  means  of  the  3D  Panel  Method.  In  the  following  lifting  rectangular  wing  (see  FIG  10) 
good  agreement  is  achieved  between  the  VFW  calculations  and  Bailey'  sTSP-Method.  In 
FIGS  11  and  12  calculations  are  presented  for  a  supercritical  wing  with  rear  loading. 
There  is  a  very  good  agreement  with  experimental  results.! 6] 

For  the  further  reduction  of  the  Hybrid  Method  computer  time  and  achieve  ease  in  hand¬ 
ling,  a  2  D  computing  grid  was  used  sectionwise.  The  grid,  similar  to  the  3D  net,  is  cal¬ 
culated  using  a  2D  Panel  Method  after  [3]  .A  consequent  simplification  is  then  made, 
wherein,  the  3D  Finite  Difference  Method  is  replaced  by  a  2D  method,  applied  section- 
wise  to  the  3D  transonic  full  potential  equation  in  which  all  derivatives  in  the  span- 
wise  direction  are  prescribed  from  panel  calculations.  This  means  that  mathematically, 
a  2D  boundary  value  problem  is  solved. 

The  manner  of  treating  the  transonic  wing  flow  sectionwise  is  similar  to  the  VFW  Analogy 
Method,  however,  in  contrast  to  the  latter,  no  analogous  profiles,  Mach  numbers  and 
angles  of  attack  are  necessary,  consequently  the  application  of  this  special  version  of 
the  vfw  Hybrid  Method  requires  lesser  experience  than  the  Analogy  Method. 

The  second  version  of  the  VFW  Hybrid  Method  is  applied  to  a  wing/nacelle/pylon  configu¬ 
ration,  see  FIG  13.  The  nacelle  wake  is  simulated  with  a  cone  having  non-vanishing  normal 
velocities  found  experimentally.  For  this  case  correct  knowledge  of  the  wakes  contour  is 
less  important  than  that  of  the  normal  velocity  distribution.  The  calculated  pressure 
distributions  of  the  clean  wing  and  the  wing/pylon/nacelle  configuration  are  shown  in 
FIG  14.  Good  agreement  with  the  test  results  of  FIG  2  are  achieved  after  matching  the 
lift  coefficient.  The  calculations  show  stronger  shocks  compared  to  the  tests  which 
could  result  among  others  from  either  the  neglected  boundary  layer  effects  or  the  in¬ 
correct  shock  jump  conditions.  The  normal  shock  included  in  the  present  theory  does  not 
quite  represent  the  swept  wing  condition.  The  further  development  of  the  Hybrid  Method 
thus  promises  a  great  range  of  applications. 


4 .  JET  INTERFERENCE 

Greater  interference  effects  occur  in  wing/nacelle/ jet  configurations.  Many  experi¬ 
mental  and  theoretical  investigations  have  been  done  at  VFW  to  clarify  the  complicate 
pnysical  effects  and  to  evolve  a  mathematical  model  for  prescribing  jet  effects  in  the 
subsonic  flow  regime.  FIG  15  shows  a  Panel  Model  of  the  VFW  614  aircraft.  The  jet  is 
simulated  by  a  cylinder  about  15  diameters  length.  At  the  cylinder  boundary,  normal  velo¬ 
cities  derived  from  a  semi-empirical  theory  [7]  are  prescribed. In  the  next  FIG  16  test 
and  calculated  data  are  compared,  showing  very  good  agreement.  Furthermore  it  can  be 
seen,  that  the  jet  induces  a  higher  lift  for  the  over-wing  nacelle  installation. 

Much  more  complicated  interference  effects  have  been  treated  for  VTOL  aircraft  in  ground 
effect  [7]  ,  see  FIG  17.  Here,  in  addition  to  free  jets,  a  wall  jet  has  also  to  be 
simulated.  The  following  FIG  18  shows  that  the  suck-down  effects  irduced  by  the  free  jets 
and  the  wall  jet  can  also  be  determined. 

These  few  examples  of  jet/airframe  interference  show  the  utility  of  the  described  mathe¬ 
matical  jet  model  for  subsonic  flow.  Further  research  is  necessary  and  improvements  of 
this  model  will  commence  after  completing  the  VFW  TPS  experiments  in  the  transonic  flow 
regime . 

5.  CONCLUSION 

The  methods  presented  in  this  report  are  to  be  seen  as  efficient  design  tools.  Short 
computing  time,  a  minimum  of  man  power  and  a  rapid  repetition  of  the  design  iterations 
are  the  economic  features.  Practical  handling  facilitates  the  design  work.  The  presented 
VFW  Analogy  Method  requires  much  experience  and  engineering  art.  On  the  other  hand  the 
described  VFW  Hybrid  Method  is  very  similar  to  the  Analogy  Method,  but  requires  much 
lesser  experience.  With  both  methods  complicated  interferences  as  wing/body/nacelle/pylon 
interferences  can  be  treated  in  the  transonic  flow  regime. 


REFERENCES 

[l]  B.  Ewald,  R.  Smyth 

The  Role  and  Implementation  of  Different  Nacelle/Engine  Simulation  Concepts  for 
Wind-Tunnel  Testing  in  Research  and  Development  Work  on  Transport  Aircraft. 
AGARD  Symposium  on  Aerodynamics  of  Power  Plant  Installation,  11-14  May  1981. 
Toulouse,  France 


i  .  lit.  ...-  ■  .?  - ...  ... 


,  ,  r  ^ 

■ ''  i ':i:  1 


(U'.n  imp  ^  iuppj.U'  '  i,'»'-" ^  m  yiww i^W-1  tfji.m  ■.««•,«!  wjpwm n^rm^mw'- ’*■■■' ~vv*  •r'-':-.?.v^w^mpp,w-=rf*', -.•- 

12]  K  Bauer,  P.  Gar abed ian,  D.  Korn,  A.  Jamesons 
Supercritical  Wing  Section  II. 

Lecture  Notes  in  Economics  and  Mathematical  Systems,  Vol.  108, 

Springer-Verlag,  Berlin,  Heidelberg,  New  York,  1975 

[3]  K.  D.  Klevenhusen: 

A  Calculation  Method  for  Multielement  Airfoils  in  Subsonic  and  Transonic 
Potential  Plow. 

AIAA-paper  80-0340,  18th  Aerospace  Sciences  Meeting, 

Jan.  14-16,  1980/Pasadena,  California,  USA 

[4]  H.  Rosch,  K.  D.  Klevenhusen 

Flow  Computation  Around  Multi-element  Airfoils  in  Viscous  Transonic  Plow. 

AC-ARD,  Conference  Proceedings  No.  291,  Computation  of  Viscous-Inviscid  Interactions 
29  Sept.-I  Oct.  1980,  Colorado  Springs.  Colorado,  USA 

[5]  H.  Rosch,  K.  D.  Klevenhusen 

Flow  Computation  Around  Multi-element  Airfoils  in  Viscous  Transonic  Flow 
12ch  Congress  of  the  International  Council  of  the  Aeronautical  Sciences  (ICAS) . 
12-17  October  1980,  Munich,  FRG,  (ICAS-80-1 1 . 3) 

[6]  K.  D.  Klevenhusen,  H.  Jakob,  H.  Stuck 

Neue  Recherr  erfahren  zur  sub-  und  transsonischen  Interferenzstrtimung  im  ebenen 
and  raumlichen  Fall. 

ZKP-Ergebnisbericht  Nr.  44,  Nov.  1979, 

LFK  751 1-FlUgelsektion. 

[7]  H.  Struck,  K.  D.  Klevenhusen 

The  prediction  of  Jet  Interference  Effects  by  Means  of  Panel  Methods. 

Euromech  Colloquium  75 
Braunschweig/Rhode,  10-13  May,  1976. 


WING  -  NACELLE  -  INTERFERENCE 


FIG.  1 


COMPARISON  OF  PRESSURE  DISTRIBUTIONS 

or  =  15  .  Ma)  =  075 . 7KP  WING  FIG  11 


COMPARISON  OF  PRESSURE  DISTRIBUTIONS 
ar  =  1  5*.  ^=075,  ZKP  WING 


WING -NACELLE -PYLON  CONFIGURATION 

FANEL  HALF  SPAN  MODEL  FIG.  13 


WING -NACELLE- INTERFERENCE 
CALCULATION  HYBRID  METHOD 
or  =  2°,  Mm  =  0  75 


PREDICTION  OF  SUBSONIC  AIRCRAFT  FLOWS  WITH  JET  EXHAUST  INTERACTIONS 


by 

D.  w.  Roberts 
Specialist  Engineer 
Boeing  Military  Airplane  Company 
Hail  Stop  41-52 
P.O.  Box  3707 

Seattle,  Washington  98124 
U.S.A. 


SUMMARY 

A  numerical  procedure  has  been  developed  to  calculate  the  flow  fields  resulting 
from  the  viscous-inviscid  interactions  that  occur  when  a  strong  jet  exhaust  and 
aircraft  flow  field  coupling  exists.  The  approach  used  in  the  current  procedure  is  to 
divide  the  interaction  region  into  rones  which  are  either  predominantly  viscous  or 
inviscid.  The  flow  in  the  inviscid  zone,  which  surrounds  most  of  the  aircraft,  is 
calculated  using  an  existing  potential  flow  code.  The  viscous  flow  zone,  which 
encompasses  the  Jet  plume,  is  modeled  using  a  parabolized  Navier-Stokes  code.  The  key 
feature  of  the  present  procedure  is  the  coupling  of  the  zonal  solutions  such  that 
sufficient  information  is  transferred  between  the  zones  to  preserve  the  effects  of  the 
interactions.  The  zonal  boundaries  overlap  with  the  boundary  conditions  being  the 
information  link  between  zones.  An  iteration  scheme  iterates  the  coupled  analysis 
until  convergence  has  been  obtained.  The  procedure  has  been  successfully  used  for 
several  test  cases  for  which  the  computed  results  are  presented. 

1.0  INTRODUCTION 

New  varieties  of  military  and  commercial  aircraft  of  interest  use  a  strong 
coupling  between  the  jet  exhaust  flow  a.d  the  overall  airplane  flow  field  to  enhance 
performance.  These  aircraft  range  from  STOL  transports  such  as  the  Boeing  YC-14  and 
the  NASA  QSRA  to  combat  aircraft  with  highly  integrated  nozzles  that  can  be  used  for 
life  enhancement  and  thrust  vectoring.  Development  of  these  aircraft  requires  the 
ability  to  achieve  a  high  performance  for  a  low  development  cost.  The  complex  flow 
interactions  characteristic  of  nozzle  installations  with  strong  flow  field  couplings 
make  the  development  of  such  installations  expensive,  high  risk  undertakings  when 
using  conventional  parametric  test  based  design  approaches.  The  3-D  flow  fields 
associated  with  these  installations  can  include  mixing  layers,  wakes,  separation,  and 
strong  curvature  effects  as  illustrated  in  Fig.  1.  With  little  applicable  experimental 
data  available  and  without  appropriate  analytical  tools,  the  designer  of  such 
installations  is  faced  with  a  formidable  task. 

In  the  traditional  design  approach,  the  designer  relies  heavily  on  parametric 
model  scale  wind  tunnel  test  simulations  of  the  proposed  installation  over  the  range 
of  nozzle  and  flight  conditions  to  be  encountered  by  the  aircraft.  The  available 
aerodynamic  and  propulsion  performance  data  base  is  used  to  aid  in  the  selection  of  a 
configuration.  Analytical  procedures  that  are  used  are  generally  2-D  and,  therefore, 
have  limited  value.  High  quality  model  scale  wind  tunnel  tests  of  complex  nozzle 
installations  have  proven  to  be  expensive  and  extremely  difficult  to  implement.  Often 
the  details  of  the  boundary  layers  and  the  jet  plume  are  not  measured.  This  leads  to 
uncertain  results  which  cannot  be  meaningfully  scaled  when  designing  a  larger  device. 
Hence,  the  test  based  design  approach  is  usually  expensive  while  providing  results  of 
unknown  quality. 

Developments  in  computational  fluid  mechanics  and  computer  technology  offer  the 
potential  for  a  significant  improvement  in  the  design  process.  Numerical  codes  have 
been  developed  to  model  complex  3-D  flows.  When  the  appropriate  analyses  are 
available,  parametric  analysis  can  replace  parametric  wind  tunnel  testing  in  the 
design  process.  This  offers  distinct  advantages  since  the  analytical  approach  allows 
the  designer  to  maintain  precise  control  over  the  flow  and  boundary  conditions.  Full 
scale  installations  can  be  examined  since  physical  size  is  not  a  constraint  for  a 
computer  program.  Furthermore,  all  of  the  flow  variables  can  be  examined  in  detail  to 
obtain  a  better  understanding  of  the  flow.  Wind  tunnel  testing  is  still  necessary  to 
validate  the  analysis  and  for  "fine  tuning"  the  design,  but  the  configuration  test 
matrix  can  be  substantially  reduced  in  size  with  an  equivalent  reduction  in 
development  cost.  As  computers  increase  in  size  and  speed  and  codes  become  more 
efficient,  the  analytical  approach  offers  an  increasingly  practical  and  less  expensive 
alternative  for  the  design  process. 

Analysis  of  the  complex  flow  phenomena  associated  with  the  strongly  coupled 
nozzle  installations  with  a  single  flow  analysis  would  require  a  solution  of  the 
complete  Navier-Stokes  equations.  Even  with  today's  flow  modeling  codes  and 
state-of-the-art  computers,  this  is  not  practical.  Accurate  numerical  solutions ' would 
require  vast  amounts  of  storage  and  days  of  computer  processing  time.  When  the  number 
of  parameters  to  be  varied  in  the  design  process  is  considered,  one  can  imagine  that 
the  computational  costs  would  be  prohibitive  aside  from  the  necessary  technology 
developments . 

The  problem  of  numerically  modeling  these  complex  flow  fields  can  be  examined 
from  another  perspective.  Not  all  of  the  flow  phenomena  of  interest  occur  in  all 


regions  of  the  flow  domain.  One  can  divide  the  flow  domain  into  separate  zones  in 
which  only  certain  phenomena  are  known  to  exist.  The  complete  Navier-Stokes  equations 
can  then  be  simplified  to  model  the  flow  in  each  zone.  Hence,  instead  of  one  solution 
of  the  Navier-Stokes  equations  for  the  full  domain,  one  has  a  set  of  simplified  zonal 
solutions  that  must  be  carefully  coupled  together  to  preserve  the  interzonal 
interactions.  This  reduction  in  the  overall  complexity  of  the  problem  significantly 
decreases  the  computational  costs  and  brings  the  solution  of  the  problem  back  into  the 
realm  of  what  is  practical  to  achieve.  The  zonal  modeling  approach  to  the  solution  of 
fluid  mechanics  problems  has  existed  for  years.  Numerous  examples  of  procedures  for 
successfully  coupling  potential  flow  codes  to  boundary-layer  codes  have  been  presented 
in  the  open  literature.  These  procedures  have  typically  used  a  boundary-layer 
displacement  thickness  to  couple  the  effect  of  the  developing  boundary  layer  to  the 
potential  flow  solution.  Lemmerman  and  Sonnad  (Ref.  1)  have  recently  demonstrated 
that  a  surface  transpiration  approach  is  equivalent  while  offering  a  reduction  in 
computational  costs.  Brune,  Rubbert,  and  Forester  (Ref.  2)  demonstrated  a  more 
sophisticated  zonal  modeling  approach  by  coupling  a  potential  flow  code  to  a  2-D 
Navier-Stokes  code  to  model  the  flow  separation  behind  an  ellipsoid.  The  demonstrated 
success  of  zonal  modeling  for  these  simpler  flows  suggests  that  it  is  a  practical  and 
feasible  approach  for  simulating  complex  3-D  flow  fields. 

The  zonal  modeling  approach  discussed  in  the  following  sections  was  used  to 
develop  an  analytical  procedure  for  predicting  strongly  coupled  jet  exhaust 
interactions  with  the  overall  airplane  flow  field.  In  this  analysis  the  flow  domain 
is  divided  into  inviscid  and  viscous  zones.  The  inviscid  zone  encompasses  the  entire 
aircraft.  The  viscous  zone  is  carved  out  of  the  inviscid  zone  and  surrounds  the  Jet 
exhaust  plume  which  is  dominated  by  viscous  interactions.  One  can  envision  more  zones 
such  as  the  3-D  boundary  layers  on  the  aircraft  surfaces  or  a  separation  zone  on  the 
nacelle  as  depicted  in  Fig.  1,  but  these  are  beyond  the  scope  of  the  present  study. 
In  the  inviscid  zone,  a  3-D  potential  flow  solution  is  computed  by  the  PANAIR  pilot 
code  (Ref.  3).  A  numerical  method  for  the  parabolized  3-D  navier-Stokes  equations 
(Ref.  4)  is  used  to  calculate  the  flow  in  the  viscous  zone.  A  key  feature  of  the 
present  work  is  the  development  of  a  solution  coupling  procedure  and  an  associated 
iteration  scheme  that  result  in  converged  solutions  while  preserving  the  necessary 
flow  of  information  between  the  zones. 

The  present  paper  discusses  the  overall  solution  strategy,  the  component 
analyses,  the  coupling  procedure  and  computed  results.  Several  conclusions  are  drawn 
from  the  work  to-date  and  recommendations  are  made  for  further  development  of  the 
procedure . 

2.0  DISCUSSION  OF  THE  COMPONENT  ANALYSES 
PANAIR  Pilot  Code 

The  PANAIR  pilot  code  (henceforth  called  PANAIR)  is  a  preliminary  version  of  an 
advanced  panel  code  intended  to  solve  a  variety  of  boundary  value  problems  in  steady 
subsonic  or  supersonic  inviscid  flow.  This  code  is  discussed  in  Reference  3.  Just 
the  subsonic  capuoility  will  be  considered  here,  since  the  coupled  analysis  procedure 
is  at  present  limited  to  subsonic  flow. 

The  PANAIR  analysis  is  based  on  the  assumption  that  for  a  wide  range  of  flow 
conditions,  a  potential  flow  solution  will  substantially  describe  the  flow  past  a 
prescribed  configuration.  This  implies  that  the  flow  is  assumed  to  be  inviscid  and 
irrotatlonal . 

The  flow  past  the  configuration  is  considered  to  be  a  small  perturbation  of  a 
uniform  flow  that  exists  far  upstream.  PANAIR  generates  the  potential  flow  solution 
in  terms  of  the  perturbation  velocity  potential,  *,  which  is  used  to  calculate  the 
local  perturbations  in  the  flow  properties.  The  basic  boundary  condition  employed  in 
PANAIR  is  that  the  total  mass  flux  vector  be  parallel  to  solid  surfaces.  Non-solid 
surfaces  can  have  mass  fluxes  normal  to  the  surface. 

The  method  used  in  PANAIR  to  compute  the  potential  flow  is  to  superimpose 
fundamental  solutions  of  the  partial  differential  equation  for  ♦  .  These  fundamental 
solutions  are  sources  and  doublets  whose  locations  are  prescribed  but  whose  strength 
must  be  determined  to  meet  the  prescribed  boundary  conditions.  The  sources  and 
doublets  are  distributed  on  continuous  networks  of  quadrilateral  "panels"  that 
approximate  the  surface  of  the  configuration,  as  well  as  the  vortex  sheets  shed  from 
trailing  edges  and  other  surfaces  such  as  inlet  faces  and  jet  plumes.  Each  panel  is 
divided  into  subpanels  on  which  the  source  and  doublet  strengths  are  approximated  by 
linear  and  quadratic  functions  respectively.  These  functions  contain  the  unknown 
source  and  doublet  strengths  which  are  then  determined  by  the  simultaneous  solution  of 
the  algebraic  system  of  equations.  The  resulting  potential  and  velocity  fields  are 
tnen  determined.  The  pressure  field  can  then  be  calculated,  and  the  forces  and 
moments  on  the  configuration  can  be  computed. 

Paneling 

In  general  a  configuration  is  divided  into  a  system  of  networks  which  are 
composed  of  panels.  The  number  of  networks  depends  on  the  complexity  uf  the 
configuration.  The  number  of  panels  in  a  given  network  will  depend  upon  the  detail 
and  accuracy  desired  from  the  analysis.  To  use  PANAIR  as  part  of  the  coupled 
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analysis,  networks  for  the  surface  of  the  configurctlon  and  Its  wakes  are  supplied. 
Networks  defining  the  Jet  plume  and  its  wake  are  also  required.  Additional  networks 
are  necessary  for  obtaining  the  flow  properties  as.  points  off  the  body.  These  panels 
which  do  not  disturb  the  flow,  are  specified  with  zero  Jumps  in  the  potential  and  the 
normal  component  of  mass  flux. 


Boundary  Conditions 


The  panels  are  covered  with  a  continuous  distribution  of  sources  and  doublets. 
Boundary  conditions  are  imposed  at  selected  "control  points"  on  the  networks  to 
generate  the  necessary  set  of  equations  which  are  solved  for  the  unknown  singularity 
strengths.  Networks  can  have  Just  sources  or  just  doublets  in  which  case  the  boundary 
conditions  for  the  other  singularity  type  are  not  required.  Special  options  exist  for 
the  treatment  of  wakes. 


The  user  determines  the  fix  behavior  by  specifying  the  typns  of  boundary 
conditions  on  each  of  the  netwoiks.  The  most  commonly  used  types  of  boundary 
conditions  are  those  foi  impermeable  surfaces,  which  are  used  on  the  wetted  surfaces 
of  an  aircraft.  For  the  coupled  analysis  the  jet  plume  network  hes  boundary 
conditions  that  allow  the  specification  of  the  perturbation  mass  fluxes  normal  to  the 
panel  surfaces.  Thus,  the  plume  network  is  a  permeable  surface  that  entrains  fluid 
from  the  surrounding  potential  flow. 

Parabolized  Navier-Stokes  Code 


The  parabolized  Navier-Stokes  code  (PNS)  was  develoned  to  calculate  a  particular 
class  of  three-dimensional  compressible  viscous  flows.  The  flows  of  interest  are 
characterized  by  a  predominant  flow  direction  and  by  negligible  Influence  of 

downstream  disturbances  on  the  upstream  flow.  Thus,  the  assumption  is  made  that  the 
propagation  of  perturbations  in  the  upstream  direction  by  convection,  diffusion,  or 
pressure  can  be  neglected  for  this  particular  class  of  'lows.  Cross  stream 

propagation  is  allowed  and  in  fact  can  be  significant.  Flowr,  of  this  type  are 
generally  classified  as  being  "parabolic".  Numerous  internal  and  external  flows 
ranging  from  complex  3-D  duct  flows  to  3-D  jets  mixing  with  a  freestream  are  known  to 
be  parabolic. 


The  time  averaged  Navier-Stokes  equations  with  suitable  closure  for  turbulent 
flows  are  acknowledged  as  being  sufficient  for  analyzing  complex  viscous  flow  fields. 
When  the  parabolic  approximations  are  implemented,  the  resulting  eouations  are 
simplified  for  practical  solution  in  a  design  oriented  computer  program.  The 
Navier-Stokes  equations  are  parabolized  by  neglecting  the  streamwise  diffusion  terms 
and  decoupling  the  streamwise  and  cross  stream  pressure  gradients.  The  streamwise 
pressure  gradient  Is  assumed  to  be  uniform  at  each  cross-sectional  station.  In  the 
PNS  code  a  simple  marching  solution  procedure  was  implemented  which  eliminates 
communication  with  the  downstream  flow  while  solving  the  parabolized  Navier-Stokes 
equations.  Other  features  of  the  PNS  code,  which  are  discussed  in  the  following 
sections,  are  the  use  of  a  general  coordinate  system,  the  transformation  of  the.  flow 
equations,  the  pressure-continuity  relations,  the  turbulence  model,  and  the  solution 
procedure . 

General  Coordinate  System 

Flows  in  geometrically  complex  domains  are  difficult  to  compute  on  standard 
orthogonal  computational  meshes  such  or.  Cartesian  or  cylindrical  coordinate  systems. 
The  difficulties  arise  because  the  mesh  points  do  not  naturally  fall  on  the  boundaries 
of  the  flow  domain  of  interest.  This  results  in  cumbersome  differentiation  and 
interpolation  schemes  at  the  boundaries  that  can  achieve  only  low  levels  of  accuracy. 
For  many  flows  it  is  c.esirable  to  maintain  high  accuracy  at  the  boundaries.  For  this 
reason  significant  effort  in  recent  years  (Refs.  5-8)  has  been  aimed  at  generating 
general  coordinate  systems  that  are  fitted  to  the  boundaries  o'  the  flow  domain.  In 
the  PNS  code  a  curvilinear  mesh  is  formed  in  which  the  bound? -y  mesh  points  always 
fall  on  the  natural  boundaries  of  the  flow  domain  and  the  interior  mesh  points  conform 
to  the  boundary  shaps .  This  allows  the  use  of  standard  differencing  expressions  and 
maintains  high  levels  of  accuracy  at  the  boundaries.  The  boundary-fitted  mesh  is 
particularly  suited  for  coupling  with  a  panel  method  which  also  can  handle  arbitrary 
geometries.  Numerous  methods  exist  for  automatically  generating  the  boundary-fitted 
meshes.  These  methods  offer  varying  degrees  of  complexity  and  capability.  Orthogonal 
meshes  can  be  generated,  but  absolute  orthogonality  has  not  been  demonstrated  to  be 
necessary  or  worth  the  effort,  though  highly  skewed  meshes  are  undesirable. 

Transformed  Flow  liquations 

To  use  the  general  boundary-fitted  computational  mesh,  the  flow  equations  are 
formulated  wcth  r.  ,  n,  and  o  as  the  independent  variables.  Using  standard 
transformation  relations  the  Cartesian  primitive  variable  form  of  the  Navier-Stokes 
equations  is  transformed  to  the  t,  n,  and  a  coordinate  system.  These  equations  are 
parabolized  with  the  o  coordinate  specified  to  be  the  streamwise  or  predominant  flow 
direction.  The  transformed  equations  are  further  simplified  by  requiring  that  the 
cross-sectional  planes  be  parallel  and  perpendicular  to  the  z  coordinate.  This  limits 
the  amount  that  the  mean  centerline  of  the  flow  domain  can  deflect  from  a  straight 
line,  but  any  significant  curvature  would  typically  indicate  a  non-parabcl ic  flow. 
In  5  ,  n,  and  o  coordinates  the  parabolized  steady,  three-dimensional 
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continuity,  momentum  and  energy  equations  are  as  follows: 
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The  appropriate  diffusion  terms,  which  are  too  cumbersome  to  present,  are 
represented  by  the  S  on  the  righthand  side  of  each  equation.  The  Cartesian  velocity 
components  have  been  retained.  The  P0  which  appears  in  Eq .  (id)  represents  the 
constant  streamwise  pressure  gradient  for  a  given  cross-section.  In  addition  to  the 
field  equations,  an  equation  of  state  is  included,  and  a  calorically  perfect  fluid  is 
assumed.  Sutherland's  formula  is  used  to  relate  the  viscosity,  u ,  to  temoerature. 

Pressure-Continuity  Relations 

Although  the  streamwise  and  lateral  pressure  gradients  have  been  decoupled  to 
parabolize  the  flow  equations,  they  are  implicitly  coupled  through  the  continuity 
equation.  The  functional  purpose  of  the  pressure  gradients  is  to  insure  the 
conservation  of  mass  both  globally  and  locally.  Equations  have  been  developed  to 
guarantee  this  effect,  since  mass  conservation_  is  an  essential  requirement  For  an 
accurate  numerical  simulation.  A  relation  for  P0 ,  which  must  be  calculated  for  each 
cross  section,  is  derived  from  the  w-momentum  equation  and  an  integral  definition  for 
the  mass  flow  rate.  Mass  is  globally  conserved  by  adjusting  Pa  and  iterating  the 
w-momentum  equation  until  the  predicted  mass  flow  rate  reaches  a  specified  level  of 
accuracy.  Global  mass  conservation  is  required  before  local  conservation  can  be 
considered . 


F  = 
J  = 


Local  continuity  is  satisfied  indirectly  by  means  of  the  lateral  pressure 
gradients  P?  :nd  P_  .  These  pressure  gradients  are  calculated  such  that  the  u  and 
v  velocity  components  generated  by  Eqs .  (lb)  and  (lc)  will  simultaneously  satisfy  the 
continuity  equation  (la)  everywhere  in  the  computational  domain  to  a  specified 
tolerance.  The  method  used  in  the  P NS  code  is  similar  to  methods  developed  for 
time-dependent  flows  (Refs.  9,10).  A  detailed  discussion  of  the  present  scheme  is 
provided  in  Reference  A. 


Turbulence  Model 


Closure  of  the  set  of  flow  equations  for  turbulent  flows  is  achieved  by  modeling 
the  Reynolds  stresses  that  appear  in  the  time-averaged  Navier-Stokes  equations.  In 
the  PNS  code  these  stresses  are  modeled  by  replacing  the  laminar  viscosity  u  with  a 
turbulent  eddy  viscosity  uT  .  The  eddy  viscosity  is  calculated  from  the  turbulence 
kinetic  energy  k  and  the  turbulence  kinetic  energy  dissipation  rate  c  . 

W  T  =  CyO  k*  /e 


The  values  for  k  and  c  are  calculated  using  two  additional  transport  equations 
(Ref.  11),  which  have  the  same  form  as  Eq.  (le)  with  additional  terms  that  model 
production  and  dissipation. 

Boundary  Conditions 

The  three  velocity  components  u,  v,  and  w  are  set  to  zero  on  impermeable 
surfaces.  An  adiabatic  wall  boundary  condition  is  used  with  the  energy  equation.  To 
minimize  the  mesh  requirements  in  the  lower  regions  of  boundary  layers, 
law-of-the-wall  functions  are  used  to  represent  the  velocity  distribution  near  the 
wall.  These  functions  are  used  to  calculate  th°  wall  shear  stress  and  the  production 
and  dissipation  source  terms  in  the  turbulence  model  equations  for  the  wall  region. 
The  use  of  wall  functions  allows  k  and  c  to  be  accurately  predicted  in  the  vicinity  of 
a  wall . 
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Numerical  Solution  Procedure 


All  of  the  differential  equations  presented  above  have  been  transformed  to 
finite-difference  form  by  standard  second  order  centered  difference  approximations 
for  c  and  n  derivatives  and  by  one-sided  upstream  differences  for  a  derivatives.  An 
iterative  inarching  solution  procedure  was  developed  for  the  PNS  code  to  allow 
converged  numerical  solutions  after  Just  one  pass  through  the  flow  domain.  An  initial 
set  of  data  is  required  at  the  starting  plane.  A  solution  is  obtained  at  each 
successive  cross  section  before  a  step  is  taken  downstream  to  the  next  lateral  plane. 
A  converged  implicit  solution  of  the  nonlinear  flow  equations  at  each  plane  is 
achieved  by  an  iterative  AOI  p/ocedure.  Iteration  is  required  at  each  plane  to  reduce 
the  accunulution  of  truncation  errors  that  can  result  from  linearization.  Typically, 
just  a  few  iterations  are  required  to  achieve  reasonable  accuracy  unless  the  flow  is 
changing  rapidly  in  the  streamwise  direction. 

3.0  COUPLING  PROCEDURE 


The  interactions  between  the  Jet  plume  and  the  surrounding  flow  field  are 
simulated  by  the  coupling  of  the  component  analyses.  It  is  not  sufficient  to  run  each 
cooo  once  in  its  separate  zone.  The  codes  must  interact  in  such  a  manner  that  the 
solution  for  the  entire  flow  field  is  convergent  and  unique  within  the  limits  allowed 
by  the  algebra  incorporated  in  the  codes.  EdCh  code  must  provide  information  to  the 
other  code  that  adequately  describes  the  physical  processes  being  modeled  in  that 
zone.  The  PNS  code,  which  calculates  the  jet  plume  development,  must  provide  PANAIR 
with  the  effects  of  entrainment  at  the  plume  boundary.  PANAIR  must  use  this 
Information  and  the  other  aerodynamic  effects  of  the  aircraft  to  calculate  the 
potential  flow  field  and  in  turn  provide  boundary  conditions  for  the  PNS  code.  The 
procedure  developed  for  coupling  PANAIR  and  the  PNS  cede  is  discussed  in  the  following 
sections . 


Overlapping  Computational  Zones 


The  domain  in  which  the  flow  field  is  to  be  calculated  is  divided  into 
computational  zones  for  the  individual  codes.  The  inviscld  zone  is  oriented  to 
include  all  regions  which  can  be  adequately  modeled  by  the  PANAIR  potential  flow 
solution.  The  viscous  zone  is  positioned  to  surround  the  jet  plume  where  the  viscous 
interactions  are  predicted  by  the  PNS  code.  The  location  of  the  boundaries  for  these 
zones  is  a  significant  aspect  of  the  coupling  procedure. 

Abutting  the  zones  such  that  the  boundaries  are  coincident  does  not  provide  the 
necessary  flow  of  information  for  a  convergent  coupled  analysis.  Since  both  codes  in 
effect  solve  boundary  value  problems,  a  specification  of  boundary  conditiuns  nn 
coincident  boundaries  would  lead  to  unique  solutions  in  each  zone  that  are  functions 
of  those  boundary  conditions,  Unless  a  prior  knowledge  of  the  flow  properties  on  the 
boundaries  was  available,  the  flows  predicted  in  each  zone  would  not  necessarily  bear 
any  resemblance  to  the  physical  flow.  New  information  that  could  be  used  to  update 
boundary  conditions  would  not  be  available  since  the  solutions  are  boundury  condition 
dependent  and  their  boundary  conditions  are  identical.  Iteration  is  useless  without 
new  information.  Hence,  coincident  bcundaries  lead  to  a  coupled  analysis  that  does 
not  allow  the  codes  to  interact  and  exchange  information  and  yields  an  iteration 
procedure  that  will  not  be  reliably  convergent. 

The  proper  coupling  of  these  two  codes  requires  that  the  boundaries  of  the 
computational  zones  not  be  coincident.  Furthermore,  the  boundaries  of  each  zone 
should  be  arranged  such  that  the  boundary  conditions  are  dependent  upon  the  solution 
in  the  neighboring  zone.  This  allows  the  necessary  transfer  of  information  from  one 
zone  to  another.  In  the  present  coupling  procedure,  this  is  accomplished  by 
overlapping  the  zonal  boundaries.  This  is  illustrated  in  Fig.  2  for  the  simple  case 
of  an  axisymmetric  nozzle  exhausting  into  a  co-flowing  freestream.  Note  that  the 
boundaries  of  the  viscous  zone  extend  well  past  the  edge  of  the  jet  plume  and  into  the 
region  that  is  inviscid  flow.  The  inviscld  zone  boundaries  extend  into  the  viscous 
zone  to  a  close  proximity  of  the  plume  edge  where  the  flow  is  still  dominated  by 
inviscio  effects.  The  overlapping  region  is  shared  mutually  by  both  zones. 
Therefore,  the  boundary  conditions  applied  in  the  PANAIR  code  on  the  plume  boundary 
can  be  derived  from  the  flow  properties  calculated  by  the  PNS  code.  Similarly,  the 
boundary  conditions  for  the  viscous  zone  car,  be  obtained  from  the  PANAIR  solution. 
The  overlapping  boundaries  therefore  provide  the  necessary  communication  link  between 
the  two  zones  that  allows  a  simultaneous  coupled  solution  for  the  flow  domain. 

The  solutions  computed  by  PANAIR  and  the  PNS  code  are  consistent  within  their 
numerical  accuracies  for  the  overlapping  region^  If  the  flows  under  consideration  are 
restricted  to  those  that  are  parabolic,  the  P0  term  in  the  Equation  (Id)  will  be 
negligible  for  external  flows.  By  realizing  that  the  flow  in  the  overlapping  region 
is  effectively  Inviscid,  the  flow  equations  reduce  to  the  Euler  equations.  This 
region  is  also  irrotational  since  no  mechanism  is  present  to  generate  vorticity.  In 
the  overlapping  region  the  PNS  code  is  in  effect  solving  the  potential  flow  equation 
which  is  the  fundamental  equation  of  the  PANAIR  analysis.  Therefore,  the  two 
solutions  should  be  consistent  in  this  region.  Due  to  the  numerical  approximations 
incorporated  into  these  two  codes,  exact  consistency  cannot  be  achieved,  but  the 
accuracy  will  be  comparable  to  that  obtained  for  the  complete  coupled  solution.  The 
effect  of  the  size  of  the  overlapping  region  was  not  studied,  but  it  should  be  kept 
reasonably  small,  since  it  would  be  inefficient  to  have  a  large  region  in  which  the 
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flow  is  actually  calculated  twice. 

Boundary  Conditions 

The  specification  of  the  boundary  conditions  on  the  overlapping  boundaries  is 
straightforward.  The  solution  from  the  PNS  code  is  used  to  calculate  the  perturbation 
mass  fiux  through  each  of  the  panels  that  form  the  jet  plume  boundary  network.  This 
is  accomplished  by  averaging  the  predicted  velocity  components  and  density  on  the 
corners  of  each  panel  and  using  the  result  to  calculate  the  component  of  the  mass  flux 
vector  that  is  normal  to  the  panel.  The  array  of  perturbation  mass  i  luxes  is  stored 
for  access  by  the  PANAIR  code • 

The  boundary  conditions  for  the  PNS  code  are  determined  from  the  PANAIR  solution 
in  a  similar  manner.  Special  panel  networks  tha'  do  not  disturb  the  flow  are 

positioned  in  the  inviscid  zone  to  form  the  bounds.  res  for  the  viscous  zone.  The 

predicted  velocities  on  the  panels  are  used  to  generate  the  boundary  conditions  for 

the  PNS  code.  In  the  PNS  code,  these  velocities  are  also  used  to  compute  the  mass 
flux  entering  the  viscous  zone.  The  upstream  boundary  of  the  |jiscous  zone,  Pig.  2, 
forms  the  initial  data  plane  for  the  PNS  code.  On  that  boundary,  the  panel  velocities 
are  used  to  calculate  initial  conditions,  therefore,  that  legion  is  initially 

irrotational . 


Mesh  and  Panel  Generation 


The  generation  of  the  panels  on  the  overlapping  boundaries  is  directly  related  to 
the  generation  of  the  computational  mesh  for  the  PNS  code.  All  other  panels  are 
directly  input  into  PANAIR  through  the  normal  input  procedure.  Various  options  can  be 
used  to  define  the  boundaries  for  the  overlap  region.  Each  of  these  options  affects 
the  method  used  for  generating  the  mesh  and  panels.  To  facilitate  the  discussion  of 
these  options,  consider  the  diagram  in  Fig.  2. 

The  outer  boundary  of  the  overlap  region  (and  of  the  viscous  zone)  is  desi  ited 
to  have  a  computational  mesh  index  of  J=N.  The  inner  boundary  of  the  overlap  .egion 
(the  plume  boundary  for  the  inviscid  zone)  has  the  index  J=JNP.  In  the  PNS  analysis, 
the  JNP  mesh  points  are  computationally  like  all  other  interior  mesh  points  in  the 
viscous  zone.  The  correct  usage  of  the  coupled  analysis  requires  that  the  JNP 
boundary  lies  beyond  the  edge  of  the  viscous  plume  while  not  crossing  the  J=N  boundary. 

The  simplest  option  for  generating  the  N  and  JNP  mesh  points  is  to  specify  the  N 
boundary  points  at  the  initial  plane  and  allow  the  N  boundary  to  expand  with  a 
prescribed  slope  for  downstream  planes.  The  JNP  points  are  specified  at  the  initial 
plane  on  the  edge  of  the  plume  and  projected  downstream  with  a  given  slope  such  that 
the  JNP  boundary  expands.  The  panels  on  the  N  and  JNP  boundaries  are  constructed  by 
using  the  mesh  points  on  these  boundaries  as  the  corner  points  for  the  panels.  The 
initial  plane  panels  are  similarly  generated  from  the  initial  plane  mesh  points.  Only 
simple  plumes  can  be  considered  since  the  plume  trajectory  is  limited  to  a  narrow  path. 


The  complexity  of  the  shapes  of  the  plumes  to  be  calculated  is  enhanced  by 
another  option  in  which  the  N  boundary  mesh  points  are  specified  for  the  initia'  plane 
and  for  all  succeeding  downstream  planes.  The  JNP  points  are  specified  in  a  like 
manner.  The  associated  panels  are  generated  as  discussed  above.  Clearly,  this  option 
requires  that  the  user  have  some  knowledge  of  the  expected  trajectory  of  the  plume. 
This  information  is  often  available  when  the  ai alysis  is  being  used  to  parametrically 
examine  a  case  for  which  some  experimental  data  exists  for  similar  flows.  Care  must 
be  used  in  specifiylng  the  JNP  boundary  to  guarantee  it  surrounds  the  jet  plume. 

Another  option  was  developed  for  the  coupled  analysis  to  automatically  track  the 
Jet  plume.  At  the  initial  plane  the  JNP  boundary  points  are  specified.  The  N 
boundary  points  are  computed  based  on  the  JNP  points  and  the  number  of  mesh  points  one 
desires  to  have  between  JNP  and  N.  At  each  of  the  downstream  planes  the  JNP  points 
are  positioned  using  the  vorticity  iri  the  most  recent  plane  to  locate  the  plume  edge. 
This  procedure  involves  calculating  the  vorticity  at  all  points  and  determining  where 
the  vorticity  approaches  zero,  which  indicates  the  edge  of  the  plume.  This  data  is 
used  to  project  the  JNP  points  downstream  to  positions  that  will  be  outside  of  the 
plume.  The  maximum  change  in  position  can  be  controlled  by  specifying  a  maximum  slope 
from  upstream  to  downstream.  The  N  boundary  points  are  then  calculated  as  before,  arid 
the  panels  are  generated.  This  approach  to  generating  the  mesh  allows  the  boundaries 
of  the  viscous  zone  to  move  and  distort  with  the  plume.  The  viscous  zone  can  then  be 
compact  and  computationally  efficient. 

Iteration  Procedure 

One  iteration  of  the  solutions  in  the  inviscid  and  viscous  zones  will  generally 
not  be  sufficient  to  yield  a  converged  solution  for  the  total  flow  domain.  The 
essential  information  transfer  between  the  two  zones  is  accomplished  by  repetitively 
updating  the  boundary  conditions  and  generating  new  solutions  for  each  zone.  An 
Iteration  procedure  was  developed  for  the  coupled  analyses  to  automatically  perform 
the  necessary  data  manipulations  and  transfers  without  requiring  interruptions  by  the 
user . 

To  start  the  iteration  process,  an  initialization  of  the  boundary  conditions  on 
the  overlapping  bounoary  of  one  of  the  zones  is  required.  This  is  done  by  making  an 
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"educated"  guess  as  to  what  the  boundary  values  should  be.  The  better  the  guess  the 
fewer  the  number  of  iterations  to  reach  convergence.  The  zone  in  which  one  chooses  to 
initiate  the  iteration  is  not  important,  unless  auxiliary  information  is  available  to 
yield  a  better  estimate  of  the  boundary  conditions  in  one  of  the  zones.  If  the 
viscous  zone  is  the  starting  point,  the  velocity  components  on  the  initial  plane  and 
the  outer  boundaries  must  be  provided.  me  freestream  velocity  components  are  often 
adequate  for  this  initialization  purpose.  By  starting  with  the  inviscid  zone,  one  is 
faced  with  the  task  of  estimating  the  perturbation  mass  fluxes  on  the  plume  panel 
network,  first  the  overlapping  boundary  networks  must  be  constructed  by  executing  the 
panel  generation  portion  of  the  PNS  code.  Unless  knowledge  of  the  jet  entrainment  is 
available,  the  initial  plume  boundary  fluxes  can  only  be  guessed.  Using  o  constant 
flux  is  sufficient  to  start  the  iteration  procedure. 

As  a  demonstration  of  the  iteration  procedure,  assume  that  the  solution  is 
started  in  the  inviscid  zone  and  refer  to  Fig.  3.  The  overlapping  boundary  panels  are 
generated  in  the  PNS  code  and  the  perturbation  mass  fluxes  on  the  plume  panel  network 
are  initialized.  PANAIR  is  then  executed  in  the  inviscid  zone.  This  potential  flow 
solution  is  used  to  calculate  the  boundary  conditions  for  the  viscous  zone.  The  next 
step  is  the  execution  of  the  PNS  code  in  the  viscous  zone.  This  will  include  the 
generation  of  new  overlapping  boundaries  if  the  plume  tracking  capability  is 
utilized.  New  values  for  the  boundary  conditions  on  the  plume  panel  network  are 
computed  from  the  viscous  zone  solution.  At  this  point  these  new  boundary  values  can 
be  compared  with  the  old  values.  If  a  prescribed  level  of  convergence  is  achievea, 
the  iteration  procedure  can  be  terminated.  Otherwise,  the  iteration  loop  will 
continue  for  a  given  number  of  iterations.  The  alternative  of  starting  the  solution 
in  the  viscous  zone  has  the  same  iteration  loop  with  the  exception  that  the  starting 
point  would  be  the  fourth  step  in  Fig.  3  in  which  an  initialization  of  the  viscous 
zone  boundary  conditions  is  made. 

4.0  VALIDATION  CASES 

To  demonstrate  and  validate  the  usefulness  of  the  coupled  PNS  and  PANAIR  codes, 
several  test  cases  were  set  up  and  run.  The  main  purpose  of  these  tests  was  to 
demonstrate  the  coupling  procedure  and  show  that  converged  solutions  can  be  achieved. 
In  addition  information  about  the  behavior  of  the  coupling  procedure  as  the  solutions 
iterate  in  the  different  zones  could  be  obtained  and  used  to  understand  and  improve 
the  existing  procedure.  While  the  accuracy  of  the  overall  solution  depends  on  the 
accuracy  obtainable  by  each  code,  the  accuracy  of  the  coupled  codes  can  be  validated 
to  some  level  of  satisfaction  by  comparing  the  computed  solutions  with  existing 
experimental  data  when  possible.  The  following  cases  provide  a  variety  of  the 
applications  of  the  coupled  analysis. 

Axisymmetric  Jet  in  a  Freestream 

The  first  test  case,  a  subsonic  axisymmetric  Jet  in  a  freestream,  was  used 
primarily  as  an  aid  in  the  development  of  the  coupling  procedure.  The  simplicity  of 
this  case,  see  Fig.  2,  was  desirable  since  the  effects  of  the  coupling  procedure  and 
the  overlapping  boundary  condition  could  be  readily  isolated.  In  addition,  some 
experimental  data  and  previous  computational  work  were  available  for  comparison.  To 
minimize  the  computational  costs,  the  symmetry  of  the  case  was  used  to  limit  the 
solution  domain  to  half  of  the  jet.  In  addition  Just  five  mesh  points  were  used  on 
the  circumference  of  the  Jet,  while  21  points  were  used  radially.  In  the  overlapping 
region  seven  mesh  cells  were  used  to  separate  the  inner  inviscid  zone  boundary  from 
the  outer  viscous  zone  boundary.  The  plume  tracking  option  was  used  to  locate  the 
plume  edge  by  monitoring  the  vorticity.  This  guarantees  that  the  number  cf  mesh  cells 
in  the  jet  plume  will  be  the  same  at  all  stations  since  the  mnsh  expands  at  the  same 
rate  as  the  plume.  It  also  ensures  that  the  panels  generateu  for  the  plume  network 
will  be  outside  of  the  plume  where  the  strong  viscous  effects  dominate. 

The  freestream  for  this  case  had  a  Mach  number  of  0.2.  The  ratio  of  the 
freestream  velocity  to  the  jet  core  velocity  was  0.46.  In  the  Jet,  the  initial 
velocity  was  given  a  constant  value  which  gave  the  initial  velocity  profile  in  the 
viscous  zone  a  top  hat  distribution.  Th„  turbulence  quantities  were  initialized  with 
values  that  were  empirically  determined  for  developing  free  shear  layers.  A  constant 
total  temperature  was  used  in  the  jet  and  freestream.  The  initial  marching  step 
size,  4Z,  for  the  PNS  code  was  equal  to  0.25  of  the  initial  jet  radius.  The  step  size 
was  then  gradually  increased  to  a  maximum  of  1.25  initial  Jet  diameters  for  one  run 
and  2.5  diameters  for  another  to  examine  the  effect  of  step  size.  The  coupled 
analysis  iteration  was  started  in  the  inviscid  zone. 

Experimental  data  for  the  axisymmetric  Jet  is  available  for  the  decay  of  the  jet 
centerline  velocity  and  the  spreading  rate  of  the  jet.  Rodi  (Ref.  13)  has  also 
computed  axisymmetric  jets  using  a  turbulence  model  like  that  incorporated  in  the  PNS 
code . 

The  results  computed  for  this  case  using  the  coupled  PANAIR/PNS  analysis  are 
presented  in  Figs.  4  and  5.  The  centerline  velocity  decay  is  under  predicted ,  Fig.  4, 
when  compared  with  the  experimental  data.  However,  the  present  calculations  are 
similar  to  Hodi's.  Rodi  concluded  that  the  two-equation  turbulence  model  was  adequate 
for  calculating  the  axisymmetric  jet  when  the  velocity  ratio  was  large.  However,  he 
also  found  that  the  accuracy  of  the  calculations  is  sensitive  to  initial  conditions, 
mesh  density,  and  step  size.  The  sensitivity  to  aZ  is  confirmed  by  the  present 
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results.  Since  the  initial  conditions  were  not  available,  this  effect  could  not  be 
confirmed . 

Of  greater  importance  was  the  information  about  the  coupling  procedure  that  was 
obtained  from  this  test  case.  The  plume  tracking  option  is  very  effective  in 
minimizing  the  required  amount  of  computational  mesh  in  placing  the  mesh  and  panels  in 
the  proper  locations.  However,  since  the  final  plume  boundary  is  not  known  until  the 
coupled  solution  converges,  the  plume  tracker,  which  calculates  the  new  boundary  as 
the  solution  is  marched  through  the  viscous  zone,  moves  the  boundary  with  each 
iteration  of  the  PNS  code.  In  effect  the  overlapping  boundary  locations  converge  as 
the  flow  solution  converges.  This  has  a  detrimental  effect  which  tends  to  reduce  the 
overall  convergence  rate.  The  boundary  conditions  for  the  viscous  zone  are  calculated 
at  the  previous  boundary  positions,  whereas,  they  are  used  in  the  PNS  code  with  the 
new  boundaries.  The  movement  of  the  boundaries  has  an  associated  area  change  and 
normal  velocity  error  which  lead  to  an  error  in  the  mass  flux  into  the  viscous  zone. 
It  is  this  small  error  in  entrainment  that  tends  to  slow  down  convergence.  This 
effect  is  demonstrated  in  Fig.  6  which  shows  the  convergence  histories  for  the 
boundary  conditions  at  several  locations  along  the  developing  jet.  At  the  upstream 
locations  the  convergence  rate  is  substantially  greater  than  at  the  downstream 
locations.  When  the  plume  tracking  option  was  activated,  a  maximum  allowable  slope 
change  was  specified.  In  the  initial  region  this  maximum  slope  was  achieved  for 
several  steps  during  each  iteration  through  the  viscous  zone.  Hence,  the  boundary  did 
not  move  with  iteration  or  affect  the  local  convergence  rate.  Farther  downstream  the 
maximum  slope  was  not  achieved,  the  boundary  moved  during  each  iteration,  and  the 
convergence  rate  was  reduced.  Convergence  of  the  position  of  the  viscous  zone  outer 
boundary  is  not  necessary  for  convergence  of  the  flow  solution.  To  reduce  this 
detrimental  effect,  the  standard  plume  tracking  option  could  be  modified  to  move  this 
boundary  for  only  a  couple  of  iterations  until  a  rough  position  for  the  plume  is 
found.  Then  the  outer  boundary  should  be  frozen  to  allow  a  more  rapid  convergence  of 
the  flow  solution. 

A  related  point  n '  _interest  is  the  effect  of  convergence  on  the  streamwise 
pressure  gradient  teem  P0  .  As  discussed  in  the  section  on  Pressure-Continuity 
Relations,  P0  is  adjusted  to  satisfy  overall  continuity.  For  the  axisymmetric  jet, 
P0  should  be  zero  at  all  stations.  However,  initial  errors  in  the  byu  idary 
conditions  lead  to  an  Inconsistent  mass  flow  rate  which  _results  in  a  nonzero  P„ .  As 
the  solution  converges  these  errors  diminish  and  P0  approaches  zero  at  all 
streamwise  stations. 

Axisymmetric  Jet  Over  an  Airfoil 

The  main  purpose  for  developing  the  present  coupled  analysis  was  to  provide  an 
analytical  method  for  predicting  the  effect  of  the  jet  plume  on  the  aerodynamics  of  a 
given  aircraft  configuration.  To  test  the  coupled  analysis  for  the  interaction 
problem,  n  test  case  was  set  up  for  an  axisymmetric  jet  positioned  over  an  airfoil  of 
constant  cross  section.  This  case  provides  a  degree  of  flexibility  since  the  jet 
position  can  be  varied  to  determine  whether  the  analysis  predicts  the  expected  trends. 

A  schematic  diagram  for  this  test  case  is  depicted  in  Fig.  7.  The  axisymmetric 
nozzle  of  diameter,  Dn,  is  positioned  a  height,  h,  above  the  airfoil.  The  ieadina 
edge  of  the  airfoil  and  the  nozzle  exit  plane  coincide.  The  half  span  of  the  airfoil 
was  2.5Dn.  The  initial  conditions  for  the  jet  and  the  freestream  conditions  were 
identical  to  those  discussed  above  for  the  isolated  axisymmetric  Jet.  The  natural 
symmetry  plane  was  used  t)  simplify  this  problem.  The  plume  tracking  option  was  also 
used  for  this  case,  A  fairly  coarse  computational  mesh  and  panel  network 
representation  was  used  to  conserve  computer  costs  since  only  trends  were  to  be 
predicted  and  no  experimental  data  was  available. 

The  coupled  procedure  was  started  in  the  inviscid  zone  with  a  PANAIR  solution  and 
then  iterated.  This  case  was  run  with  the  nozzle  at  three  different  heights  above  the 
airfoil . 

The  basic  result  obtained  from  this  study  was  the  net  lift  on  the  airfoil.  The 
airfoil  drag  was  not  considered  since  the  boundary  layers  were  not  part  of  this 
investigation  and  the  jet  was  not  allowed  t.o  scrub  the  wing.  Fig.  8  presents  a  plcu 
of  the  airfoil  lift  versus  the  height  of  the  nozzle.  The  lift  has  been  normalized  by 
the  lift  of  the  airfoil  without  a  jet  present,  and  the  nozzle  height  is  normalized  by 
the  nozzle  diameter.  One  can  observe  that  the  increase  in  lift  is  greatest  when  the 
nozzle  is  closest  to  the  airfoil  and  the  interaction  is  the  strongest.  The 
entrainment  of  the  jet  inerrases  the  circulation  about  the  airfoil  which  enhances 
lift.  Fig.  8  can  only  be  used  to  observe  trer^r  since  the  actual  increment  in  lift 
will  be  a  function  of  the  length  of  the  airfoi  among  other  things.  However,  the 
trends  predicted  by  the  coupled  analysis  agree  with  what  is  found  experimentally. 
This  offers  encouragement  for  the  use  of  this  analysis  in  design. 

The  effect  of  the  interaction  of  the  Jet  with  the  airfoil  aerodynamics  on  the 
convergence  of  the  overall  flow  solution  was  substantial.  The  convergence  history  for 
the  boundary  conditions  on  the  plume  network  panels  closest  to  the  airfoil  surface  is 
presented  in  Fig,  9.  With  h/D  =0.9  the  perturbation  mass  fluxes  approach  their  final 
values  smoothly  and  quickly  in  Just  three  iterations.  The  convergence  behavior  was 
substantially  different  with  h/D  =0.775.  The  rate  of  convergence  was  still 
reasonable,  but  four  iterations  were  necessary,  and  it  appears  that  one  more  iteration 
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may  have  been  warranted.  Part  of  this  slowdown  might  be  attributed  to  the  movement  of 
the  Jet  plume  boundaries  since  the  plume  actually  was  deflected  upwards  and  then 
downwards  as  it  progressed  over  the  airfoil.  The  stronger  interaction  at  the  lower 
height  also  affects  convergence  since  the  plume  has  a  greater  influence  on  the  PANAIR 
solution  for  the  airfoil  which  in  turn  has  a  large  influence  on  the  PNS  solution  for 
the  plume.  In  general  large  perturbations  reduce  the  rate  of  convergence. 


USB  Nozzle/Wing 

A  case  of  practical  interest  is  that  of  a  rectangular  nozzle  blowing  over  the 

upper  surface  of  a  wing,  see  Fig.  lo.  This  upper  surface  blowing  (USB)  type  of  nozzle 

has  been  successfully  used  in  recent  years  on  such  aircraft  as  the  Boeing  YC-14  and 

the  NASA  QSRA.  In  the  present  case  the  computed  results  are  compared  with  the 

experimental  investigation  discussed  in  Reference  14. 


The  PNS  code  was  modified  to  predict  this  case  by  making  use  of  the  natural 
symmetry  of  the  problem.  As  shown  in  Fig.  10  the  nozzle  exit  plane  is  positioned 
approximately  0.32  of  the  wing  chord,  C,  frcm  the  leading  edge.  The  nozzle  half 
width,  Rn ,  is  .2lC.  The  half  span  of  the  wing  is  6.4  Rn .  Since  the  coordinates 
for  the  wing  cross  section  were  not  available,  they  were  estimated  from  a  diagram  in 
Reference  14.  The  angle  of  attack  of  the  wing  was  set  to  zero;  however,  for  the 
experimental  data  the  wing  had  an  angle  of  attack  which  is  not  known.  Therefore, 
direct  quantitative  comparisons  with  the  data  will  not  be  attempted. 


The  flow  properties  were  set  up  to  simulate  one  of  the  experimental  test 

conditions  as  closely  as  possible.  The  freestream  Mach  number  was  M  =0.6.  The 

freestream  tcial  pressure  and  total  temperature  were  67000  N/m?  and  289°K.  The 

velocity  profile  at  the  nozzle  exit  plane  was  estimated  from  the  experimental  total 

pressure  surveys.  The  average  total  pressure  in  the  nozzle  was  greater  than  the 
freestream.  Part  of  the  nozzle  flow  was  supersonic  which  is  beyond  the  capability  cf 
the  present  PNS  code,  however,  most  of  the  viscous  zone  was  subsonic  which  allowed  the 
PNS  code  to  successfully  generate  a  solution.  The  boundaries  of  the  inviscid  and 
viscous  zones  were  fixed  since  the  plume  tracking  option  was  not  designed  to  work  on  a 
solid  surface.  The  computational  mesh  in  the  viscous  zone  was  rather  coarse,  to 
minimize  computer  costs  in  the  development  phase  of  this  procedure,  and  provides  only 
qualitative  results. 


The  principle  result  from  this  test  case  is  the  effect  of  the  nozzle  on  the 
pressure  distribution  on  the  upper  surface  of  the  wing.  Since  the  wing  was  analyzed 
at  zero  angle  of  attack  and  the  wing  cross  section  was  just  an  estimate,  the 
calculated  pressure  distribution  did  not  agree  well  with  the  experimental  data,  and  a 
comparison  would  be  of  no  value.  The  predicted  trends  on  the  other  hand  were 
identical  to  those  found  experimentally.  Figure  11  provides  the  calculated  chordwise 
pressure  distribution  at  a  position  Y=1.8  Rn  from  the  nozzle  centerline  (PANAIR 
coordinates  are  used).  The  distribution  for  the  wing  alone  and  the  wing/nozzle  with 
jet  thrust  are  shown.  It  is  observed  that  with  jet  thrust  the  pressure  drops  below 
the  wing  alone  curve  at  approximately  X/C=0.2  and  rises  above  it  at  X/C=0.6.  Hence, 
the  effect  of  the  jet  plume  is  to  reduce  the  lift  of  the  wing  at  this  spanwise 
position  between  X/C  of  0.2  and  0.6  and  increase  the  lift  beyond  X/C  of  0.6.  This 
trend  is  exhibited  in  the  experimental  data  even  to  the  points  at  which  the  curves 
cross  (Fig.  16  in  Reference  14).  This  favorable  comparison  offers  encouragement  for 
the  potential  of  the  coupled  analysis.  Since  part  of  the  nozzle  flow  is  supersonic, 
the  pressure  distribution  along  the  nozzle  centerline  at  Y/Rn=0  cannot  be  accurately 
calculated.  By  mjdifying  the  method  for  calculating  pressure  in  the  PNS  rode,  these 
supersonic  regions  could  be  predicted.  In  addition  this  case  should  be  run  again  with 
denser  computational  meshes  and  panel  networks  to  assess  the  effects  of  truncation 
errors.  The  computations  for  this  case  were  run  on  a  Cyber  7600  computer.  With  450 
panels  for  the  PANAIR  solutions  and  approximately  400  total  mesh  points  for  the  PNS 
solutions,  the  cost  was  155  seconds  per  iteration  of  the  coupled  analysis.  Over 
ninety  percent  of  the  time  was  spent  on  the  PANAIR  computations. 


5.0  CONCLUSIONS 
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The  most  significant  conclusion  of  the  work  discussed  in  this  paper  is  that  a 
cessful  procedure  has  been  developed  for  coupling  PANAIR  and  parabolized 
ier-Stokes  solutions  to  allow  numerical  s' mutations  of  the  strong  interactions 
uciween  jet  plumes  and  the  overall  aerodyamics  of  aircraft  configurations. 
Overlapping  inviscid  and  viscous  computational  zones  provide  the  means  for  information 
transfer  between  the  solutions.  The  iterative  coupling  procedure  is  aotumated  and 
yields  convergent  solutions.  The  results  of  the  predicted  test  cases  indicate  that 
the  coupled  analysis  is  providing  the  correct  trends. 

Both  of  the  component  analyses  are  limited  as  to  the  types  of  flows  that  can  be 
simulated.  The  present  coupling  procedure  can  be  extended  by  modifying  the  existing 
analyses  and  adding  new  analyses.  The  complexity  of  the  flows  to  be  predicted  will 
determine  the  zonal  solution  strategy  and  thus  which  extensions  are  necessary  to  the 
present  procedure.  The  technology  developed  for  the  present  procedure  will  be 
directly  applicable  to  future  work. 

Detailed  experimental  data  for  30  flows  with  a  strong  coupling  between  the  jet 
and  the  flow  over  an  aerodynamic  geometry  is  non-existent.  This  data  is  necessary  if 
a  detailed  evaluation  of  the  procedure  reported  here  is  to  be  made. 
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Flgor*  1.  Fluid  Flow  Problems  of  Propulsion  Powered  Lift 
Installations 


3§S3  wVltOOfOM 

’CT\  yiaoou*  jo*rt 
[ggj  ovMiMaioic* 


Figura  2.  Overlapping  Zonal  Boundaries 


Figure  7.  Axitymmetric  Nozzle  Over  en  Airfoil 
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Figure  8.  Effect  of  Nozzle  Height  on  Airfoil  Lift 
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Figure  10.  US8  Nozzle  and  Wing 
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ABSTRACT 


The  aerodynamic  installation  features  of  a  highly  loaded  turboprop  (prop-fan)  on  an 
aircraft  for  flight  at  Mach  0.8  are  discussed.  The  aerodynamic  flow  environment  in 
which  the  prop-fan  must  operate  is  shown  for  both  wing  and  aft-fuselage  installations 
based  on  analytical  studies  using  advanced  surface  panel  methods.  The  effects  of 
various  prop-fan  slipstream  parameters  on  the  drag  of  a  supercritical  wing  are 
presented;  they  indicate  that  only  small  drag  penalties  occur.  Drag  reductions  are 
possible  by  tailoring  the  local  wing  section  to  account  for  the  rotor-induced  flow. 
Using  these  inputs,  an  integrated  wing/nacelle  is  shown.  Mission  analysis  study  results 
using  a  modified  DC-9  Super  80  with  wing  and  aft-fuselage  prop-fan  installations  reveal 
that  fuel  savings  of  20  to  40  percent  can  be  assessed  for  the  prop-fan  relative  to  the 
Pratt  t  Whitney  Aircraft  JT8D-209  engine.  Concluding  remarks  cover  future  NASA  wind 
tunnel  tests  with  a  subscale  (2  foot)  powered  prop-fan  to  develop  low-drag  installations 
and  planned  flight  tests  using  a  10-foot-diameter  prop-fan  to  demonstrate  structural, 
acoustic,  and  drag  characteristics  on  a  large  scale. 


SYMBOLS 


wing  aspect  ratio 
wing  semi span 
local  chord 

local  section  lift  coefficient 
configuration  lift  coefficient 
pressure  coefficient,  p-po/q0 
sonic  flow  normal  to  wing  quarter-chord 
wing  mean  aerodynamic  chord 
incremental  drag  coefficient 
diameter 

incremental  profile  drag,  drag/qQ 

pounds 

Mach  number 

operating  weight  empty 
static  pressure 
total  pressure 
dynamic  pressure 
radiUB 

reference  wing  area 
shaft  horsepower 
takeoff  gross  weight 
thickness-to-chord  ratio 

velocities  in  the  x,  y,  z  direction  divided  by 
free-stream  velocity 
fraction  of  local  chord 

coordinate  system,  X  streamwise,  Y  spanwise, 

and  Z  vertical 

percent  wing  semispan 

angle  of  attack  or  prop-fan  swirl  angle 

wing  quarter-chord  sweep 


SUBSCRIPTS 


fuselage  reference  plane 
induced 

jet  or  slipstream 
free  stream 
swirl 
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INTRODUCTION 


Increasing  fuel  prices  in  the  early  1970s  prompted  the  consideration  of  turboprop 
propulsion  systems  for  aircraft  to  reduce  fuel  consumption  and  counteract  the  costs 
associated  with  the  increasing  fuel  prices.  Turboprop  engines  have  the  potential  to 
considerably  reduce  fuel  consumption  for  a  given  mission  relative  to  advanced  turbofans 
used  today  by  increasing  propulsive  efficiency.  The  increased  efficiency  is  a  direct 
result  of  simple  thrust-momentum  equations  which  state  that  efficiency  decreases  as  the 
axial  velocity  increment  through  the  propulsion  unit  increases.  Turboprops  induce 
smaller  velocity  increments  to  a  larger  air  mass  flow  than  do  turbofans,  thereby 
increasing  efficiency  by  several  percentage  points. 

For  turboprops  to  be  competitive  in  today's  turbofan  airline  fleet,  it  is  necessary 
for  the  aircraft  to  fly  at  speeds  and  altitudes  of  H  «  0.8  and  30,000  to  35,000  feet. 
This  is  a  considerably  higher  speed  than  previous  turboprops  have  flown  and  requires 
engineering  development  to  ensure  low  drag  and  efficient  installations.  The  last  large 
turboprop-powered  aircraft  used  for  passenger  service  in  the  United  States  was  the 
Lockheed  Electra  (Reference  1).  It  flew  efficiently  at  M0  »  0.6  to  0.65  and  used 
propeller  designs  that  absorbed  about  12  shaft  horse  power  per  diameter  squared  (power 
loading  »  SHP/d2,  where  D  is  in  feet) .  Since  the  horsepower  per  unit  density  required 
of  the  propulsion  system  varies  as  the  cube  of  the  velocity  for  a  given  drag 
coefficient,  the  size  of  a  rotor  using  this  earlier  power  loading  technology  would  have 
to  increase  dramatically  for  flight  at  M0  -  0.8.  For  example,  the  diameter  shown  by  the 
dashed  line  in  Figure  1  would  be  required  to  power  a  typical  two-engine  aircraft  at 
competitive  flight  conditions.  A  rotor  of  this  size  could  not  be  physically  integrated 
on  the  aircraft  because  of  insufficient  ground,  wing,  and  fuselage  clearance,  and  would 
present  significant  vibration  and  structural  problems  and  weight  penalties.  So  the 
diameter  must  be  reduced.  With  a  power  loading  of  37,5  SHP/d2  at  0.8  Mach  and  35,000 
feet  altitude,  the  more  reasonable  installation  shown  by  the  solid  line  in  Figure  1  is 
the  result.  Rotor  designs  for  this  high-power  loading  must  have  an  increased  number  of 
blades  and  large  chords  (increased  solidity)  to  maintain  high  levels  of  efficiency 
(Figure  2) . 

Practical  turboprop  installations  are  therefore  possible  if  highly  loaded  rotors 
(prop-fans)  with  high  solidity  are  used  to  reduce  diameter  and  maintain  high  efficiency. 
Additional  improvements  in  efficiency  at  high  free-stream  Mach  numbers  are  possible  by 
area-ruling  the  spinner/nacelle  to  reduce  compressibility  effects  near  the  blade  root, 
by  using  blades  that  are  thin,  and  by  sweeping  the  blade  tips  to  reduce  the  local  Mach 
number  normal  to  the  quarter-chord  line  to  reduce  blade  compressibility  losses.  These 
prop-fans,  initially  developed  by  Hamilton  Standard,  have  been  tested  by  Hamilton 
Standard  and  NASA.  Detailed  descriptions  and  test  data  are  presented  in  References  2 
through  5.  It  has  been  demonstrated  that  significantly  better  efficiency  is  achieved  by 
the  prop-fan  at  M0  -  0.8  than  other  competitive  propulsion  systems,  as  illustrated  in 
Figure  3. 

This  paper  will  discuss  the  aerodynamic  installation  of  the  prop-fan  on  an  aircraft 
for  flight  near  M0  -  0.8,  The  aerodynamic  flow  field  entering  the  prop-fan  disk  area 
which  is  produced  by  adjacent  aircraft  components  will  be  shown  because  it  is  pertinent 
to  the  design  and  efficiency  of  the  prop-fan.  The  required  increases  in  power  loadings 
are  accompanied  by  increases  in  propeller  slipstream  axial  velocity  and  rotational 
velocity  or  swirl.  Advanced  aircraft  with  prop-fans  will  al30  most  likely  use  some  form 
of  an  aft-loaded  or  supercritical  wing.  These  wings  have  large  regions  of  supersonic 
flow  and  the  perturbations  to  this  flow  produced  by  the  axial  and  swirl  velocities  could 
produce  significant  shock-induced  losses.  The  aerodynamic  interactions  between  the 
prop-fan  and  the  wing  will  be  discussed.  Mission  studies  using  a  DC-9  Super  80  aircraft 
and  an  efficient  prop-fan  propulsion  installation  are  presented  to  indicate  net  fuel 
savings. 


PROP-FAN  INFLOW 


When  the  prop-fan  is  installed  on  the  aircraft,  it  is  required  to  operate  in  a 
nonuniform  flow  field  produced  by  the  aircraft  components.  Axial,  vertical,  and 
horizontal  velocity  increments  are  produced  upstream  and  downstream  of  the  wing  and  for 
aft-mounted  engine  installations,  an  added  local  deficit  in  velocity  is  present  due  to 
the  wing  boundary  layer  and  shock  waves.  Velocity  perturbations  are  also  produced  by 
the  fuselage  and  engine  nacelle.  An  understanding  of  the  magnitude  of  these  flow 
nonuniformities  must  be  obtained  by  the  prop-fan  designer  for  both  aerodynamic  and 
structural  design. 

To  illustrate  these  effects,  the  wing/body  shown  in  Figure  4  has  been  analyzed 
using  a  subsonic  surface  panel  method  (Douglas  Neumann,  Reference  6).  Wing-alone  and 
body-alone  solutions  were  obtained  to  determine  the  individual  influences  and  the 
combined  results  obtained  by  linear  superposition.  Computed  results  upstream  of  the 
wing  are  shown  in  Figures  5  and  6  for  M0  »  0.8  and  a  lift  coefficient  (Cl)  of  0.5. 


iTii’»n-?TV'*n'-' 


(f  ,  UU  ./.l1  1  «r  .  ■?  n  *7*  i'.i1' m*^r  r.-*  .  -  ; 

Because  tha  fuselage  is  at  a  small  angle  of  attack  for  this  C^.  and  the  wing  is  well  aft 
of  the  fuselage  nose/  the  fuselage  effects  were  found  to  be  negligible  and  the  results 
shown  are  for  the  wing  alone.  All  the  velocities  are  given  relative  to  thw  free-stream 
flow.  Over  the  region  considered,  the  vertical  velocity,  V2,  (or  upwash)  is  virtually 
independent  of  vertical  and  spanwise  position  and,  as  expected,  V2  decreases  as  the 
distance  from  the  leading  edge  is  increased,  being  nearly  zero  at  40  percent  semispan 
ahead  of  the  leading  edge.  Unlike  V2,  the  axial  (Vx)  and  horizontal  (Vy)  velocities  are 
strongly  influenced  by  the  vertical  position  relative  to  the  wing  plane,  being  much 
smaller  at  13  percent  semispan  above  the  wing  plane  than  in  the  wing  plane. 

A  typical  prop-fan  disk  installation  has  been  indicated  in  the  figures.  The  effect 
of  the  upwash  and  sidewash  velocities  can  be  minimized  by  properly  orienting  the  rotor 
in  the  vertical  and  horizontal  planes.  However,  because  the  wing  is  swept,  the  rotor  is 
much  closer  to  the  wing  leading  edge  on  the  inboard  side,  thereby  producing  an 
unavoidable  axial  velocity  (Vx)  increment  as  the  prop-fan  rotates.  For  this  example,  Vx 
varies  from  0.96  to  1.01  per  revolution.  This  5  percent  spread  in  velocity  is 
equivalent  to  a  10  percent  variation  in  dynamic  pressure  and  approximately  a  1.5  degree 
blade  angle-of-attack  change  at  the  tip. 

Decreasing  the  free-stream  Mach  number  increases  the  local  upwanh,  as  illustrated  in 
Figure  7.  Also  shown  arc  two  points  calculated  using  a  1952  NACA  report  (Reference  7) 
and  an  assumed  elliptic  wing  loading.  These  results  are  shown  to  be  in  excellent 
agreement  with  the  more  accurate  surface  panel  solution  at  the  lower  Mach  number.  At 
M0  -  0.8,  the  disagreement  amounts  to  about  0.5  degree. 

Downstream  of  the  wing,  the  inviscid  axial  velocity  increments,  Vx,  are  negligible. 
Values  of  Vy  and  V2  are  shown  in  Figure  8  for  the  location  relative  to  the  wing  and  body 
illustrated  In  Figure  4.  The  wing  trailing  vorticity  produces  the  typical  inflow  above 
the  wing  and  outflow  below  the  wing,  which  increases  in  magnitude  near  the  tip.  The 
downwash  velocities  away  from  the  wing  plane  are  nearly  equivalent  to  the  value  obtained 
at  downstream  infinity  using  classical  theory  for  an  elliptically  loaded  wing  (2Cl/„/r  ) . 
These  values  are  slightly  exceeded  in  the  plane  of  the  wing. 

When  considering  an  aft-mounted  engine  installation,  the  effects  of  the  fuselage 
afterbody  must  also  be  considered  since  these  effects  can  be  significant,  as  illustrated 
by  the  results  given  in  Figure  9.  In  addition  to  the  inviscid  flow,  a  localized  wake  is 
present  downstream  of  the  wing,  produced  by  the  wing  boundary  layer  flow  and  shock 
waves.  This  wake  can  have  a  10-  to  15-percent  reduction  in  free-stream  total  pressure, 
as  illustrated  in  Figure  10.  These  results  were  obtained  experimentally  for  a  different 
wing  than  considered  above,  and  were  obtained  near  the  wing  trailing  edge.  Mixing  will 
occur  downstream,  and  the  wake  will  get  wider  and  the  total  pressure  deficit  will 
decrease. 

The  flow  field  about  a  typical  isolated  nacelle  is  shown  in  Figure  11  in  a 
horizontal  plane  passing  through  the  nacelle  centerline.  These  results  were  obtained 
using  the  same  surface  panel  method  described  earlier.  Radial  and  vertical  velocities 
were  found  to  be  independent  of  Mach  number.  The  radial  velocity  was  also  independent 
of  angle  of  attack  (a)  whereas  for  reasonable  accuracy,  it  was  found  that  the  vertical, 
or  upwash,  velocity  varied  linearly  with  a  .  The  induced  upwash  velocities  are 
relatively  small,  but  significant  axial  and  radial  velocity  increments  occur,  much 
larger  than  those  due  to  the  wing  flow. 


PROP-FAN  EFFECTS  ON  WING 


To  produce  axial  thrust,  the  prop-fan  must  increase  the  velocity  of  the  air  flowing 
through  the  rotor  disk  area.  In  addition  to  the  increased  velocity,  the  prop-fan  torque 
will  also  produce  an  angular  momentum  or  svirl  velocity  in  the  prop-fan  slipstream 
region.  A  certain  amount  of  turboshaft  engine  energy  is  used  to  produce  this  swirl  flow 
which  does  not  produce  useful  axial  thrust  to  overcome  drag  and  appears  as  a  loss  in 
efficiency  of  the  isolated  prop-fan.  If  this  rotational  flow  can  be  removed  from  the 
flow  by  some  means,  then  there  should  be  an  overall  increase  in  propulsive  efficiency. 

The  increased  velocity  and  swirl  downstream  of  the  prop-fan  will  interact  with  other 
aircraft  components  such  as  the  wing,  or  engine  pylon  support  for  an  aft  fuselage 
installation,  with  subsequent  changes  in  the  aerodynamic  characteristics  of  these 
components.  Considering  a  two-dimensional  airfoil  section,  the  increased  velocity 
without  swirl  -./ill  not  change  the  local  section  lift  coefficient  (eg)  based  on  the  local 
dynamic  pressure  but  there  will  be  an  increase  in  the  lift.  The  local  velocity  increase 
affects  only  the  profile  drag  and  the  compressibility  (shock)  drag. 

The  swirl,  however,  does  change  the  local  eg  because  the  local  angle  of  attack  is 
changed.  Changes  in  both  the  local  section  lift  and  profile  drag  will  occur  at 
suberitical  speeds  and  compressibility  drag  will  change  at  supercritical  speeds. 
However,  the  swirl  component  of  onset  flow  can  produce  a  potential  drag  reduction 
because  the  Kutta-Joukovski  law  requires  that  the  local  lift  vector  at  each  spanwise 


station  be  perpendicular  to  the  local  onset  flow  direction.  If  upwash  is  present,  this 
will  effectively  increase  the  section  angle  of  attack  and  rotate  the  lift  vector  forward 
relative  to  the  free-stream  flow  direction,  thereby  producing  an  apparent  thrust  term 
(Figure  12).  The  thrust  term  is  not  cancelled  by  the  flew  on  the  downwaoh  side  of  the 
prop-fan  because  the  section  angle  of  attack  is  reduced,  which  results  in  a  smaller 
normal  force  vector.  The  thrust  recovery  or  drag  reduction  cannot  exceed  the  swirl 
energy  lost  in  the  isolated  prop-fan  efficiency. 

For  a  three-dimensional  wing,  in  addition  to  a  spanwise  integration  of  the  effects 
described  above,  there  will  be  distortions  in  the  span-loading  which  change  the  downwash 
across  the  span  and  lead  to  increases  in  induced  drag  (Figure  12).  To  investigate  the 
magnitude  of  the  prop-fan  effects  on  the  drag  of  a  three-dimensional  wing,  an 
incompressible  lifting-line  computer  program  has  been  used  to  study  prop-fan  onset  flow 
effects  of  different  input  variables.  For  this  study,  t.he  wing  shown  in  Figure  13  was 
used  and  the  reference  prop-fan  slipstream  and  location  are  also  shown.  The  assumed 
nominal  prop-fan  onset  flow  is  shown  in  Figure  14.  The  results  of  different  rotor 
diameters  and  spanwise  locations  are  shown  in  Figure  15.,  As  indicated  in  the  figure, 
the  rotor  diameter  is  much  more  important  than  the  spanwise  location  and  the  drag  is 
always  reduced  from  that  of  the  clean  wing.  The  downwash  across  the  span  is  unfavorably 
modified  due  to  the  large  unfavorable  distortion  of  span-load  shown  in  Figure  16,  which 
causes  a  drag  increase.  But,  by  considering  the  nonuniform  upwash  onset  flow  to  the 
wing  produced  by  the  prop-fan,  the  unfavorable  downwash  effect  due  to  the  distorted 
span-load  is  more  than  offset  by  the  favorable  forv/ard  rotation  of  the  local  lift 
vectors  over  the  prop-fan  region. 

A  variation  in  the  axial  velocity  increment  due  to  the  prop-fan,  expressed  as  total 
pressure  ratio  Ptj/Pto'  has  a  negligible  effect  on  induced  drag,  as  shown  in  Figure  17. 
The  effects  of  swirl,  however,  are  large  and  depend  on  the  direction  of  prop-fan 
rotation  as.  shown  in  Figure  18.  The  drag  reduction  is  much  larger  if  the  prop-fans  on 
each  side  of  the  wing  rotate  in  such  a  manner  as  to  produce  up-inboard  swirl,  or 
increased  angle  of  attack  over  the  inboard  half  of  the  prop-fan  wake.  The  drag 
reduction  is  larger  by  a  factor  of  2  relative  to  co-rotating  rotors  where  one  is 
up-inboard  and  one  is  up-outboard. 

The  above  analytical  study  considered  only  the  effects  of  inviscid  induced  drag. 
An  experimental  program  was  conducted*  using  a  supercritical  wing  to  verify  these 
conclusions  and  to  determine  viscous  and  compressibility  effects.  The  test  setup 
installed  in  the  NASA  Ames  14-foot  tunnel  is  shown  in  Figure  19.  The  prop-fan  onset 
flow  was  simulated  by  using  an  ejector-powered  flow-through  nacelle  that  contained 
pressurized  internal  nozzles  to  increase  the  total  pressure  in  the  outer  part  of  the 
flow  to  simulate  propeller  axial  velocity  and  internal  turning  vanes  (swirl  vanes)  to 
produce  swirl  flow.  This  simulator  approach  has  inherent  experimental  approximations  to 
the  real  prop-fan  flow  because  of  the  simulator-nacelle  effect  on  the  wing  flow,  but  was 
used  with  the  objective  of  obtaining  an  early  order-of-magnitude  assessment  of  the  drag 
at  low  cost.  The  pressurized  air  to  power  the  simulator  internal  nozzles  was  supplied 
through  the  tunnel  floor  and  up  the  support  strut.  Nominal  measured  exit  conditions 
closely  approximated  the  target  conditions  shown  in  Figure  14.  Different  nozzle 
pressure  ratios  and  swirl  vanes  were  used  to  simulate  various  combinations  of  power  and 
swirl.  The  wake-rake  downstream  of  the  wing  traversed  spanwise  and  contained  total 
pressure  probes  to  measure  the  wake  about  one- thi rd-c hor d  downstream  of  the  wing 
trailing  edge.  A  description  of  the  wing-body  and  the  location  of  the  simulator  exit 
are  shown  in  Figure  20.  The  drag  rise  Mach  number  for  the  isolated  wing  body  was  0.82, 
0.81,  and  0.79  at  Cls  of  0.4,  0.5,  and  0.6,  respectively. 

Results  of  the  test  program  are  shown  in  Figure  21.  The  drag  increments  are  taken 
relative  to  the  zero  power/zero  swirl  condition.  The  test  data  show  a  10  count 
(ACq  =  0.0010)  drag  increase  up  to  7  degrees  of  swirl  and  a  drag  reduction  at  11  degrees 
of  swirl.  The  lifting  line  analysis  using  the  test  simulator  onset  flow  indicates  that 
the  anticipated  level  of  induced  drac  reduction  is  not  achieved.  These  lifting  line 
results  may  be  too  large,  however,  because  the  increments  in  span-load  are  highly 
overpredicted  compared  to  the  test  data,  as  shown  in  Figure  22.  The  experimental 
results  are  not  sensitive  to  Mach  number  or  lift  coefficient,  ns  shown  in  Figure  23. 

The  axial  thrust  loss  levels  due  to  swirl  shown  in  Figure  21  indicate  the 
theoretical  potential  benefit  recoverable  from  the  swirl  energy  of  the  prop-fan  if 
recovered  totally  by  wing  drag  reductions.  Douglss  studies  using  the  lifting  line- 
program  have  shown  that  drag  levels  closer  to  the  theoretical  potential  benefit  are 
achievable  by  tailoring  the  span-load  to  be  closer  to  an  elliptic  loading.  Planform 
modifications  have  also  been  used  to  lower  the  section  lift  coefficient  and  reduce 
profile  drag  losses. 

The  effects  of  power  were  found  to  be  small  as  shown  in  Figure  24,  and  at  M  *  0.8, 
up-outboard  swirl  does  increase  the  drag  (Figure  21),  confirming  the  analytical  results. 
The  last  conclusion  is  not  confirmed  at  M0  =  0.7,  however. 


*  NASA-sponsored  test  using  Douglas  wing/body  model  and  wake  rake  (References 
8  and  9) . 
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Results  from  the  wake-rake  survey  are  shown  in  Figure  25  tot  the  zero  swirl  case. 
Pressure  ratios  less  than  one  occur  because  of  the  simulatcr/nacelle  end  wing  boundary 
layer.  The  spanvise  movement  of  the  simulator  flow  can  be  seen  consistent  with  previous 
analysis  (Figure  8) .  Maximum  total  pressure  levels  are  slightly  reduced  below  those  at 
the  simulator  exit,  indicating  small  losses  in  the  flow  of  the  simulated  prop-fan  flow 
over  the  wing. 

The  distortion  of  the  high-energy  region  due  to  swirl  is  shown  in  Figure  26.  The 
smaller  area  of  the  high-pressure  region  indicates  higher  losses  for  this  case 
consistent  with  the  force  data.  The  residual  swirl  at  the  trailing  edge  of  the  wing 
appears  to  be  small  because  there  is  little  distortion  in  the  wing  wake. 

Wing  surface  pressure  distributions  are  shown  in  Figures  27  through  30.  The  effects 
of  axial  velocity  are  small,  but  significant  effects  are  shown  for  swirl,  supporting  the 
conclusions  from  -he  force  data.  Supersonic  local  "elocities  and  increased  shock 
strength  were  achieved  near  the  leading  edge  with  up-inboard  swirl  at  35  percent 
semispan  at  M0  -  0.7,  which  contributes  to  the  observed  drag  increases.  The  effects  of 
positive  swirl  are  diminished  at  the  50  percent  span  station,  indicating  that  the  swirl 
component  of  the  flow  is  significantly  reduced  by  the  inboard  portion  of  the  wing  which 
is  upstream  of  the  50  percent  span  station.  This  supports  the  earlier  conclusion  drawn 
from  the  wake-rake  data  that  most  of  the  rotation  of  the  flow  is  removed  by  the  wing. 

Analytical  estimates  of  the  surface  pressures  using  a  surface  panel  potential  flow 
computer  program  capable  of  including  the  rotor  onset  flow  are  snown  in  Figure  31. 


INTEGRATED  WING/NACELLE 


Preliminary  studies  have  been  made  to  integrate  an  over-wing  propulsion  system 
installation.  An  initial  attempt  at  contouring  a  nacelle  to  the  aerodynamic  flow  field 
is  shown  in  Figure  32  and  a  schematic  of  a  proposed  wing/nacelle  structural  intersection 
is  shown  in  Figure  33.  The  aerodynamic  contouring  was  based  on  the  results  Bhown 
previously  plus  the  flow  streamlines  ahead  of  and  on  the  surface  of  a  25-degree  swept 
wing,  as  shown  in  Figure  34.  These  streamlines  were  obtained  by  analysis  using  a 
surface  panel  potential  flow  computer  program.  As  shown  in  Figure  32,  in  the  plan-view 
the  propeller  and  forward  nacelle  are  canted  inboard  0.5  degree  for  alignment  with  local 
onset  flow  and  streamlines.  The  region  of  the  nacelle  which  passes  over  the  wing  upper 
surface  is  aligned  with  the  average  surface  streamline  angle.  In  the  profile  view,  the 
prop-fan  axis  alignment  was  selected  after  studies  by  Hamiltun  Standard  found  that  a 
4.5-degree  nacelle  downtilt  angle  had  excitation  factors  well  within  the  structural 
limits  of.  the  blades.  The  excitation  factors  were  evaluated  at  the  extreme  operating 
conditions  of  high  speed-low  weight  and  low  speed-high  weight.  At  the  nominal  cruise 
condition,  the  4.5-degree  alignment  angle  results  in  a  small  1-degree  crossflow  velocity 
about  the  forward  part  of  the  nacelle  due  to  upwash  and  wing  angle  of  attack.  However, 
this  upwash  increases  significantly  near  the  wing  leading  edge. 

The  nacelle  design  shown  is  a  compromise  between  aerodynamic  and  mechanical 
requirements,  and  therefore  does  not  have  extreme  streamline  contouring.  More  extensive 
contouring  may  be  necessary,  especially  in  the  profile  view,  but  this  will  have  to  be 
established  after  more  detailed  analysis  and  testing. 


CONFIGURATION  STUDIES 


The  fuel  savings  advantages  of  a  prop-fan  propulsion  system  have  been  identified  by 
using  a  Douglas  DC-9  Super  80  aircraft  (Figure  35)  and  comparing  the  calculated 
performance  obtained  with  a  prop-fan  propulsion  installation  to  that  obtained  with  the 
current  Pratt  and  Whitney  Aircraft  JT8D-209  turbofan  engine  (Reference  10).  Using  an 
actual  flying  aircraft  as  a  baseline  gives  a  realistic  basis  from  which  increments  could 
be  calculated  for  the  prop-fan  installation,  and  all  engineering  aspects  of  the 
installation  were  considered.  For  these  studies,  an  Allison  PD  370-22A  turboshaft 
engine  was  used  to  drive  an  8-bladed,  800-foot/sec  tip  speed,  Hamilton  Standard 
prop-fan.  The  PD  370-22A  is  a  derivative  of  the  T701  engine  used  in  helicopters,  and  a 
1985  operational  capability  was  assumed. 

Three  propulsion  system  concepts  were  studied.  These  are: 

Configuration  1  (Figure  36) 

-  Vling-mounted  design  with  the  wing  moved  forward  95  inches  and  main  landing 
gear  extended  10  inches  to  provide  a  10.5-degree  rotation  angle. 


Minimum  development  risk. 
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Configuration  ?.  (Figure  37) 

-  Aft  fuselage  pylon  mount  with  wing  moved  rearward  38  inches,  main  landing 
gear  canted  5  degrees  aft,  and  air-conditioning  and  580-gallon  belly  fuel 
tank  located  in  forward  cargo  compartment  to  satisfy  tipover  limits. 

-  Requires  development  to  avoid  deep-stall  problems  associated  with  the  large 
span  extent  of  the  engines  and  the  "T"  tail. 

Configuration  3  (Figure  38) 

Horizontal  tail  aft  mount  with  wing  moved  aft  38  inches  and  landing  gear 
canted  5  degrees  aft. 

-  Development  risk  associated  with  having  the  horizontal  control  system 
affected  by  the  level  of  propulsion  power. 

An  aerodynamic  drag  and  weight  analysis  for  each  of  these  configurations  was 
conducted  so  that  aircraft  mission  performance  could  be  calculated.  The  aerodynamic 
drag  results  are  shown  in  Table  1.  The  table  lists  the  new  tail  areas  required  for 
stability  and  control  and  percent  drag  increments  from  the  DC-9  Super  80  baseline.  Drag 
increments  due  to  the  nacelle  and  pylon  are  the  difference  between  installing  the 
prop-fan  propulsion  system  and  removing  the  existing  JT8D-209  engine.  Scrubbing  drag 
increments  due  to  the  higher  velocities  in  the  propeller  slipstream  are  included.  For 
the  wing-mounted  configuration,  a  drag  increment  was  included  to  account  for  induced 
drag  and  wing  profile  drag  changes  due  to  the  prop-fan  slipstream  flowing  over  the  wing. 
It  was  assumed  that  the  other  two  configurations  would  not  have  this  increment. 

As  noted  in  Table  1,  Configuration  3  has  the  lowest  drag  because  the  propulsive 
support  and  horizontal  tail  are  combined,  thereby  reducing  the  wetted  area.  The 
wing-mounted  configuration  ranks  next;  the  highest  drag  increment  being  the  wing-induced 
and  profile  drag  increment  which  may  be  reduced  by  future  development  testing. 
Configuration  2  has  the  highest  drag  due  mainly  to  the  large  engine  pylon  support 
required. 

A  summary  of  the  weight  increments  given  as  a  percent  of  the  takeoff  gross  weight 
(TOGW)  is  shown  in  Table  2.  Configurations  1  and  3  both  have  an  operating  weight  empty 
(OWE)  about  4.5  percent  higher  than  the  DC-9  Super  80,  due  in  part  to  the  heavier 
propulsion  installation.  The  OWE  for  Configuration  2  is  about  7  percent  heavier  than 
the  DC-9  Super  80  due  to  the  structure  required  to  support  the  engines  on  the  aft- 
mounted  pylons. 

Offsetting  these  unfavoraole  increments  is  a  large  27  percent  advantage  in  cruise 
specific  fuel  consumption  (SFC,  or  pounds  of  fuel  burned  per  hour  per  pound  of  thrust)  . 
Figure  39  compares  the  SFC  of  the  prop-fan  used  in  this  study  and  the  current  JT8D-209. 

Using  these  inputs,  mission  performance  was  determined.  Conventional  reserves  were 
included  and  the  engine  was  sized  at  a  Mach  number:  for  99  percent  maximum  specific  range 
and  an  initial  cruise  altitude  of  31,000  feet  af^er  a  takeoff  at  140,000  pounds  gross 
weight. 

The  fuel  reduction  benefits  for  the  three  prop-fan  configurations  for  constant 
altitude  cruise  at  H0  =  0.8  are  shown  in  Figure  40.  For  a  1000-nautical-mile  range, 
Configuration  3,  which  had  the  lowest  weight  and  drag,  saved  24  percent  in  fuel; 
Configuration  1,  which  had  the  same  weight  but  higher  drag,  saved  22  percent  in  fuel; 
Configuration  2,  with  the  highest  weight  and  drag,  saved  19  percent  in  fuel.  The 
performance  of  Configurations  3,  1,  and  2  is  reduced  from  the  27  percent  cruise  SFC 
benefit  by  3,  5  and  8  percent,  respectively,  due  to  the  difference  in  installation 
effects. 

If  a  mission  with  the  optimum  cruise  Mach  number  (M0s  0.760)  and  a  step-cruise 
altitude  is  assumed,  even  larger  benefits  occur,  as  shown  in  Figure  41.  Configuration 
3  can  have  a  specific  range  benefit  as  high  as  45  percent.  A  payload-range  curve  for 
the  same  mission  is  shown  in  Figure  42. 


FUTURE  PLANS 


This  paper  has  discussed  a  limited  amount  of  work  that  has  been  done  on  the 
installation  of  the  prop-fan  propulsion  system  on  a  Mach  0.8  cruise  aircraft.  Studies 
of  prop-fan  onset  flows,  interactions  with  the  wing,  and  configuration  studies  have 
served  to  scope  the  magnitude  of  the  aerodynamic  problem  and  have  indicated  that  the 
installation  is  feasible  and  that  fuel  savings  from  20  to  40  percent  relative  to 
state-of-the-art  engines  in  service  today  are  realistic.  However,  to  bring  the 
technology  to  the  level  where  aircraft  production  would  be  considered  requires  more 
work.  Specifically,  some  of  the  items  that  must  be  considered  are  the  structural 
integrity  of  the  prop-fan  blades  at  large  scale,  the  gearbox,  the  prop-fan  pitch 
control,  installed  propulsion  system  drag,  the  engine  inlet,  and  interior  noise.  Two 
NASA  programs,  described  belov,  are  addressing  some  of  these  problems  with  assistance 
from  the  airframe  industry. 


NASA  is  wind  tunnel  testing  a  prop-fan  powered  by  an  air-driven  turbine  installed  on 
a  supercritical  wing  (Figure  43) >  The  wing  was  built  to  the  same  coordinates  as  used  in 
the  previous  simulator  test  (References  8  and  9),  but  at  a  scale  3.7  times  larger.  This 
program  will  produce  an  excellent  data  base  for  a  wing-mounted  propulsion  system.  The 
data  will  also  be  used  to  evaluate  the  accuracy  of  using  the  simulator  concept  described 
earlier.  Different  nacelle  and  wing  contours  are  to  be  investigated  to  develop  the 
technology  for  low  drag  installations  of  this  type. 

Cooperative  NASA/industry  studies  are  underway  to  define  a  testbed  configuration  to 
flight  test  a  10-foot-diameter  prop-fan.  The  rotor  can  be  powered  by  an  Allison  T701 
turboshaft  engine  and  the  nacelle  mounted  on  the  wing  of  a  Douglas  DC— 9  aircraft  (Figure 
44)  .  This  concept  is  desirable  because  the  primary  propulsion  system  is  separate  from 
the  prop-fan,  the  DC-9  is  about  the  right  scale  for  a  10-foot-diameter  propeller,  and 
the  aircraft  is  readily  available.  Engineering  analysis  has  demonstrated  that  the 
approach  is  feasible.  The  program  objectives  are  to  determine  the  structural  integrity 
of  the  blades  at  speeds  up  to  Mach  0.8  and  altitudes  above  30,000  feet,  investigate  the 
acoustic  properties  on  and  in  the  fuselage  due  to  the  prop-fan,  and  evaluate  the 
installed  drag  of  the  propulsion  system.  Flight  testing  will  also  solve  numerous 
problems  unique  to  the  prop-fan  that  arise  during  the  program,  which  will  lead  to  a  more 
successful  production  program.  In  addition,  subscale  low-speed,  high-speed,  and  inlet 
tests  will  be  conducted  prior  to  the  flight  tests  which  will  serve  to  expand  the 
available  aerodynamic  design  data  base  and  determine  the  agreement  between  flight  and 
wind  tunnel  data. 


CONCLUSION 


A  prop-fan  propulsion  system  offers  fuel  savings  of  20  to  40  percent  when  compared 
to  turbofan  propulsion  systems  flying  near  M0  -  0.8.  As  discussed,  the  aerodynamic 
installation  problems  of  the  prop-fan  propulsion  package  3eem  manageable,  but  additional 
analysis  and  testing  are  required  to  expand  the  technology  data  base  and  develop 
efficient  aircraft  designs.  This  work  is  leading  to  prop-fan  powered  aircraft  entering 
airline  service  and  providing  significant  reductions  in  fuel  costs,  thereby  minimizing 
future  increases  in  ticket  prices  to  the  traveling  passenger. 
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AIRFRAME-PROPULSION  SYSTEM  AERODYNAMIC  INTERFERENCE  PREDICTIONS 
AT  HIGH  TRANSONIC  MACH  NUMBERS  INCLUDING 
OFF-DESIGN  ENGINE  AIRFLOW  EFFECTS 
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ABSTRACT 

Flow  interference  between  engine  nacelles  and  an  airframe  has  an  important  eflect  on  the  aerodynamic  efficiency 
of  all  types  of  aircraft.  The  performance  of  airplanes  designed  for  supersonic  flight  particularly  has  been  affected  by 
adverse  interference  forces.  This  has  been  tlte  case  most  often  at  transonic  speeds. 

This  paper  emphasizes  the  transonic  speed  regime  for  airplanes  at  conditions  where  inlet  spillage  takes  place. 
Relatively  recent  availability  of  appropriate  wind-tunnel  data  has  now  made  it  possible  to  assess  available  theoretical 
methods. 

Tire  National  Aeronautics  and  Space  Administration,  NASA,  conducted  an  extensive  wind-tunnel  test  program  to 
evaluate  aerodynamic  performance  penalties  associated  with  propulsion  system  installation  and  operation  at  subsonic 
through  low  supersonic  speeds.  Using  those  test  data,  a  study  to  assess  the  accuracy  of  analytic  rnetliods  for  predicting 
transonic  engine-airframe  interference  effects  was  conducted  and  forms  the  content  of  the  paper.  Study  variables 
included  Mach  number,  angle  of  attack,  relative  nacelle  location,  and  nacelle  mass-flow  ratio. 

Study  results  included  test-theory  comparisons  of  forces  as  well  as  induced  pressure  fields.  Prediction  capability  of 
induced  shock  wave  strength  and  locations  was  assessed.  It  was  found  that  large  interference  forces  due  to  engine 
location  and  flow  spillage  occur  at  transonic  speeds;  that  theory  can  explain  these  effects;  and  that  theory,  under 
appropriate  conditions,  can  predict  quantitatively  tliese  effects. 


INTRODUCTION 

Flow  interference  between  engine  nacelles  anil  the  airframe  has  an  important  effect  on  the  aerodynamic  efficiency 
of  all  typos  of  aircraft.  The  performance  of  airplanes  designed  for  supersonic  flight  particularly  has  boon  afiected  by 
adverse  mutual  Interference  forces.  This  has  been  the  case  most  often  at  transonic  speeds.  These  adverse  effects  often 
have  come  as  a  surprise,  being  discovered  in  the  course  of  flight  testing  at  a  stage  In  an  airplane  program  when  It  was 
too  late  to  do  much  about  the  problem.  Tlte  reasons  for  this  have  boom  (I)  absence  of  tltoorctlcul  methods  to  help  the 
designer  In  definition  of  a  configuration  that  would  not  exhibit  such  problems,  and  (2)  difficulty  of  conducting  valid 
experiments  tliat  would  warn  tlte  designer  of  potential  problems. 

Theoretical  methods  and  research  testing  on  this  subject,  In  tlte  past,  have  focused  on  tint  supersonic  regime  of 
Mach  numbers  greater  than  1.8.  Tills  was  primarily  Ix'cause  theory  was  easier  to  develop  for  that  speed  regime,  and  the 
testing  to  verily  and  enhance  the  theory  was  simpler  to  conduct.  Beyond  that,  and  more  Importunlly,  engine  operation 
for  airplanes  designed  In  that  flight  regime  Is  such  that  the  flow  at  the  engine  nacelle  Inlet  lip  Is  more  regular!  that  Is, 
tlte  mass-flow  ratio  Is  near  unity.  At  transonic  speeds,  theory  Is  more  dlffb  tilt,  testing  more  complicated,  and  the  mass- 
flow  ratios  of  typical  propulsion  systems  are  such  that  significant  spillage  takes  place.  Home  cf  the  aerodynamic  effects 
of  spillage  have  been  difficult  to  estimate. 

This  pu|x«r  emphasizes  the  transonic  speed  regime  s|x>c|f|rully  at  conditions  where  Inlet  spillage  takes  place, 
Availability  of  appt oprlale  wind-tunnel  data  lias  now  made  It  tealisl it  ally  passible  to  assess  available  theoretical 
inethotlti.  The  aim  of  the  paper  Is  to  show  how  these  methods  compare  with  experiment . 

The  National  Aeronautics  ami  Space  Administration,  NASA,  has  conducted  an  extensive  wind-tunnel  test  program 
to  evaluate  aerodynamic  pc-lormuiire  penalties  associated  with  propulsion  system  Installation  and  alteration  at  subsonic 
through  low  supersonic  speeds,  With  these  test  data  lit  hand,  a  study  to  assess  the  accuracy  of  analytic  mtthods  lor 
predicting  transonic  onglnenlrlrnmo  Interference  effects  was  conducted  and  forms  the  contents  of  this  paper. 

The  wind-tunnel  model  used  to  obtain  the  ma|oiTty  of  test  data  reviewed  In  this  paper  Is  described  In  section  2. 
Appropriate  Inlormatlon  on  the  experimental  conditions  Is  given.  A  brlel  description  ol  the  theoretical  methods  that 
were  used  lor  comparison  with  the  experimental  data  Is  presented  In  section  3.  Obvious  limitations  of  these  methods  are 
listed.  Systematic  comparisons  of  theory  with  experiment  are  shown  In  section  4,  These  comparison',  nclude— 

•  Isr.t  iterl  wing-body  lift,  drag,  and  pi  telling  moment 

•  Isolated  nacelle  drag  and  pressure  distributions 

•  Mutual  nacelle  interlerenre  draft  for  various  nacelle  arrangements 

•  Nacelle  Interference  shock -wave  patterns  and  pressure  distributions  on  the  wing  lower  surface 

•  Total  Installed  nacelle  Interlerenre  e|  forts  on  lift,  drag,  and  pi  l<  III  og  moments 

•  ('.or tain  jet  exhaust  effects 

Discussion  of  results  Is  Included  with  these  compai  i  ..ms.  A  general  assessment  of  the  pa|>or,  together  with 
suggestions  foi  further  work,  is  summarized  In  section  ), 
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2.0  MODEL  GEOMETRY  AND  TEST  CONDITIONS 

The  NASA  experimental  nacelle-airframe  interference  program  was  conducted  in  the  Arnes  11-  by  1 1  -ft  wind 
tunnel.  The  wind-tunnel  model  is  shown  in  figure  1.  Basic  features  and  details  of  the  model  a-e  summarized  in  figures  2 
and  3.  6 


The  wing-body  configuration  is  a  0.024-scale  model  of  the  U.S.  1971  5ST.  The  wing-body  was  sting  mounted  with  a 
six-component  internal  strain-gage  balance.  The  left-hand  wing  had  126  static  pressure  orifices,  95  on  the  lower  surface 
and  31  on  the  upper  surface.  Two  different  nacelle  geometries  were  tested.  One  set  of  nacelles  had  sharp  inlets,  and  the 
second  set  of  nacelles  had  a  slightly  blunt  inlet  lip  shape.  Investigations  reported  in  this  paper  concern  only  the  sharp-lip 
nacelles. 

The  four  individual  nacelles  were  supported  just  below  the  wing-body  model  on  individual  flow-through  stings.  The 
two  right-hand  nacelles  were  mounted  individually  on  separate  six-component  internal  strain-gage  balances.  The  left- 
hand  nacelles  were  pressure  instrumented  and  had  40  static-pressure  orifices.  The  six-component  force  balances  used  to 
support  the  right-hand  nacelles  were  housed  in  the  thickness  of  each  nacelle.  A  two-shell  flow-through  balance,  located 
in  each  nacelle,  used  four  mstrumented  flexures  located  90  deg  apart  at  two  axial  locations.  The  nacelle  balances 
measured  the  aerodynamic  lorces  on  the  external  surface  of  the  nacelle,  plus  the  forces  on  a  small  portion  of  the 
internal  duct  near  the  inlet.  The  wind-tunnel  data  corrections  included  removal  of  the  estimated  skin  friction  dragon 
this  internal  duct  area. 

The  nacelle  support  system  could  position  the  nacelles  vertically  streamwise,  and  spanwise  relative  to  the  wing- 
body  combination  and  to  each  other.  The  range  of  achievable  nacelle  locations  is  indicated  in  figure  2.  Staggered  and 
nonstaggered  arrangements  were  tested  at  six  different  nacelle  stations  and  three  different  spanwise  locations,  as  shown 
in  figure  4.  The  support  system  also  provided  for  independent  control  and  measurement  of  mass  flow  through  each 
nacelle  by  means  of  a  mass-flow  control  plug  and  appropriate  pressure  instrumentation. 

Test  conditions  included: 

•  Mach  numbers:  0.90  ,  0.98,  1.1,  1.15,  1.2,  1.3,  1.4 
»  Angle  of  attack:  O  =  0  to  6  deg 

•  Mass-flow  ratio:  MFR  =  0.6  to  1.0 

Test  configurations  Included: 

•  Isolated  wing-body 

•  Isolat-d  nacelle 

•  Four  nacelles  in  various  relative  positions 

•  Wing-body  plus  nacelles  in  various  locations 

These  tested  configurations  provided  tlie  following  measurements  of  Isolated  and  interference  data: 

•  Isolated  wing-body  data:  measurements  on  wing-body  without  the  nacelles  present 

•  Isolated  nacelle  data:  measurements  on  a  single  nacelle 

•  Mutual  nacelle  irterferencet  differences  In  nacelle  measurements  with  and  without  tlv:  otlier  nacelles  being 
present 

•  V/Ing-body  Interference  on  the  nacelles:  differences  In  nucello  measurements  with  and  without  tlv  wing-body  being 
present 

•  Total  wing-body  plus  nacelle  datu:  sum  of  wlng~lx>dy  data  plus  nacelle  data 

•  Spillage  Interference:  differences  In  measurements  on  Identical  configurations  with  the  nacelles  spilling  according 
to  a  specific  controlled  mass-flow  ratio  (MFR),  and  the  corresponding  data  obtained  without  spillage. 

Tile  basic  force  and  pressure  data  are  contained  in  references  1  anil  2,  respectively.  Complete  descriptions  of  tlic 
wind-tunnel  model,  test  conditions,  and  available  test  data  arc  given  In  reference  3. 

3,0  DISCUSSION  OP'  THEORETICAL  METHODS 


This  |Ktper  slwws  comparisons  of  tlicory  with  experiment  and  thus  provides  a  basis  for  assessment  of  tlie  value  of 
the  theory.  A  discussion  of  the  theoretical  methods  used  'or  these  comparisons  Is  presented  In  this  section. 


3.1  Requirements  for  Formulation  of  Theory 

'IT*  objective  Is  to  calculate  Interference  forces  >  ul  flow  fields  that  occur  when  engine  nacelles  are  located  In 
proximity  to  other  airplane  components.  This  Is  to  be  one  at  high  transonic  Mach  numbers)  that  Is,  from  just  above 
Mach  1  to  approximately  Much  1.4. 


To  achieve  this  objective,  the  minimum  requirements  for  theory  must  Include: 

v  Ability  to  predict  the  flow  field  around  airplane  com|>onents  In  terms  of  changes  In  pressures  and  velocities 

•  Ability  to  sum  thu  effects  of  tlie  various  flow  field  components  upon  one  another 

•  Ability  to  predict  occurrence  of  shock  wuves,  tholt  propagation,  and  their  strength  In  order  to  determine  the 
consequences  i  f  glu>cl<-wuv  a-lnduced  forces  at  transonic  Mac):  numbers 

It  wus  desired  to  assess  the  effects  of  engine  I-  let  spillage  and  Jet  exhaust  plume  sliape  upon  Interference,  An 
additional  requirement  for  the  theory  was,  therefore,  prediction  of  the  flow  held  around  an  engine  nucello  when  either 
tlie  mass-flow  ratio  Into  tlie  Inlet  was  less  than  unity  or  when  the  exhaust  Jet  was  not  fully  expanded, 

3,2  Theoretical  Methods  Used  In  This  Paper 

Tlie  simplest  metlKid  that  meets  some  o|  tlie  alxiv.  requirements  Is  Umar  smul!-|>erturbatinn  tlieory  (or  supersonic 
flow.  This  method  has  been  developed  tor  the  calciiiutlon  of  flow  holds  around  airplane  rom|xinent»  ind  has  been 
com |x:t prized  In  many  versions.  With  this  metlxid,  a  stixiy  configuration  can  lx*  broken  down  Into  Its  basic  components 
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'  wo  «l«o  Into  volume  and  lifting  elements)  so  that  the  relative  flow  Influences  of  all  these  elements  can  be  examined 

individually.  References  4  through  6  describe  some  of  these  computerized  versions  of  linear  small-perturbation  theory. 

Small-perturbation  theory  cannot  be  used,  however,  to  predict  the  occurrence,  propagation,  and  location  of  shock 
waves.  Thus,  it  could  not  by  itself  be  used  to  meet  the  third  objective  listed  above.  A  modified  form  of  linear  theory 
*hat  can  predict  the  occurrence  and  location  of  shock  waves  around  bodies  of  revolution  was  therefore  used  for  the  force 
and  moment  predictions  reported  in  this  paper.  This  method  is  described  in  reference  7.  Figure  5  illustrates  a  typical 
geometrical  representation  of  a  wing-body-nacelle  configuration  for  this  modified  linear  theory  program. 

file  flow  around  a  nacelle  at  mass-flow  ratio  less  than  unity  with  normal  shock  spillage  contains  regions  of  both 
subsonic  and  supersonic  flow.  Small-perturbation  theory,  even  when  modified  as  in  reference  7,  cannot  predict  such 
flows.  Because  of  this,  a  more  complicated  method  had  to  bt  used  for  the  calculation  of  the  nacelle  flow  fields  at 
spillage  conditions.  The  method  used  here  is  a  time  marching  solution  of  the  Euler  equations  for  two-dimensional  or 
axisyinmetric  flow.  The  procedure  can  compute  mixed  regions  of  subsonic  and  supersonic  flow  and  yield  shock  wave 
locations  as  part  of  the  solution.  The  method,  which  was  ■  oded  for  computer  use,  is  described  in  reference  8. 

3.3  Limitations  of  the  Theoretical  Methods 


In  general  terms,  small-perturbation  theory  is  limited  to  airplane  configurations  that  are  thin  and  slender. 
Supersonic  small-perturbation  theory  is  also  limited  to  flows  that  do  not  contain  zones  of  subsonic  flow  embedded  in 
supersonic  flow. 


In  practical  terms,  it  is  useful  to  categorize  limitations  of  the  theory  used  in  this  paper  as  follows! 

•  Limitations  because  of  viscosity 

•  Limitations  because  of  mixed  suosonic-supersonic  flow 

•  Limitations  because  of  geometry 

The  first  limitation  applies  when  id*  actual  flow  is  substantially  different  from  the  assumed  theoretical  attached 
flow  conditions  because  of  large  areas  of  flow  separation,  vortices,  wakes,  etc.  Criteria  can  be  applied  to  theoretical 
predictions,  which  can  tell  in  advance  if  occurrence  of  the  above  has  a  high  degree  of  probability.  Such  criteria,  based 
on  experiment,  have  been  presented  and  discussed  in  reference  9.  An  application  of  these  criteria  to  the  type  of  flow 
discussed  in  this  paper  is  shown  in  section  4.3. 
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As  has  been  mentioned  above,  the  theory  based  on  solution  of  the  Euler  equations  can  account  for  mixed  subsonic- 
supersonic  flow  regions  in  the  vicinity  of  the  nacelles,  particularly  when  normal  shock  spillage  taker  place,  it  was  not 
found  feusiblc,  for  this  study,  to  allow  for  mixed  subsonic-supersonic  flows  on  other  parts  of  tlx;  airplane.  It  was 
believed,  however,  that  tills  limitation  wouh  affect  predictions  primarily  in  the  narrow  (but  riot  unimportant)  Mach  range 
of  0.95  to  1.03.  In  general,  strong  shock  waves  with  downstream  subsonic  flow  will  also  have  an  adverse  effect  on 
boundary  layers  and  limit  theory  for  the  viscous  reasons  already  mentioned, 


The  small-perturbation  theory  that  has  been  used  here  is  strictly  applicable  to  all  wing-body  geometries  within  tlx; 
above  limitations,  Calculation  of  shock  waves  and  inlxed-flowflclds  Is  applicable,  however,  only  to  nacelle  .shapes  that 
are  uxlsymmcti  Ic.  The  degree  tliut  this  limitation  would  affect  overall  results  should  tills  assumption  be  violated  lias  not 
been  examined. 

In  addition,  the  sn lull -perturbation  theory  method  evaluated  for  this  paper  requires  introduction  of  flow  Images  to 
account  for  reflection  of  flow  from  uu  ud|uc»nt  component.  In  these  calculations,  complete  reflection  lias  been  assumed 
(or  the  nacelle-on-whig  Interactions.  In  practice,  for  some  geometric  arrangements,  partlul  reflections  and  refractions 
take  place.  Because  of  tills,  the  theory  Is  limited  either  to  those  configurations  where  the  assumption  of  complete 
reflections  is  justlN'xi  or  win  re  there  ate  no  reflections  at  all.  The  geometric  arrangement  that  Is  most  likely  to  be 
affected  by  this  limitation  Is  the  situation  ol  a  nacelle  partly  ahead  ol  the  leading  edge  of  u  swept-wlng.  Such  a  case  lias 
been  unuly/.od,  however,  mil  Is  reviewed  In  section  4,3, 

3.4  Prediction  of  Nacelle-In:  tailed  llrag 

Nacelle-Installed  drag  calculated  by  the  modified  linear  theory  described  above  uses  the  supi  rposl  (Ion  approach 
Illustrated  in  llgtire  6. 

TypU  ally,  the  nacelle-lnstalled  drag,  is  calculated  as  the  sum  ol  the  friction  ring  ol  Inc  nacelles,  the  net  wave 
drag,  anil  the  Hit  Interference  eflecis. 

The  net  nacelle  wave  drag  Includes— 

•  Nacelle  pressure  drag 

•  Nacelle  pressures  acting  on  Pie  wing. body  velum?  or  thickness 

•  The  wing- body  thickness  pressures  acting  on  the  nacelles 

•  Mutual  nacelle  Interference 

llio  mutual  nacelle  .nterferenee  consists  ol  tiie  effect  of  the  pressure  (|e|d  of  a  nacelle  acting  directly  on  tile  other 
nacelles  plus  the  effect  ol  the  pressure  find  reflecting  oil  the  wing  surlv:*'  hick  onto  the  nacelles. 

The  llll  li'tei’lerence  consists  ol  three  Iteuisi 

•  Tito  iwkH|o  pressures  reflecting  nil  pie  wing  produce  an  it;t»r(i;ren<  a  lilt,  Af  ,  Because  ol  the  inter  lei  once  lilt, 
the  wing-body  incidence  required  .a  produce  a  specified  total  lilt  hi  reduced,  vdili  I.  resale,  in  a  reduction  In  the 
wing-body  di  ag-due-tc  .III  t. 

•  TTm  nacelle  pressures  acting  on  the  mean  lilting  surface  produce  a  drag  m  thnut  form. 

•  The  wing  lifting  pressures  produce  a  buoyancy  (one  cm  ilie  luv  tiles, 
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the  accuracy  of  current  analytical  metHods  of  evaluating  supersonic  airplane  drag  depends  on  a  detailed  knowledge 
of  the  effective  airplane  shape.  These  theoretical  methods,  at  present,  represent  the  flow  into  the  engines  and  the 
engine  exhaust  jets  analytically  as  cylindrical  streamtubes  extending  upstream  of  the  inlet  and  downstream  from  the 
exhaust  nozzle  exit.  However,  since  the  pressure  of  the  exhaust  gases  at  tiie  nozzle  exit  is  generally  different  from 
ambient  pressure,  the  jet  will  tend  either  to  expand  or  to  contract  after  leaving  the  nozzle.  Additionally,  for  off-design 
conditions  the  engines  may  spill  flow  around  the  inlets.  In  principle,  these  deviations  of  inlet  flow  and/or  jet  exhaust 
from  cylindrical  streamtubes  can  result  in  aerodynamic  interference  on  adjacent  nacelle  or  airframe  surfaces. 

The  effects  of  engine  operating  conditions  on  the  surrounding  flow  field  must  therefore  be  considered  in  the  drag 
calculations.  An  embedded  flow  analysis  approach  is  discussed  in  this  paper.  In  this  approach,  streamtube  shapes  are 
calculated  for  an  isolated  nacelle,  depending  upon  the  inlet  and  exit  flow  conditions.  These  streamtube  shapes  are 
treated  as  solid  pseudo-nacelle  shapes  in  subsequent  fully  supersonic  flow  analyses  using  the  modified  linear  theory.  The 
pseudo-nacelle  shapes  create  pressure  fields  that  can  act  on  adjacent  components.  The  pseudo-nacelles  shapes  cannot 
sustain  buoyancy  forces  from  these  adjacent  components.  This  requires  a  careful  bookkeeping  system. 

4.0  TEST  VERSUS  THEORY  COMPARISONS 

This  section  contains  a  number  of  test  versus  tlieory  comparisons  to  illustrate  the  validity  of  the  theories  that  were 
discussed  in  the  previous  section.  Results  are  typical  of  the  more  extensive  comparisons  presented  in  references  10  and 
11. 

4.1  Application  of  Theory  to  Simple  Cases 

Predicted  aerodynamic  characteristics  of  the  NASA  wind-tunnel  model  isolated  wing-body  configuration  are 
compared  with  the  corresponding  test  data  in  figures  7  and  8. 

Drag  predictions  at  zero  lift  were  obtained  as  the  sum  of  the  volume  wave  drag  calculated  by  far-fleld  (area-rule) 
theory  plus  fully  turbulent  flow  skin-friction  drag,  These  drag  predictions  agree  well  with  the  test  data. 

The  theoretical  lift  curve  slopes  also  agree  reasonably  well  with  the  test  data.  However,  tlieory  predicted  the 
aerodynamic  center  too  far  aft,  particularly  at  the  low  supersonic  Mach  numbers. 

Tlx:  good  agreement  between  theoretical  and  experimental  drag  polars  in  figure  8  indicates  that  theory  should 
predict  the  reductions  In  wing-body  drag-due-to-llft  associated  with  the  nacelle  interference  lift  (described  in  section 
3.4). 

Theoretical  predictions  of  surface  pressure  distributions  and  zero-lift  drag  of  the  isolated  nacelle  at  a  mass-flow 
ratio  of  unity  (!«.,  no  spillage)  are  compared  with  test  data  in  figure  9. 


Theoretical  drag  predictions  agree  with  the  test  data  ai  Ma^h  1.3  and  1.4.  Theory  overestimates  the  nacelle  drag 
at  Much  1,2  and  below.  The  Mach  1.15  pressure  distribution  shows  that  theory  overestimates  the  expansion  (l.e., 
negative)  pressures  on  the  nacelle  bouttall.  This  leads  to  the  overestlmatlon  of  drag  at  the  lower  supersonic  Mach 
numbers.  The  pressure  measurement  at  the  first  station  ut  both  Mach  numbers  Is  less  than  theory.  This  is  probably  due 
to  the  nacelle  actually  spilling  a  small  amount  of  flow  at  the  "mass-flow  ratio  unity"  test  condition. 

4.2  Application  of  Theory  to  Nacelle  Inlet  Flow  Fields 

The  effect  of  nacelle  spillage  (muss-flow  ratios  us  low  us  0.7)  wuu  Investigated  in  the  NASA  nucclle-ulrfrume 
Interference  test  program.  The  muss  flow  through  each  nacelle  was  varied  by  u  control  plug  In  the  flow-through  sting 
supporting  the  micelle,  At  supersonic  speeds,  u  normal  shock  forms  In  front  of  the  nacelle  and  moves  progressively 
upstream  us  the  muss  flow  through  the  nacelle  Is  reduced. 

Mixed  subsonic-supersonic  flow  analyses  were  made  of  the  Isolated  nacelle.  The  program  used  u  time  marching 
procedure  to  solve  the  unsteady  two-dimensional  "eddy  viscosity"  Nuvlor-Stokes  equations  for  turbulent  flow  of  a 
nonconducting  fluid.  The  method  Is  described  In  references.  Viscosity  effects  were  neglected  In  the  analyses.  With 
viscosity  being  neglected,  the  mixed-flow  analysis  program  solves  the  Euler  equations. 

The  calculations  made  were  Invlscld  and  axlsymmetrlc  and  yield  bow  shock  locutions  us  part  of  the  solution.  A 
schematic  of  the  flow  field  Is  shown  In  figure  10,  Results  of  the  computations  Include  lx>w  shock  location  und  shape, 
(low  field  streamtubes,  definition  of  subsonic  flow  regions,  and  nacelle  surface  static  pressure  distributions,  as  well  as 
detailed  flow  field  Information  (such  us  Much  numbers,  pressures,  velocities)  throughout  the  calculation  region, 

Calculations  first  were  made  for  a  5-deg  sluirp-nose  conical  pitot  Inlet  to  validate  the  theory,  The  calculations 
were  made  for  a  Ireestream  Mach  number  of  1,14  and  for  mass-flow  ratios  of  (),f>4,  0,81.  0.91,  Muss-flow  ratio  equals 
the  ratio  of  muss-flow  rate  of  the  spilling  nacelle  to  the  n  s-i-flow  rate  without  spllluge. 

Computed  results  are  compared  with  expei'lmontal  data  from  reference  12,  In  figure  1 1,  The  conical  pitot  Inlet  and 
the  region  near  '.he  inlet  where  the  detailed  flow  field  analyses  were  made  are  shown,  Figure  II  also  contains 
comparisons  ol  predlt  ted  constant  Mach  contours  with  experimental  bow  shock  shapes  that  were  determined  from 
Schlieren  pictures,  The  "bunched"  upstream  Mach  contour  lines,  which  were  Interpreted  us  predicted  bow  shocks,  agree 
well  with  the  test  data,  The  cahmlatlons  also  Indicate  the  presence  ol  a  significant  region  of  subsonic  flow  between  the 
Inlet  and  the  detached  hi'"'  shock.  The  region  ol  subsonic  flow  grows  rapidly  as  the  mass  flow  Into  the  nacelle  Is  reduced 
and  more  flow  Is  forced  to  spill  around  the  Inlet,  Figure  12  compares  the  predicted  and  experimental  variation  of  shock 
standoff  distance  with  mass-flow  ratio. 


Nacelle  surface  pressure  measurements  are  compared  with  the  corresponding  theoretical  ptedlctlons  In  figure  13, 
Reducing  the  mass-flow  ratio  b  seen  to  have  significant  effect  In  decreasing  tlm  nacelle  pressures  near  the  Inlet  lip. 
Theoretical  predictions  agree  quite  well  with  test  results. 
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Mach  contours  and  streamtuoe  rhapts  for  flow  into  and  around  the  nacelle  were  calculated  for  different  mass-flow 
ratios  and  Mach  numbers.  Figure  1  5  shows  typical  results  of  these  calculations. 


Figure  lb  summarizes  the  effect  of  reduced  mass  flow  on  tlie  inlet  flow  field.  The  subsonic  flow  region  between 
the  detached  bow  shock  and  the  inlet  lip  grows  dramatically  as  the  Mach  number  is  reduced  from  1.4  co  1.15.  This  figure 
also  shows  the  location  of  the  nacelle  below  the  cing  chord  plane  corresponding  to  the  NASA-Ames  nacelle-airframe 
wind-tunnel  model  arrangement.  The  subsonic  flow  legion  is  seen  to  intersect  the  wing  surface  at  Mach  1.15. 

Nacelle  theoretical  surface  pressure  distributions  were  calculated  for  the  forecowi  o'  the  NASA  nacelle  .'or  various 
amounts  of  spi'lage  at  Mach  1.4  and  1.15.  Theoretical  pressure  disti  ibutions  are  compared  with  tes'  data  in  figure  17. 
Tlie  predicted  effect  of  reduced  mass  flow  on  the  nacelle  pressure  distributions  agrees  well  with  tl«  test  data. 

isolated  nacelle  drag  calculations  were  made  for  various  amounts  of  spillage.  In  these  drag  calculations,  it  was 
3SS timed  the  effei.r  of  spillage  on  skin  friction  drag  was  negligible.  The  nacelle  wave  drag  with  spillage  was  then 
calculated  by  adding  tiie  change  in  forecowl  drag  due  to  spillage  to  the  total  nacelle  wave  drag  with  no  spillage.  The 
predicted  effect  of  spillage  on  isolated  nacelle  diag,  as  shown  in  figure  18,  closely  matches  the  test  data. 

Thes--1  results  indicated  that  the  mixed  flow  theory  program  can  predict  satisfactorily  the  flow  field  characteristics 
around  a  smiling  nace'lc. 

Predictions  of  interference  pressures  near  ttv  nacelle  were  made  using  the  embedded-subsonic-flcw  analysis 
approach  summarized  in  figute  !9. 

m  this  approach  -  stream  tubes,  crb'ch  were  defined  by  the  mixed-flow  ttieory,  were  analyzed  as  solid  pseudo-nacelle 
shapes  using  the  supersonic  theory.  Pressures  predicted  by  these  supersonic  theory  analyses  were  compared  with  the 
corresponding  mixed  flow  tiieory  predictions  to  assess  'he  accuracy  of  the  approach. 

The  (sow  stuck  shape  calculated  by  the  supersonic  theory  for  the  nacelle  with  no  spillage  agrees  well  with  the 
mixed-flow  theory  predictions,  as  shown  in  figure  70.  The  supersonic  tiieory  bow  shock,  ho  wo  vet ,  does  "bulge"  forward  of 
the  mixed  flow  shock  in  the  region  near  the  inlet  lip. 

Calculated  interference  press u '"s  surrounding  tnc  non*  p*  fling  naceile  are  shown  In  figure  21  for  various  radial 
distances  from  the.  nacelle.  The  prc.suie  signatures  ire  qui'o  similar  except  in  the  immediate  vicinity  of  ihe  bow  shock. 
The  mixed  flow  theory  pressure  rise  Is  more  gradual  than  that  predicted  by  tile  supersonic  theory.  Tim  more  gradual 
pressure  rise  is  attributed  to  the  relative  ,  oavscncss  of  the  calculation  mesh.  These  results  tend  to  imply  that  the 
supersonic  theory  predictions  of  pressure,  sui-oonding  a  nacelle  are  accuraio,  provided  the  flow  remains  super.-onlc  and 
the  bow  ihock  Is  of  moderate  strength. 


Calculations  were  made  o'  pseudc-ivicclte  geometries  to  evaluate  procedures  for  using  flic  supersonic  theory  to 
predict  Interference  pressures  for  mt’sf.  flow  a  tins  of  o  8  and  0.7.  The  pseudo-nacelle  geometries  Included! 

e  Nacelle  plus  tee  capture  stream  tube 

•  Streamtube  rliupes  surrounding  the  nacelle  ovei  wilier  the  ilow  remains  supersonic)  three  stream  tubes  tit  various 
radial  distances  wee  anulyzod 

Tlie  calculated  how  shock  shams  for  tl.so  various  psci'do-i.icello  sluipes  are  compared  with  the  mixed  flow  theory 
predictions  lor  the  spilling  nacelles  In  figure  22. 


Tlie  supersonic  surrounding  st.eumtuba:  corresponding  to  «  specified  mass-flow  rutio  all  gave  slmllui  Ixiw  slwck 
shapes  and  near-field  prwuro  distributions,  The  capture  streamtube  results,  however,  differed  from  the  supersonic 
surrounding  streamtube  results. 

Tlie  sliupos  of  the  mixod  flow  theory  bow  shock  and  the  supersonic  surrounding  streamtube  bmv  shock  are  the  sun," 
beyond  radial  distances  a!  approximately  two  Inlet  diameters  from  the  conttu'llnv  -  At  smaller  <ndlal  distances,  the 
supersonic  surrounding  streamtube  shuck  bulges''  forward  of  the  mixed  flow  theory  shock  slmlllm'  to  the  no-spillage 
results  shown  In  figure  20. 

The  bow  shocks  predicted,  using  tlw  enpturi  stream  tube  plus  nacelle  geometry,  fall  aft  cl  tlie  corresponding  mixed 
flow  theory  shocks  except  very  near  the  nacelle.  Here,  the  supersonic  theory  shock  waves  Incorrectly  bulge  forward  of 
tlie  start  of  the  capture  stream  tube, 


Figure  2!)  compute  predict  tl  Interference  pressure  distributions  for  too  spilling  nacelhs.  The  flgurt  Includes! 

•  Mixed  Mow  tiieory  results  for  spilling  nacelles 

•  .Supersonic  theory  predict  I  ops  using  capture  streamline  plus  nacelle 

•  Supersonic  theory  predictions  using  supersonic  ■.urrot'ndliig  stream  tube 

The  mixed  flow  theory  predictions  a  ere  made  using  the  actual  nacelle  slmne  and  prescribed  Foiei'kiry  conditions  to 
piovlito  tlie  appropriate  mass  fmw  Into  tlw  nacelle.  The  supersonic  tiieory  predictions  were  obtained  from  streaintuhe 
simps  defined  by  die  mired  Mow  theory  analyses.  Inaccuracies  in  the  prescribed  sifeamtuhe  shapes  will  dufoloie  he 
reflected  In  tlw  supersonic,  theory  cnieuiat.lons,  The  no-spll’rge  predictions  of  figure  2  Implied  that  the  mixed  flow 
theory  tended  to  "smear"  the  bow  shock  over  iwo  or  li.ree  calculation -mesh  cell  widths,  deuce,  calculatid  >  tioaintubo 
shupos  will  also  he  overly  smoothed,  This  voui’i  result  In  reduced  shock  strengths  calculated  using  these  stupas, 


Tho  previously  mentioned  differences  In  predicted  how  shock  strength  me  readily  apparcit*  In  these  comparisons • 
Moderate  Initial  angle  changes  tnporoxhiwiloly  2  ds g)  would  account  (ex'  the  difference  between  tlw  supersonic  tlxuiry  ,  ml 
the  mixed  flow  tluury  bow  shock  strength  predictions.  Shapes  of  tie  iwessure  distribution*  computed  usir.,,  the 
supersonic  surrounding  streamfubo*  are  jlimlhir  to  tlw  •nl:;ud  flow  theory  results,  Main  leatuins  o(  ti."  Mfcw  Incl-kio  a 
strong  shock  followed  by  a  rapid  exprnjon  behind  tin,  'back,  which  is  in  turn  terminated  by  a  mild  shock  or  flow 
reiom pression .  Note  th,.t  results  obtained  using  ,|vi  .  apture  stream' ‘.Pie.  nacelle  representation  do  ml  give  i-.ny 
Indication  o(  tlie  strong  expansion  and  mild  rroampfvssiori  shock. 
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The  results  imply  that  normal-shock  spil'age  interference  can  be  properly  calculated  by  using  the  following 
embedded  subsonic  flow  approach. 

1.  Use  the  mixed  flow  theory  to  calculate  the  local  flow  field  characteristics  surrounding  the  spilling  nacelle  using  a 
fine  calculation  mesh. 

2.  Compute  the  surrounding  streamtube  shapes. 

3.  Identify  a  near  streamtube  over  which  the  flow  remains  supersonic. 

4.  Use  this  supersonic  streamtube  shape  to  calcula  e  the  pressure  field  surrounding  the  spilling  nacelle. 

5.  Integration  of  the  spilling  nacelles  pressure  o.i  the  wing  surface  and  on  adjacent  nacelles  should  provide  the 
interference  forces. 

4.3  Application  of  Theory  to  Prediction  of  Nacelle  Interference  on  Adjacent 
Airplane  Components 

Figure  24  contains  a  comparison  of  predicted  and  measured  mutual  nacelle  interference  drag  for  various  nacelle 
stagger  arrangements.  The  mutual  nacelle  interference  is  the  result  of  the  pressure  field  of  each  nacelle  pushing  on  each 
of  the  other  nacelles.  The  measured  mutual  nacelle  interference  was  obtained  as  the  difference  in  the  drag  of  the 
nacelles  with  and  without  the  other  nacelle?,  present.  Theoretical  predictions  agree  well  with  test  data. 

Theoretical  nacelle  shock-wave  patterns  and  interference  pressures  on  the  wing  lower  surface  are  compared  with 
test  data  for  one  of  the  aft  unstaggored  nacelle  location  in  figures  25  and  26.  The  experimental  Interference  pressures 
were  obtained  as  the  diff  erence  in  the  wing  lower  surface  pressures  with  and  without  the  nacelles  present. 

The  predicted  nacelle  bow-shock  locations  agree  well  with  the  experimental  shock  locations,  as  indicated  by  a 
sudden  "jump"  In  Interference  pressures,  ATp,  from  aero  to  a  large  positive  value.  Theoretical  interference  pressure 
distributions  agree  reasonably  well  with  tht'  experimental  data.  The  experimental  bow-shock  strength  Is  less  than 
i, vacated  by  the  test  data.  This  may  be  the  result  of  a  shock  boundary-layer  interaction  softening  this  initial  sudden 
pr  *s.‘iure  rise. 

Figure  27  contains  a  comparison  of  predicted  shock-wave  patterns  and  Interference  pressure  fields  with  test  data 
for  a  forward  unstaggered  nacelle  location  In  which  the  outboard  nacelle  is  near  the  wing  leading  edge.  In  this  nacelle 
arrangement,  the  wing  experiences  not  only  the  bow  shool-s  from  the  nacelles,  but  also  aft  shocks.  The  aft  shocks  arise 
from  the  flow  compression  at  ''lie  aft  end  of  the  nacelle  where  the  flow-through  sting  enters  the  micelle  shell. 

Tlit'  predicted  and  measured  Interference  pressures  for  this  wing-body  forward  nacelle  arrangement  agree  quite 
well  except  in  local  areas  near  the  aft  shock  and  at  the  most  onboard  station. 


In  reference  '?  it  Is  shown  tlrav  flow  across  a  glancing  stock  wave,  in  which  the  flow  Is  deflected  In  the  plane  of  tto 
wing,  will  separate  If  the  pressure  rise  across  the  shock  wave  exceeds  50%.  Furthermore,  It  Is  shown  that  a  local 
negative  pressure  field  on  the  wing  can  amplify  the  pressure  rise  across  a  shock  wave. 

Theoretical  tow  shock  and  uft  shock  strengths  on  the  wing  lowci  surface  arc  compared  with  these  shock- Induced 
boundary  layer  separation  criteria  (ref.  1 0)  In  figure  27.  The  aft  sho- ks  are  seen  to  be  sufficiently  strong  to  cause 
boundary  layer  separation.  Indeed,  this  separation  is  evident  by  the  discrepancy  between  the  theoretical  predictions  and 
test  data  In  the  areas  near  the  uft  shocks. 


Figures  28  and  29  contain  experimental  and  calculated  shock  wave  patterns,  and  Interference  pressures  on  the  wing 
lower  surface  for  conditions  In  which  the  nacelles  are  operating  ut  a  mass -flow  ratio  of  approximately  0.8.  The 
tceorotical  stock-wave  patterns  for  no  spillage  me  also  shown  for  reference.  The  theoretical  predictions  arc  In  fair 
agreement  with  the  test  data. 

The  thcoietlm.t  calculations  for  the  spillage  conditions  were  made  using  supersonic  theory  and  pseudo-nacelle 
geometry  consisting  oi  the  actual  nacelle  geometry  plus  the  capture  streamtube  as  It  lot  extensions.  The  more  accurate 
supersonic  surrounding  streamtube  method  was  not  used  bemuse  the  previous  mixed-how  analyses  were  restricted  to  the 
Inlet  region  only.  As.  n  result,  the  full  shapes  of  the  surrounding  streamtubes  were  not  di  lined. 

4.4  Installed  Nacelle  Uft  and  Hrug 

Comparison:  between  theoretical  and  experimental  nacelle  lift  and  drag  are  shown  In  figures  30  and  31  for  an  aft 
umitiiggereil  nacelle  location.  The  drag  comparisons  include  the  net  Interference  on  the  wing-  tody,  the  net  Interference 
ori  Ihe  nacelles,  and  die  ,’otal  nacelle  installation  drag.  The  drag  and  lift  predictions  agree  quite  well  with  tlx*  test  data. 

This  aft  nacelle  location  Is  seen  to  be  a  favorable  low-drug  Installation,  since  m  moderate  lilt  coefficients  the 
Installed  nacelle  drag  Is  leas  than  hall  the  Isolated  nacelle  drag  level.  This  favorable  effect  H  primal  1 1  y  due  to  fix' 
reduction  In  wlng-botly  drng-duc-todlft  associated  with  the  nucelle  Interference  lift- 


The  measured  Intel  for  vice  li't  Increment  Increases  with  angle  of  attack,  purtlailar  ly  a;  Mach  1.15,  The 
tlii'joretloai  Interior  mice  lilt  c.  Icul.:* '.ons  wore  made  at  a  constant  locm  Mach  number  equal  to  tin  freestreum  Ma<  h 
i  mm  tor.  The  Increase  In  lnte,-fr -cnce  lilt  can  to  attributed  to  a  reduction  In  the  local  Mach  number  mound  tto  nacelles 
associated  with  the  change  In  th  wing  Imorference  pressure  fields  as  angle  of  attack  is  Increased,  this  of.oct  Is  the 
greatest  at  vtry  low  supersonic  Much  numbers. 


Similar  test  versus  theory  comparisons  are  shown  In  figure  32  fin  u  forward  nacelle  locution  at  Much  1.4.  The 
theoretical  predictions  differ  .ugnb'liv.i.tly  irom  the  test  data.  This  diti'rence  Is  believed  to  lx*  due  to  two  eflcctsi  (1) 
shock-induced  separation  assoeniud  v"*h  tlx*  stiong  nacelle  all  storks  and  (2)  Influence  of  tto  nacelle  pressure  field 
affecting  the  upper  surface  of  the  wing.  Neither  ot  these  cflects  is  Included  In  the  tlmory.  However,  both  theory  and 
test  Indicate  tlwt  the  nacelle  Intel  lorence  -I (ta  ts  fur  this  lot  ward  location  ore  highly  unfavorable.  The  Installed  drug 
Increases  with  angle  of  attack  and  approximately  doubles  the  Isolated  nacelle  drag  level, 
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Figures  30,  31,  and  32  show  that  nacelle  location  can  have  a  powerful  effect  on  the  nacelle  interference.  At  the 
aft  nacelle  locations,  both  the  interference  of  the  nacelles  on  the  wing-body  and  the  wing-body  on  the  nacelles  are 
favorable.  The  nacelles  in  the  aft  locations  produce  a  substantial  level  of  favorable  interference.  As  the  nacelles  are 
moved  forward,  both  of  these  interference  components  become  unfavorable,  which  results  in  considerable  unfavorable 
net  interference. 

Figure  33  contains  comparisons  ot  calculated  nacelle  interference  drag  with  test  data  for  different  mass-flow 
ratios,  i.e.,  amounts  of  spillage.  The  drag  of  the  isolated  nacelle,  measured  at  the  average  mass  flow  for  the  nacelles  at 
each  nominal  test  condition,  was  removed  from  the  corresponding  measured  total  wing-body  nacelle  drag.  Similarly,  the 
theoretical  interference  drag  predictions  do  not  include  the  calculated  isolated  nacelle  drag. 

The  effect  of  spillage  on  the  nacelle  interference  acting  on  the  wing-body  appears  to  be  correctly  predicted  by  the 
theory. 

Tiie  effect  o,'  spillage  on  tlie  interference  on  tlie  nacelles  is  less  than  predicted  by  tiieory.  Consequently,  the 
theoretical  effect  of  spillage  on  the  total  nacelle-installed  aerodynamic  interference  drag  does  not  agree  very  well  with 
the  test  data. 

4.5  Application  of  Theory  to  Jet  Exhaust  Interference 

The  shape  of  exhaust  plume  of  a  jet  engine  can  provide  an  additional  source  of  aerodynamic  interference.  One 
approach  to  predicting  these  interference  effects  is  to  represent  th"  jet  plurne  by  an  equivalent  solid  body  extension. 
Calculations  of  aerodynamic  interference  with  and  without  the  solid  body  extensions  would  provide  an  assessment  of  the 
jet  exhaust  interference  on  tire  adjacent  components  of  the  airplane. 

NASA  conducted  an  experimental  investigation  to  verity  tiic  concept  of  representing  a  jet  by  an  equivalent  solid 
bod'1.  The  exhaust-nozzle  simulation  system  used  in  the  study  is  shown  in  figure  34.  Full  details  of  tire  study  are 
reported  in  reference  !  3. 

Experimental  data  from  this  NASA  test  program  were  used  to  assess  the  accuracy  of  the  supei sonic  theory 
(described  in  section  3.2)  for  predicting  jet  exhaust  interference.  Theoretical  predictions  were  made  of  the  pressures 
surrounding  tire  nozzle  simulator  with  the  jet  shape  determined  by  inviscid  tiieory.  Theoretical  predictions  are  compared 
with  test  data  in  figure  34. 

Predictions  obtained  using  tlie  inviscid  jet  shape  agree  closely  with  measurements  around  the  actual  exhaust  jet. 
These  results  indicate  that  the  concept  of  representing  a  jet  plane  by  a  corresponding  equivalent  solid  body  shape  is 
valid,  and  that  supersonic  tiieory  can  predict  these  effects. 


5.0  CONCLUDING  REMARKS 

Because  an  extensive  experimental  data  base  was  made  available  by  NASA,  it  has  been  found  possible  to  evaluate 
the  validity  of  tiieory  as  applied  to  the  difficult  problem  of  airframe-propulsion  system  aerodynamic  interference  at  high 
transonic  Mach  numbers  including  off-design  engine  mass-flow  effects.  It  was  found  that  practical  theoretical  methods 
are  now  available  to  address  this  problem  quite  satisfactorily.  Success  was  achieved  by  selecting  the  simplest  applicable 
tiieory,  examining  its  Inherent  limitations,  and  correcting  these  limitations  selectively  and  locally. 

The  configurations  examined  were  limited  to  wing-body  combinations  with  axlsymmotrlc  nacelles.  Future  worl< 
should  emphasize'  departures  from  axisymmotry  in  nacelle  geometry,  To  do  this,  It  will  first  be  necessary  to  carry  out 
experiments,  comparable  In  quality  to  those  used  In  tills  paper,  with  other  nacelles.  It  will  then  be  necessary  also  to 
develop  corrections  to  the  theory  to  account  for  nacelle  shapes  that  are  significantly  different  from  tliose  for  which  the 
theories  used  In  this  paper  were  developed. 

It  was  not  found  possible  to  evaluate  the  theories  used  in  this  paper  in  the  Mach  region  from  0.P5  to  1.03.  As  the 
regions  of  subsonic  flow  embedded  In  the  main  supersonic  stream  increase  In  size,  procedures  that  have  been  shown  to 
work  fairly  well  at  Mach  1.05  will  eventually  fall  as  Maori  number  is  reduced  from  that  value.  Eventually,  ut  Macli 
numbers  less  than  0.45,  what  has  been  used  In  this  paper  should  work  in  principle,  but  different  elemental  computer 
programs  will  have  to  be  used.  The  problem  now  becomes  one  of  supersonic  flow  jxickcts  in  u  main  subsonic  field. 

All  in  all,  however,  the  work  presented  here  has  shown  that  theory  cun  help  to  understand  Interference  effects  of 
spilling  nacelles)  and  that  calculations,  using  these  theories,  should  help  ulrplane  designers  avoid  nacelle  Installations 
that  would  have  high  Inherent  Interference  drag. 
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Figure  6.  Nacelle  Installed  Elemental  Drag  Components 
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Figure  8.  Variation  of  Wing-Body  Drag  With  Lift 
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f  igure  9.  Isolated  Nacelle  Pressure  Distribution i  and  Drag  at  Zero  Angle  of  Attack 
and  a  Mass  Flow  Bath  of  Unity 
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Figure  10,  Schematic  Diagram  of  Supersonic  Pitot  inlet  Flow  Field  for  Mass-Flow 
Ratio  Less  Than  Unity 
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Figure  1 1.  Verification  of  the  Mixed-Flow  Theory 
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Figure  13,  Effect  of  Mess-Flow  Ratio  on  Conical  Inlet  Surface  Pressures 
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Figure  14,  MIxwFFlow  Analysis  Geometry 
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Figure  16.  Effect  of  Spillage  on  Inlet  Flow  Field 


Figure  17.  Effect  of  Spillage  on  Nacelle  Isolated  Pressures 
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Figure  18,  Effect  of  Spillage  on  Isolated  Nacelle  Drag 
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Figure  25.  Effect  of  Nacelles  Upon  Wing  Lower  Surface  Pressures  at  Zero  Angle  of 
Attack,  Mach  1.4,  and  Mats  Flow  Ratio  of  Unity  for  an  Aft  Nacelle 
Location 
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Figirt  25.  Effect  of  Nacelles  Upon  Wing  Lower  Surface  Preaturtt  at  Zero  Angle  of 
Attach  at  Math  1. 15  and  Meat  Flow  Ratio  on  Unity  for  an  Aft  Nacelle 
Location 
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Figure  29.  Effect  of  Normal-Shock  Spillage  on  Isolated  Nacelle  Pressures  and  Wing  Lower  Surface 
Pressures  at  Mach  1.  IS,  Zero  Angle  of  Attack,  and  a  Mass  Flow  Patio  of  0.8 
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Figure  30.  Installed  Nacelle  Drag  for  an  Aft  Nacelle  Location  at  Mach  1,4 
and  Mass  Flow  Ratio  of  Unity 
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Figure  32.  Installed  Nacelle  Drag  for  a  Forward  Nacelle  Location  at  Mach  1. 4  or  d  Mass  Flow 
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Figure  33.  Effect  of  Normal-Shock  Spillage  on  Interference  Lift  and  Drag  at  Mach  1  4 
and  Zero  Angle  of  Attack 
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Figure  34.  Comparison  of  Theoretical  and  Experimental  Exhaust  Jet  Interference  Pressures 
for  an  Underexpanded  Jet  (P j/Px=  1.093)  at  Mach  3.2 
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R  0  V  N  D  T  A  B  LE  DISCUSSION 


DR.  GREEN 

I  hope  that  our  constitutions  have  withstood  the  excellent  hospitality  that  we  have  recei/ed  from  our  French 
hosts  and  that  we  still  have  some  reserves  of  energy  left  for  this  final  discussion.  I  believe  that  this 
has  been  a  good  meeting  so  far,  and  I  hope  the  material  presented  will  stimulate  a  lively  and  informative 
Round  Table  Discussion  this  afternoon.  What  I  would  like  to  do  is  use  the  time  available  between  now  and 
when  we  leave  to  review  the  field  as  a  whole,  rather  than  specifically  to  review  the  work  that  was  presented 
at  this  meeting.  We  have  amongst  us  a  good  proportion  of  the  people  in  the  West  who  know  most  about  the 
problems  that  have  been  under  discussion  this  week.  This  gathering  of  so  many  eminent  propulsion 
aerodynamics  specialists  gives  us  an  opportunity  today  to  take  stock  of  the  state  of  our  understanding,  the 
weaknesses,  the  points  of  contention,  and  from  this  discussion  to  chart  some  course  for  the  future  -  to 
identify  the  important  and  most  difficult  problems  now  facing  us.  Part  of  our  discussion  will,  of  course, 
make  reference  to  the  papers  that  have  been  presented  at  this  meeting.  Those  papers,  after  all,  present  a 
number  of  high  points  on  the  terrain,  indicating  where  we  stand  in  the  development  of  particular  aspects  of 
the  technology.  However,  I  want  this  Round  Table  Discusssion  to  focus  primarily  on  the  field,  rather  than 
specifically  on  what  has  been  presented  at  this  meeting. 

I  am  going  to  ask  four  people  with  specialist  knowledge  of  the  topics  that  were  covered  in  the  four  sessions 
each  to  review  the  topic  in  about  5  minutes.  Dr.  Richey  of  the  Air  Force  Wright  Aeronautical  Laboratories 
USA  will  talk  to  the  subject  of  intakes  for  military  aircraft;  Mr.  Grieb  of  Motoren-und  Turbinen-Union 
Germany  will  talk  to  the  back-end  problem!  nozzles  and  afterbodies;  Mr.  Garter  of  the  Aeronautical  Res'.arch 
Association  England  will  discuss  the  problem  of  techniques  for  both  civil  and  military  powerplant 
simulation;  and  M.  Leynaert  of  ONERA  France  will  review  the  field  of  transport  aircraft.  After  that,  X 
wojld  like  to  open  the  discussion  to  the  floor  and  to  discuss  each  of  these  topics  in  turn. 

What  I  hope  we  can  do  for  each  of  these  fields  is  to  achieve  some  sort  of  agreement  on  where  we  now  stand 
I  am  relying  on  the  four  specialists  to  make  some  statement  of  our  present  state  of  knowledge,  and  I  am 
relying  on  people  in  the  audience  to  disagree  with  those  statements  if  they  think  they  are  incorrect. 

Silence  will  be  taken  as  acceptance  and  the  opinions  of  the  specialists  will  then  stand  in  the  written 
record  as  the  authoritative  view  of  where  we  now  are.  X  hope  this  meeting  will,  in  the  discussion  time, 
enable  us  to  give  the  statements  of  our  four  speakers  the  seal  of  approval  or  to  challenge  thorn  and  to  bring 
into  the  open  any  important  areas  of  disagreement.  X  would  like  to  ask  Dr.  Richey  to  begin.  He  will  talk 
on  the  subject  of  intakes  for  combat  aircraft. 


DR.  RICHEY 

I  will  give  you  some  of  my  views  on  the  current  state  of  the  art  of  inlet-airframe  integration.  (Fig.  1)  Iv 
we  look  at  the  1970's  -  a  mid-point  in  that  period  was  the  AGARD  meeting  on  Propulsion  Installation  Effects 
in  Rome  in  1974  -  you  might  view  that  the  current  state  of  the  art  for  combat  aircraft  intakes  is  that  our 
developments  are  windtunnel  based  for  the  most  part.  We  then  flight  test  to  verify  the  performance  and 
inlet-engine  compatibility  and  do  some  problem  solving  in  flight.  Some  good  examples  have  been  presented  at 
this  meeting,  including  the  work  on  the  Tornado.  There  is  a  clear  recognition  that  measuring  and  assessing 
instantaneous  flow  distortion  is  a  correct  approach  to  addressing  inlet  engine  compatibility.  This  is  in 
view  of  the  fact  that  the  flow  out  the  compressor  face  flow  is  unsteady  and  that  an  instantaneous  distortion 
index  is  required.  We  have  seen  theoretical  analysis  techniques  emerging,  but,  as  of  now,  for  combat 
aircraft  intakes  on  supersonic  aircraft  which  tend  to  be  highly  manoeuvrable,  these  theoretical  techniques 
are  not  strongly  used  in  the  design  and  evaluation  of  the  integrated  inlet  airframe  system. 

If  we  look  into  the  aircraft  which  could  be  operational  in  the  1990's  (Fig.  2),  we  might  do  a  bit  of 
crystal-ball  gazing  on  some  of  the  potential  intake  design  drivers,  those  characteristics  of  future  aircraft 
which  could  have  a  significant  impact  on  the  design  of  the  air  intake.  There  is  a  potential  need  for  more 
sustained  supersonic  capability.  Our  aircraft  today  are  capable  of  naching  Mach  2  and  above,  but  not  for 
very  long.  Fuel  usaage  is  high,  the  drag  is  high  and  there  is  not  much  sustained  supersonic  capability  in  a 
combat  aircraft.  There  could  be  more  emphjfis  on  this  direction,  as  our  uses  for  combat  aircraft  change  in 
the  future,  however,  we  do  not  see  that  we.  will  want  to  give  up  any  requirements  for  agility  and 
manoeuvrability  that  we  now  have.  In  fact  there  may  be  more,  as  the  threats  become  more  severe,  both 
ground-based  and  air-based.  Runway  denial  is  a  possibility  in  the  future  which  could  lead  to  requirements 
for  short  take  off  and  landing.  For  the  air  intake  this  may  require  a  coi  patabil  ity  with  STOL  configuration 
arrangements  in  terms  of  reducing  or  eliminating  foreign  object  damage,  being  compatible  with  thrust 
reversers  and  their  hot  gas  v  ingestion,  and  other  areas  which  apply  to  STOL,  Combat  aircraft  have  to  carry 
weapons  to  the  target  and  thus  the  aircra.t  designer  has  to  integrate  the  aircraft  with  those  weapons.  If 
certain  delivery  modes  are  uged  such  as  fuselage  pointing,  aiming,  and  qu’  k  weapons  delivery  manoeuvres, 
this  could  have  an  impact  on  aircraft  intake  design.  The  final  intake  design  driver  is  associated  with 
reduced  detectability,  which  could  be  very  important  in  future  aircraft  designs.  There  will  be  a  strong 
need  to  reduce  the  detectability,  thereby  improving  survivability  in  combat  situations.  This  is  certainly 
an  opportunity  for  unique  intake  designs  and  unique  inlet-airframe  configurations. 

From  these  crystal  ball  images  of  potential  future  drivers  -  I  will  not  tell  you  that  those  will  be  the  only 
drivers,  because  they  are  only  based  on  our  view  at  the  present  time  and  the  requirements  can  change  very 
rapidly  -  we  can  perhaps  derive  some  new  unique  opportunities  in  aircraft  intake  design.  A  few  of  my 
thoughts  are  as  follows:  (Fig,  3)  First  of  all,  I  believe  there  is  a  tremendous  potential  for  computer  and 
theoretically  based  intake  designs  to  be  applied  to  combat  (military)  aircraft,  using  some  of  the  techniques 
we  have  seen  this  afternoon  for  transport  aircraft.  I  am  very  encouraged  about  these  theoretical 
developments  for  transport  aircraft,  which  M.  Leynaert  will  cover  later.  I  think  we  need  to  emphasize  the 
application  of  advanced  computational  techniques  to  combat  aircraft,  which  are  more  manoeuvrable  and  operate 
over  a  wider  range  of  conditions.  I  think  that  there  has  been  some  reluctance  to  use  the  computer  analysis 
methods  in  that  environment. 
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As  l  aant'.onad  earlier,  there  is  perhaps  a  need  end  opportunity  fer  extensions  to  higher  supersonic  cruise 
and  manoeuvre,  more  sustained  supersonic  capability  than  we  now  have  in  ccmbat  aircraft.  Integration  of  -he 
inlet  and  propulsion  system  with  advanced  weapons  is  an  area  of  both  concern  and  opportunity.  Perhsps  there 
could  be  integration  of  the  control  system  of  the  inlet  or  air  intake  with  the  control  of  the  vehicle  or 
wi'h  the  weapon  itself.  We  can  ook  at  many  unique  configurations,  and  X  am  sure  that  tnere  are  many 
inventive  people  here  in  this  room  and  amongst  your  colleagues,  who  with  the  requirements  set  before  them, 
can  com  up  with  many  unique  configurations  for  more  efficiency  and  wider  range  of  operation. 

X  will  finish  up  by  reminding  us  of  a  couple  of  configurations  that  we  saw  on  the  first  day  in  the  paper 
presented  by  Mr.  Surber.  He  showed  examples  of  high  aspect  ratio  inlet  designs,  top  mojnted  inlets  and 
concepts  closely  integrated  with  the  fuselage.  The  flow  fields  of  these  combat  aircraft  intakes  are 
interest:, ng  to  say  the  least,  and  these  intakes  will  require  a  high  degr  :c  of  integration  between  the 
propulsion  syetem  and  the  airf.ame  to  make  them  perform  effectively  and  efficiently.  I o  the  paper  by  Mr. 
Williams  there  was  a  good  diacussicn  of  the  very  difficult  flowfield  associated  with  a  top-mounted  inlet  and 
the  integration  with  the  leading  edge  extension  and  wing  configurations.  If  there  are  benefits  to  the  total 
aircraft  system  of  these  types  of  inlets,  then  it  is  quite  a  challenge  and  indeed  an  opportunity  for  inlet 
desiguet  s. 

DR.  GREEN 

Thank  you  very  much  Or.  Richey.  May  I  now  ask  Mr.  Grieb  to  review  the  field  of  afterbodies  and  nozzles. 

DR.  GRIEB 


Fi-st  I  would  like  to  make  some  comments  on  nozzles.  As  described  in  (Fig.  4),  the  present  situation  is 
marked  by  the  application  of  converger t  cud  convergent/di varg.ent  nozzles  with  various  individual  designs  and 
subsequent  control  schemes.  So  far,  the  extent  of  variability  of  exit,  and  throat  areas  seems  to  be  rather 
limited.  Evidently,  there  is  a  significant  trend  towards  convergent/divergent  nozzles.  The  comb 'natiou  of 
nozzle  and  thrust  reverser  is  presently  practised  in  one  case  on  the  bauis  of  a  very  simple  convergent, 
•hort-flap  nozzle  and  a  target  thrust  reverser  being  also  the  simplest  concept.  At  least  with  faired 
long-flap  nozzles  favorably  shaped  afterbodies  can  be  configured. 

In  my  mind,  for  all  nozzles  with  or  without  base  area,  the  afterbody  drag  problem  seems  to  be  caused  mainly 
by  the  normally  complicated  afterbody  configuration  of  twin-engined  aircraft,  taking  into  account  also  the 
influences  of  vertical  and  horizontal  tails,  of  weapons  stations  at  the  fuselage  ahead,  and  last  but  not 
least  the  influence  of  angles  of  attack  and  yaw  on  the  fuselage  boundary  layer  approacning. 

Concerning  future  requirements  as  well  as  design  and  performance  aims,  considerable  attention  is  being  paid 
to  nozzles  with  thrust  vectoring  and  thrust  reverse  with  respect  to  manoeuvrability  and  STOL  (Fig.  5).  Here 
the  2-0  nozzle  concept  at  first  sight  seems  to  be  a  better  starting  point  than  the  axisymmettic  nozzle  as 
long  as  the  thrust  vectoring  is  limited  to  the  vertical  direction.  In  comparison,  axisymmetric  nozzles  of 
any  design  prrbably  form  the  only  base  for  thrust  vectoring  in  both  directions.  This  night  be  very 
attractive  in  view  of  auper-manoauvrabil ify  of  the  aircraft.  However,  the  combination  of  sophisticated 
axisymmetric  nozzles  with  thrust  vectoring  and  thrust  reverse  will  be  a  very  difficult  task,  all  the  more 
since  in  this  case,  the  simple  target  thrust  reverser  wou.d  probably  not  be  feasible.  All  these 
multi-purpose  nozzle  concepts  will  give  rise  to  more  or  less  considerable  extra  weight  and  complexity,  and  I 
would  suggest  that  aircraft  designers  should  not  dream  too  much  of  these  concepts  in  view  of  the 
effectiveness  and  the  life-cycle  cost  of  the  aircraft. 

Nov  some  comments  on  afterbodies.  First  I  should  say  that  X  am  not  an  expert  in  the  afterbody  aerodynamics 
end  development  problems  encountered.  The  experts  are  sitting  in  the  audience.  But,  I  may  be  allowed  to 
make  soma  simple  comments  from  an  engine  designer's  ,.oint  of  view  (Fig.  6).  In  my  opinion,  it  is  obvious 
that  the  design  and  optimization  of  afterbodies,  at  least  of  twin-ongined  aircraft,  suffers  from  the  fact 
that  flow  prediction  methods  are  not  yet  sufficiently  developed,  the  results  gained  by  wind  tunnel  testing 
are  often  misleading  and  flight  testing  does  not  allow  straight  identification  of  afterbody  drag.  The 
physical  reasons  for  this  rather  poor  situation  are  listed  here  and  form  a  challenge  for  farther  theoretical 
and  experimental  research  on  afterbody  aerodynamics. 


(Fig.  7)  Concerning  the  future  situation  I  realize,  on  the  one  !  and,  that  more  stringent  aircraft 
requirements  as  well  as  advanced  nozzle  concepts  will  give  great  impetus  to  future  R  and  D  work  on  afterbody 
aerodynamics.  On  the  other  hand,  it  seems  to  me  chst  compared  with  the  influence  of  other  aerodynamic  and 
geometric  parameters,  the  choice  of  a  specific  nozzle  concept  is  by  far  not  the  only  iecisive  contribution 
to  an  efficient  afterbody. 

OR,  GREEN 

Thank  you  very  much  Dr.  Grieb.  May  I  now  ask  Mr.  Carter  to  review  the  field  of  techniques. 

MR.  CARTER 

I  hope  that  they  get  the  right  viewgraph  up  this  time.  I  came  with  a  prepared  viewgraph  because  I  knew  that 
if  it  was  written  in  my  own  fair  hand,  you  wouldn't  be  able  to  read  it  and  neither  would  X.  I  am  sorry  if 
it  looks  rather  long  and  rather  fussy,  but  I  will  go  through  the  points,  skipping  fairly  vigorously  through 
them  and  then  we  can  come  back  at  a  later  stage.  1  also  wasn't  aware  of  the  fact  that  these  will  be  kept 
and  used  as  future  evidence  apainst  us.  I  am  sure  thst  probably  most  of  us  would  like  to  grsb  our 
viewgraphs  and  take  them  «w ay  again. 
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""’’’I  have  just  got  rwo  vievgraphshers,  tht  first  one  it  a  military  one  (Fig.  8).  I  have  broken  it  down  on  the 
Chairman's  suggestion  into  what  I  saw  at  the  present  state  of  the  art.  This  was  before  this  meeting.  In 
general  my  view  was  that  the  scene  on  the  whole  is  quite  promising,  but  to  a  large  extent  we  still  deal  with 
the  military  aspect  on  a  rather  piecemeal  approach.  Piecemeal  insofar  as  we  test  front  ends,  we  test  back 
ends  ana  we  find  it  difficult  to  test  the  whole  of  them  together.  The  piecemeal  approach  is  fairly  well 
documented  and  handled  at  the  moment.  Inlet  internal  performance,  interface  methods  and  dynamic  distortion 
techniques  are  quite  well  established  now.  Inlet  spill  drag  on  military  configurations  is  now  also 
apparently  well-established  by  using  distorted  rear  end  models  with  •  ue  correct  relevant  front  end 
portions.  These  can  be  done  either  by  momentum  traverse  or  more  normally  by  force  measurement  for  military 
aircraft.  Afterbody  performance  measurements  are  currently  in  hand  but  in  the  presence  of  cold  air. 

Accurate  results  are  difficult  to  obtain,  and  I  agree  entirely  with  Dr.  Grieb  that  this  is  a  particular  area 
where  significant  developments  can  be  made. 

Through-flow  complete  models,  that  we  call  the  aero-force  model  measurements  are  «  ’1  established.  On  the 
whole  however,  I  think  that  we  all  atill  find  that  the  proceas  of  internal  *"  w  c  bra -ion  ia  very  tedioua 
and  very  time  conauming,  very  expensive  and  often  somewhat  inaccurate.  Com  t.  'a  with  inlet  and 

exhaust  simultaneously  represented  should  be  our  objectives.  Representatior  *  or  TPS  is  beginning 

to  be  established,  but  I  would  say  only-just  beginning  would  be  the  better  empnaaiu  .re.  The  simultaneous 
representation  of  inlet  and  exhaust  flows  is  particularly  difficult  at  present  for  multi-nozzl  ■  a  of  the 
vectored  Pegasua  type  configurations.  So  basically,  the  question  is  still  to  be  answered,  it  it  really 
necessary  that  inlet  and  exhaust  should  be  simultaneously  represented?  Future  developments  on  the  military 
side  I  would  see  as  being  (and  l  am  jumping  to  the  bottom  of  my  list  for  one  of  the  items  here)  a  study  of 
inlet/exhaust  mutual  interference  to  demonstrate  the  need  or  otherwise  of  their  simultaneous 
representation.  I  think  that  we  all  feel  in  our  bones,  that  front  ends  and  back  ends,  for  dost-  coupled 
configurations  must  be  represented  simultaneously  but  there  ia  no  really  concrete  evidence  that  has  been 
produced  on  this  that  I  am  aware  of.  This  will  be  thrown  open  to  the  forum. 

To  sunmarize  'he  areas  of  future  development  then,  on  the  assumption  that  mutual  interference  is  important, 
one  of  our  current  foremost  needs  is  for  a  military  simulator  to  provide  representative  nozzle  pressure 
ratios  and  inlet  flows.  If  we  can  have  such  simulators,  wi1 1  these  accept  the  typical  type  of  engine  face 
distortions  which  ve  are  going  to  throw  at  tham?  Just  as  engines  dislike  distortions,  I  aui  quite  sure  that 
some  of  the  simulators  will  dislike  them  even  mote,  and  particularly  at  high  incidence.  Equally  wall,  will 
we  be  able  to  calibrate  such  simulators?  I  will  emphasize  here,  as  a  personal  view,  the  need  for  a  short 
simulator  for  VTOL  Pegasus  type  instsllations,  where  the  space  in  between  inlet  and  exhaust  raakas  it  almost 
an  absolute  necessity  that  both  should  be  simultaneously  represented,  but  there  is  virtually  no  apace  in 
which  to  do  this  rspresentation. 


Afterbody  performance  techniques  need  development,  they  are  currently  an  extremely  difficult  technical  and 
practical  procedure.  There  is  also  development  needed,  of  associated  model  support  ayatema  to  produce 
minimum  interference  for  afterbody  work. 

This  second  viewgraph  of  the  civil  acene  (rig.  9)  ia,  I  am  afraid,  rather  long.  I  hope  that  you  can  just 
about  get  it  on  the  screen.  On  the  broad  side,  viewing  the  present  atate  of  the  art,  again  I  would  say  that 
in  general  the  position  is  good.  There  has  been  a  wide  acceptance  of  the  need  for  high  accuracy  aid  correct 
simultaneous  simulation  of  both  inlet  and  exhaust  flows.  Relatively,  I  would  think  that  the  atate  of  the 
art  for  the  civil  field  ia  probably  more  advanced  than  that  of  the  military,  but  then  the  range  of  the 
problems  is  less.  Techniques  for  the  internal  performance  of  inlets  a-e  now  well  established,  spill  drag 
measurements  are  fairly  well  developed  both  by  momentum  traverse  methods  and  force  methods.  Single  and  twin 
stream  exhaust  performance  measurements  are  now  readily  available  on  static  rigs  and  external  flow  rigs. 

Hot  core  representation  is  also  provided  in  certain  areas.  For  complete  and  half  models  simultaneous  inlet 
and  exhaust  flows  with  TPS  are  established  at  are  direct  twin  stream  exhaust  blow  methods,  all  of  which  we 
have  heard  quite  a  lot  about  this  past  week.  The  use  of  ejectors  is  atill  developing,  just  as  the  arguments 
for  and  against  ejectors  are  developing.  This  work,  I  would  say,  with  TPS  and  other  simulators,  it 
essentially  confined  to  large  wind  tunnels,  current  TPS  sizes  are  dictating  model  scales  and  in  some  cases, 
are  dictating  that  one  must  use  half  models,  not  because  you  necessarily  want  to  use  a  half  modal,  but 
because  the  smallest  available  TPS  or  other  types  of  simulators  really  dictate  the  scale  of  the  model  and 
puts  you  into  a  half  model  situation.  The  calibration  of  simulators  is  developing,  and  is  probably  the  item 
which  is  currently  defining  the  present  accuracy  limits  of  testing  with  simulators. 


Summarizing  the  current  limitations,  model  performance  techniques  being  developed  for  half  and  full  models 
are  expensive  and  somewhat  inflexible.  There  is  no  adequate  digested  information  at  present  to  demonstrate 
the  consistency  and  repeatability  of  simulators.  I  have  said  that  to  provoke  a  little.  Simulators  are  used 
a  lot  and  calibrated  a  lot.  We  get  slightly  random  answers  from  these.  We  don't  necessarily  know  whether 
it  is  our  calibration  technique  or  whether  it  is  the  simulator  which  hue  got  a  character  of  its  own  which 
changes  daily.  Present  performance  measurements  on  inlets  are  invariably  isolated.  Representation  of  the 
curved  flow  environment  of  the  inlet  flow  it:  a  subject  which  worries  people.  Should  we  be  studying  the 
performance  of  inlets  whilst  in  the  presence  of  the  wing  flow,  or  is  it  sufficient  to  do  them  as  isolated 
items?  Present,  performance  measurements  on  exhaust  nozzles  are  usually  isolated  but  should  be  made  in  the 
presence  of  the  wing.  This  is  possible  fee  discharge  coefficient  measurements  but  is  very  difficult  for 
thrust  measurements  where  interenange  of  buoyancy  forces  makes  it  very  difficult  to  differentiate  between 
drag  and  force. 


Future  developments:  obviously,  there  is  need  for  consolidation  of  the  currant  techniques  particularly  with 
TPS  and  other  simulators.  Examination  of  data  from  simple  through-flow  representations  in  comparison  with 
exhaust  simulators  is  needed  to  optimise  the  through-flow.  We  still  have  a  long  way  to  go  in  defining  what 
are  the  optimum  through  flow  types  of  nacelle  representation.  Calibration  of  the  half  model  vs  the  full 
model  techniques  and  possible  tunnel  interfeier.ee  with  exhaust  flows  is  a  subject  which  ia  causing  some 
concern.  Does  the  presence  of  the  exhaust  flow  change  the  tunnel  interference  parameters,  and  in 
particular,  the  buoyancy  in  the  tunnel?  A  metric  fuselage  and  afterboJy  is  an  extremely  good  way  of 
integrating  buoyancy  forces  in  a  windtunnel  and  giving  the  wrong  answers. 
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’Bntlofmt  of  ao4*l  Wfpart  ij’ittv  tor  Him  tkroo  oat  to*  and  roar  angina  eonJf  if  oration*  ara  needed. 

Forward  blada  aupport  interference  naada  developMnt  aa  I  feel  wo  ara  going  to  haw  to  livo  with  forward 
auppor ta  in  tha  naar  futura.  How  can  these  ba  uaad  without  interfering  with  tha  anawora  significantly? 

Alao  thara  ia  virtually  no  information  oi.  Reynolds  number  affacta  on  inatallation  performance  and  again,  wa 
would  lika  faadback  from  tha  audianca  on  thia  subject  aa  much  of  tha  work  discussed  at  thia  Mating  haa  baan 
at  ralativaly  low  Raynolda  nuaibor  for  tha  currant  civil  tranaporto. 

In  purauit  of  that  particular  itaa,  consideration  aust  ba  given  at  this  stage  to  angina  representation  in 
cryogenic  facilities  for  Raynolda  nua iber  affacta.  I  do  not  anticipate  that  TPS  will  ba  uaeabla  hare,  but 
maybe  the  ejector  or  the  blown  nosile  will  com  into  its  own  and  will  hava  the  advantage  that  perhaps 
correct  temperature  ratio  representation  will  ba  available  by  the  simple  use  of  normal  ambient  air  in  tha 
blowing  system  against  the  cryogenic  external  flow  on  the  models. 

Finally,  I  had  a  point,  which  haa  baan  answered  by  Bob  Uelge  vary  adequately  thia  afternoon,  that  propellers 
before  they  become  a  reality,  and  they  ara  becoming  a  reality,  should  hava  tha  main  principles  of  mutual 
propeller  and  wing  intarference  conaidarad  along  with  tha  apacial  bookkeeping  of  that  work. 

DR.  GREEN 


Thank  you  Mr.  Carter.  And  now  My  I  ask  M.  Loynaert  for  his  rtMrks  on  the  subject  of  angina  fnatallatione 
on  transport  aircraft. 

M.  LEYNAEKT 


Tha  subject  of  tha  session  IV  was  tha  “Installation  Aerodynamics  i  f  Transport  Aircraft".  Considering  this 
aubjact  in  a  broed  sense  ia  equivalent  to  asking  “What  it  tha  best  aircraft  solution?"  So  as  not  to 
disagree  with  everyone,  1  will  anawer  that  all  the  configuration*  are  “the  beat  ona",  and  go  to  the  next 
question  which  is  asked  by  the  aircraft  manufacturer  at  a  cartain  definition  stage  of  the  aircraft;  How  to 
minimise  the  installation  drag? 


This  question  issums  that  an  idaal  wing  in  claan  configuration  without  any  engine  has  boon  defined,  and  an 
ideal  iaolatad  nacelle  has  basn  defined,  and  that  we  are  imprasstd  by  the  difference: 


CD  ■  integrated  (wing  ♦  nacelle)  -  (ideal  wing  +  ideal  nacelle) 


This  is  ths  way  in  which  the  various  sorts  of  results  have  been  presented  by  variov  speokers.  If  the 
engines  srs  at  the  rear  of  tha  fuaalaga,  tha  wing  is  to  bs  replaced  by  the  rear  fuselage.  or  by  wing  and 
fuaalage  as  a  whole.  The  solution  of  the  problem  is  bassd  upon  threa  different  elsMCita: 

-  theoretical  computations  of  given  configurations.  (Invsrse  solution  of  optimisation  conditions  does 
not  isaem  easily  conceivable).  These  calculations  hava  to  be  carried  out  either  according  to  the 
design  or  off-design  conditions. 

-  wind  tunnsl  testing. 

•  available  aerodynamic  teat  results,  among  which  the  importance  (not  to  aay  tha  weight,,.)  of  ACARD 
publication*  should  ba  emphasiaadi  and  you  hava  been  praaanted  with  a  great  nuabar  of  cham  during 

thaa*  sessions. 


All  these  axperiMntal  results  wake  it  possible  to  define  a  fir  at  configuration  and  to  give  s  guideline  to 
computation  and  tearing.  The  questions  concerning  thass  «1  aments  can  ba  suntariaad  as  follows: 


-  Theoretical  computation  problems 

Sons  computations  using  transonic  potential  theory  do  exist  at  tha  present  time.  This  ia  where  the 
greatest  progress  has  basn  achieved  since  the  last  AGARD  meeting  on  this  topic.  These  comput.it ions 
esn  be  applied  either  to  the  complete  aircraft,  or  to  a  detailed  analysis  of  the  local  flow  in  the 
neighborhood  of  the  nacelle.  The  problem  of  under~*shing  or  coupling  techniques  of  the  two  type*  of 
study  is,  however,  where  there  is  still  progress  to  be  achieved. 


These  computations  do  not  include  the  computation  of  the  two  juts  of  the  engine.  Some  methods  have 
been  presented  in  subsonio  flow,  but  the  problem  is  still  to  be  solved  in  transonic  flow. 


The  coupling  with  viscous  effects  has  to  ba  devtloped  and  worked  upon.  Tha  calculation  of  the  viscid 
effects  themselves  also  nseds  to  reeks  headway.  I  will  simply  mention  some  points  which  are  important 
in  the  calculation  of  a  nacelle  at  incidence: 


three-dimensional  transition  of  tha  boundary  layer  by  a  laminar  separation  bubble. 
three-diMneional  shock-boundary  layer  interaction. 

separated  areas. 

shear  layer  of  the  jet  boundary,  and  coupling  with  the  potential  computations. 


-  Experimental  results. 

.  they  can  be  presented  for  isolated  nacelle  first,  for  s  definition  of  inlet  or  exhaust.  Then,  what  is 
of  intsrast  is  ths  rssults  tor  either  overall  performance  or  very  detailed  studies  of  ths  flow 
characteristics. 

.  in  parallel  to  the  iaolated  nacelle,  there  arc  some  results  dealing  with  tha  installation  itself: 
either  optimisation  results  of  overall  configurations,  or  local  improvsMnt  type  of  result*. 
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Aa  fir.  Cartier  uU,  Chart  ara  al ready  many  results  available  in  this  particular  area,  but  there  are  never 
enough.  Th*  technique  move  a  ahead  all  the  tiaa,  and  we  project  raw  specific  aircraft  configurations  with 
CCV  and  variable  camber  of  the  wing;  we  talked  for  inatance  about  prop  fana.  Theac  project*  present  torn 
specific  aapecta  which  will  have  to  be  atudiad  in  depth. 

To  conclude,  theaa  overall  question*  being  presented,  1  hope  that  certain  participant*  will  give  their  point 
of  view  in  particular  of  the  key  problea  of  priority.  In  opposition  to  what  Dr.  Green  said,  I  an  not  really 
a  specialist  on  all  these  question*.  I  have  aiaply  had  the  opportunity  to  study  some  particular  aapecta  of 
cartain  points,  and  it  will  ba  up  to  tha  ladiaa  and  gentlemen  to  rtally  tackle  the  problea  and  coae  to  grip* 
with  it. 

DR.  GREEN 

Thank  you  M.  Leynaert ,  and  I  think  hare  we  should  acknowledge  the  efforts  of  all  four  speakers.  Between 
i  then,  they  hav*  compiled,  in  effect,  a  vary  uaaful  review  paper  which  will  appear,  including  the  viewgrapha, 

in  the  transcript  of  this  Round  Table  Discussion  that  will  be  printed  in  the  Conference  Proceedings. 

Now  the  discussion  is  open  to  th*  floor,  and  I  should  like  to  go  through  the  four  area*  covered  by  our 
apaaker*  on*  at  a  time  and  teat  with  you  Ch*  point*  that  have  been  made,  starting  with  Dr.  Richey'*  review 
of  combat  aircraft  intakes.  It  seam*  to  sa  there  ara  two  issues  of  driving  importance  in  the  development  of 
combat  aircraft  intakes  -  one  i*  performance  and  th*  other  la  tha  problem  of  angina/intake  compatibility.  I 
took  Keith  to  say  that  ha  think*  our  understanding  of  tha  compatibility  problem  ia  acceptable,  that  w*  have 
adequate  criteria  to  tall  whan  our  intak*  ia  operating  satisfactorily,  and  the  probltm  is  really  to  extend 
the  range  of  flight  conditions  over  which  satisfactory  operation  it  maintained.  1*  that  a  view  that  ia 
accaptad  around  tha  hall? 


DR.  COLBOURNE 

This  problem  of  compatibility  i*  tha  ona  that  I  wanted  to  conroent  upon.  We  have  heard  from  several  authors, 
myaal f  included,  discussion*  of  intake  engine  compatibility.  In  particular,  th*  various,  aver  more 
sophisticated  method*  for  collecting  and  processing  dynamic  pressure  distortion  data.  In  addition,  we  have 
now  had  reference  to  swirl  measurement*  and  the  suggestion  that  a  representative  index  could  or  should  be 
defined  (Paper  10).  Furthermore,  outside  this  room,  there  has  bean  the  not  entirely  serious,  but  perhaps 
(from  past  experience),  increasingly  inevitable  call  for  time-variant  swirl  measurements,  Tha  calculation 
of  thaa*  coefficient*  and  their  correlation  with  angina  instabilities,  I  would  suggest  are  engineering 
approacnas  to  th*  problem  of  compatibility,  and  1  would  just  like  to  make  a  plea  for  a  more  scientific 
approach.  W*  should  invaatigata  in  more  detail  tha  physic*  of  th*  inlet  flow  interactions  with  tha  rotating 
turbomachinery ,  and  hence  understand  what  fundamental  properties  really  need  to  be  o>'^ntttieo. 


r— r 


i 
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DR.  GREEN 


I 


Could  1  ask  what  ia  in  your  mind  whan  you  say  a  more  scientific  approach?  Those  ara  fine  words,  and  I  use 
than  frequently,  but  1  have  to  admit  that  sometimes  I  don't  have  a  vary  focussed  idea  of  what  line  a  more 
scientific  approach  might  follow. 

DR.  COLBOURNE 

This  is  possibly  S  piss  sore  Co  tin.  tut uuuauiiinery  aerodynamic  1st  rasher  than  tha  installation 
aerodynamic i at ,  but  he  ia  tha  ona  who  should,  if  ha  hasn't  already  (and  I  don't  baliava  he  has),  gain  a 
better  knowledge  of  exactly  how  tha  flow*  interact. 


DR,  CREEH 


Do  you  envisage  thin  a*  a  thaoreticsl  approach  by  the  turbomachinary  man  or  do  you  think  that  he  can  tackle 
tha  problem  empirically? 

DR.  COLBOURNE 

I  think,  first  of  all  anyway,  that  ha  ha*  got  to  attack  it  empirically,  but  with  due  regard  to  the 
fundamental  effects  of  variation*  in  the  velocities  relative  to  th*  rotating  blades  rather  than  the  overall 
compressor  effect*. 


\  i 

1  \ 


MR.  HOTYCKA  - 

I  am  glad  that  you  aakad  the  question,  because  my  comment  goes  just  the  other  way;  that  is,  that  I  think  wa 
must  realise  that  no  matter  how  we  deal  with  inlct/angine  compatibility,  the  odds  are  very  great  that  the  j 

engine  will  pay  a  penalty  for  being  supplyed  with  turbulent  and  distorted  air.  I  would  plea  for  some  . 

improvement*  in  inlet  technology  *o  that  the  distortion  i*  reduced  or  eliminated,  particularly  during  some  i 

of  these  wild  manoeuvre*  that  we  ere  looking  at  in  the  future  aircraft.  1 


DR,  GREEN 

Could  I  aak  you,  a*  an  angina  man,  a  further  question  on  this  point?  The  overall  aircraft  design  problem  i* 
surely  one  of  integrating  th*  engine  with  th*  intake.  The  intake  man  would  like  to  throw  you  dirty  air  and 
have  you  sort  it  out  in  the  engine,  and  you  would  like  perfection  from  him.  What  w*  hav*  to  do  ia  strike  a 
balance  between  tha  two.  Do  you  hav*  any  faal  at  tha  moment  for  how  much  potential  performance  i*  being 
thrown  away  whan  w*  maka  this  design  compromise  because  of  our  uncertainties  about  th*  compatibility 
criteria? 


..  .  •  i.Ui£x.» 
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Thar*  probably  if  room  for  improvement  in  tha  intaka  design  and  comparable  improvement  in  tha  process  of 
daaigning  tha  compressor  with  lad  conservatism:  howavar,  I  *»  not  a  compressor  expert.  (  do  know  that  tha 
compressor  designers  hava  made  great  improvements  in  thair  ability  to  analyaa  tha  affact  of  distortion  on 
tha  compressor  and  that  this  is  also  an  tmerging  art.  I  would  lik*  to  bring  out  ona  thing  that  wa  have 
discovarad  in  tha  commercial  businass.  Commercial  inlats  ara  ralativaly  short,  and  whsn  you  have  a 
separated  inlet  such  a*  you  might  hava  with  a  high  cross  wind,  or  a  vary  high  ingle  of  attack,  thcr*  is  very 
dafinitaly  an  interaction  batwsan  tha  inlet  and  tha  fan  in  this  separated  wake.  The  fan  can  tolnrete  a  fair 
aaount  of  distortion  and  tends  to  work  to  claan  it  up.  With  a  very  short  inlet  whara  you  have  distortion 
and  the  fan  close-coupled,  talking  to  each  other  so  to  speak,  you  can  take  advantage  of  that  favorable 
interaction.  I  think  that  in  the  military  world  that  advantage  should  al  ro  be  explored. 


DR.  viREEN 

That  is  an  interesting  point. 


MR.  C0U)8HtTH 

Continuity  the  thews  of  dynamic  distortion  measurements  -  although  on  the  one  hand  we  hava  heard  in  Mr. 
Borg's  paper  the  result  of  considerable  simplification  of  those  type  of  measurements  by  using  synthesis 
techniques,  ve  hava  on  the  other  hand  heard  from  M.  Perrier  and  hit  3NERA  colleagues  giving  us  the  results 
of  experience  at  Dassault  which  appears  on  tha  surface  to  contradict  all  tha  American  experience  on  this 
subject.  Thus  M.  Perrier  is  saying,  at  1  understand  it,  that  even  with  64  Kulite  probes  collecting  7 
million  bits  of  information  in  30  secs  of  testing,  there  it  still  no  correlation  between  any  of  the  peak 
instantaneous  distortion  valuta  and  the  incidence  of  engine  'coughing*.  This  is  in  contrast  to  the  American 
exp'risice  where  peak  instant*'  eous  distortion  measurements  based  on  40  or  48  probes  correlated  with  engine 
surging  on  90  or  95  X  of  occasions.  Are  we  back  to  not  understanding  this  phenomenon  or  is  this  French 
experience  an  isolated  instance? 


DR.  GREEM 

In  his  review  of  the  subject.  Dr.  Richey  took  the  view  that  instantaneous  distortion  was  c  satisfactory 
criterion.  That  is  essentially  the  American  experience,  as  I  understand  it!  I  would  like  to  know  the  view 
of  the  specialists  in  France.  How  do  they  regard  the  differences  between  the  American  experience  and  their 
own.  I  do  not  soe  M.  Perrier  in  the  -  oomt  is  thare  anyone  else  from  France  who  would  lik*  to  take  up  this 
question? 


MR.  PERRIER 

I  would  like  to  make  the  two  following  statements: 


First:  You  cannot  comp!  iy  rely  on  one  overall  unsteady  ciiteria  bared  on  48  dynamic  pressure  because  tha 

extrema  unsteady  value  can  be  quite  different  and  at  different  times  enJ  for  different  flow  conditions.  One 
of  Che  main  acquisition  w*  obtain  of  theoretical  Neviar  Stokes  direct  simulation  is  that  the  flow  is  not 
well  characterized  by  such  approach  if  you  are  interested  in  low  level  of  distortion  on  long  ducts. 

Second:  When  you  try  to  reach  better  overall  performances  as  Mr.  Modycka  of  P.W.  explained  and  SNECMA  and 
AMD-BA  ere  trying  to  do,  you  are  to  be  very  cautious  on  the  datail  of  the  unsteady  flow  and  mad*  provision 
for  approximate  measurement  of  unsteady  longitudinal  vorticity  (swirling  flow)  and  transverse  vortitity 
(rolling  flows)  and  mean  turbulence. 

If  you  don't  make  that  detailed  analysis  and  choose  some  simplified  unique  unsteady  distortion  index,  you 
will  be  very  disappointed  by  the  correlations  for  the  low  level  of  distortion  we  consider  as  a  target  for 
the  future.  But  anyway,  the  past  is  well  established  by  the  U.S.  work  on  unsteady  high  distortion  levels. 


M.  LEYHAERT 

I  think  that  the  airframe  manufacturer,  when  turning  to  test  people,  will  always  paint  the  situation  very 

black,  ao  they  have  good  reasons  to  ask  them  to  improve  their  measurement  facilities  and  testing 

facilities.  But  whet  I  remember  from  reading  the  American  papers,  and  perhaps  it  can  be  confirmed  for  me  by 
a  person  who  was  there,  is  that  the  instantaneous  distortion  coefficents  give  us  the  possibility  of 
improving  the  probability  of  properly  predicting  the  surge  limits  for  the  engine.  But  it  doesn't  give  an 

absolute  and  final  reply.  It  cannot  promise  that  the  engine  is  not  going  to  surge  at  all  in  this  or  that 

condition.  The  measurement::  did  not  indicate  'Sat  we  have  reached  the  limit  for  surge.  I  think  that  what 
M.  Perrier  wanted  to  underline  was  perhaps  inflight  testing.  He  always  finds  configurations  for  which  the 
engine  hat  been  surging.  Even  though  ell  distortion  coefficients  night  indicate  that  in  this  or  that 
■ondition  the  engine  should  not  have  surged.  It’s  a  matter  of  probability  and  may  only  happen  in  5X  of  the 
care*. 

DR.  RICHEY 


I  agree  with  the  point  of  view  expressed  by  M.  Leynaert.  Our  inlet-engine  compatabil  ity  approach  gets  us 
pretty  close,  but  there  is  e  probability  that  there  can  still  be  some  compressor  surges  in  flight  test. 

But,  in  the  US,  and  probably  the  Dasoault  paper  is  in  general  agreement  with  this,  we  hsve  found  that  if  you 
measure  instantaneous  distortion  from  an  inlet  and  then  set  up  the  proper  conditions  and  settings  to  the 
engine,  you  can  determine  the  major  areas  where  compressor  stall  will  be  expected.  Through  a  careful 
development  program  and  cooperation  between  engine  and  airframe  designers,  there  can  be  then  a  low 
probability  of  compressor  stall  within  the  flight  regime.  Our  experience  then  is  that  compressor  stalls 
mostly  occur  when  other  things  are  being  done  to  the  engine,  such  ss  throttle  bursts  and  chops,  manoeuvres 
which  are  outside  the  expected  envelope,  etc.  But  generally,  if  you  go  back  to  the  pure  inlet  distortion 
case  that  the  flight  test  has  verified,  there  is  a  low  probability  of  stall. 


_ _ _  _ .  _  _ _  _ _  _ _ ,  .  . 

*»  'r*««oiikly'’ewrfi4««t  that  v*  generally  undarstand  the  process,  but  it  la  not  an  exact  acience,  aa 
haa  baen  auggaatad  hare,  to  guarantee  the  elimination  of  compreaaor  atall.  I  believe  the  point  ia  that 
inatantanaoue  distortion  tracking  is  the  best  correlator  we  now  have.  It  needa  to  be  followed  rigorously 
through  a  development  program  and  can  at  least  minimise  the  surprises  in  flight  testing. 

MR.  GRIEB 

I  would  like  to  make  a  comment  concerning  inlet  distortions  from  an  engine  designer's  point  of  view.  In  my 
mind,  as  long  as  there  is  a  clear  distortion  without  swirl  and  without  pressure  fluctuations,  the  behavior 
of  a  compressor  can  be  predicted  fairly  accurately,  but  the  combination  of  pressure  distortions  with  swirl 
and  with  severe  pressure  fluctuations  cannot  be  predicted  correctly,  all  the  mors  since  a  great  number  of 
parameters  would  be  necessary  for  correctly  describing  such  a  complex  distortion. 

DR,  GREEN 

I  think  that  I  would  like  to  move  the  discussion  alo.ig  now  and  consider  another  aspect  of  the  combat 
aircraft  intake  story  that  Keith  Richey  laid  emphasis  on,  which  ia  the  importance  of  investing  in 
theoretical  methods,  the  role  that  advanced  thaoreticcl  methods  can  play,  t  would  like  some  reaction  from 
the  audience  on  this.  How  far  away  in  tima  do  wa  think  we  are  from  being  able  to  replace  our  tunnel  testing 
techniques,  which  are  often  compromised  by  their  low  Reynolds  number,  with  adequate  theoretical  methods  for 
this  very  complex  type  of  flow? 

MR.  GOLDSMITH 

I  am  not  going  to  answer  Dr.  Green's  question,  but  I  would  like  to  support  the  need  for  more  computational 
work  on  engine  installations  aerodynamics  for  military  aircraft.  On  the  civil  aircraft  side  we  did  have 
some  nice  examples  of  the  correlation  between  experimental  and  calculated  pressure  distributions  on  wings  in 
the  pretence  of  nacelles  and  on  nacelle*  adjacent  to  bodies  in  the  work  presented  by  Laugher  in  the  UK  and 
by  the  Fokker  team.  In  the  military  field,  however,  there  appeared  to  be  the  usual  mixture  of 
incompressible  flow  elutions  for  complex  shapes  or  compressible  flow  solutions  for  simple  shapes  that  did 
not  match  up  well  with  available  experimental  data.  There  ia  a  need  for  more  close  cooperation  between 
computational  and  experimental  serodynamicists  ao  that  experimental  and  computational  answers  are  closely 
aligned.  It  is  possible  to  sot  up  erpeiiments  with  axi-symmeti  .c  or  near  two-dimensional  duct  flows.  Would 
it  be  a  good  idea  to  have  an  .'CARD  conference  aolaly  on  the  theme  of  closely  aligned  experimental  and 
calculated  investigations  so  that  we  could  really  lerrn  the  relative  merit  of  various  computational  schemes? 

DR.  GREEN 

Even  for  two-dimensional  airfoils,  we  still  have  discrepancies  between  computation  and  experiment:  for 
t^ .ee-d  intentional  combat  aircraft  intakes,  the  flow  can  be  much  more  complex  and  the  liklihood  of 
'.iscrepancy  will  be  correspondingly  greater. 

DR.  ROBERTS 

Perhaps  the  reason  that  experimental  people  and  theoraticians  are  not  talking  is  because  people  like  John 
Green  keep  asking  the  question.."  wnen  can  we  replace  wind  tunnels  with  theory  or  with  computation?".  I 
really  think  that  it  ia  the  wrong  question  to  atk.  The  cost  of  aither  experimental  work  or  computational 
work,  in  relation  to  the  design  risk  you  take  of  not  having  good  information  from  eithar  sourca  is  ao  -mall 
that  we  really  shouldn't  be  worried  about  replacing  one  with  the  other.  The  real  question,  as  the  last 
speaker  pointed  out,  iai  "how  soon  can  we  expect,  to  see  the  beat  uae  of  both,  and  good  comparison*  between 
both,  working  towards  the  same  ends,  i.e.,  removing  the  design  risk"? 

DR.  GREEN 

My  apologies  to  Dr.  Roberts)  I  will  rephrase  my  question,  "how  soon  will  it  be  before  computation  take*  it* 
place  along  aide  wind  tunnel  testing  as  a  fully  mature  and  reliable  tool  for  intake  design  and 
development"?  It  seems  we  are  not  yet  ready  to  answer  that  question,  but  the  point  Dr.  Roberts  makes  ia 
worth  emphasising:  the  coat*  of  computation  and  wind  tunnel  R  &  D  are  small  compared  with  the  costa  of 
rectifying  design  faults  which  are  only  discovered  during  flight  testing. 

Are  there  any  other  points  that  you  would  like  to  see  discussed  on  the  intake  side  before  we  leave  it,  which 
we  shall  do  very  shortly? 

DR,  RICHEY 

Not  really,  but  the  comment  on  the  exploitation  of  computational  techniques  for  combat  aircraft  intakes  here 
was  expressed  to  the  forum  as  a  need  and  opportunity.  That  was  the  point  of  continuing  to  emphasise  that 
area.  In  the  U.S.  we  have  run  some  Navier  Stokes  calculations  on  a  three-dimensional  supersonic  inlet  using 
a  very  fast  Cray  computer,  that  computes  the  flow  field  through  the  supersonic  region  and  through  the  normal 
shock  in  mixed  compression  inlet  in  less  than  20  minutes  time  per  calculation.  With  advances  in  both 
algorithms  and  computers,  it  seems  to  me  that  this  is  a  fruitful  area  for  continued  research. 

DR.  GREEN 

In  view  of  the  time,  I  would  like  to  move  on  to  two  of  the  other  areas.  Can  we  turn  now  to  the  back  end  of 
the  military  aircraft  but  continue  with  the  theme  we  have  juat  been  discussing?  Again,  th:  *  is  a  field 
which  is  open  to  theoretical  attack.  Is  there  hope  that  computational  methods  can  be  developed  into 
reliable  design  tools  in  the  next  few  years,  or  do  we  again  face  the  problem,  that,  although  we  can  tackle 
simple  configurations  with  some  conviction,  we  cannot  deal  with  the  more  important  practical  problem*  noted 
by  Mr.  Grieb?  I  am  thinking,  for  example,  of  the  geometrical  and  aerodynamic  complication*  associated  with 
twin  engined  conf igurations,  of  the  problems  which  arise  when  the  aircraft  ia  flying  at  high  angle*  of 
attack  and  there  is  aerodynamic  interference  from  tail  surfaces  as  well  as  separated  flow  around  the  base 
and  ahead  of  it. 


X  water  again  what  the  feeling  ia  on  tho  theoretical  side?  I  mm  looking  for  an  apologist  for  tha 
thaoratieal  methods  in  this  fiald,  who  can  of  far  us  iom  views  on  tha  potantial  applications  of  thaoracical 
method*  and  also  give  us  aoraa  viaws  on  thair  limitations*  The  ganaral  silence  suggests  to  ma  that  wa 
believe  the  back-end  problem  it  going  to  be  addresi'ol  experimentally  for  a  one  time  to  coma. 

DR.  ROBERTS 


I  think  chat  the  problem  is  retlly  coming  down  to  tha  sice  of  the  computer  and  tha  availability  of  fast 
memory.  Tha  algorithm  development  is  moving  along  at  a  pretty  fast  pace  right  now.  To  handle  an  aft  body, 
especially  in  a  three-dimensional  flow,  the  length  scales  involved  are  quite  small  and  to  bo  able  to  handle 
it  you  have  to  have  a  hugs  computer.  So,  for  probably  10  years  we  are  not  going  to  have  a  computer 
available,  even  Cray  won't  give  you  everything  you  want.  As  far  at  the  algorithms  themselves,  I  think  its 
is  a  long  way  there. 

DR.  GREEN 


So,  would  we  accept  that  backend  tactical  combat  aircraft  designs  are  going  to  be  a  matter  primarily  of 
development  rar.har  than  design?  That  we  don't  yet  understand  the  physics  well  enough  to  have  clear  design 
principles  and  so  will  have  to  rely  on  past  experience  and  'cut  and  try'. 

DR.  ROBERTS 


I  think  chat  you  really  need  to  carry  out  the  numerical  work  at  a  high  rate  of  effort,  because  the  codas 
themselves  don't  exist  right  now.  You  have  to  have  the  codes,  the  technology  is  on  its  way.  It  takes  three 
to  five  years  to  get  any  type  of  e  code  into  a  production  capability,  so  you  can't  stop  now,  you  have  got  to 
keep  progressing. 

UNIDENTIFIED 

To  me  it  seam*  that  the  boundary  conditions  problem  is  a  big  one,  in  the  sense  that  for  any  numerical  method 
you  need  boundary  conditions  to  start  tha  problem  and  whether  at  the  inlet  cr  at  the  noxtla,  these  boundary 
condit  oua  have  to  be  given  by  the  experiment  or  you  hkve  to  compute  all  the  engine  numerically  which  is 
quite  a  difficult  problem,  if  not  impossible.  Host  of  the  boundary  conditions  are  totally  misting,  you 
cennot  have  more  than  a  few  points  when  you  need  perhaps  a  thousand  points  to  start  the  problem. 

DR.  GREEN 


Do  we  believe  that  it  i*  really  nocassary  to  provide  the  engine  information  in  great  detail  in  order  to 
handle  the  front  or  the  back-end  design  problems?  It  seems  to  me,  admittedly  as  a  layman  in  this  field, 
that  some  of  the  effects  that  we  cannot  begin  to  calculate  at  the  moment  ar  really  quits  large  and  gross, 
and  I  would  expect  the  detailed  aspects  of  engine  performance  to  be  of  second  order  relative  to  these  large 
uncertainties  in  the  basic  external  flow. 

PROF.  RESH0TK0 


You  have  provoked  me  into  some  remarks.  I  am  not  necessarily  going  to  answer  your  last  question,  but  I 
would  like  to  comment  on  some  of  the  things  that  I  have  heard  so  far.  It  was  sort  of  agreed  in  soma  of  the 
presentations  that  the  front  end  can  be  addressed  by  computation.  Yet  tuere  was  soma  concern  expressed 
about  the  rear  end  because  the  Cray  computers,  even  when  activated,  would  take  a  long  time  to  do  a  case.  I 
think  that  we  are  asking  different  questions  on  the  front  and  back  ends,  and  maybe  the  back  end  is  really 
more  amenable  to  calculation  than  the  front.  On  the  back  we  arc  generally  asking  steady  flow  question*.  We 
have  not  identified  unsteady  effects  there  that  ar*  troublesome  for  the  moment. 

There  ar*  separations  and  shock-interactions,  jet  plume  interactions  with  ths  aerodynamic  surface*  and  tha 
like,  but  we  feel  that  a  steady  flow  result  for  that  would  ba  adequate.  When  it  comet  to  the  front  end,  ths 
troublesome  questions  have  to  do  with  distortion,  time  dependent  distortion,  things  that  we  are  not  even 
beginning  to  look  at  computationally.  Computationally  we  are  trying  to  define  steady-state  design  points, 
and  steady-state  off-design  operation.  It  is  going  to  be  a  rather  long  time  before  inlet  computation  will 
address  the  question  of  time  dependent  distortions  and  things  of  that  sort  which  seem  to  be  at  the  root  of 
many  of  the  operational  questions.  When  it  comes  to  the  engine  we  are  really  in  even  worse  shape  because  a 
clear  understanding  of  engine  operating  problems  does  require  eventually  a  three-dimensional  time-dependent 
viscous  treatment.  The  people  who  are  working  on  engine  computations  are  barely  able  to  handle  a  half 
stage,  not  to  speak  of  a  whole  compressor,  with  any  kind  of  reliability.  So  I  think  that  the  front  end 
problems  particularly  relating  to  inlet-engine  integration  are  for  quite  a  long  while  going  to  be  handled 
through  testing  and  experience  and  development  of  compatibility  techniques  through  ths  use  of  maps,  etc.,  of 
the  time  dependent  operation  of  both  the  inlet  and  the  compressor. 

DR.  GREEN 


There  was  one  paper  which  referred  specifically  to  the  apparently  simple  problem  of  Reynolds  number  affect 
on  afterbodies.  It  showed  that  quite  a  lot  of  so-called  Reynolds  number  effects  found  in  previous  work 
arose  from  misinterpretation  of  the  wind  tunnel  results.  The  paper  highlighted  the  difficulty  of 
extrapolating  from  wind  tunnel  Reynolds  numnbers  to  flight,  particularly  in  cases  where  the  trend  with 
Reynolds  number  appears  to  be  changing  a*  we  approach  the  upper  Reynolds  number  limit  of  our  tunnels.  I 
wonder  what  the  present  feeling  is  about  extrapolating  from  tunnel  to  flight.  Having  identified  the 
misleading  factors  in  earlier  work,  do  we  now  have  an  acceptable  understanding  of  Reynolds  number  effects? 
Is  this  an  area  where  we  could  make  more  use  of  computational  m*thod*7 

Each  company  makes  its  extrapolation  and  crosses  its  fingers  and  waits  for  the  next  guy  to  produce  a  paper 
which  says  that  these  results  weren't  sound  results  because  of  some  other  effect,  I  suppose. 


i  'njk'fcilLL.1. 


V-  •  . r  .. 


HU.  BMjSg 


Speaking  about  experience  full  scale  to  tunnel  on  iha  Tornado,  we  had  aid*  aome  preaaura  measurements  which 
showed  quite  good  correlation  between  tunnel  and  /light.  Afterbody  base  pressure  and  surface  pressure* 
under  a  miniatry  contract,  t  feel  that  the  need  actually  it  al ao  that  we  ought  to  be  looking  at  the 
turbulent  aepecte  on  the  afterbody  with  regard  tc  aft  end  buffet  at  wril,  which  ia  a  possible  problem  on  the 
Tornado.  Conf igurations  which  had  the  tame  drag  had  quite  large  differences. 

DR.  GREEN 


Thank  you,  that  waa  a  point  that  waa  ,jot  vary  much  addressed  in  thia  meeting.  I  am  conscious  of  time 
slipping  by.  We  have  strayed  into  thr  area  of  testing  techniques.  Could  we  now  turn  to  the  points  that 
were  made  by  Mr.  Carter,  to  consider  whether  his  fairly  full  statement,  which  will  appear  in  tha  record  of 
this  discussion,  constitutes  a  fair  sssciamant  of  whore  wc  now  scand. 

MRSMYTH 


1  wo>;ld  like  to  come  to  thu  simulation  techniques  which  Mr.  Carter  wc*  really  asking  for  military  aircraft. 
How,  turbina  powered  simulators  for  military  Aircraft  do  exist.  They  are  being  developed  in  the  United 
States  »id  are  called  compact  simulators.  Tha  technical  problems  with  these  simulators  arrive  from  the  fact 
what  you  have  to  fulfill  a.*  additional  requirement  of  variable  ncaale  area.  This  ia  additional  to  what  wa 
already  have  on  chs  civil  ungirwe,  which  means  you  have  to  simulate  Che  intake  flow,  the  noetic  flow,  and 
also  additionally  tha  variable  no  isle  area.  Now  to  fulfill  thaaa  requirements,  means  that  you  have  to 
return  part  of  the  drive  air  of  the  turbine  after  expansion  bad*  to  tha  modal  and  out  cf  the  windtunnel 
through  the  balance  system  to  fulfill  these  t/r.eefold  requirements. 

In  a  way  similar  to  tha  development  of  turbine-powered  simulators  for  civil  high  bypass-ratio  anginas  this 
more  complex  technique  will  coma  someday,  but  it  is  «  long  way  to  go  to  get  these  things  working  with 
sufficient  accuracy  and  repaatabil ity . 

But  they  will  ba  coming  in  any  case  baesuta  they  are  necessary.  This  is  tha  next  ntsp  in  the  aimulatora. 

If  you  look  at  future  combat  aircraft  with  high  angles  of  attack  in  low  apaed  flight  and  with  poat-atall 
operation,  than  there  will  ba  strong  coupling  effects  of  partially  jet-induced  supercirculation  around  the 
wing  influencing  tha  intake  flow.  You  have  to  simulate  intake  and  nosale  flow  et  the  same  time  to  get  tha 
aerodynamic  charactarist ica  right. 

DR.  CREEN 


I  think  that  that  ia  an  important  point.  I  don't  know  whethar  anyone  wishes  to  taka  issue  with  it? 

Mr.  Carter  did  n-.'-ka  the  point  that  tha  consistency  and  repaatabil  ity  of  simulator*'  had  not  been  demonstrate,; 
adaquatsly.  Given  tha  amount  of  u*a  that  i*  now  baing  made  of  aimulatora,  particularly  on  tha  civil  side, 
wonder  whether  pr  .pie  are  vary  happy  to  have  a  statement  liV*  that  written  into  tha  record.  Tha  people  in 
industry  who  heva  to  offer  performance  guarantee*  to  tha  airline  customers  must  ba  working  on  tha  assumption 
that  thair  simulator*  are  reasonably  adequate  at  tha  moment? 

MR.  SMYTH 


If  I  might  just  give  a  vary  short  piece  of  information  thera  and  say,  "yax".  We  have  found  a  reasonably 
good  correlation  between  low-speed  flight  test  of  a  transport  typa  of  aircraft;  with  modal  tsst  results, 
whara  changes  in  tha  nacelle /pylon/wing  configuration  have  produced  tha  aama  tendencies  and  magnitudes  using 
turbina  simulator*.  So  wa  have  seen  t-'iat  you  can  get  good  results.  I  would  like  to  answer  that  question 
that  yas,  in  certain  cases  adequate,  but  further  work  will  have  to  ba  dona.  Thia  is  tha  reason  for  saying; 
yes,  turbina  powarad  simulators  hava  shown  to  ba  adequate  in  these  casaa.  No  doubt  further  work  must  ba 
dona  to  improve  measurement  techniques  and  accuracy. 

DR.  GREEN 


But  thera  is  a  difference  between  obtaining  good  results  in  one  particlar  case  snd  being  confident  that  your 
results  will  always  be  good.  I  wonder  what  Mr.  Carter  intended  when  he  sowed  these  doubts  in  our  minds? 

MR.  CARTER 


I  think  primarily  I  had  in  mind  that  our  evidence  at  the  moment  are  bits  of  information  like  that  Mr.  Smyth 

has  given  us.  We  have  a  confident  feeling,  and  I  think  that  we  wouldn't  be  in  the  business  st  all  if  wa 

didn't  believe  in  this  work  that  wo  are  doing.  Tha  tendency  unfortunstely  has  to  bs  that,  with  the  orders 
of  accuracy  that  we  are  looking  for,  the  results  that  you  product  for  final  flight  curvas  from  tunnel  data 

for  tha  calibrations  in  particular,  tend  to  be  based  on  a  statistics;  approach  to  ths  work. 

With  tha  TPS  unit,  I  defy  anyone  to  go  to  calibration  or  teat  and  believe  answers  based  on  one  or  two  data 

points.  We  all  know  that  there  ars  so  many  factors,  maybe  30  or  40  items  which  all  contribute  to  tha 

answers  which  may  differ  alightly  from  day  to  day.  You  find  that  you  hava  to  go  through  an  almost 

impossible  process  to  analyse  which  is  the  particular  faulty  item  in  your  measurements,  and  I  am  really 

thinking  of  calibration  in  particular  here.  So,  Mr.  Smyths  snd  T  are  thinking  vary  much  alike  on  this.  I 
am  quits  sure  that  he  wouldn't  crota  hi*  heart  and  say  that  he  would  believe  any  one  particular  result  in  a 
test  run.  He  will  use  the  same  essentially  statistical  approach  as  I  feel  is  nscassary.  Tt  is  simply  that 
it  worries  me  a  little  that  we  have  made  good  use  of  the  TPE's,  we  hava  made  them  a  working  tool  and  wc  do 
believe  the  anewars  like  Mr.  Smyths,  but  faith  it  not  enough. 


Tib  ooastill,  to  my  mini,  has  actually  daman*  era  tad  that  sot**  of  tha  discrepancies  we  may  get  from  point  to 
point  in  our  atatiatical  analyaia  ia  due  to  our  calibration  technique)  aa  diatinct  from,  doe*  the  TPS  behave 
in  praciaely  the  fame  manner  from  one  rui  to  tha  next  run,  I  wa*  really  trying  to  be  provocative  rather 
than  going  down  into  poaterity  in  thi*  queation  -  and  it  waa  a  queition,  not  a  atatamant. 

MR.  MOOYKA 


I  think  that  Mr,  Carter  ia  wall  aware  that  when  you  uae  a  TPS  to  do  modal  taata  in  the  wind  tunnel,  that  the 
forca  that  you  ara  measuring  ia  vary  cloaa  to  aero.  When  you  are  trying  to  find  a  email  percentage  of  «  net 
thruat  (which  for  a  half  model  in  1/20  acale  range,  ia  about  50  pounds)  and  you  have  a  balance  that  ha*  the 
capability  of  maa«uring  1000  pound*,  that  trying  to  gat  a  good  reliable  number  cloaa  to  aaro  ia  very 
difficult.  Parhap*  we  need  sou*  aort  of  variable  capability  balance  that  gata  more  accurate  a*  it  gets 
cloaa  to  taro.  It  is  both  tha  balance  and  the  performaiK*  of  tha  TPS  that  must  be  considered.  Beaideo 
that,  with  the  higher  coat  of  fuel,  the  required  accuracies  are  getting  smaller  and  smaller. 

DR.  HOLDHUSEN 


A*  regard*  accuracy  of  TPS  calibration,  wa  have  a  new  facility  which  does  not  depend  upon  fairad  'urve.l  aa 
does  the  facility  that  Mr.  Carter  has.  Wa  can  set  any  feasible  combination  of  rpra  and  fan  flow 
independently.  Moreover,  wa  can  statistically  demonstrate  repeatability  by  thi*  method.  As  regard* 
lnngtarm  stability,  we  ran  a  program  for  Mr.  Motycka  during  November  through  January.  At  five  week 
intervals,  we  repeated  the  basic  build  three  time*  and  came  much  closer  than  1  /1 0th  percent  to  the  same 
average  performance  curve.  The  standard  error  of  estimate  of  all  three  runa  was  0.00079,  and  we  think  that, 
a*  I  mentioned  in  my  talk,  thia  represent*  a  propagation  of  uncertainty  of  full-scale  performance  of  on*  and 
one-half  drag  count*  if  six  or  eight  repeat  teat*  cart  be  afforded.  Moat  of  that  error  ia  biaa  error  and  not 
scatter  error. 

DR.  GREEN 


That  i*  useful  information  and  ia  >  •  tind  o statement  I  wa*  trying  to  provoke. 
MR.  STEPHENSON 


I  think  that  in  talking  about  tha  requirement*  of  flow  simulation,  we  shouldn't  lose  sight  of  why  we  want 
tha  flow  simulation.  Th?r  e  may  well  be  quite  different  requirement*  for  flow  simulation  for  the  civil  man 
to  that  for  tha  military  man.  As  a  civil  man  I  am  looking  for  a  good  thruat/drag  balance  and  a  high 
accuracy  in  tha  drag  direction.  Tha  military  man,  aa  I  understand  it,  i*  primarily  looking  for  flow 
simulation  over  a  vary  broad  flight  envelope  to  assess  the  influence  that  tha  intaka/axhauit  affects  can 
have  on  the  stability  and  control  aspect*.  My  understanding  ia  that  he  is  reasonably  happy  with  the 
standard  of  drag  accuracy  that  ha  i*  getting  from  conventional  blown  nozzle  and  intake  suction  techniques 
and  that  it  is  tha  8  &  C  requirement  which  demands  simultaneous  flow  representation.  For  thia  ca*a  it  may 
well  be  that  the  TPS  approach,  adopted  for  good  accuracy  by  the  civil  man,  may  not  be  the  best  route  for 
military  engine  flow  simulation. 

MR.  CARTER 


Yas,  I  think  that  that  is  right.  When  I  addressed  my  doubts,  it  was  related  entirely  to  the  civil 
application  an  far  aa  accuracy  ia  concerned,  The  mil  itery  TPS  -  I  was  well  aware  of  the  CMApS  work  that  ha* 
been  going  on.  What  I  have  read  on  that  subject  tsnde  to  frighten  me  aomridiat  more  in  a  way.  In  that 
application  it  wasn't  only  accuracy  which  was  their  particular  problem,  but  the  actual  sis*  of  the  unit.  I 
am  sorry  that  '  am  slightly  digressing  from  the  point  that  you  have  made,  but  tha  military  application  that 
concern*  ua  is  whether  it  ia  necessary  to  represent  inlets  and  exits  at  the  ram*  time.  If  the  answer  is 
yas,  then  probably,  without  an  available  CHAPS,  we  are  going  to  be  forced  into  the  ejector-type  arrangement, 
if  anything  for  thi*  very  short,  cloae-couplad  inlet  and  exit  work.  I  don't  think  that  accuracy  will  be  the 
major  feature  of  designing  military  TPS,  it  will  be  compactness  and  pressure  ratio  which  will  be  the  major 
difficul ty . 

DR.  GREEN 

I  have  a  question  concerning  accuracy  not  of  measurement  but  of  our  accounting  method*.  There  was  some 
debate  in  an  earlier  session  about  the  pressure*  used  for  reference  and  about  tha  definitions  used  in  thrust 
and  drag  accounting.  I  should  like  to  ask  Mr.  Carter  and  the  audience  whether,  in  thi.  area  of  powerplant 
installation,  they  bal iave  our  methods  for  distinguishing  between  tha  forces  attributed  to  the  engine  and 
those  attributed  to  the  airframe  are  soundly  baaed. 

MR.  TIPPER 


I'm  reporting  on  Edward**'  view  in  this  respect.  Ha  had  a  long  debate  with  Mr.  Harris  after  Mr.  Harris  and 
Mr.  Pugh  had  read  their  papers.  Mr,  Edwards*  i*  very  concerned  about  tha  sensitivity  to  bookkeeping  detail 
of  performance  predictions  for  powerplant  changes.  Mr.  Harris'  viewpoint  appears  to  be  that  he  ha*  set  up  a 
proceaa  through  which  accurate  predictions  of  full  scale  thrust  minus  drag  can  be  mad*  and  -yhich  avoid* 
various  bookkeeping  problem*.  I  think  that  what  has  not  been  achieved  is  the  ability  to  evaluat*  the 
consequence  of  changing  the  engine  or  noisle  type  except  through  the  kind  of  carefully  constructed  test 
program  that  Mr.  Harris  described,  but  for  which  there  ia  often  neither  time  nor  money.  I  think  that  thia 
auaanarizes  Mr.  Edward**'  problem  which  I  see  aa  a  real  on*. 


(Id i  tot * *  iota:  Because  of  Cha  lengthy  diecuaaion  on  thia  subject,  Hr.  Edwardes,  Mr.  Cartar  and  Maaara 
Engel  en,  Munnikana  and  Elsenaar  vara  invited  to  submit  writtan  question/response  material  which  follow*:) 

(X»eatlona  by  Mr.  Edwardaa 

Powerplant  InataTTatTon  Performance  and  Thruat 
Drag  Accounting  Problems 

1.0  INTRODUCTION 

In  any  engine  installation  there  ia  a  need  to  relate  the  inst  Mod  engine  performance  to  the 
acceptance  teat  peu  romance  and  possible  tc  a  further  -efaree  configuration  performance. 

Where ts  ';>\e  mpregjor  bleed  and  shaft  power  offtake  '-’facts  are  wall  known  for  turbo-jet  and 
turbo  fa  cn&tnes,  the  aerodynamics  of  the  engine  as  installed  on  the  aircraft  compared  with  the 
aerodynamics  of  the  test  call  installation  are  not  wail  known.  We  aea  a  need  to  define  and  measure 
tha  relevant  aerodynamic  affects  in  a  manner  that  will  give  tha  moat  meaningful  thrust-drag 
accounting.  Wu  believe  tha  problems  we  have  encountered  or  era  anticipating  in  doing  this  are  coimnon 
to  many  aircraft.  I  am  therefore  sumbitting  thia  note  for  consideration  by  tha  Fluid  Dynamics  Panel 
as  subject  matter  for  future  meetings.  At  the  same  time  this  note  provides  a  better  explanation  of 
the  thrust-drag  accounting  method  which  I  attempted  to  compare  with  that  used  by  Mr.  A.E.  Karris  and 
Mr.  G.  Pugh  following  thei-  prasantations.  I  would  therefore  appreciate  it  if  the  question  "How  would 
you  compare  your  thrust  drag  accounting  method  to  that  proposed  in  this  noto?"  be  entered  as  a  written 
question  to  Messrs  Harris,  Pugh  and  Carter,  and  also  to  Messrs  Munniksma,  Engelen  and  Elaenaar,  whose 
paper  presented  yet  another  method  of  thruat/drag  accounting. 

2.0  STATEMENT  CF  THB  PROBLEMS 

The  following  situation,  procedure  and  problems  are  cotsnon  to  the  installation  of  tw  alternate  high 
by-pass  ratio  turbo-fans  on  the  aft  fuselage  of  the  Canadair  Challenger  executive  jet  and  future 
variants. 

a)  Engine  installed  performance  at  aea  level  and  altitude  is  guaranteed  with  a  "Referee"  nozzle 
configuration  that  cannot  be  installed  on  the  Challenger. 

b)  The  enginaa  are  acceptance  tested  in  a  test  cell  using  an  "Acceptance  Test"  configuration  - 
different  from  the  "Referee"  and  again  not  capable  of  being  installed  on  the  Challenger. 

c)  Engines  have  either  been  or  are  planned  to  be  calibrated  when  installed  in  the  flight  nacelle 
using  an  isolsted  nacelle  "Open  Field"  thrust  stand. 

d)  On  our  present  installation  we  have  experienced  as  yet  unexplained  changea  in  the  relationships 
between  engine  parameters  (Nl,  N2,  ITT)  in  the  above  configurations  (a,  b  and  c)  and  the  installed 
configuration  on  the  aircraft. 

e)  Tha  effect  of  installing  tha  nacelle  on  the  aircraft  is  perhaps  the  hardest  to  represent  or 
understand  and  probably  disappears  at  relatively  low  forward  speeds. 

3 . 0  PROPOSED  APPROACH  TO  DEFINITION  AND  SOLUTION 

a)  Instrumentation  to  determine!  intake  recovery  (including  a  few  high  response  transducers),  tha 
gross  thruat  and  engine  total  massflow  have  bean  included  on  flight  test  nacelles. 

b)  Nozzle  coefficients  have  or  will  be  determined  over  tha  full  ;•£- \ge  of  fan  and  core  pressure  ratios 
using  static  (no  nacelle  external  flow)  exhaust  modal  tests. 

c)  It  is  assumed  that  the  behavior  and  hence  performance  of  the  engine^  in  each  configuration  and 
situation  (cell,  free  field  or  installed  on  aircraft)  is  dependent  on; 

j.  Steady  state  intake  recovery  of  the  fan  and  or  core  flow  independently.  Here  the  effect 

of  turbulence  caused  by  vortices  may  need  consideration. 

ii  Forward  speed  including  effective  changes  due  to  wind,  cell  and  installation. 

ili  Tha  fan  and  core  velocity  and  discharge  coefficients.  These  must  include  fan  duct 

losses,  core  cowl  cooling  and  fan  duct  leakage. 

iv  The  effective  local  static  pressure  into  which  the  fan  and  core  nozzles  discharge, 

v  Core  cowl  scrubbing  and  pressure  drag  of  an  isolated  nacelle  is  accounted  as  thrust 
loss.  Changes  associated  with  installation  on  the  aircraft  or  in  a  teat  cell  must  be 
accounted  as  interference  drag  (or  installation  thrust  loss)  and  by  cell  thrust 
corrections  respectively 

y_i  In  order  to  account  for  the  changes  in  local  discharge  pressure  the  nozzle  coefficients 

must  be  referred  to  the  ratio  of  total  pressure  to  the  local  static  and  the  thrust  must 
be  determined  at  the  exit  plane.  This  thrust  determination  must  include  an  application 
of  tha  ideal  choked  flow  pressure  (or  the  local  stscic  if  not  choksd)  applied  to  the 
geometric  nozzle  exit  area  in  order  to  maintain  a  fixed  thruat/drag  boundary.  The 
thruat  therefore  depends  upon  tha  velocity  and  discharge  coefficients  CV  end  CD.  We 
take  the  liberty  of  aaauming  that  the  average  exit  atatic  preaaure  it  equivalent  to  the 
average  atatic  pressures  measured  during  nozzle  model  a--*  '.11  scale  calibration*. 


I  believe  it  it  necaaaary  to  use  a  constant  thrust-drag  geometric  boundary  to  correctly  aeparate  the 
inatallation  effect  on  drag  and  engine  performance. 

When  the  thruat  it  determined  uaing  the  total  pretaure  to  ambient  atatic  preaaure  ratio  and  the 
inatallation  cauaaa  a  change  in  nozxle  exit  preaaure,  thia  it  not  achieved  and  changea  in  thruat  which 
will  require  more  fuel  are  being  aaaeaaed  as  interference  drag  and  may  lead  to  falae  compariaon  of 
conf  igurationa. 

Response  by  Mr.  Carter 

We  would  not  conaider  it  to  be  neceaaary  or  deairable  to  uae  a  conatant  thruat-drag  geometric  boundary 
for  accounting  purpoaea.  For  complex,  by-paaa  turbo-fan  inatal.lationa  the  rediatribution  of  tha 
potential  thruat  batwaen  nozzle(s)  exit  and  the  infinite  fully  expanded  dovnatream  condition  ia  the 
major  concern.  An  underatanding  of  thia  rediatribution  or  in  fact  the  thruat  changea  at  the  nozzle(s) 
exit,  whilat  being  ideally  deairable,  ia  not  eaaential  nor  practicable,  unleea  eaaential  experimental 
atepa  in  the  bookkeeping  are  misaing. 

In  the  work  quoted  by  Mr.  Edwardea,  the  exiatence  of  a  difference  between  various  ground  rig  atatic 
calibration  on  'referee1,  'acceptance*  and  'flight'  builda,  and  the  flight  inatallation  valuea  bf  N1 , 
N2  and  ITT  ahould  not  be  unexpected.  If,  however,  the  queation  ia  'how  do  we  determine  tha 
inatallation  increment',  then  our  answer  would  be  'via  the  appropriate  bookkeeping  atepa*.  All 
aatabliahmanta  have  their  own  variants  on  tha  basic  bookkeeping  theme,  but  tha  following  atepa  are 
neceaaary: 

A  Inlet 

laolated  internal  performance  (recovery,  distortion) 

Isolated  external  performance  (datum  drag,  spill  drag) 

Installed  external  performance  (drag) 

B  Exhauat 

Isolated  T-D  (for  static  and  M  external  flows  over  engine  schedule  to  obtain  (T-D)  coefficients  and 
discharge  coefficients. 

C  Engine  ATF 

Connected  engine  test  at  altitude  conditions  (thrust  coefficients  &  discharge  across  the  engine 
schedule) . 

D  Inatallation 

Turbine  powered,  blown,  or  ejector  simulation  (drag  corrected  for  simulator  ATF  thruat) 

Parallal  ATF  teat  ot  simulator  (simulator  ATF  T/inacruraentation  cal) 

Reference  through-flow  eimulator  (datura  link  if  neceaaary) 

Isolated  nacelle  simulator  (inatallation  increment  if  necessary). 

Then  in  the  final  bookkeeping: 

A  gives  engine  fact  input  data,  spillage  drag  to  correct  model  inlet  flows  to  real  engine  flows,  and 
the  effects  of  tha  inlet  installation  on  these  items.  C  gives  the  engine  brochure  performance  at 
correct  FNPR,  correct  internal  R  No,  and  aero  external  etream.  B  corrects  C  for  uniform  external 
stream  affects  mainly  via  core  etream  mass  auppraaaion.  0  gives  the  interference  drag  increment  due 
to  noztle  flow  relative  to  the  performance  that  would  be  aaaeaaed  via  A,  B  &  C.  At  this  point  there 
can  be  discussion  whether  a  through-flow  nacelle  datum  ahould  be  uaad,  or  whether  an  inatallation 
increment  which  includes  interference  ahould  be  used. 

hut,  fundamentally  via  these  experimental  routes,  the  effect  of  nozzle  flows  on  the  environment  and 
the  environment  on  nozzle  flows  are  contained  in  tha  total  drag  bookkeeping  without  recourse  to 
arbitrary  diviaion  boundaries. 

MESSRS  ENCELEN,  MUNNIKSMA,  &  ELSKNAAR 

As  could  be  deduced  from  the  final  comment  of  Mr.  Edwardea  note,  his  queation  concerns  the  split-up  of 
penalties  due  to  engina/airframe  integration  in  thruat  and  drag  terms.  To  atiaver  the  queation,  how  thia 
proposal  compares  to  our  thrust  minus  drag  evaluation,  knowledge  in  detail  ia  needed  of  the  engine  refetence 
stations,  the  precise  definition  of  drag  and  thruat  of  base  line  airframe  and  engine  configurations  to  be 
used  in  an  accounting  procedure.  In  principal  we  agree,  that  steps  as  described  in  paragraph  3  of  his  note 
will  be  needed  in  a  thrust  minus  drag  bookkeeping.  His  main  point  that  engine  performances  are  influenced 
by  the  local  atatic  preasura  around  the  engine  nozzles  ia  correct  as  long  as  the  nozzle  flovs  are 
non-choked.  Thia  effect  ia  part  of  the  interference,  and  therefore,  may  not  be  excluded  from  a  thrust  minus 
drag  optimal iaation  process.  It  can  be  understood  that  from  an  aircraft  manufacturer  standpoint,  it  ia 
important  to  split  up  responsibilities  with  respect  to  performance  prediction  along  some  conatant 
thruat-drag  geometric  boundary.  But,  as  shown  in  cur  paper,  induced  forces  on  airframe  and  engine  due  to 
integration  cancel  to  a  large  part.  To  bur  view,  a  split-up  of  penalties  along  a  boundary  as  mentioned  is 
of  questionable  value  for  optimizing  thruat  minus  drag. 


Tima  i*  running  on,  and  I  think  that  thia  ia  the  lait  issue  that  we  are  going  to  be  able  to  address.  X « 
there  anyone  from  the  floor  who  wiahet  to  make  a  comment? 

MR.  HARRIS 

I  would  like  to  clarify  the  points  that  Mr.  Tipper  has  raised.  I  didn't  intend  to  exprt .  j  the  view  that  it 
is  an  intractable  problem.  The  view  we  express  is  that  if  we  are  looking  for  installed  in  drag,  the 
accounting  can  be  quite  simple.  We  look  for  the  mass  flow  and  the  total  press  .ro  and  we  look  at  free  stream 

infinity.  If  y-'»u  are  looking  for  diagnostic  information  about  discharge  coeffici'nts  perhaps,  or  why  your 

drags  change  ii.  the  way  they  do,  then  you  will  have  to  look  at  more  pressures.  But,  in  our  presentation  we 
clearly  paralleled  the  full-scale  aircraft  in  the  way  that  the  bookkeeping  was  done.  We  particularly  looked 
at  the  results  from  the  parallel  system  of  accounting  and  so  we  don't  offer  the  euggostion  it  is  intractable 
at  all.  In  <a|>ly  to  Mr.  Tartar's  point  on  the  use  of  TPS  units,  I  would  like  to  refer  again  to  Paper  25 

which  showed  a  vary  good  comparison  between  the  model  and  the  full-scale  result.  We,  on  the  slender 

evidence  of  one  comparison,  would  say  that  we  are  finding  the  right  results.  Vn  have  also  recently 
unearthed  one  or  two  other  results  which  parallel  the  flight  results.  We  hi  a  not  in  a  position  to  publish 
them  today.  That  is  where  we  stand. 

DR,  GREEN 

I  will  giva  Mr.  Carter  the  opportunity  to  give  me  a  direct  answer  to  a  direct  question.  On  the  matter  of 
definitions,  do  you  believe  our  position  is  satisfactory  or  unsatisfactory? 

MR.  CARTER 


In  the  direct  answer,  yes,  I  think  it  is  satisfactory. 
DR.  GREEN 


On  that  joyous  note,  I  should  like  to  bring  this  session  to  a  close.  On  behalf  of  the  Programme  Consnittee 
and  my  co-chairman  on  the  Committee,  Dr.  Dunham,  from  PEP,  I  would  like  to  thank  all  the  authors  who  have 
contributed  to  this  tiiaating,  and  also  all  those  who  have  contributed  to  this  afternoon's  Round  Table 
Discussion.  1  believe  cvew.ll  it  has  been  a  very  constructive  and  informative  symposium.  And  now,  Dr. 
Orlik-Ruckamann,  Chairman  of  the  Fluid  Dynamics  Panel,  will  make  some  concluding  remarks. 

DR.  OKLIK-RUCKEMANN 


It  seems  like  a  long  time  ago,  but  some  of  you  may  recall  that  in  my  opening  remarks  Monday  morning,  I 
suggested  that  we  dedicate  this  meeting  to  the  memory  of  Dr.  von  Kerman.  I  think  that  if  von  Kerman  were 
here  this  week,  he  would  have  been  pleased  with  this  symposium.  Firstly,  it  contained  a  number  of  excellent 
technical  presentations  and  soma  very  good  discussions,  including  the  one  just  concluded.  Furthermore,  by 
virtue  of  being  the  result  of  a  joint  effort  between  two  AQARD  panels,  it  confirmed  one  of  von  Kerman's 
basic  tenets,  namely,  that  the  division  of  AOARD  activities  into  a  number  of  well-defined  fields  does  not 
have  to  preclude  a  joint  effort  in  areas  where  these  fields  touch  or  even  overlap.  Finally,  this  symposium 
demonstrated  once  again  the  basic  soundness  and  usefulness  of  the  overall  mission  of  ACARD,  providing  the 
opportunities  for  furthering  and  developing  the  international  cooperation  and  at  the  same  time  for  retaining 
and  strengthening  the  individual  contacts  and  friendships.  I  think  that  von  Karman  would  have  approved  of 
this  meeting. 

Of  course,  all  these  nice  things  do  not  happen  by  themselves.  There  is  a  lot  of  effort  from  a  lot  of  people 
behind  it  all.  It  is  now  my  privilege  and  my  very  pleasant  duty  to  recognise  some  of  these  people. 

Firstly,  we  have  Dr.  Green  of  FDP  and  Dr.  Dunham  of  PEP  and  their  Programme  Committee.  We  owe  them  our 
thanks  for  putting  together  such  an  excellent  programme  and  for  conducting  this  symposium  so  efficiently. 

We  have  Mr.  Thoulouse,  the  local  coordinator)  Mr.  Bob  Rollins,  the  Panel  Executive)  and  Mile  Anne-Marie 
Rivault,  who  made  the  necessary  practical  arrangements,  ensuring  that  all  the  administrative  and  logistic 
elements  were  functioning  smoothly  and  on  time.  In  this  they  were  expertly  assisted  by  Mme  Denise  Michaux 
and  Mr.  Patrick  Sandman,  and  also  the  two  young  ladies  who  are  here.  Finally,  we  had  the  translation.  As 
you  all  know,  interpreting  and  trying  to  keep  up  with  the  enthusiastic  speakers  and  discussors  is  cirtainly 
not  an  easy  task.  On  this  occasion  we  ware  very  fortunate  to  have  with  us  Mile  Malot,  Madame  Radioaon  and 
Madame  Vioche,  who  tirelessly  and  efficiently  performed  this  difficult  job. 

Finally,  a  few  words  about  some  of  the  future  activities  being  prepared  by  the  Fluid  Dynamics  Panel.  It  ma / 
be  convenient  for  you  to  know  our  plans  in  advance  so  that  you  can  start  thinking  at  an  early  date  about 
your  participation  or  maybe  pass  this  information  on  to  a  friend  or  a  colleague.  Our  next  symposium  will  be 
on  'Fluid  Dynamics  of  Jets  with  Applications  to  V/STOI.",  and  will  be  held  in  Lisbon,  Portugal  on  the  2-5 

November  of  this  year.  Next  spring,  we  will  have  two  specialist  meetings  in  London,  probably  in  the  week  of 

the  17th  of  May.  The  topics  of  these  two  meetings  are  "Prediction  of  Aerodynamic  Loads  on  Rotorcraft"  and 
1  Interference  in  Wind  Tunnels".  In  the  fall  of  1982  there  will  be  a  symposium  on  "Aerodynamics  of 
Missiles",  i>.  .ill  be  held  in  Norway,  probably  on  the  22  -  23  of  September.  We  ere  also  preparing  a 
special  course  on  "Modern  Data  Analysis  Techniques  in  Noise  and  Vibration  Problems"  to  be  given  at  VK1  in 
Belgium  in  December  of  this  year,  and  a  lecture  series  on  "High  Angl a-of-Attack  Aerodynamics"  to  be 

presented  in  Belgium,  Germany  and  the  USA  in  March  of  1982.  We  .ope  to  see  you  again  at  oome  of  these 

activities.  With  this,  1  declare  this  meeting  adjourned. 


COMBAT  AIRCRAFT  INTAKES 


STATE  OF  THE  ART 

•  WIND  TUNNEL  BASED 

•  FLIGHT  TEST  VERIFIED 
-  PROBLEM  SOLVING 

•  INSTANTANEOUS  DISTORTION 
APPROACH 

•  EMPHASIS  ON  M  *  2 

•  THEORETICAL  ANALYSIS 
EMERGING 


SUPERSONIC  CONFIGURATION  EXAMPLES 

•  SIDE  MOUNTED 

-  FI 5,  MIRAGE,  TORNADO 

•  FUSELAGE  SHIELDED 

-  F16 

•  WING  SHIELDED 

-  FIS 


•  GOOD  PROGRESS  IN  1970s 
REF.  AGARD  ~  ROME  1974 

•  OPPORTUNITIES  IN  80s  and  90s 


Figure  1 


COMBAT  AIRCRAFT  INTAKES 


1990's  COMBAT  AIRCRAFT 


-  POTENTIAL  INTAKE  DESIGN  DRIVERS 

•  MORE  SUSTAINED  SUPERSONIC 

•  AGILITY/MANOEUVRABILITY 
-  FULL  FLIGHT  ENVELOPE 

•  STOL  COMPATIBILITY 

•  WEAPONS  INTEGRATION 

•  REDUCED  DETECTABILITY 


Figure  2 


COMBAT  AIRCRAFT  INTAKES 


NEEDS  AND  OPPORTUNITIES 

•  COMPUTER/THEORETICAL  BASED  DESIGNS 

•  EXTENSIONS  TO  HIGHER  SUPERSONIC  CRUISE 
AND  MANOEUVRE 

•  WIDE  RANGE  OF  COMBAT  AGILITY/MANOEUViv?! 

•  INTEGRATION  WI  H  ADVANCED  WEAPONS 

•  UNIQUE  CONFIGUR  AT..  JNS 

-  REDUCED  DETECTABILITY 

-  STOL  &  V/STOL 

-  MANOEUVRE  FREEDOM 


Figure  3 
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NOZZLES  FOR  MILITARY  AIRCRAFT 
Future  Development 

-  2D-Nozzles  are  in  principle  a  good  starting  point  for  multi-purpose  design  with 

-  fully  variable  nozzle  contour 

-  thrust  vectoring  (vertical) 

-  thrust  reverse 

-  Thrust  vectoring  vertical  and  horizontal  attractive  with  view  to 
super-manoeuvrability 

-*  only  axisymmetric  nozzles  feasible 

-  Aircraft  weight  and  life-cycle  cost,  cinsitive  to  weight  and  complexity  of 
sophisticated  nozzle  concepts 
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AFTERBODIES  OP  MILITARY  AIRCRAFT 
Future  Views 

More  stringent  requirements  on  aircraft  performance  and  effectiveness  expected 

-  careful  design  of  afterbodies  with  minimum  drag  mandatory 

-  more  emphasis  on  sustained  supersonic  performance 

improvement  of  flow  prediction  methods  important  (see  Figure  6) 

Advanced  multi-purpose  nozzle  concepts  (axisymmetric  or  2-D) 

(Conv./dlv.,  thrust  vectoring  and  reverse) 

will  cause  extra  problems  with  afterbody  aerodynamics  md  design  as  well  as 
with  engine  design  and  installation 

Figure  7 


MILITARY 

Present  state  of  tire  art 

•  In  general  the  scene  is  quite  promising  but  to  a  large  extent  is  still  based  on  the  piecemeal  approach. 

Techniques  for:  •  inlet  internal  performance,  engine  face  static  and  dynamic  distortion  are  well 
established 

•  inlet  spill  drag  by  force  measurements  on  partial  models  are  satisfactory. 

•  afterbody  performance  measurements  in  the  presence  of  cold  or  ho.  s  are  not 
readily  available  particularly  for  fully  representative  military  afterbody  shapes  at 
incidence. 

•  through-flow  complete  model  measurements  corrected  for  internal  forces  are 
satisfactory  but  calibration  of  internal  force  is  often  time  consuming,  expensive 
and  inaccurate. 

•  complete  models  with  inlet  and  exhaust  simultaneously  represented  by  ejectors 
or  TPS  arc  beginning  to  be  established. 

Current  limitations 

•  Accurate  definition  of  internal  forces. 

•  Afterbody  performance  measurements,  with  or  without  live  jet  suffer  inaccuracy  and  support 
interference. 

•  Simultaneous  representation  of  inlet  and  exhaust  flows  is  difficult,  particularly  for  multi  nozzles  -  is 
it  necessary? 

Future  developments  needed 

•  Foremost  need  is  for  a  military  simulator  providing  nozzle  pressure  ratio  and  inlet  flow.  Will  these 
accept  typical  E.F.  distortions  at  high  a? 

•  Even  more  need  for  a  short  simulator  for  VTOL  Pegasus  type  installations  with  short  inlet/exhaust 
spacing. 

•  Afterbody  performance  techniques  need  development,  also  associated  support  systems  for  minimum 
inteiference. 

•  Study  needed  of  inlet/exhaust  mutual  interference  to  demonstrate  the  need  or  otherwise  of 
simultaneous  representation. 

Figure  8 


Present  state  of  the  art 

•  In  general  the  position  is  good.  There  has  been  n  wide  acceptance  of  the  need  for  high  accuracy  and 
correct  simultaneous  simulation  cf  both  inlet  and  exhaust  flows.  Relatively,  the  state  of  the  arts  for 
the  civil  field  is  probably  more  advanced  than  the  military,  but  the  range  of  the  problem  is  less. 

Techniques  for:  •  inlet  internal  performance  aie  well  established,  spill  drag  measurements  are 
adequate  by  pressure  and  force  methods. 

•  single  and  twin  stream  exhaust  performance  measurements  are  readily  available  on 
static  rigs  and  external  flow  rigs.  Hot  core  flows  are  also  provided. 

•  for  complete  and  half  models  simultaneous  inlet  and  ei.haust  flows  with  TPS  are 
established,  as  are  direct  twin  stream  exhaust  blow  methods.  Use  of  ejection  is 
still  developing. 

This  work  is  essentially  confined  to  la.?"  wind  tunnels,  current  TPS  sizes  are 
dictating  model  scales. 

•  calibration  of  simulators  is  developing  and  is  probably  defining  the  present 
accuracy  limits. 

Current  limitations 

•  The  model  performance  techniques  being  developed  for  both  half  and  full  models  are  very  expensive 
and  somewhat  inflexible. 

i  There  is  not  adequate  digested  information  at  present  to  demonstrate  the  consistency  and 
repeatability  of  simulators. 

•  Present  performance  measurements  on  inlets  are  invariably  isolated. 

Representation  of  the  curved  environment  flow  due  to  wing  is  rarely  simulated. 

•  Present  performance  measurements  on  exhaust  nozzles  are  usually  isolated  by  should  be  made  in  the 
presence  of  the  wing,  this  is  possible  for  discharge  coefficients  but  very  difficult  for  thrust  (and 
probably  meaningless). 

Future  developments  needed 

•  Consolidation  of  current  techniques 

•  examination  of  data  from  simple  through-flow  representations  in  comparison  with  exhaust 
simulators  to  optimise  through-flow  builds. 

•  Validation  of  the  half  model  v  full  model  techniques  and  possible  tunnel  interference  with  exhaust 
flows. 

•  Development  of  model  support  systems  for  3  engine  and  rear  engine  configurations. 

Forward  blade  support  interference  development. 

•  There  is  virtually  no  ini':,  .'.nation  on  Reynolds  number  effects  on  installation  performance. 

•  In  pursuit  of  the  previous  consideration  must  be  given  to  engine  representation  in  cryogenic  facilities. 
No  TPS  here,  ejector  or  blown  may  have  advantages  of  representation  of  correct  temperature  ratios. 

•  Propellers,  before  they  become  reality,  the  main  principles  of  mutual  propcller/wing  interference 
should  be  considered,  as  must  be  the  book-keeping. 

Figure  9 


INSTALLATION  AERODYNAMICS  OF 
TRANSPORT  AIRCRAFT 

•  WHAT  IS  THE  BEST  TRANSPORT  AIRCRAFT 
CONFIGURATION? 


Figure  10 


"HOW  TO  MINIMISE  INSTALLATION  DRAG 

ACjj  =  integrated  (wing  +  nacelle)  —  [ideal  wing  +  ideal  nacelle] 

•  ITieoretical  calculations  of  given  configurations  -  design/of'f  design 

•  Wind  tunnel  tests 

•  Existing  (AGARD)  results,  as  a  preliminary  guide 

Figure  1 1 


THEORETICAL  CALCULATIONS 

•  Transonic  potential  flow  calculation,  applied: 

to  the  complete  aircraft 

to  a  detailed  part  of  the  engine  installation 

-  improvements  in  the  resolution  of  the  equation 

-  coupled  with  the  twin  nozzle  flow  calculation 

-  coupled  with  the  viscous  effects 

•  Viscous  flow  calculation 

-  3-D  laminar  sep.  bubble  and  transition  - 

3-D  shock  -  B.L.  interaction  -  separate  zones  - 
shear  layers  . . . 

EXPERIMENTAL  RESULTS 

•  Isolated  nacelle 

Inlet  and  exhaust  design 

Global  performances  and  detailed  flow 

•  Installation  effects 

Optimisation  of  overall  configurations 
Localised  improvements 

Figure  12 
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14.  Abstract 

Powerplant  installations  involve  complex  flows,  strongly  influenced  by  viscous  effects  and 
often  with  important  aerodynamic  interactions  between  the  airframe  and  propulsion  system. 
The  introduction  of  new  vehicle  propulsion  concepts,  and  new  points  of  emphasis  in  aircraft 
and  missile  design  requirements,  provide  an  expanding  range  of  aerodynamic  problems 
which  call  for  both  experimental  and  theoretical  study.  It  was  the  purpose  of  the 
symposium  to  survey  the  current  and  foreseeable  aerodynamic  problems  in  powerplant 
installation  and  to  review  recent  work  which  has  improved  basic  understanding  or  has 
enhanced  prediction  and  design  methods  in  this  field. 

The  symposium  focused  on  combat  and  transport  aircraft,  with  five  sessions 

I  -  Combat  Aircraft  Intakes 

II  -  Afterbodies  and  Nozzles 

III  -  Testing  and  Analysis  Techniques 

IV  -  Installation  Aerodynamics  of  Transport  Aircraft 

V  -  Round  Table  Discussion 

This  symposium  was  planned  by  the  AGARD  Fluid  Dynamics  Panel  with  the  support 
of  the  Propulsion  and  Energetics  Panel  which  held  a  simultaneous  meeting  on  “Helicopter 
Propulsion  Systems”  at  the  same  meeting  site. 

Papers  presented  and  discussions  held  at  the  Fluid  Dynamics  Panel  Symposium  held  at  the 
Ecole  Nationale  Supdrieure  de  l’Adronautique  et  de  1’Espace,  Complexe  Adrospatial  de 
Lespinet,  Toulouse,  France,  11-14  May  1981. 
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